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PREFACE 


In  .'972  an  AGARD-VK1  Lecture  Series  was  held  on  “Aircraft  Performance  Prediction 
Methods  and  Optimization”  (AGARD  LS-56),  which  concentrated  mainly  on  the  prediction 
of  aircraft  range/ radius,  airfield  and  manoeuvre  performance;  aero-dynamic  aspects  were 
reviewed  only  briefly  in  the  time  then  available.  The  Fluid  Dynamics  Panel  of  AGARD 
therefore  recommended  a  complementary  Lecture  Series  on  “Prediction  Methods  for 
Aircraft  Aerodynamic  Characteristics".  This  LS-67  has  again  been  co-sponsored  by  the 
Fluid  Dynamics  Panel  and  the  von  Karman  Institute  for  Fluid  Dynamics,  and  implemented 
by  the  Consultant  and  Exchange  Programme  of  AGARD  together  with  VKI.  Professor  John 
Sandford,  the  VKI  Coordinator,  warrants  special  mention  for  his  technical  assistance  and 
local  organisation  of  the  Short  Course,  held  at  the  VKi  from  13  to  17  May,  1974. 

The  aim  here  is  to  provide  primarily  an  up-to-date  account  and  authoritative  appraisal 
of  methods  of  prediction  of  aerodynamic  characteristics  for  both  combet  and  transport 
aircraft  (excluding  rotorcraft),  over  conditions  ranging  from  low  speeds  (CTOL,  RTOL, 
STOL)  through  subsonic/transonic  to  supersonic  speeds  (climb,  cruise,  manoeuvre,  descent). 
Aircraft  lift  and  drag  estimation  methods  are  analysed  along  with  related  aerodynamic 
optimisation  techniques,  taking  into  account  practical  methods  for  wing/  body  aerodynamic 
design  and  boundary-layer  flow  treatments.  The  prediction  and  implications  of  special 
aerodynamic  characteristics  associated  with  engine  installation  and  external  store  effects  are 
examined,  relevant  stability/control  needs  are  reviewed,  and  some  aircraft  noise  restraints  on 
aerodynamic  design  are  noted. 

The  nine  main  lecturers  in  particular  deserve  much  appreciation  for  their  extensive 
efforts  and  cooperation,  in  providing  such  valuable  studies  and  preparir-j  such  comprehen¬ 
sive  lecture  notes  for  advance  publication.  Finally,  our  acknowledgements  are  due  to  the 
official  and  private  organisations  through  whose  help  and  courtesy  it  was  possible  to  offer 
appropriate  technical  experts  as  lecturers. 


John  Williams 
Lecture  Series  Director 


December  1973 
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JOHN  VILLIAKS 
(Lecture  Series  Director) 


1  OBIGIH  MB?  PURPOSE  OF  LECTURE  SERIES  67 

In  April  1972,  I  had  the  privilege  and  pleasure  of  being  Technical  Director  of  the  AGARD-VII  Lecture 
Series  entitled 

"Aircraft  Performance  -  Prediction  Methods  and  Optimisation"! 

Also  subsequently  of  editing  the  lecture  notes  provided  by  the  authors  together  with  some  additional 
'seminar'  contributions,  for  publication  as  AGAED  LS-56  (March  1973). 

The  formulation  and  assessment  of  methods  for  the  prediction  and  optimisation  of  the  mission  flight 
capabilities  for  both  combat  and  transport  aircraft,  assuming  known  aircraft  characteristics,  were 
presented  in  the  first  three  papers  of  LS-56 ;- 

(1)  Range  and  Radius-of-Action  Performance.  (R  t  Page,  MOD(re)/Ul) 

(2)  Airfield  Performance  (J  Williams,  EA£/u l) 

(3)  Plight  Manoeuvre  and  Climb  Performance  (H  Friedel,  Dornier/Germany). 

Belated  engine  performance  aspects  and  aircraft  design  synthesis  considerations  were  then  covered  by  two 
complementary  papers i- 

(4)  Engine  Selection  (J  F  Dugan,  HAS^USA) 

(5)  Parametric  and  Optimisation  Techniques  (E  E  Wallace,  Boeings/USA) 

However,  as  regards  methods  for  the  estimation  of  airframe  aerodynamic  characteristics,  the  time  then 
available  permitted  only  brief  mention  of  some  of  the  problem  areas  in  the  above  five  papers,  supplemented 
by  a  review  of  some  fundamental  aspects  in  a  special  paper : - 

(6)  Aerodynamic  Coefficients  (C  Li evens,  STAe/France) 

Consequently,  AGARD-VII  agreed  to  arrange  the  present  Lecture  Series  67  (May  1974),  devoted  to  methods 
for  the  prediction  and  optimisation  of  aerodynamic  characteristics  for  the  estimatior  and  evaluation  of 
the  flight  performance  of  combat  and  transport  aircraft.  The  treatments  given  are  primarily  illustrated 
in  terms  of  the  following  applicationsi- 

Combat  and  Transport  aircraft  types  with  turbo-jet  or  turbo-fan  engines; 

CTOL,  RTOL  ard  STOL  modes  of  airfield  operation; 

Transit  Operational  Conditions  relating  to  climb,  cruise,  manoeuvre,  loiter  and  descent  relevant 
to  typical  combat  or  transport  missions; 

Airspeeds  ranging  from  low  to  high  subsonic  and  through  transonic  to  supersonic,  as  appropriate. 

Naturally,  much  of  the  technical  background  is  also  of  considerable  interest  for  aircraft  outside  the 
foregoing  spectrum,  either  with  other  modes  of  propulsion  (eg  propellers/rotors,  rocket),  or  with  other 
modes  of  operation  (eg  VTOL,  Hypersonic  cruise),  though  any  airframe  characteristics  particular  to  such 
modes  are  not  dealt  with  specifically  here. 

The  major  targets  of  the  present  lecture  series  might  reasonably  be  summarised  as  follows,  with  specie 
reference  of  course  to  aircraft  aerodynamic  characteristics. 

(i)  To  critically  review  available  pr  edict  ioiy' optimisation  methods  and  associated  aerodynamic  data, 
particularly  with  a  view  to  clarifying  recent  aerodynamic  advances. 

(ii)  To  formulate  more  comprehensive  frameworks  for  the  analysis  and  synthesis  of  aerodynamic  data, 
so  that  the  latter  can  be  more  reudily  apgreciated  and  more  readily  applied  for  aircraft  design 
purposes. 

(iii)  To  assess  the  major  deficiencies  in  the  state  of  knowledge  on  aerodynamic  characteristics,  and 
to  suggest  appropriate  aerodynamic  research  and  development  studies  bearing  in  mind  possible  future 
aircraft  requirements. 

(iv)  To  indicate  the  cost  profitable  steps  towards  complementary  systematic  utilisation  of  and 
further  improvement  of  theoretical  treatments,  ground-based  testing  facilities  and  flight-testing 
techniques  for  the  reliable  prediction  of  aircraft  aerodynamic  characteristics. 

Obviously,  it  would  be  unrealistic  for  us  to  claim  that  any  of  these  goals  could  be  achieved  to  our 
satisfaction  by  this  lecture  series  alone.  However,  I  hope  that  these  published  papers,  together  with  the 
supplementary  contributions  and  seminar  discussions,  will  provide  a  reasonably  comprehensive  basis, 
stimulate  further  evaluation  of  many  of  the  issues  raised,  and  encourage  useful  exchanges  of  relevant 
information  and  ideas. 
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2  OVERALL  TECHNICAL  SOWSTRAINTS  Oil  PREDICTION 

Apert  from  the  problems  arising  due  to  limitations  of  aerodynamic  knowledge,  as  will  be  discussed  in 
later  papers,  the  aircraft  engineer  is  continually  faced  with  enormous  difficulties  in  predicting  and 
guaranteeing  the  aerodynamic  characteristics  of  new  projects  to  the  definition  levels  and  time-scales 
demanded,  and  of  course  in  specifying  optinum  aircraft  configurations.  His  problems  ate  usually  aggra¬ 
vated  by  a  variety  of  complementary  factors  over  which  he  may  not  have  direct  control.  For  example:- 

(i)  Estimates  of  performance,  for  conventional  configurations  at  least,  are  usually  expected  to  be 
gi”en  to  much  higher  levels  of  accuracy  and  confidence  than  previously,  to  reduce  any  shortfall  in 
ultimate  aircraft  performance  and  minimise  development  costs. 

(ii)  Improvements  in  aircraft  performance  or  mission  effectiveness  are  invariably  required,  often 
with  reduced  or  only  small  increase  in  operational  costs,  to  ensure  aircraft  competitiveness  on 
entry  into  service  and  throughout  subsequent  developments. 

(iii)  There  is  often  a  tendency  towards  introducing  a  wider  range  of  speed/ altitude  requirements 
for  greater  mission  effectiveness  or  flexibility1,  thus  the  aircraft  design  cannot  be  biased  so 
heavily  towards  one  or  two  predominant  aerodynamic  conditions,  or  estimations  for  off-design 
conditions  allowing  extensive  flow  separations  or/and  severe  shocks  become  important. 

(iv)  From  time-to-time,  new  engine/ air frame  concepts  har»  to  be  explored  and  optimised,  simul¬ 
taneously  taking  into  account  possible  new  operational  capabilities  and  novel  aircraft  control 
techniques.  Here,  the  possible  significant  errors  in  accuracy  of  prediction  need  to  be  well 
appreciated,  particularly  for  comparative  assessments  with  competitive  conventional  designs. 

(v)  Legislation  becomes  steadily  more  severe  and  complex  towards  ensuring  greater  environmental 
improvements  (safety,  noise,  etc)  which  can  apply  extra  constraints  or  imply  extra  guarantees.  ' 

(vi)  The  interplay  between  an  increasingly  large  number  of  design  parameters  and  diverse  performance 
requirements  necessitates  careful  and  wide-ranging  aerodynamic  studies,  not  only  with  a  view  to 
optimisation  for  operational  cost  effectiveness,  but  also  in  order  to  assess  sensitivities  to 
possible  later  deviations  in  practice  from  the  original  technical  assumptions  and  the  mission 
specification. 

(vii)  Production  demands  for  simplified  aircraft  component  shapes  usually  lead  to  complex  airflow 
conditions  at  some  part  of  the  mission.  Also  the  provision  of  acceptable  airflow  conditions  over 
the  mission  usually  requires  complex  tailoring  of  the  aircraft  configurations  or  sometimes  more 
complex  variable  geometry,  eg  variable  sweep  as  well  as  leading-edge  and  trailing-edge  devices. 

(viii)  It  is  invariably  assumed  that  engine  development  or  a  new  generation  of  engines  can  be  relied 
on  to  provide  significant  improvements  in  aircraft  performance.  But  these  have  to  be  ensured  when 
the  engine  is  integrated  in  the  airframe  -  without  unacceptable  conflicting  penalties  on  either  the 
engine  or  airframe  performance  characteristics.  In  some  cases  variable  geometry  of  the  engine  exits 
md/ or  intakes  will  be  essential. 

This  list  does  not  represent  more  than  a  few  of  the  general  constraints  and  needs  of  project  studies,  but 
it  is  important  that  their  existence  and  nature  should  be  appreciated  by  the  research  vorker  desiring 
practical  application  of  his  results,  not  merely  by  those  directly  engaged  on  specific  project  estimates. 


3  PROJECT  STAGES  AND  PREDICTION  METHODS 

The  aerodynamic  prediction  and  design  capabilities  which  car.  be  exploited  for  aircraft  project  work  will 
vary  widely,  according  to  the  evolutionary  or  revolutionary  nature  of  the  particular  aircraft  project. 

For  example,  there  will  obviously  be  great  differences  in  R  It  D  time-scales  and  efforts  required  to 
produce  reliable  estimates  for  aircraft  vithi- 

an  unconventional  layout  based  on  relatively  new  concepts  and  relying  on  substantial  applications  of 
new  advanced  technology,  so  as  to  ensure  an  outstanding  step  forward  in  operational  capability; 

as  compared  with 

a  more  conventional  layout  and  the  employment  of  well-tried  component  design  techniques,  towards 
producing  more  quickly  a  more  straightforward  replacement  aircraft  with  worthwhile  but  smaller 
advantages;  or  perhaps  making  use  of  advances  in  design  technology  only  when  improvements  in 
overall  economics  rather  than  flight  performance  could  be  guaranteed. 

Practical  methods  for  the  prediction  of  aerodynamic  characteristics  often  need  to  utilise  simple  analytical 
frameworks  bated  on  good  aerodynamic  understanding.  These  frameworks  lead  to  formulae  incorporating 
logical  empirical  factors,  whose  values  are  derived  by  correlation  of  available  experimental  data  from 
model  and  full-scale  tests,  and  by  interpretation  of  comprehensive  theoretical  treatments  and  computations 
for  more  idealised  or  special  cases.  Early  on  in  the  project  studies,  ab-initio  predictions  without 
special  confirmatory  experiments  may  have  to  be  attempted.  However,  some  experimental  data  (force 
measurement s  and  corresponding  flow  conditions)  should  be  made  available  as  soon  as  possible  on  models 
partly  representative  of  the  configuration  for  vhi  h  predictions  have  to  be  made.  Then,  the  analytical 
framework  and  the  associated  formulae  can  be  adjusted  to  fit  the  experimental  results,  taking  into  account 
differences  between  model  and  full-scale,  in  test  configurations  and  in  possible  flow  conditions.  The 
importance  of  assessing  possible  aerodynamic  prediction  errors  throughout,  and  of  appreciating  the 
possible  sensitivity  of  aircraft  performance  estimates  to  these,  cannot  be  overemphasised.  Such,  aspects 
will  be  raised  as  appropriate  in  the  subsequent  papers. 
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The  levels  of  sophistication  and  reliability  of  the  prediction  methodology  needed  will  vary  significantly 
also  according  to  tbe  stages  reached  in  the  development  of  the  particular  aircraft  project  and  in  the 
as-oci ated  military  or  civil  requirements.  For  preciseness,  I  shall  refer  here  only  to  a  few  technical 
design  stages  and  conveniently  related  milestones;  the  choice  end  nomenclature  should  be  regarded  simply 
as  a  personal  preference  for  the  present  discussion. 

First,  a  Feasibilit^_3ta£e  or  exploratory  design  study  period  can  follow  directly  as  a  response  to  an 
outline  operational  requirement  and  market  appraisal,  all  of  which  should  be  accompanied  or  even  preceded 
by  an  assessment  of  the  status  of  relevant  technology.  Quick  approximate  estimates, for  a  range  of  sketch- 
designs  of  the  aircraft  and  often  for  wide-ranging  parametric  studiesfare  primarily  needed  during  the 
feasibility  stage.  Sometimes,  generalised  aerodynamic  data  from  somewhat  similar  configurations  may  be 
available,  or  some  crude  models  may  be  tested  quickly.  Nevertheless,  even  at  this  stage,  as  later, 
progress  towards  a  systematic  and  consistent  approach  for  prediction  should  be  attempted,  which  could  be 
incorporated  early  on  into  computer  programs  for  aircraft  design  and  optimisation.  Also  feasible 
aerodynamic  targets  and  realistic  contingency  limits  will  need  to  be  declared,  for  a  variety  of  alterna¬ 
tive  designs,  including  comparisons  of  possible  developments  of  existing  aircraft  as  well  as  completely 
new  types. 

The  results  of  such  feasibility  studies  need  to  include  not  only  comparison  of  technical  solutions  to 
molt  the  outline  operational  requirement  and  some  variations,  but  also  indications  of  relative  time- 
scales  and  costs.  Thereby,  the  relative  cost-effectiveness  of  alternative  proposals  can  be  assessed,  to 
allow  a  full  and  relatively-firm  version  of  the  operational  requirement  to  be  formulated  and  issued  by 
the  appropriate  customer. 

A  Project  Definition  Stage  can  follow  next,  for  detailed  engineering  studies  on  one  or  two  projected 
aircraft  types,  whose  main  features  have  been  agreed  between  the  customer  and  the  contractor  against  a 
full  operational  requirement.  These  definitive  project  studies  must  examine  in  depth  tbe  vital  charac¬ 
teristics  and  technical  problems  of  the  aircraft  design,  so  as  to  reach  a  complete  aircraft  specification 
and  provide  detailed  statements  on  performance,  development  and  production  time-scales,  and  costs.  Thus, 
during  this  project  definition  stage,  all  the  major  aerodynamic  characteristics  must  be  thoroughly 
investigated  and  any  problems  shown  to  be  tractable  within  the  allowable  time-scale  and  costs.  The  perfor¬ 
mance  estimates  must  be  continually  refined  and  updated,  taking  due  account  of  the  possible  occurrence 
(or  control)  of  degradations  associated  with  practical  aircraft  design  needs  and  with  expected  manufac¬ 
turing  standards.  This  process  of  thorough  technical  validation  and  carefully  considered  modifications 
requires  intensive  1  4  D  work  on  selected  main  aspects,  using  models  generally  representative  of  the 
preferred  designs  for  both  experimental  and  theoretical  investigations.  In  particula;  ,  areas  of  doubt 
in  the  analytical  frameworks  and  in  the  formulae  for  the  prediction  of  the  aerodynamic  characteristics 
must  be  clarified  and  quantified,  or  removed,  while  specific  estimates  must  be  substantiated  for  the 
performance  of  the  aircraft  major  components  and  for  the  definitive  aircraft  as  a  whole. 

Such  project  definition  studies  should  enable  a  practical  compromise  to  be  decided  on  which  is  a  near- 
optianmi  but  retains  some  flexibility,  and  a  formal  specification  for  the  aircraft  to  be  agreed,  bearing 
in  mind  also  any  farther  operational  and  market  developments  wiucn  nave  arisen  in  tne  meantime.  Tne  go- 
ahead  for  pre-production  engineering  development,  at  least  as  far  as  construction  of  the  prototype  batch, 
may  then  be  given;  preferably  with  minimun  risk  as  regards  unforeseen  changes  in  the  operational  require¬ 
ment,  so  as  to  preclude  unaccounted  delays  and  any  major  cost  increases  not  associated  with  the  original 
technical  specification. 

During  the  Engineering  Development  Stage  even  more  representative  model  studies  should  be  undertaken, 
especially  with  a  view  to  checks  against  the  flight  experiments  on  the  prototype  aircraft;  so  as  to 
ensure  early  rectification  of  any  design  defects  and  thereby  expedite  the  final  tailoring  at  full-scale, 
to  meet  or  even  surpass  guaranteed  performance  predictions  over  the  whole  flight  envelope.  Towards  the 
end  of  this  stage,  at  least,  improved  analytical  frameworks  and  prediction  formulae  should  be  derived  on 
the  light  of  the  whole  84  D  work  to  date.  These  should  be  collocated  to  the  measured  prototype  perfor¬ 
mance  at  carefully-selected  and  well-understood  test  conditions,  with  due  allowance  for  possible  errors 
in  the  measured  test  data.  Estimates  of  mean  performances  and  tolerances  for  the  production  aircraft 
will  now  have  to  be  declared,  '.aking  into  account  the  expected  standards  of  production  quality  control. 
Mureuver,  Ham  the  HI  experience  gained,  the  project  staff  should  have  begun  already  to  attempt 
confident  predictions  of  worthwhile  improvements  for  later  production  batches,  and  to  explore  possibili¬ 
ties  for  future  aircraft  development;  naturally,  taking  advantage  also  of  the  results  from  the  flight 
certification  and  clearance  trials  when  available. 

4  TECHNICAL  SCOPE 

The  Individual  topics  Of  this  lecture  series,  predicts-  marhoXs  Pxr  airrrafr  rhara-v-r'  s- 

tics,  could  have  been  selected  in  a  variety  of  ways  and  the  choice  provided  an  inter-sting  mental  exercise 
at  the  start.  The  present  arrangement  seemed  to  offer  a  logical  aerodynamic  choice  to  cover  reasonably 
the  flight  speed  range  and  operational  modes  for  both  transport  and  combat  aircraft.  Additionally,  it 
facilitated  early  agreement  by  some  official  and  industrial  establishments  vithjn  NATO  to  provide 
acknowledged  experts,  not  only  vith  up-to-date  special  knowledge  of  their  selected  topic,  but  also  with 
considerable  interest  and  experience  in  some  of  the  others.  This  should  prove  an  extra  asset  for  the  two 
half-day  discussion  seminars  arranged  towards  the  middle  and  end  of  the  week  of  lecture  presentations. 
Indeed,  we  should  express  our  appreciation  to  AG AH D- VII  and  to  the  contributing  technical  organisations, 
for  meeting  the  demand  to  have  eight  appropriate  lecturers  attend  from  Europe  and  three  from  America. 

The  first  pair  of  lectures  (L.2  and  L.3).  directly  following  this  introduction,  are  complementary  in 
considering  the  prediction  of  aircraft  aerodynamic  characteristics  at  low  flight  speeds,  relating  primarily 
to  airfield  performance  for  CTOl,  RTOL  and  STOl  operation.  For  convenience  of  presentation,  the  individual 
lectures  are  divided  as  follows >- 

(l,2)  Low  Speed  with  Mechanical  High-1  't  Devices  (J  G  Callaghan,  Douglas/USA) 
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{ L. 3 )  Low  Speed  with  Powered  Lift  Systems  (D  N  Foster,  RAE/UT) 

Some  appreciation  is  needed  at  the  outset  of  the  most  predominant  aerodynamic  coefficients,  along  with  the 
significant  levels  of  accuracy  of  prediction  and  production  targets,  in  relation  to  th*  airfield  perfor¬ 
mance  capabilities  required;  see  AGARD  LS-56,  Paper  2.  This  can  be  illustrated  quickly  though  qualita¬ 
tively  from  typical  first-order  relations,  here  excluding  thrust  deflection  considerations  for  simplicity, 
for  some  specific  airfield  performance  capabilities  such  as  the  Take-off  distance  S^g,  Climb-out  angle  Y^q, 
Landing  distance  S^,  and  Approach  speed  V^. 

Ihusi-  * 

ST0  *  rT0  •  (*/S)  • 

rTO  «  (t/v)  -  (Cg/c L), 

VA  *  rA  •  W*)1  •  (V'cta)Jl 
SL  a  Ll  .  (W/S)  .  (l/CLu). 

The  values  of  the  factors  I  can  vary  according  to  the  class  of  aircraft  (transport  or  combat),  their 
mode  of  operation  (CTOl/RTOL  or  STOL)  and  the  particular  airfield  environment;  while  of  course  the 
installed  thrust/weight  ratio  (T/v)  and  wing  loading  (w/s)  will  vary  from  aircraft  to  aircraft. 

However,  the  sensitivities  of  airfield  performance  capabilities,  to  the  ’trimmed’  aircraft  values  of  the 

appropriate  usable  lift  coefficient  C,  (with  adequate  safety  margins)  and  of  the  appropriate  attainable 

Lu 

lift/drag  ratio  C^/Cp,  are  clearly  important.  For  example,  prediction  errors  (eg  overestimation)  of  the 

values  of  these  aerodynamic  coefficients  can  lead  to  ’proportional’  errors  (eg  degradation)  of  the 
corresponding  airfield  performance  capabilities  in  practice;  or,  alternatively,  if  the  airfield  perfor¬ 
mance  has  to  be  achieved  without  further  aircraft  modification,  then  the  allowable  aircraft  weights  and 
hence  disposable  loads  are  modified  (eg  reduced).  The  aircraft  lift  and  drag  coefficients  at  low  speeds 
can  also  have  much  wider  implications,  as  discussed  later;  eg  in  respect  of  possible  reduction  of  aircraft 
noise  annoyance,  and  for  searctyVescu^loiter  capabilities. 

The  second  pair  of  lectures  (L.4  and  L. 5)  are  concerned  primarily  with  the  prediction  of  aircraft  aero¬ 
dynamic  characteristics  for  typical  transit  condit.  ons  at  either  subsonic  or  supersonic  flight  speeds. 

(L.4)  Subsonic  Speed  -  (G  H  Bowes,  Boeings  USA) 

(L. 5)  Supersonic  Speed  -  (C  S  Leyman  and  T  Markham,  BAC/Uk) 

As  previously,  the  significance  of  predominant  aerodyne r.ic  coefficients  in  respect  of  relevant  flight 
performance  capabilities  can  again  be  illustrated  quickly,  though  only  qualitatively,  by  inspection  of 
•proportional’  changes  given  by  some  simple  first-order  relations;  AGARD  LS-56  (Papers  1  and  3)  gives 
more  elaborate  formulae.  For  example,  the  Range  factor  dR/dW  and  the  Endurance  factor  dt/dWp,  ie  the 
instantaneous  rates  of  increase  in  still-air  range  R  and  endurance  t  with  use  of  fuel  weight  V  ,  are 
simplyt- 

(dV<wf)  *  (i/v)  .  (v/c)  .  (cL/cD), 

(dt/dVF)  *  (1/W)  .  (1/c)  .  (CL/CD); 

in  steady  level  flight  at  aircraft  weight  V,  airspeed  V,  and  thrust  specific  fuel  consumption  c.  More¬ 
over,  especially  for  combat  aircraft,  there  is  a  need  to  estimate  and  optimize  the  Specific  Excess  Power 
or  the  instantaneous  rate  of  increase  of  energy  height  [h  (v2/2g)]  with  time.  As  a  first  approximation:- 

d(h  +  vz/2g)]/dt  «  V  [(t/v)  -  (Cj/CL)  J 

Also,  the  attainable  normal  acceleration  capability  ng  in  steady  horizontal  turns  can  be  given 
(without  thrust  limitation)  by:- 

n  *  (Tp/2)  .  M2  .  (S/V)  .  CLu, 

where  here  must  be  limited  to  ensure  ar  adequate  buffet  margin  at  Mach  number  M  ano  atmosoheric 
pressure-height  p. 

For  these  and  many  other  relevant  flight  performance  capabilities,  particular  flight  conditions  may  be 
prescribed  (eg  Mach  number,  altitude  and  temperature  )  or  flight  profile  optimization  may  be  sought  subject 
to  certain  limiting  constraints.  However,  from  such  simple  relations,  the  justification  for  improvements 
in  and  accurate  predictions  of  at  least  C^/C^,  and  under  relevant  aircraft  performance  conditions 
can  again  be  broadly  argued.  1  envisage  that  the  subsequent  Lecturers  will  comment  on  and  illustrate 
typical  practical  aspects,  more  specifically  and  in  more  depth  with  respect  to  their  own  particular  topics. 

It  is  important  to  recall  at  this  stage  that  aerodynamic  lift  and  drag  predictions  for  practical  aircraft 
cannot  usually  be  di voiced  from  examination  of  other  aerodynamic  characteristics;  such  as  those  associated 
with  stability  and  control,  engine  installation  and  external  stores,  as  will  be  discussed  in  later  lectures. 
More  generally,  other  aircraft  design  disciplines  also  cannot  be  ignored;  such  as  those  associated  with 
aeroelasticity,  airworthiness,  weight,  complexity,  overall  cost-effectiveness  and  time-scales  for  develop¬ 
ment.  For  example,  two  of  the  classical  *Betes  noires*  of  project  development  are  excess  drag  and  weight 
growth,  which  in  many  respects  can  prove  interdependent  and  of  course  are  frequently  subject  to  snowball 
(boule-de-neige)  effects. 
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The  third  pair  of  Lectures  (L.6  and  L.7)  review  in  detail  aerodynamic  flo.  prediction  av.  rubvcnic  flight 
speeds(  including  consideration  of  conditions  where  local  transonic  flows  can  occur  on  the  airfroee 
surfaces :- 

(L.6)  Wing  Aerodynamic  Design  Methods  -  (W  Loeve,  NLS/Ketherlands ) 

(L.7J  Boundary-Layer  Calculation  Methods  -  (J  Steinheuer,  DFVLi/Genaany) 

As  regards  supersonic  flight  speeds,  it  should  be  noted  that  relevant  methods  for  wing  aerodynamic  design 
and  drag  estimation  are  discussed  in  the  earlier  lecture  L.5  by  Leyman  and  Markham.  The  potevti dities 
and  limitations  of  the  treatments  reviewed  in  relation  to  flight  at  either  subtonic  or  supersonic  spends 
should  be  well  worth  appreciation  by  aerodynamicists  concerned  with  project  development,  as  v%J-  as  those 
interested  primarily  in  research. 

The  final  trio  of  published  lectures  (L.3,  L.9.  L.10)  are  devoted  to  three  special  topics,  each  o t  which 
is  sometimes  treated  perhaps  too  casually  in  early  aerodynamic  studies  of  basic  Jirframe  performance,  but 
whose  implications  on  aerodynamic  performance  predictions  and  design  can  be  sig-<i f scant  e-en  at  tho 
feasibility  stage  of  project  studies  and  over  much  of  the  flight  envelope. 

(L.8)  Engine  Installation  Aerodynamics  (J  Leynaert,  ONERV^rance); 

This  lecture  reviews  techniques  for  the  theoretical  design,  optimisation  and  experimntal  investigation 
of  engine  air-intakes,  afterbodies  and  jet  nozzles.  Special  attention  is  given  to  t hi  need  for  careful 
and  consistent  evaluation  of  thrust  and  drag  terms,  and  of  the  engine  intake  and  exit  flow  conditions 
which  are  directly  relevant  to  prediction  of  engine  performance  characteristics  (nit  thrust,  specific 
fuel  consumption,  etc). 

(L.9)  External  Store  Aerodynamics  (J  B  Berry,  ARA/’JZ); 

This  analyses  the  effects  of  external  stores  on  the  aerodynamic  characteristics  of  aircraft,  sci.nsitu;  in 
particular  the  prediction  of  incremental  drag  due  to  various  practical  types  of  store  installation.  If 
should  be  emphasised  that  the  drag  contribution  of  installed  external  stores  is  usually  significant  and 
often  a  limiting  factor  in  the  performance  of  strike/ fighter  aircraft,  so  reliable  pred.ciJon-  and  yvtsibi.* 
means  of  reduction  are  clearly  important  even  at  the  project  feasibility  stage. 

(L.10)  Stability  and  Control  Implications  (J  E  Jenkins,  WPAF^/USA); 

This  should  clarify  the  primary  ways  in  which  stability  and  control  considerations  car  influence  the 
aircraft  design  and  performance  predictions,  along  with  the  possible  trade-offs  betv*  1.1  inherent  airframe 
characteristics  and  flight  control  system  complexity  (CCV  aspects)  for  aircraft  perfo.-uance  optimisation. 
Aerodynamic  data  prediction  requirements  from  such  stability  and  control  viewpoints  «1jo  should  be  ne':  - 

Two  supplementary  presentations  (L.11  and  L.12)  already  planned,  summaries  of  which  are  published  here, 
take  as  their  subjects:- 

(L.11 )  Aircra.:  Performance  Considerations  for  Noise  Reduction  (J  Williams,  L  S  Director); 

(L.12)  Application  of  Ground  Facilities  for  Flight  Aerodynamic  Performance  Predictions 
(Ph  Poisson-Cuinton,  ONERA/France). 

Other  contributions  from  attendees  are  also  welcomed,  as  time  permits,  to  take  advantage  of  any 
appropriate  specialised  knowledge. 

Most  of  the  lectures  published  here  contain  extensive  lists  of  reports  for  further  reference  on  the  parti¬ 
cular  topics.  At  this  stage,  therefore,  perhaps  I  need  mention  only  three  existing  sets  of  papers  also  of 
general  use  for  aerodynamic  predictions. 

1 )  The  Royal  Aeronautical  Society  Data  Sheets  and  Transonic  Data  Memoranda. 

2)  The  USAF  Stability  and  Control  Datcom. 

3)  The  AGARD  Conf  Proc  124  on  'Aerodynamic  Drag'. 
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Douglas  Aircraft  Company,  McDonnell  Douglas  Corporation 
3855  Lakewood  Boulevard,  Long  Beach,  California  90846 


! 


1.0  SUMMARY 

Th*  «ubject  paper  will  discuss  in  some  detail  a  survey  of  present  methodology  used  for  the  esti¬ 
mation  of  low  epeed  aerodynamic  characteristics  of  aircraft  with  mechanical  high  lift  systems.  While  thie 
methodology  le  applicable  to  a  large  variety  of  aircraft  with  unpowered  high  lift  systems,  the  emphaeis 
will  be  on  transport  type  aircraft.  Prediction  methods  empirically  derived  from  experimental  data,  as 
well  as  more  sophisticated  theoretical  methods  will  be  discussed.  Correlations  of  calculated  results  with 
both  wind  tunnel  and  flight  measurements  will  be  presented. 

To  place  the  current  state  of  the  art  of  methodology  into  proper  perspective,  a  critical  review 
of  areae  of  both  strength  and  weakness  will  be  presented,  with  emphasle  on  future  requirements.  Within 
thie  context,  the  particular  need  for  methode  to  estimate  the  high  lift  characteristics  of  aircraft  with 
thin,  highly  swept,  low  aspect  ratio  wings,  such  as  supersonic  transport  configurations  will  be  reviewed. 


2.0  INTRODUCTION 

The  accurate  estimation  of  the  low  speed  aerodynamic  characteristics  of  aircraft  with  mechanical 
high  lift  eyeteos  is  dependent  on  a  wide  spectrum  of  methods  ranging  from  sophisticated  three-dimensional 
analytical  tools  to  highly  empirical  formulations,  and  in  some  Instances,  to  a  total  dependence  on  the  wind 
tunnal.  The  ability  to  accurately  estimate  the  low  speed  characteristics  with  an  attendant  high  degree  of 
confidence  is  fundamental  to  the  success  of  any  program  Involving  the  development  of  a  new  airplane.  This 
is  manifest  in  two  ways:  firstly,  if  flight  measurements  reveal  deficiencies  relative  to  the  guaranteed 
performance,  costly  flight  development  programs  may  result,  and  Indeed  may  result  in  re-design  and  re-manu¬ 
facturing  problems.  Secondly,  an  eatabllehed  high  degree  of  confidence  in  analytical  estimation  techniques 
reduces  the  dependence  on  extensive  wind  tunnel  test  programs.  For  typical  jet  transport  aircraft,  this 
teeting  will  run  into  thousands  of  wind  tunnel  test  hours  (References  1  and  2).  Because  of  the  limitations 
of  estimation  methods,  testing  to  some  extent  will  always  be  required  because  the  aerodynamic  character¬ 
istics  must  be  establiehed  as  thoroughly  as  possible  before  flight.  It  is,  however,  desirable  to  continue 
development  of  Improved  methodology,  which  departs  from  empiricism  and  approaches  the  problem  from  a  more 
fundamental  sense.  This  will  invariably  provide  more  firm  guidelines  for  improving  the  design  of  high  lift 
sye terns. 

The  high  lift  prediction  methods  to  be  discussed  in  the  present  paper  are  to  a  large  extent  those 
associated  with  predicting  low  speed  characteristics  of  large  transport  aircraft,  such  as  that  shown  in 
Figure  1,  as  this  repreeents  the  experience  of  the  author  and  his  colleagues.  Many  of  the  methods,  however, 
particularly  the  more  fundamental  ones,  have  applications  to  a  wide  variety  of  aircraft.  It  is  the  intent 
of  this  paper  to  present  a  general  assessment  of  prediction  methods,  rather  than  to  provide  a  methods  hand¬ 
book.  In  particular,  to  the  extent  possible,  these  methods  will  represent  the  best  available  analytical 
tools  in  the  present  etate-of-the-*rt ,  rather  than  the  less  rigorous  methods  sometimes  used  for  advanced 
design  trade  studies. 

The  characteristics  whoee  estimation  will  be  addressed  are  those  in  the  longitudinal  mode  "hicL 
are  required  to  determine  takeoff,  dimbout,  approach,  and  landing  performance.  In  general,  the  present 
state-of-the-art  permits  reasonably  accurate  estimation  of  the  low  speed  characteristics,  as  must  be  evi¬ 
denced  in  part  by  the  many  successful  transport  aircraft  in  service  today.  There  are,  however,  many  char- 
acterlstice  which  cannot  be  assessed  by  estimation  methods  and,  therefore,  require  wind  tunnel  measurements. 

Fundamental  to  the  ability  of  any  method  to  accurately  predict  aerodynamic  characteristics  is 
the  degree  to  which  the  flow  over  the  appropriate  geometry  is  analytically  modeled.  The  non-aerodynamlc 
ehapea  which  may  be  introduced  b>  th*»  deflection  of  the  high  lift  system  greatly  compound  this  problem  as 
is  evidenced  by  the  example  of  Figure  2.  The  flow  can  he  analytically  modeled  to  varying  degrees  within 
the  present  atate-of-the-art  tc  a  relatively  high  degree  of  accuracy  in  two  dimensiona  and  to  a  lesser 
extent  in  three  dimensions. 

The  type  of  methods  generally  available  to  estimate  low  speed  aerodynamic  characteristics  can  be 
roughly  placed  in  four  different  categories: 

•  Three-Dimensional  Analytical  Techniques  -  In  general,  the  applicable  three-dimensional  methods 
are  limited  to  estimating  those  characteristics  wherein  viscous  considerations  are  small,  and 
are  necesaarlly  neglected.  These  methods  range  from  simple  lifting  line  theories  to  more 
sophisticated  lifting  surface  theories  and  to  full  lifting  potential  flow  solutions.  Such 
methods  find  applicability  in  estimating  lift  and  pitching  moment  characterls tice  in  regiona 
below  the  stall  in  the  absence  of  flow  separation. 

•  Two-Dimensional  Analytical  Techniques  -  Highly  sophisticated  methods  are  within  the  state-of- 
the-art  for  calculating  two-dimensional  characteriatics,  including  both  potential  flow  and 
viscous  flow  solutions  for  multi-element  airfoils  of  arbitrary  shape.  To  a  limited  extent 
some  techniques  are  available  for. modeling  separated  flow  regions.  In  general,  these  methods 
depend  on  a  certain  degree  of  empiricism  for  adjusting  the  resulting  two-dimensional  eection 


characteristics  to  three  dims os ion* 


a  Eepirical  Methods  -  Many  characteristics  to  b«  estimated,  auch  ca  aiilwa  lift  coefficient, 
do  not  presently  lend  themselves  to  analytic  treatment.  In  thaaa  instancaa  empirical  tech- 
niquea  euat  be  utilised.  In  loae  ceaea  there  exists  e  theoretical  beala  for  the  empiricism 
and.  Indeed,  in  other  lnatancea  It  la  whatever  aoems  to  make  the  method  work. 

e  Experimental  K*Thods  -  In  many  lnatancea  there  are  not  even  aultable  empirical  relatlonshlpa 
for  estimating  certain  characteristics,  In  which  case  the  wind  tunnel  must  be  utilized.  Typi¬ 
cal  of  these  problem  areas  era  the  estimation  of  dreg  increments  for  high  lift  devices,  and 
interference  efficte. 

The  shortcoming  of  empirical  techniques  la  primarily  that  they  ere  limited  to  providing  character¬ 
istics  only  for  those  geometries  upon  which  the  empiricism  is  based.  This  introduces  possible  errors  for 
new  geometries  which  depart  from  the  empirical  base.  An  additional  deficiency  of  empirical  techniques  is 
that  they  may  not  nesaarily  ontrlbute  to  a  more  fundamental  understanding  of  the  associated  flow  phenom¬ 
enon,  and  subsequently  to  improved  designs.  A  shortcoming  exists  even  with  more  sophisticated  empirical 
methods  in  that  the  estimation  of  certain  characteristics,  such  as  maximum  lift  with  high  lift  devices 
extended  relies  on  e  component  buildup  which  docs  uot  allow  for  possible  interference  effects  between 
components. 

In  the  process  of  estimating  aerodynamic  characteristics,  one  finds  e  wide  variety  of  methods 
evaileble.  In  the  selection  of  an  appropriate  lifting  surface  theory,  for  example,  there  ers  those  formu¬ 
lated  by  ’Woodward,  Giesing,  Lamar  and  Hargason,  and  Martin  (References  3  thru  6  res pec: tvely).  A  similar 
situation  exists  in  two-dimensional  methods  for  multi-element  airfoils  such  es  those  by  Bhateley.  Goredle, 
and  Callaghan  and  Beatty  (References  7,  8,  and  9).  All  of  l«.eee  clearly  have  thalr  advantages  and  their 
limitations.  The  particular  ones  addressed  in  the  subsequent  discussion  reflect  the  experience  of  the 
euthoi  and  his  colleagues  et  tha  Douglas  Aircraft  Company;  similar  applications  of  these  various  methods 
beyond  this  experience  could  be  end,  indead,  probably  have  been  made. 

Tn  the  ensuing  discussion  certain  of  tha  methods  will  be  referred  to  several  times,  in  that  they 
have  application  in  many  areas.  For  example,  in  the  instance  of  the  Giesing  vortex  lattice  lifting  surface 
theory,  this  program  finds  application  in  determining  lift  curve  slope,  lift  increment  due  to  flap  deflec¬ 
tion,  span  load  distribution,  and  pitching  moment  characteristics.  In  other  instances  wherein  methods  have 
limited  application,  or  in  feet  where  no  methods  exist,  little  can  be  said. 

The  methods  to  be  addressed  are  those  which  ere  eppllcabl  to  the  estimation  of  *.ift  end  dreg 
character is tics  for  e  complete  airplane  configuration  with  leading  and  trailing  edge  devices  extended. 
Methods  for  estimating  pitching  moment  character istlcs  will  also  be  discussed  in  that  the  resulting  trim 
effects  must  be  considered  as  to  thsir  impect  on  lift  and  drag. 

In  order  to  appreciate  the  significance  of  the  various  characteristics  whose  estimation  will  be 
discussed,  some  review  of  the  pertinent  airplane  performance  characteristics  will  be  beneficial  at  this 
point.  Figure  3  presents  e  schematic  of  a  representative  takeoff  profile  es  dictated  by  Federal  Aviation 
Agency  requirements.  Certain  speeds  of  significance  ere  indicated  in  the  figure  and  ere  defined  balow. 

The  rotation  speed,  VR,  is  the  speed  et  which  the  pilot  begins  to  rotate  tha  aircraft  to  attain 
the  liftoff  attitude  and  must  not  be  less  than  5Z  above  the  air  minimum  control  speed,  V^.  The  latter 
speed  is  determined  by  the  minimum  speed  at  which  directional  control  can  be  maintained  in  the  event  of 
failure  of  the  most  critical  engine.  The  liftoff  spaed,  VL0  *  is  the  speed  et  which  the  airplane  becomes 
completely  airborne  end  must  be  at  least  5Z  nbove  the  minimum  unstick  spaed.  The  minimum  unstick  speed, 

Vvq,,  is  the  minimum  speed  that  the  aircraft  can  be  made  to  liftoff  without  hazard  and  continue  takeoff. 

This  speed  is  determined  by  flight  tests  es  shown  in  Figure  4.  The  takeoff  safety  speed,  must  not 

be  less  than  1.2  times  the  stall  speed,  V5,  or  less  then  1.1  times  the  minimum  control  speed;  the  V2 
speed  is  necessarily  et  least  es  fast  es  th«  spsed  and  is,  therefore,  at  least  5Z  above  the  minimum 

unstick  speed.  Further,  the  V2  speed  must  be  such  that  a  minimum  climb  gradient  (approximately  3Z 
depending  on  the  number  of  engines)  can  be  maintained  in  the  event  of  engine  failure. 

These  speeds  and  the  resulting  takeoff  field  length  ere  directly  related  to  the  lift  coefficient 
attainable  et  a  given  attitude,  and  to  the  maximum  lift  coefficient.  The  climb  gradient  is  strongly  depen¬ 
dent  on  the  lif t-Lo-drsg  ratio  in  the  cllmbout  configuration. 

The  takeoff  field  length  is  determined  by  several  criteria,  one  of  which  is  shown  in  Figure  3. 

This  is  the  so  celled  critical  engine  out  takeoff  distance  which  is  the  distance  from  start  of  takeoff  to 

a  point  35  feet  above  the  runway  at  the  V2  speed,  assuming  an  engine  failure  to  be  recognized  at  the 
decision  speed,  V^. 

A  representative  takeoff  field  length  performance  plot  Js  shown  in  Figure  5  for  an  airplane  in 

the  500,000  lb.  tskeoff  gross  weight  class;  the  increase  in  slope  et  the  higher  gross  weight  results  from 

the  second  segment  limiting  weight.  For  s  given  thrust  level  (T),  the  gross  weight  (V)  is  reached  beyond 
which  the  required  engine-out  climb  gradient  cannot  be  met;  in  order  to  increase  the  takeoff  gross  weight, 
the  llft-to-drag  ratio  (L/Dl  be  increased.  This  can  be  brought  about  by  a  reduction  in  flap  setting 

which  will  have  an  attendant  lift  inefficient  decrease  which  results  In  some  increase  in  field  length. 

The  sensitivity  of  field  length  to  lift  coefficient  c*n  be  seen  in  the  figure;  for  the  range  of  gross 
weights  which  are  not  second  segment  limited,  the  change  in  field  length  is  directly  related  to  lift  coef¬ 
ficient.  This  follows  from  consideration  of  the  generalized  takeoff  parameter: 

tskeoff  field  length  • 

where  S,  p,  and  CL  ere  wing  area,  density,  and  lift  coefficient  respectively. 

For  example,  for  a  10,000-foot  field  length,  a  four  percent  increase  in  is  worth  a  400- 

foot  reduction  in  field  length.  This  may  seem  like  a  relatively  insignificant  changein  performance. 
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Ho»e»er,  If  viewd  fro.  tha  etaod point  of  might,  th«  lapact  Is  aors  significant.  For  this  fixad  fiald 
langth,  the  4X  laprovsasnt  in  aaxiau.  lift  coefficient  increases  the  takeoff  gross  weight  by  10,000  pounds, 
which  is  equivalent  to  about  fifty  passengers!  In  the  region  where  the  airplane  has  bee one  second  segaent 
United,  the  performance  is  basically  insensitive  to  a  Cj_  change.  This  results  from  the  Uniting  region 
being  basically  an  envelope;  any  increase  in  CL  would  result  in  a  decrease  in  L/D,  which  would  violate 
the  second  segment  constraint. 

The  sensitivity  of  the  takeoff  performance  to  drag  is  shown  In  Figure  6,  again  for  an  airplane 
in  the  $00,000  pound  takeoff  gross  weight  class.  For  the  weight  region  wherein  the  airplane  is  not  cllnb 
gradient  United,  the  field  length  is  relatively  insensitive  to  changes  In  dreg.  However,  there  lo  an 
extreme  sensitivity  ones  the  configuration  becones  gradient  United.  The  cllnb  gradient  yx  is 

T  1 

"  W  ‘  l7d  * 

and  la  on  tha  ordar  of  3 X  for  a  one-engine  out  configuration.  In  tha  non- limiting  weight  region,  n  1^* 
lncraaaa  in  drag  la  equivalent  to  roughly  5,000  pounds  (25  passenger*)  for  a  fixed  field  langth. 
second  segment  limited  condition,  this  increase  in  drag  could  be  equivalent  to  as  much  as  20,000  or 

roughly  100  passengers. 

Examination  of  the  landing  performance  reveals  a  similar  picture  In  that  landing  field  length 
sensitivity  Is  directly  related  to  changes.  The  sensitivity  to  drag  Is  quite  small  unless  the  air¬ 
plane  Is  limited  by  approach  climb  requirements  which  Is  e  go-s round  requirement  with  all  engines  operating. 
For  most  transport  aircraft,  this  Is  generally  not  e  limiting  condition. 

Another  Important  airplane  parameter  which  can  be  qnlte  sensitive  to  the  aerodynamic  character¬ 
istics  Is  that  of  noise  during  takeoff  and  landing.  Basically  there  ere  thres  requirements  to  be  met: 

e  Sideline  Noise  -  Measured  on  the  ground  approximately  one  quarter  mile  from  the  centerline 
of  the  takeoff  path. 

e  Takeoff  Noise  -  Measured  3.5  nautical  miles  from  brake  release,  which  may  include  e  throttle 
cut  prior  to  this  point  provided  minimum  altitude  and  climb  gradient  requirements  can  be  met. 

e  Landing  Noise  -  Measured  on  approach  with  the  airplane  In  the  landing  configuration  on  e  3* 
glide  slope  approximately  400  feet  In  the  air. 

The  permissible  noise  levels  for  these  various  criteria  are  dependent  ox  the  gross  weight  of  the 
airplane  but  cannot  exceed  108  EFNdB.  The  noise  level  is  directly  related  to  the  thrust  of  the  engines, 
which  Is  In  turn  related  to  the  dreg  level  of  the  aircraft.  There  Is,  however,  e  noise  floor,  which  is 
established  by  the  basic  power-off  aerodynamic  noise  of  the  vehicle.  This  aerodynamic  noise  floor  is 
below  the  noise  level  of  current  lerge  transport  aircraft.  The  sensitivity  of  noise  to  dreg  character¬ 
istics  can  be  seen  In  Figure  7  for  a  representative  approach  condition  with  the  airplane  In  the  landing 
configuration.  For  this  particular  geometry,  approximately  three  percent  of  airplane  dreg  Is  equivalent 
to  one  EPNdB. 

Consideration  of  the  above  discussion  Indicates  e  strong  sensitivity  of  takeoff  and  landing  per¬ 
formance  to  the  pertinent  lift  and  dreg  characteristics.  In  order  to  meet  performance  guarantees,  It  is 
desirable  to  provide  estimates  of  aerodynamic  characteristics  that  have  e  tolerance  level  that  is  on  the 
order  of  ope  percent.  Ulth  these  demands  on  accuracy,  one  le  then  faced  with  applying  the  most  sophisticated 
estimation  methods  which  the  present  state-of-the-ert  will  permit.  The  ensuing  discussion  will  review  these 
methods  Insofar  as  the  prediction  of  the  lift,  drag,  and  pitching  moment  characteristics  are  necessary  for 
the  determination  of  takeoff  and  landing  performance. 

.  The  special  problems  of  determining  characteristics  from  wind  tunnel  end  flight  measurements  will 
elso  be  addressed.  In  eddltlon,  some  discussion  will  preseht  the  correlation  between  estimated  characteristics 
and  flight  measurements,  end  the  correlation  between  wind  tunnel  characteristics  and  flight  measurements. 

Finally,  an  assessment  of  the  present  stetc^of-the-ert  will  be  made  to  review  those  areas  where 
particular  development  work  Is  required.  Some  assessment  will  elso  be  made  of  the  particular  problems 
associated  with  estimating  character 1st lea  for  highly  swept,  low  aspect  ratio,  thin  trlngs  such  as  those  on 
supersonic  transport  configurations.  A  review  of  the  promising  theoretical  techniques  presently  under 
development  for  eppllcetlon  In  addressing  the  full  three-dimensional  viscous  problem  will  be  addreesed. 

It  le  to  be  noted  that  throughout  the  discussion  of  the  various  aerodynamic  prediction  methods, 
the  use  of  the  terminology  "lift",  "dreg",  end  "pitching  moment"  will,  for  convenience,  be  used  Interchange¬ 
ably  with  "lift  coefficient",  "drag  coefficient",  and  "pitching  moment  coefficient",  respectively.  Further, 
lover  case  letters  will  be  utilised  to  designate  section  charecterletlce,  end  upper  cat  letters  will  be 
utilised  to  designate  three  dimensional  characteristics. 


3.0  AERODYNAMIC  PREDICTION  METHODS 


3.1  Lift  Che rect eristics 

It  can  be  stated  that  the  estimation  of  lift  characteristics  do.  In  general,  lend  themselves 
better  to  analytic  treatment  than  the  drag  characteristics.  In  general,  for  transport  aircraft,  the  dreg 
forces  are  an  order  of  magnitude  smaller  than  *.he  lift,  in  that  one  Is  dealing  with  llft-to-drag  ratios  on 
the  order  of  ten.  The  various  strong  three  dimensional  analytics)  methods  which  ere  available  provide  good 
accuracy  In  regions  where  viscous  effects  do  not  dominate  the  flow  field.  The  analytical  techniques  avall- 
eble  for  estimation  which  Include  viscous  effects  are  generally  restricted  to  tvo-dlmenalonal  unsepareted 
flows,  with  empiricism  required  for  adjusting  to  three  dimensions,  though  certain  thres  dimensional  approaches 
under  development  appear  promising  and  will  be  discussed  at  the  close  of  the  paper.  However,  in  the  case  of 
maximum  lift,  empirical  techniques  must  be  utilised. 
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3.1.1  Lift  Curve  Slope 

Lift  curve  (lope  may  he  determined  from  aaplrlcal  reletlonehlpe,  or  more  dasirehly  from  eppro- 
prlete  11 ft lot  eurfece  theorlee.  The  emplrlcel  reletlonehlpe  require  e  knowledge  of  the  defining  elrfoll 
eectlon  p rope rt lee;  theee  eectlon  proper t lee ,  In  turn,  nay  be  determined  from  emplrlcel  reletlonehlpe  or 
from  sophisticated  cwo-dlmenelonel  potential  flow  and  vlecoue  solutions .  The  theoretical  eectlon  31ft 
curve  slope,  Cja,  may  he  determined  from  the  relationship  given  In  Inference  10: 


•  6.28  4  4 


1  .00375  f 
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(per  redlan) 


where  ♦_  le  the  total  trailing  edge  angle  in  degreee  and  t/c  is  the  airfoil  thlckneae- to-chord  ratio. 

The  theoretical  lift  curve  slope  Is  shown  In  Figure  8;  since  this  level  Is  relatively  insensitive  to  trail¬ 
ing  edge  angle,  e  value  of  20*,  repree anting  the  upper  limit  of  the  nethod  wee  used  for  the  slope  shown  in 

Figure  8.  Viscous  effects  will  hring  about  e  reduction  In  lift  curve  slopa  relative  to  thla  theoretical 
level.  Thla  results  from  the  dec sabering  effect  due  to  the  presence  of  the  boundary  layer  displacement 
thickness.  As  ohtainad  from  Reference  10,  this  viscous  effect  hee  haen  correlated  with  Reynolds  nusd>er  end 
trailing  edge  angle  end  la  shown  In  Figure  8. 

A  much  greater  degree  of  accuracy  In  determining  section  charecteriatica  can  he  ohtelned  by  the 
application  of  eophleticeted  potential  flow  solutions  of  the  type  descrihed  In  References  7,  8,  end  9.  The 
theoretical  nethod  described  In  Reference  9  can  compute  the  high  lift  characteristics  of  multi-element  air- 
toil*  of  arbitrary  shape  operating  in  e  viscous  Incompressible  fluid  In  the  absence  of  flow  (operation. 

This  approach  comb loss  e  geometry  definition  routine,  a  potential  flow  solution  based  on  e  surface  source 
distribution,  and  e  finite-dif ferenca  boundary  layer  routine  to  accomplish  the  analyals.  The  geometry 

routine  anooths  and  spaces  the  hody  coordinates  for  Input  to  the  potential  flow  program.  The  houndary 

layer  characteristics  are  than  calculated  from  the  reeultlng  potential  flow  pressure  distribution  and  an 
equivalent  invlscld  body  le  formed  by  the  addition  of  the  boundary  layer  displacement  thlckneae  to  the 
original  body.  These  coordinates  are  then  used  to  calculate  e  new  pressure  distribution  for  the  equivalent 
body.  This  process  Is  repeated  until  convergence  Is  achieved.  Experience  has  shown  that  satisfactory  con¬ 
vergence  can  be  achieved  after  two  or  three  Iterations.  Figure  9  Illustrates  the  computational  process. 

A  representative  preeeure  distribution  calculated  hy  this  nethod  is  compered  to  an  experimentally  measured 
one  In  Figure  10  at  an  angle  of  attack  of  10*.  The  corresponding  lift  curve,  for  both  the  Invlscld  and  the 
viscous  solution  Is  presented  In  Figure  11.  As  can  he  seen,  the  viscous  solution  is  In  very  cloae  agree¬ 
ment  with  the  experimentally  measured  value  In  terms  of  both  angle  of  taro  lift  and  lift  curve  elope,  until 
close  to  stall.  It  la  significant  that  for  this  case,  only  one  Iteration  was  required,  that  la,  two  poten¬ 
tial  flow  solutions  and  one  houndary  layer  solution. 

The  section  lift  characteristics,  derived  by  either  the  empirical  relationship,  or  mora  sophisti¬ 
cated  solutions  may  he  corrected  to  three  dimensions  hy  the  method  given  In  Reference  10.  For  straight 
tapered  wings,  thla  three  dimensional  correction  Is  presented  In  Figure  12  as  a  function  of  wing  aspect 
ratio,  midchord  sweep  angle,  Mach  nimfeer,  and  section  lift  curve  elope. 

In  contrast  to  techniques  for  calculating  lift  curva  alope  which  rely  on  empiricism  and  on  e 
knowledge  of  the  defining  airfoil  characteristics ,  era  the  various  available  lifting  surface  theorise, 
(References.-  3,  A,  5,  and  6).  The  vortex  lattice  approach  of  Reference  A  represents  the  wing  hy  a  network 
of  smell  horseshoe  vortices  distributed  In  hoth  chordwlse  and  apeowlae  directions.  The  strengths  of  the 
Individual  vortices  ere  determined  hy  applying  the  wing  boundary  condition  at  as  many  points  on  the  vlng 
as  there  era  vortices.  A  system  of  simultaneous  aquations  Is  then  solved  to  determine  the  horseshoe-vortex 
strength.  The  fuselage  Is  represented  by  a  line  of  doublets  on  the  fuselage  axis  and  a  non-planer  doublet 
sheet  to  represent  the  wing  image  system,  with  Che  boundary  condition  haing  that  the  flow  does  not  pene¬ 
trate  the  fuselage  surface.  The  ehlllty  of  this  type  of  lifting  surface  theory  to  accurately  describe  lift 
characteristics  Is  shown  In  Figure  13,  tdilch  present*  a  correlation  of  the  calculated  and  experimentally 
measured  span  loading  In  tha  presence  of  wing  mounted  nacelle*  and  external  flap  hlnga  fairings  for  a  35* 
swept  wing-fuselage  combination. 

Comparisons  of  lift  curves  es  calculated  hy  the  referenced  nethod  with  experimentally  measured 
values  ere  presented  In  Figures  1A  and  IS  for  the  DC-9  and  DC-10  airplanes  respectively.  Tha  rcthar  close 
agreement  In  hoth  cesea  between  experimental  and  calculated  values  la  somewhat  remarkable.  Thla  raault* 
from  two  simplifications  In  tha  approach  which  are  compensating  to  a  certain  degree.  The  naglact  of  any 
viscous  affects  In  the  analysis  tends  to  over-predlct  tha  lift  curve  slope,  ea  previously  mentioned  In  the 
discussion  on  section  characteristics.  Convaraaly,  the  exclusion  of  thickness  effects  tends  to  undarpredlct 
the  lift  curve  slops.  The  contribution  of  tha  fuselage  to  tha  lift  curva  slopa  Is  shown  In  Figure  15; 
excluding  tha  fuselage  lift  undarpiedicta  the  total  level  by  e  significant  amount. 


3.1.2 


Clean  Wins  Maximum  Lift 


Tha  basic  approach  to  tha  estimation  of  airplane  maximum  lift  with  high  lift  devices  deflactad 
Is  e  linear  buildup  of  tha  maximum  lift  for  tha  clean  vlng  and  of  the  Increments  of  maximum  lift  dua  to 
the  leading  end  trailing  adge  high  lift  devices.  The  determination  of  clean  vlng  maximum  lift  coefficient 
la  dependent  on  a  knowledge  of  Che  apanvlae  lift  charecteriatica  of  the  clean  vlng  and  of  tha  maximum  lift 
of  the  various  elrfoll  sections  which  define  the  vlng.  The  general  procedure  for  calculating  vlng  CLwsr 
1.-  predicated  on  tha  assumption  that  when  anv  given  section  first  reecha*  It*  section  maximum  lift  coat-' 
fldent,  tha  complete  wing  has  reached  C^i-.  Thla  Is  basically  a  practical  definition.  In  that  ones  any 
alngla  (action  hat  atallad,  the  subsequent  flow  separation  spreads  and  tha  vlng  loses  Its  usefulness  a*  a 
lifting  aurfeca  (Reference  11).  Thla  approach  was  originally  intended  to  apply  to  unsvapt  wings,  but  he* 
been  carried  through  to  application  to  wings  with  moderate  swsap.  Clearly  a  point  is  reached  foi  highly 
swept  wings,  particularly  with  low  thickness  ratios  when  this  approach  can  no  longer  he  eppllcabla. 

A  variety  of  epproechae  exlsta  for  estimating  the  values  of  section  maximum  lift  coefficient  for 
defining  airfoils.  The  optimum  approach  le  to  have  two-dimensional  wind  tunnel  teat  Cats  available  for 
the  desired  section*.  This  Is,  of  course,  not  always  possible.  Thera  era  saveral  e^irlcel  approaches 
which  provide  varying  degress  of  accuracy.  In  addition,  some  promising  approaches  to  analytically  calculating 
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section  ci  will  be  reviewed. 

lmax 

The  first  method  to  be  considered  Is  that  of  Loftin  (Reference  12).  Perhaps  the  best  overview 
regarding  this  nethod  la  Loft in’s  own  consent  "••••  an  approximate  method  for  estimating  the  effect  of  air¬ 
foil  section  on  the  aaxlana  lift  coefficient  has  been  developed.  It  should  perhaps  be  pointed  out  in  the 
beginning  that  this  nethod  aost  certainly  cannot  be  Justified  froa  first  principles;  however ,  It  did  seem 
to  offer  at  least  0  rough  guide  to  the  manner  In  which  a  thin  airfoil  should  be  designed  to  give  a  high 
maxim*  lift  coefficient."  Loftin  nasumed  that  et  a  section  lift  coefficient,  C\t  of  0.1  lass  than 

the  boundary  layer  separation  point  was  between  the  90Z  and  100Z  chord  stations.  The  value  of  the 
parameter  (P2  -  P^/q^  where  P^  Is  the  minimum  pressure  near  the  leading  edge,  ?2  Is  the  pressure 
at  t  ie  90Z  chord  station,  and  q,  is  the  dynamic  pressure  at  the  paak  evaluate*  at  c\  •  (c\  -  0.1) 

was  taken  to  be  indicative  of  critical  conditions  necessary  foj  the  complete  separation  corresponding  to 
maximum  lift.  The  correlation  was  carried  out  for  conventional  NACA  alrfolla  based  on  Theodorsen  potential 
flow  pressures  and  experimental  z\  test  data.  The  critical  value  of  the  parameter  wee  determined  to 
be  0.885  for  values  of  clMX  **  shown  by  the  data  of  Figure  16. 

It  la  emphasized  that  the  application  01'  Loftin *s  approach  la  limited  to  moderately  thin  clrfoils 
exhibiting  leading  edge  stall,  with  nominal  or  preferably  no  trailing  edge  separation.  Misapplication  of 
Lof tin’s  criterion  may  result  In  significant  errors  1c  z\  estimation  as  indicated  In  Figure  17.  As 
can  be  seen,  this  approach  works  reasonably  well  for  thlcknfis  ratios  up  to  about  ten  percent,  but  departs 
substantially  from  the  test  data  for  the  thicker  sections. 

A  second,  more  flexible,  empirical  nethod  Is  that  of  the  USAF  stability  and  control  DATCOM 
(Reference  10).  In  DATCOM,  the  section  clMX  determined  by  use  of  the  relationship: 

Ci  •  (ci  ),  +  A.Ci  +  A-ci  +  A  ,ci 

lmax  1  max  base  1  lmax  2  lmax  3  lmax 

where  (c\My)h  Is  the  basic  uncambered  airfoil  at  -  9  x  IQ6,  end  A^,  A^,  and  A^  are 

c\May  corrtctiSS  for  camber,  thickness,  and  Reynolda  number,  respectively. 

The  various  components  of  c\  are  presented  as  functions  of  a  parameter  AY  which  Is  the 
difference  In  ordinates  (Z  chord)  of  the*upper  surface  of  an  airfoil  between  the  0.15Z  end  6Z  chord  stations. 
Moreover,  AY  is  based  on  the  uncambered  airfoil  having  the  same  thickness  distribution  as  the  elrfoll 
under  consideration.  The  accuracy  of  this  method  aey  be  assessed  by  examining  Figure  18  which  correlates 
calculated  and  experimental  c\mMX  values  for  &  wide  range  of  airfoils. 

More  sophisticated  analytical  methods  are  currently  under  development  which  shear  consldersble 
promise  of  addressing  the  problem  in  a  more  fundamental  manner.  One  such  approach  is  presented  In  Refer¬ 
ence  13,  based  on  a  so-called  "free-streamline"  approach.  In  this  method,  the  separation  point  on  the 
upper  surface  is  determined  by  e  suitable  boundary  layer  routine  operating  on  a  velocity  distribution  which 
has  been  corrected  for  visebua  effects.  Vortices  ars  distributed  around  the  airfoil  surface  except  In  the 
region  between  the  upper  surface  separation  point  and  the  trailing  edge.  A  single  source  is  used  Inside 
the  body  to  give  an  outflow  In  the  separated  region  producing  a  free  streamline.  The  Kuttc  condition  is 
then  satisfied  by  forcing  the  pressures  to  be  equal  at  the  lower  surface  trailing  edge  and  the  upper  sur¬ 
face  separation  point.  A  sample  calculation  for  c^  from  this  reference  Is  presented  in  Figure  19; 
while  there  Is  a  well  defined  break  in  the  lift  curve*5hich  Is  in  agreement  with  the  experimental  value  of 
c^,  the  analytical  solution  shows  a  continuing  Increase  In  lift  after  this  break. 

A  second  analytical  mathod  is  that  developed  by  Jacob  (Reference  14)  and  later  modified  by  Beatty 
'Reference  15).  This  method  simulates  the  airfoil  by  a  distribution  of  vortices  around  the  surface  contour. 

A  separation  point  is  chosen  and  an  angle  of  attack  assumed.  Froa  the  separation  point  to  the  trailing  edge, 
a  source  distribution  is  placed  which  emits  flow  and  thus  simulates  the  separated  region  shape  as  shown  in 
Figure  20.  The  edge  of  this  region  is  determined  by  using  a  streamline  analysis  and  satisfying  the  boundary 
condition  of  constant  pressure  at  points.  A,  B,  end  C.  From  this  model  a  pressure  distribution  is  genersted 
which  is  then  analysed  b/  an  appropriate  boundary  layer  routine.  If  the  boundary  layer  routine  predicts 
separstlon  ct  the  assimed  separation  location  then  the  case  Is  done.  If,  however,  separation  is  calculated 
either  before  or  after  the  assumed  separation  point,  then  the  angle  of  attack  is  changed  and  e  new  Treasure 
distribution  generated.  This  procedure  is  repeated  until  an  angle  is  found  which  will  move  tha  calculated 
separation  point  to  the  same  location  as  the  assumed  separation  point.  The  applicability  of  this  method 
can  be  seen  from  the  lift  curve  in  Figure  21;  while  the  calculated  value  is  approximately  eight  percent 
higher  thee  the  experimental  value,  e  very  definite  round-over  In  the  lift  curve  is  evident. 

Given  that  the  section  maximum  lift  coefficients  for  the  defining  airfoils  ere  determined  by  en 
cpproprlete  method,  an  accurate  knowledge  of  the  spanwlse  lift  distribution  Is  then  required.  Historically, 
the  ability  to  calculate  span  loading  has  een  limited  to  simple  lifting  line  concepts,  wherein  the  wing 
lift  Is  considered  to  be  concentrated  in  a  e*%le  lifting  line  et  the  wing  quarter  chord,  and  requires  that 
the  induced  local  flow  be  parallel  to  the  local  chord  at  a  specified  location,  usually  chosen  as  the  three- 
quarter  chord  line.  Lifting  line  theories  can,  in  fact,  provide  a  good  description  of  span  loading  for 
wings  of  moderate  sweep  and  aspect  ratio.  The  main  shortcoming  of  the  lifting  line  approach  is  the  inability 
to  accurately  simulate  highly  cambered  wings,  such  as  those  with  trailing  edge  flaps  deflected.  These  pro¬ 
blems  have  been  overcome  to  a  considerable  extent  with  so  called  lifting  surface  theories  su^h  es  the  vortex 
lattice  theory  discussed  in  some  detail  in  the  previous  section. 

Given  the  spanwlse  lift  distribution,  the  wing  maximum  lift  is  then  determined  to  the  first  order 
by  the  section  maximum  lift  character is ties  of  the  defining  clrfoils.  The  wing  maximum  lift  coefficient  is 
that  value  et  which  the  local  lift  coefficient  et  any  point  along  the  span  first  reaches  the  value  of  the 
section  maximum  lift  coefficient  along  the  span. 

It  is  again  emphasised  that  this  approach  Is  basically  sound  for  unsvept  wings  and  loses  '  ildity 
as  sweep  is  increased.  This  is  complicated  by  strong  induced  cawber  effects  along  the  span;  the  Ir.  .uced 
effects  tend  to  Increase  the  effective  camber  inboard,  and  decrease  it  outboard,  with  a  resulting  deperture 
from  two-dime nsiou&l  characteristics  on  more  highly  swept  wings.  A  strong  additional  complicating  factor 
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i.  th.  .ff.ct  of  th*  aptowii.  gr.di.ut  on  th*  boundary  layer.  The  addition  of 
for.  dlacontinultiea  can  alao  change  the  jrecterlacice  fro.  thoae  predicted. 


-•callc,  pylons,  end  plan- 


1-  apite  of  ell  tbe  oatenaible  ahortcoalnga  of  thla  approach  to  aatinating  aaxluun  lift,  experi¬ 
ence  haa  ahovn  that  for  conflguratlona  with  aodarate  aweap,  It  doaa  In  feet  work  quite  well.  Figure  22 
illuatretaa  the  application  of  tha  method  for  calculating  tha  maxlauB  lift  coefficient  of  a  wlng-fuaelage 
coeblnatlon  with  a  24*  awapt  wing.  The  aection  maxima  lift  characteriatica  were  calculated  by  the  method 
of  leferanca  12  indicating  a  total  wing  of  1.51.  Thia  comperaa  favorably  with  e  wind  tunnel 

aeaaured  value  of  1.5.  Figure  23  illuatretaa  the  application  of  the  method  for  calculating  the  maxi nun 
lift  coefficient  of  e  wlng-fuaelage  combination  with  e  35*  awapt  wing,  The  aection  tiaxlaum  lift  charecter- 
ietice  were  calculated  for  the  defining  airfoil  aectiona  by  tha  method  of  Reference  10  for  a  free  atreaa 
keynolda  number  of  6  x  10*  par  foot.  Tha  local  apanwlee  lift  firat  achiavea  maximum  lift  at  e  total  wing 
CL  of  1.26.  The  meaaured  CLm1t  for  tha  configuration  waa  1.25. 

3.1.3  Lift  Increment  at  Low  An«la  of  Attack  dua  to  Trailing  Edge  Flapa 

Tha  i.crement  in  lift  at  low  anglea  due  to  tha  deflection  of  trailing  edge  flaps,  aoue- 

tlmea  referred  o  ea  flap  effect ivenaaa ,  ia  dependent  on  ths  section  lift  increment  due  tc  flap  deflection, 
aa  determined  by  moat  methodologiea.  Aa  will  be  diacuaaed  aubaaquently,  lifting  aurfece  theories  can  be 
applied  to  deter  tine  flap  effectiveness  for  moderate  flap  deflectiona. 


by 


wbere 


The  mechod  of  Reference  16  relies  on  a  xnowladge  of  the  aection  flap  af fectlveneas,  end  la  given 


dcLp 


is  the  aection  lift  Inc -ament  due  to  flap  deflection, 
ia  tha  lift-curva  slope  of  the  unflapped  wlug. 
ia  tbe  aection  lift-curve  slope  of  the  basic  airfoil. 


la  the  rytio  of  the  three-dimensional  flap-ef factlveneaa  parameter  to  tbe  two-dimensional 
flap-effactivenasa  parameter,  obtained  from  Figure  24  as  e  function  of  wing  aspect  ratio 
and  the  theoretical  value  of  (nj)  .  The  theoretical  value  of  (o{)  is  obtained 
from  tha  inset  chart  of  the  figure^ 'end  ia  e  function  of  flap  chord  r&lio,  c ,/e. 

is  the  flap-span  factor  obtained  from  Figure  25.  (Mote:  n  la  the  flap  span  station 
expressed  aa  e  fraction  of  wing  aaml-apan. 


A  variety  of  ways  exist  for  determining  the  aection  lift  increment  due  to  flap  deflection, 
ence  10  provides  the  relationship 

Ac'f"  ”  c'0  °«  5f 


Refer- 


where  ci  end  o .  era  as  defined  previously  snd  6.  is  ths  flsp  dsflsction.  Ths  change  In  sngls  dua  Co 
flap  deflection  pirmtir,  a{,  is  giver  In  Reference  10  for  e  variety  of  flep  coof igurstions,  all  empiri¬ 
cally  derived  from  experimental  date.  In  general,  this  approach  provides  an  accurate  description  of  flap 
effectiveness  vnan  combined  with  tha  three-dimensional  relationship.  As  obtained  from  Reference  10,  the 
agreement  between  calculated  and  experimentally  measured  flep  effectiveness  is  seen  to  be  reasonably  good, 
as  shown  in  Figure  26. 


The  limitation  of  the  empirical  approach  described  above  is  that  the  finer  details  of  ths  flsp 
geometry  cannot  be  taken  into  consideration.  This  shortcoming  can  be  circumvented  by  the  availability  of 
two-dime naional  wind  turns}  data  for  the  appropriate  flap  geometry,  or  by  the  application  of  sophisticated 
two-dimensional  potential  flow  end  boundary  layer  solutions  such  as  that  of  Reference  9  as  previously  dis¬ 
cussed.  Tha  ability  of  such  a  program  to  eccvirately  describe  the  flow  characteristics  over  arbitrary  multi¬ 
element  airfoils  is  shown  in  Figure  27  for  a  slcttad  airfoil  with  end  without  a  double  slotted  trailing  edga 
flap*  As  addressed  to  the  particular  problem  of  determining  flep  afreet lvanass,  the  purely  inviscid  solution 
may  ba  applied  up  to  moderate  flap  deflections  to  provide  e  very  accurate  representation  of  section  flep 
effectiveness.  This  esn  be  seen  in  Figure  28  which  compares  the  potential  flow  solution  flsp  sf fsctlvaness 
with  two-dimensional  experimental  values  for  three  different  double  slotted  flep  geometries.  At  ths  higher 
flep  deflections,  the  viscous  effects  become  more  predominant  resulting  in  an  optimistic  prediction  of  flep 
effectiveness.  Iterating  on  the  boundary  layer  solution  would  result  in  closer  egreement  with  tbe  experi¬ 
mental  values.  At  the  lower  flep  deflections,  while  the  viscous  effects  are  significant  with  regard  to 
absolute  Level  of  lift,  they  are  of  second  order  effect  with  regard  to  s  difference  in  lift,  such  as  tha 
csss  of  flap  lift  increment. 


The  eppllcation  of  lifting  surface  th&oncs  can  in  cany  Instances  provide  s  good  direct  estimate 
of  three-dimensional  flep  effectiveness.  Such  an  approach  cannot,  of  course,  consider  tha  mutual  inter¬ 
ference  effects  of  a  multi-element  flep,  or  the  viscous  end  thickness  effects;  however,  e  careful  tailoring 
of  the  camber  distribution  used  in  e  lifting  eurfaca  theory  to  represent  tSe  actual  flap  can  ftive  a  good 
measure  of  flap  effectiveness  when  the  section  properties  are  not  known  a  priori.  Tha  Claaing  vortex  lat¬ 
tice  lifting  surface  theory  (Reference  A)  calculations  of  flep  effectiveness  xre  compered  in  Figure  29  to 
the  experimentally  measured  values  for  tha  DC-9  airplane,  end  in  Figure  30  for  the  DC-10  airplane  indicating 
good  agreement. 


3.1. A  Maximum  Lift  Increment  due  to  Trailing  Edge  Flaps 

Tha  estimation  of  the  'Maximum  lilt  increment  dua  to  trailing  cogs  flep  dsf  loot  ion  Is  based  on 
purely  empirical  approaches.  The  additional  Hit  increment  at  angles  of  attack  prior  to  stall  brought  about 
by  the  increase  in  camber  du«  co  trailing  adge  flaps  is  readily  amenable  tc  analytic  treatment  until  vlacous 
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effects  dominate  ths  flow  as  Is  ths  cue  at  maximum  lift.  Tha  addition  of  trailing  adga  flap*  altera  the 
praaaura  dlatrlbutlon  over  an  airfoil  to  the  extent  that  for  a  given  level  of  lift,  the  leading  sdge  la 
unloaded,  and  the  eft  taction  loading  la  lncreaaed,  relative  to  the  unflepped  airfoil.  The  maximum  lift 
then  occura  when  the  leading  edge  beconaa  loaded  to  the  extent  that  flow  avparatlon  occure  there,  o-  when 

the  adverae  preeaure  gradient  on  the  flap  ltaelf  becoaee  too  aevere  for  negotiation  by  the  boundary  layer. 

To  analytically  eddrasa  thia  problem  la  difficult  enough  for  two-dlaensloial  aectlona.  Present 
two-dimensional  boundary  layer  technlquea  can  accurately  predict  the  flow  aeperetlon  point  on  the  multi¬ 
element  alrfolla  given  a  good  description  of  the  potential  flow  (Reference  9),  provided  that  the  viscous 
flow  over  a  given  element  Is  not  influenced  by  tha  merging  of  wakes  from  forward  elements.  This  In  Itself 
Is  not  adequate  to  estimate  the  maxima  lift  for  airfoils  with  multl-s lament  high  lift  systems.  The  sepa¬ 
rated  wake  flow  must  be  analytically  modeled  so  that,  ea  the  aeperetlon  progresses,  the  lift  can  be  calcu¬ 
lated  to  the  point  that  it  no  longer  increases  with  angle  of  attack.  A a  previously  discussed,  some  wake 

modeling  method*  heve  been  developed  for  single  element  airfoils  which  appear  promising.  At  present,  how¬ 
ever,  this  type  of  approach  for  multi-element  airfoils  is  at  beat  In  the  embryonic  stage.  These  problems 
are  greatly  complicated  by  three-dimensional  effects.  Ho  techniques  presently  exist  for  calculating  flow 
characteristics  over  swept  wings  with  multi-element  high  lift  systems  exhibiting  separated  flow. 

For  these  reasons  tha  calculation  of  flap  maximum  lift  Increment  depends  entirely  on  empirical 
techniques,  which  In  turn  depend  .n  a  knowledge  uf  tl.e  two- dimensional  section  characteristics  with  flaps 
deflected.  The  one  general  method  In  widespread  usage  la  that  of  Reference  10.  This  empirical  relation¬ 
ship  provides  the  section  maximum  lift  Increment  for  plain,  split,  and  slotted  flaps  as 

“w  ■  v*  K»L. 

where  dC(MX  la  the  section  maximum  lift  increment  for  a  25-percent  chord  flap  and  Is  '.eptndent  on 

the  type  of  flap  and  the  thickness  of  the  defining  airfoil.  The  factors  K,,  K^,  and  Kj  account  for  the 
effects  of  flap  chord,  flap  deflection,  and  flap  motion.  The  accuracy  of  this  approach  .-a  he  gleaned 
from  Figure  31.  As  can  be  seen,  the  general  trend  is  good,  although  significant  errors  can  be  realized 
In  some  Instances. 

An  approximate  level  of  flap  maximum  lift  Increment  can  be  obtained  from  thin  airfoil  theory  con¬ 
siderations.  According  to  thin  airfoil  theory  (Reference  17)  the  loedlng  at  the  leading  edge  of  e  centered 
eirfoll  la  the  wane  as  that  of  an  uacanbarad  airfoil  at  a  lift  coafflciant  higher  by  tha  amount  of  one-half 
the  Increment  In  lift  due  to  flep  deflection,  for  venlehlngly  small  flap  chord  ratios.  This  Implies  that, 
for  alrfolla  vhoea  maximum  lift  Is  controlled  by  leedlng  edge  stall,  that  the  flan  maximum  lift  Increment 
Is  equal  to  one-half  tha  lift  increment  provided  et  constant  angle  of  attack  for  small  flap  chorda.  This 
Increment  becomes  smsllsr  ss  ths  flap  chord  ratio  lncraaaas.  Thickness  sffects  will,  of  courss,  sarvs  to 
•acreage  this  level  above  that  glvsn  by  thin  airfoil  thaory.  This  can  be  teen  by  examination  of  tha  corre¬ 
lation  shown  in  Figura  32  for  experimental  dett  measured  from  five  different  double  slotted  flep  arrange¬ 
ments  for  a  9Z  thick  airfoil,  each  with  a  chord  rstlo  of  approximately  35Z.  According  to  chin  eirfoll 
theory,  tha  maximum  lift  Increment  should  be  approximately  40Z  of  ths  lift  Increment  et  constant  engls  of 
attack;  however,  due  to  thickness  sffects  this  level  Is  more  nearly  60Z.  Reference  18  carries  this  approach 
e  'tap  further  to  account  for  finite  thickness  of  ths  airfoil. 

(Ths  section  value  of  flso  maximum  lift  increment  Is  then  used  to  calculate  ths  three-dimensional 
ACi  by  the  relationship 

™X/ FLAP 


wf 

where  Is  tha  rstlo  of  ths  wing  ares  affected  by  ths  trelllng  edge  flep  to  the  total  wing  area.  Ths 

factor  1,  Is  empirically  derived  to  account  for  ths  effects  of  wing  sweep  end  Is  given  by 

h  m  f  -•°8  co,2(Ac/4)]  co*i*’Ac/4- 

In  the  final  analysis,  ths  best  assessment  of  thr* e-dime n* tonal  maximum  lift  Increment  due  to 
flep  deflection  lies  In  measurements  In  the  wind  tunnel. 

3.1.5  Maximum  Lift  Increment  due  to  Leading  Edge  Devices 

Ths  Increase  In  maximum  lift  dus  to  leading  edge  devices  results  from  establishing  flow  conditions 
which  permit  the  elrfnll  to  go  to  e  hlghsr  angle  of  attack  bsfors  stall  occurs.  Ths  estimation  of  this  maxi¬ 
mum  lift  Increment  again  rssorts  to  empiricism,  particularly  for  adjusting  ths  section  values  to  ths  three- 
dimensional  ones.  Ths  sstlms>-lon  of  the  section  value  doss,  however,  land  Itself  to  a  csrtsln  amrunt  of 
analytical  treatment.  Roshko,  In  Reference  17,  proposes  a  method  bend  on  "he  assumption  that  for  airfoils 
exhibiting  leading  edge  stall,  ths  pressure  distribution  at  ths  Isedlng  sdga  Is  tha  same  at  stsll  regardless 
of  ths  camber.  This  Implies  that  ths  stagnation  point  location  Is  st  ths  asms  location  In  all  cases  and  ths 
pressure  distribution  around  ths  noss  Is  s  function  only  of  stagnation  point  location.  From  thin  airfoil 
theory  considerations,  for  an  uncambered  tlrfoll,  ths  flow  comes  smoothly  onto  the  eirfoll  st  zero  degress 
angle  of  attack.  At  othsr  snglss,  s  singularity  dsvalops  at  tha  noss.  For  a  cambered  eirfoll,  ths  flow 
will  corns  smoothly  onto  ths  noss  st  some  other  angle,  In  gsnsral  different  from  zero.  This  angle  is  called 
tha  ideal  angle  of  tttack,  Roshko  proposes  thst  the  changs  In  maximum  lift  dus  to  change  in  leading  edge 
cambsr,  l.a.,  landing  edge  dsvlcs,  is  entirely  due  to  the  change  in  Ideal  angle  brought  about  by  ths  camber. 
This  Is  to  say  thst  ths  prsssurs  distribution  st  the  ncse  on  ths  uncsmbsrsd  eirfoll  at  ths  stall  angle  will 
now  occur  st  an  angle  of  attack  hlghsr  than  this  by  ths  change  In  ldsel  angle  dus  to  cambsr.  Simple  thin 
tlrfoll  thaory  considerations  provide  this  change  In  ideal  angle  of  attack,  end  the  corresponding  change  in 
naxlmum  lift.  A  correlation  of  the  maxlmiai  lift  Increment  calculated  by  this  method  with  experlmsntal  values 
la  shown  in  Figure  33  for  a  thin  eirfoll  with  a  15Z  chord  noes  flap,  showing  rsssonebls  agreement  up  to  about 
25*  deflection  of  noss  flap. 
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The  ebove  approech  cannot,  of  courea,  be  applied  with  any  degree  of  confidence  for  airfolla  with 
Bultl-alaaant  leading  edge  devlcee  euch  ae  a  elet.  Another  approech  is  auggested,  using  the  crlteron  that 
the  ultiaate  waxlaai  lift  achlevebla  la  Halted  by  exceeding  eupereonic  flow  locally  on  tha  noae  of  the 
airfoil.  This  la  not  to  eay  that  this  will  alweye  be  tha  case.  Indeed,  in  tl.e  three-Jlaenaional  eituatlon 
aany  coaplax  factora  enter  into  the  control  of  naxiaua  lift.  It  le  rether  auggaeted  that  tha  highest 
achievable  level  of  naxiaua  lift  will  be  Halted  by  exceeding  sonic  flow  locally  but  could,  of  courae,  be 
below  this  due  to  other  factore.  Observations  of  two-diaenaional  wind  tunnel  teet  date  aaea  to  eupport 
this,  as  cen  ba  even  in  Figure  34.  The  ainlnua  pressure  coefficient,  C.,  aeaeured  et  the  leeding  adge 
et  ci  la  shown  for  eaverel  values  of  c;  ,  These  pcinte  represent  gaoaetriee  with  several  flap 
deflections  and  different  leading  edge  devices  Tend  eoae  geoaetrias  with  no  lauding  edge  device.  As  can 
be  aaen,  the  values  era  all  vary  close  to  the  critical  value  corresponding  to  the  frae  t tream  Mach  nuaber 
of  0.2  in  tha  wind  tunnel.  It  should  be  recognized  that  the  pressure  gradients  at  the  se  for  these  high 
lift  conditions  ere  vary  etaep,  with  significant  preeeure  chengee  occurring  over  dletanceo  that  are  on  the 
order  of  the  aise  of  the  preseure  orifice;  thie  ceusea  eoae  difficulty  in  extremely  accurete  pressure 
aeasureaenta,  though  it  le  reasonable  to  eseuae  that  the  flow  la  near  sonic  in  all  cases. 

The  flow  phenomenon  which  produces  this  limiting  condition  by  slightly  exceeding  the  eonic  con¬ 
dition  ie  uncleer.  It  aay  perhaps  be  due  to  the  formation  of  weak  shocks  during  daceleretion  from  euper¬ 
eonic  flow;  thie  may  be  euffidant  to  ceuse  flow  separation  due  to  the  pressure  jump  ecroae  the  shock, 
Imposed  on  an  already  severe  adverse  grediant. 

Assuming  that  the  critical  value  of  preeaure  coefficient  can  be  used  es  e  guideline  for  maximum 
lift,  sophisticated  potential  flow  solutlone  can  be  utilized  to  calculate  the  maximum  lift  Increment  due 
to  leading  edge  devices.  The  potential  flow  eolution  Is  calculated  for  e  variety  of  lift  coefficients  for 
the  high  lift  geometry  (i.a. ,  flapped  airfoil)  both  with  and  without  leeding  edge  device,  and  the  difference 
in  lift  coefficient  et  which  the  critical  c  le  reached  for  the  two  geometries  is  e  meseure  of  the  maxl- 
■a  lift  increment  for  the  leading  edge  device. 

A  comparison  of  the  calculated  maxlmas  lift  increment  using  this  approach  beeed  on  the  method  of 
Reference  9,  and  experimental  values  for  an  airfoil  with  a  double  slotted  flep  deflected  5*,  for  several 
leeding  edge  slat  deflections  la  shown  in  Figure  35.  While  the  predicted  value  la  generally  above  the 
experimental  level,  it  le  interesting  to  note  that  the  shapes  of  the  two  curves  ere  very  similar.  The 
probebla  raeson  for  the  ovaroredlctlon  at  tha  lower  elat  deflection  anglej  le  thet  the  control  of  stall  is 
dominated  by  trailing  adge  separation  rethar  than  conditions  et  tbe  leading  edge.  As  the  slat  deflactlon 
le  increased,  the  control  of  etall  la  determined  by  leading  edge  conditions,  giving  cloeer  agreement  between 
the  measured  and  calculetad  values. 

For  full  epan  elate  on  three-dimensional  wlnge,  the  primary  parameter  effecting  tha  maximum  lift 
Increment  would  appaer  to  be  tha  wing  eveep,  with  slet  performance  decaying  rougl'y  with  the  aquara  of  tha 
cosine  of  tha  sweep  engle.  Thie  is  lndlceted  by  the  accimmlstion  of  elat  performance  deta  eh own  in  Figura 
36.  An  emplricel  epproech  for  estimating  elat  maximum  lift  increment,  4Cu,,Y  ,  for  full  epen  elete 
would  then  ba  elmply  SLAT 

4CLm>X  SLAT  '  (iC,“*)slet  Ka 

where  Ac\  ie  the  epproprlete  section  velue  and  is  the  empiricel  fector  ehovn  in  Figure  36 

to  eccouut  ?or  stop.  A 

It  ie  important  to  ncta  thet  eignificant  reductions  in  this  performance  can  be  brought  ebout  by 
interruptions  in  rhe  leading  edga  by  nacellee  and  pylone.  This  effect  muet  ba  easeaeed  by  eppropriete 
three-d lmeneional  wind  tunnal  tests. 

3.1.6  Total  Configuration  Maximum  Lift 

Aa  can  be  evidenced  by  the  previoue  discussions,  the  estimation  of  eirplene  maximum  lift  ie 
generally  baaed  on  e  lineer  buildup  of  the  verioue  eirplene  components  contributing  to  tha  maximum  lift, 
euch  ee  clean  wing,  leeding  edge  devlcee,  end  trailing  edga  flepe,  end  the  horizon tel  teil  loed  required 
to  trim  the  pitching  moment  et  maximum  lift.  In  general,  thie  epproech  works  reasonably  well,  as  cen  be 
eeen  in  Figure  37  which  comperee  eetlmated  and  flight  measured  values  of  maximum  lift  for  e  variety  of  eir- 
plenee  for  different  flep  eattings,  both  with  and  without  1  eding  edge  devices. 

While  the  agreement  between  measured  end  calculated  i*  generally  good  for  thoee  configu¬ 

rations  ehewn,  it  is  not  to  eey  that  the  epproech  of  using  e  lineer  ji  ildup  is  not  without  ite  disadvan¬ 
tages.  To  e  large  extent,  the  methode  which  estimate  these  characteristics  ere  empiricel  in  nature.  This 
can  lead  to  obvious  difficulties  for  advanced  concepts  which  heve  geometries  deperting  from  thoee  upon 
which  the  empirical  date  is  besnd.  Further,  complicating  interference  effects  may  be  introduced  which  can 
only  be  determined  from  wind  tunnel  testa  of  the  epproprlete  geometry. 

3.1.7  Lift  in  Ground  Effect 


During  the  portions  of  the  takeoff  and  lending  when  the  eirplene  ie  in  proximity  to  the  ground, 
it  will  experience  e  chenge  in  lift  characteristics;  et  e  given  geometric  engle  of  attack,  the  lift  will 
be  higher  or,  et  e  given  level  of  lift,  the  effective  angle  of  etteck  will  be  lower,  et  least  up  to  e  cer¬ 
tain  point.  The  incremental  angle  of  ettec*  decrease  due  to  ground  effect  can  be  predicted  by  Prendtl's 
multi-plene  interference  fectore  as  applied  to  ground  operetlon  by  Wieeeleberger  (Reference  19).  The  mathe¬ 
matical  model  in  this  method  ie  formed  by  two  horeeehoe  vortices  representing  the  real  wing  end  en  image 
locetad  twice  the  ground  height  below  the  wing  to  form  a  ground  plene  streamline.  The  lifting  line  theory 
treatment  ie  simplified  to  evaluate  only  the  induced  verticel  velocity  et  the  reel  wing  due  to  the  image 
wing  treiling  vortices.  A  comperlson  of  wind  tunnel  measured  angle  of  etteck  changes  for  severe!  flep 
deflections  with  that  predicted  by  the  method  of  Reference  19  is  shown  in  Figure  38.  As  can  be  eeen,  the 
method  does  reaaonebly  well  in  the  lineer  portion,  but  departe  from  the  dete  in  the  higher  lift  coefficient 
range.  The  method  of  Tani  (Reference  20)  attempts  to  refine  the  epproech  by  including  the  effect  of  the 
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bound  vortex  In  cha  Image  syecsn,  which  accounts  for  the  longitudinal  velocity  induced  et  the  real  wing 
and  ths  resulting  circulation  change,  es  well  as  the  Induced  effects  due  to  ths  image  trelllng  vortices. 

The  egreement  is  reaeonably  good  is  the  linear  renge,  end  it  attempts  to  calculate  ths  non-linear  effects, 
but  ovsrpvedlcts  l.'nc  magnitude  of  the  change.  Accurete  lift  predictions  ere  required  in  ground  effect  up 
to  the  ground  er;i«  limit  for  VMU  estimation  es  this  has  e  direct  sffsct  on  the  tekeoff  field  length  es 
prsvlously  discussed.  As  noted  in  the  figure,  the  reprsssntetive  lift  coefficient  for  V^j  is  well  into 
the  non-linear  region  vhers  the  methods  become  unreliable.  As  s  result,  empirical  methods,  or  more  pre¬ 
ferably,  wind  tunnel  ground  effect  tests  of  the  configuration  are  required.  A  more  sophisticated  treatment 
of  the  local  induced  velocity  et  the  wing  is  required,  which  should  Include  :he  effects  of  camber  as  modi¬ 
fied  by  viscous  effects. 

No  consideration  is  given  to  ground  effect  on  maximum  lift  since  this  is  demonstrated  only  in 
frse  elr,  end  the  tekeoff  speeds  ere  et  least  twenty  percent  above  the  spends  corresponding  to  those  et 
'aximum  lift. 


3.2  Dreg  Characteristics 

Ths  accurate  estimation  of  alrplans  dreg  characteristics  le  considerably  mors  difficult  than  thet 
of  the  lift  characteristics.  This  is  primarily  due  to  the  flow  being  dominated  by  viscous  effecte;  with 
the  single  exception  of  the  lnvlscld  contribution  to  the  dreg  dus  to  lift,  no  viscous  aspects  of  the  pro¬ 
blem  ere  currently  amenable  to  analytical  treatment.  Ths  zero  lift  peraslte  dreg  computations  for  the 
clean  configuration  *rs  empirically  built  up  from  sound  tvo-dlmenslonel  analytical  cons lderet ions;  no  such 
analytical  treatment  is  evallable  for  multi-element  high  lift  systems. 


The  problem  is  complicated  by  the  presence  of  many  non- aerodynamic  shapes  when  e  high  lift  system  Is 
deflected,  such  es  flap  structural  tracks,  screw  jacks,  linkages,  and  open  cevltles  in  flap  wells.  This 
is  compounded  by  the  presence  of  highly  three-dimensional  flows  et  high  lift  coefficients,  in  both  the  vis¬ 
cous  end  lnvlscld  sense.  For  thaee  reasons,  the  estimation  of  the  parasite  dreg  contribution  due  to  high 
lift  device  dreg  is  strongly  dependent  on  experimental  date. 


3.2.1  Clean  Configuration  Dreg 


A  good  approximation  to  a  clsan  configuration  (high  lift  systems  retracted)  low  speed  dreg  polar 
Is  that  represented  by  the  clesslcal  perebollc  poler 

CT2 
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where  CDq  i«  the  dreg  et  rero  lift,  and  — ~  le  the  lift  dependent  dreg.  In  the  etrict  eenee,  the  dreg 
polere  ere  not  perebollc;  in  the  precticel  Senee,  however,  thie  repreeentetlon  le  e  reeeoneble  one.  Thie 
can  be  eeen  fro«  the  repreeentetlve  DC-10  flight  meeeured  poler  ehown  in  Figure  39,  which  lndlcetee  thet  the 
dreg  due  to  lift  le  llneer  with  C‘  throughout  the  renge  of  lift  coefficient.. 


Ths  zero-lift  pareslts  drag  with  the  high  lift  system  retracted  is  estimated  by  empirical  methods 
which  rely  heavily  on  wind  tunnel  end  flight  test  date  gathered  during  previous  transport  development  pro¬ 
grams.  The  beslc  equivalent  parasite  dreg  for  ths  Individual  eirplene  components  is  defined  es 


WcOMP 


where  Cf  is  the  flat  plete  skin  friction  coefficient,  including  the  effects  of  roughntss,  end  K  is  a 
form  fector  which  accounts  for  the  effects  of  thickness,  s\  p-srvelocities,  end  pressure  dreg.  swet^srsf 
is  the  ratio  of  wetted  area  to  the  refersncs  area.  ^  1 


Ths  flat  plete  skin  friction  coefficients  can  be  obtained  from  Reference  21  for  fully  turbulent 
flow  and  ere  based  on  the  ^haracCerlstic  length  of  each  component.  The  charecterletlc  length  for  e  body 
(fuselege,  nacelle)  is  the  overall  length  and  for  eerodynmlc  surfaces  (wing,  tall,  and  pylon)  it  is  the 
exposed  mean  aerodynamic  chord.  Roughness  affects  ars  due  to  excrescences  such  es  protruding  rivets,  steps, 
geps,  end  bulges  in  the  skin,  etc.,  which  result  from  typical  manufacturing  procedures.  Thie  is  eccounted 
for  (Reference  21)  by  an  equivalent  roughness.  This  equivalent  roughness  hee  been  determined  by  equating 
the  flight  test  zero  lift  parasite  dreg  for  the  DC-8,  DC-9,  end  DC-10  to  e  detelled  estimate  of  the  pareelte 
drag  and  solving  for  roughness.  This  value  hee  been  determined  to  be  0.00095  inch  end  la,  within  the 
accuracy  of  the  flight  date,  e  constant  value. 


The  form  fector  for  eerodynemlc  surfaces  is  a  function  of  everege  thickness  ratio  end  of  the 
sweep  of  the  surface,  end  may  be  determine^  rom  Reference  22,  or  epproprlete  two-  end  three-dimens lone 1 
wind  tunnel  data.  The  form  fector  for  aer  :  lamic  bodlee  is  e  function  of  overell  body  finances  ratio  end 
may  also  be  determined  from  Reference  22  or  epproprlete  wind  tunnel  date. 

In  addition  to  the  beslc  form  drag  of  the  nacellee  there  may  be  base  dreg  due  to  the  design 
requirements  in  stowing  the  thrust  revereer.  The  epproprlete  base  drag  coefficients  can  be  obtained  from 
Reference  23.  An  additional  miscellaneous  excrescence  dreg  is  due  to  protuberances  such  ee  light  end 
antenna  fairings,  drain  meets ,  probes,  unevoldable  mismatches,  holes,  elrcondltlonlng  system,  etc.  which 
ell  aircraft  ere  required  to  have.  Experience  et  Dougles  beeed  on  e  detailed  analysis  of  the  DC-8,  DC-9, 
end  DC-10  elrcreft  hae  ehown  this  dreg  Increment  to  be  e  constent  percentage  (M)Z)  of  the  beslc  pereelte 
dreg. 


The  zero-lift  wing  twlet  dreg  cen  be  obtelned  analytically  from  an  appropriate  lifting  surfece 
theory  such  es  the  Cleslng  Vorter.  Lattice  program  (Reference  4). 

The  representation  of  the  dreg  due  to  lift  for  the  perebollc  poler  le 
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vhare  la  the  ao-callad  airplane  efficiency  fector  vhlch  eccounta  for  the  departure  of  lift  dependant 
drag  froa  that  dua  to  elliptic  loading  and  for  the  variation  of  pataalta  drag  with  lift.  The  Induced  dreg 
aay  be  written  ae  the  aua  of  an  lnvlecid  contribute  nd  e  vlacoua  contribution 


^1  "  (Cci)  +  (^i) 

1  '  'lnvlecid  '  1/' 


'vlacoua. 


The  lnvlatld  cor'rlbutlon  say  be  daterslned  froa  appropriate  methods,  such  et  thote  of  Referencee  3 
through  6  or  24.  The  vlacoua  contribution  to  the  Induced  drag  muat  necessarily  be  emplricelly  determined 
from  experimental  data.  The  parasite  drag  la  l:lit  dependent  due  to  the  thickening  of  the  boundary  leyer  as 
tha  prassure  gradients  Increase  with  Increasing  lift,  and  le  assumed  to  be  linear  with  lift  coefficient 
squared: 


M. 


vlecous 

The  total  lift  dependent  dreg  may  then  be  written  ee 

cDi  -  (cDl) 

from  which  _ 

f(Cp^) lnvlecid 


/lnvlecid 
1 


KCL 


i  vr  2  a  —  — 

tJRe 


w  JR 


(Cdi) 


3" 


+  K 


where  - le  merely  the  elope  of  the  celculeted  lnvlecid  dreg  poler. 


The  parameter  ’ K ’  hat  been  empirically  determined  from  evalleble  flight  measured  low  speed  dreg 
polera  and  found  to  be  primarily  e  function  of  wing  sweep.  Applying  this  empirically  determined  vlecous 
contribution,  with  the  appropriate  value  of  the  lnvlecid  dreg  polar  elope  to  the  above  relationship,  the 
value  of  'e*  wee  celculeted  fer  a  verlety  of  conf iguratlous,  and  le  compered  to  the  flight  maeeured  values, 
ae  ihown  i»»  Figure  AO.  Ae  can  be  seen,  tha  agreement  la  generally  good.  It  le  egeln  emphasized  thet  the 
parebollc  ^olar  le  en  epproximation,  es  flight  measured  polera  Indlcete  some  distortion  from  this.  Given 
that  enough  carefully  measured  flight  polare  were  available  for  a  verlety  of  coaf lguret lens  one  could 
undoubtedly  arrive  et  additional  empirical  relationships  to  account  for  this.  It  is,  however,  far  more 
desirable  to  continue  development  of  three-dimensional  vlecous  enalytlcel  tools  which  can  provide  e  more 
fundamental  epproach  to  the  solution  of  the  problem. 

3.2.2  Dreg  due  to  Trailing  Edge  Flaps 

The  dreg  Increment  due  to  the  deflection  of  trailing  edge  flaps  results  from  both  e  parasite  drag 
Increase  and  an  Increase  In  Induced  dreg.  The  psraelte  drag  Increment  due  to  the  deflection  of  trailing 
edge  flaps  presents  ona  of  the  more  chellenglng  low  speed  characteristics  to  estimate.  As  previously  men¬ 
tioned,  the  non-eerodynomlc  shapes  such  es  the  flep  actuating  structure  which  become  exposed  when  the  flaps 
are  deflected  creates  a  very  complex  flow  picture  which  is  et  best,  difficult  to  assess.  This  Is  over  and 
above  the  consideration  thet  no  three-dimensional  viscous  analytical  tools  sre  available  to  provide  e  firm 
theoretical  foundation  for  eetlmatlng  the  dreg  due  to  flaps. 

There  ere,  however,  several  promising  two-dimensional  techniques  which  can  assess  the  vlecous 
solution  of  erbltrary  multi-element  elrfolls,  such  as  References  7,  8,  9,  and  25.  These  approeches  ere, 
however,  limited  In  their  ability  to  calculate  drag.  Goredle,  In  Reference  8,  using  en  Integral  boundary 
layer  solution,  accounts  for  the  presence  of  the  weke  from  e  forward  element.  This  epproech  provides  good 
correlation  witb  experimentally  measured  boundery  leyer  characteristics,  though  the  reference  does  not  pro¬ 
vide  any  correlations  with  measured  dreg  date.  Similarly,  References  7  end  9,  while  providing  very  good 
agreement  with  experimentally  measured  prassure  distributions  and  lift  and  pitching  moment  characteristics, 
have  not  addressed  the  dreg  problem. 

A  first  order  epproach  utilizing  the  potential  and  viscous  eolutions  for  nultl-elemant  elrfolls. 

Is  to  seperetely  apply  to  each  element  the  method  of  Squire  and  Young  (Reference  26)  which  requires  a  know¬ 
ledge  of  the  momentum  thlcknese  end  the  potential  flow  velocity  et  the  trelllng  edge.  This  epproech  works 
quite  well  for  eingle  element  elrfolls  (Reference  27).  It  does  not,  however,  lend  Itself  to  multi-element 
airfoils,  partly  because  It  does  not  consider  the  complex  merging  effects  thet  occur  with  the  boundery 
layers  of  the  verlous  elements.  More  fundamental  than  this  may  be  that  the  underlying  assumptions  to  the 
method  era  violated  In  the  presence  of  the  esymmetrlcel  and  highly  curved  weke  aseocleted  with  multi-element 
elrfolls  under  high  lift  conditions.  In  the  final  analysis,  the  true  solution  to  calculating  the  dreg  for 
multi-element  elrfolls  must  lie  In  extending  the  calculation  downstream  Into  the  weke,  and  determining  the 
velocity  distribution  In  that  region. 

One  Is  left,  then,  with  a  dependence  on  experimental  date  for  calculating  the  parasite  drag  of 
trelllng  edge  flaps.  References  10  end  28  provide  experlmen telly  derived  section  parasite  drag  Increments 
for  relatively  simple  flepe,  such  es  epllt  flaps  end  single  slotted  flaps  but  do  not  provide  data  for  more 
sophisticated  double  and  triple  slotted  fleps,  such  es  those  currently  In  vide  usage  on  transport  aircraft. 
There  era  verlous  veys  of  correcting  this  section  data  to  three-dimensional  values  to  adjust  to  part  span 
levels,  such  es  given  In  Reference  28.  Where  previously  eetebllshed  section  dete  do  not  provide  levels  of 
flap  peraslts  dreg  for  mors  sophisticated  trelllng  edge  fleps,  this  level  must  be  extracted  from  three- 
dimensional  dete  for  similar  geomet\7. 


Ths  Induced  dreg  Increment  due  tc  the  deflection  of  trailing  edge  flaps  results  from  the  dletor- 
tlon  In  span  loading  et  e  constant  lift  coefficient,  that  Is,  e  twist  dreg  Increment.  Thle  Increment  Is 
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fer  more  amenably  Co  analytic  treatment  Chan  is  Cha  caaa  for  tha  paraaiCa  drag  increment.  Tha  difficulty 
is  Chat  Cha  determination  of  this  increment  has  no  tastability;  that  is,  it  cannot  be  determined  par  sa  from 
experimental  maesuremants  since  any  three-dimensional  dreg  increment  dua  to  flep  deflection  includes  both 
the  parasite  and  induced  dreg  contributions. 

Tha  assumption  must,  therefore,  be  that  if  tha  span  loading  can  be  accurrtaly  calculated,  than  tha 
resulting  induced  drag  is  implicitly  correct.  Tha  various  lifting  surface  theories  can  be  applied  to  accu¬ 
rately  calculate  the  span  loeding  for  clean  wings  with  no  flaps.  This  task  requires  considerably  more  care 
in  tha  case  of  large  flep  deflections.  Given  that  an  accurate  representation  of  the  effective  camber  line 
can  be  made,  good  agreement  between  calculated  and  measured  span  loadings  can  be  achieved  using  methods  such 
as  tha  vortex  lattice  lifting  surface  theory  of  Reference  4.  Figure  41  shows  such  a  correlation  for  a  part- 
sp^n  double-slotted  flep  deflected  50*,  indicating  good  agreement.  In  principal  than,  the  resulting  induced 
drag  increment  due  to  the  distortion  of  tha  loading  over  and  above  the  basic  clean  wing  loading  will  be  tha 
appropriate  value. 

Tha  total  flap  drag  increment  is  than 

ACDF UP  *  (ACD p)  +  (ACDt) 

\  FLAP  \  V  FLAP 

where  (AC«  )  is  the  section  value  adjusted  for  span  and  |ACD  ]  is  the  value  of  induced  drag  dua 

*  ^'flap  \  VFLAP 

to  span  loading  distortion. 

3.2.3  Drag  dua  to  Leading  Edge  Devices 

The  estimation  of  the  drag  increment  due  to  leading  edge  devices  is  as  difficult,  if  not  more  so, 
than  that  of  tha  trailing  edge  flaps.  In  attempting  to  analytically  calculate  the  section  parasite  dreg  of 
a  leading  edge  slat  by  the  Squire-Young  method,  based  on  the  potential  flow  end  viscous  solutions  from  tha 
msthod  of  Reference  9,  which  do  not  consider  the  possibility  of  separated  flow  on  tha  slat  lower  surface, 
one  find*  even  more  disparity  between  theory  snd  experiment  as  shown  in  Figure  42.  A  secondary  message  to 
this  figure  might  be  noteworthy  to  tha  designer,  in  that  tha  theoretical  level  might  represent  something 
of  a  lower  bound  of  dreg  to  strive  for  as  a  goal. 

The  vary  wide  variety  of  leading  edge  device  geometries  which  can  be  ueed  for  improving  low  spaed 
characteristics,  such  as  slats,  slots,  and  leading  edge  flaps,  makes  it  difficult  to  lend  even  en  empirical 
approach  to  the  estimation  process.  One  is  than  left  with  an  almost  complete  dependence  on  experimental 
data  to  estimate  tha  drag  increment  resulting  from  a  leading  edge  device. 

3.2.4  Miscellaneous  Drag 

Several  additional  considerations  of  drag  must  be  made  prior  to  arriving  at  the  total  drag  char¬ 
acteristics  for  any  airplane  in  tha  high  lift  configuration.  Thera  are  several  increments  of  drag  which 
must  be  included  for  landing  or  rejected  tekeoff  calculations,  such  as  dreg  due  to  spoilers  end  landing 
gear.  Within  tha  experience  of  this  euthor,  no  methods  as  such  exist  for  calculating  this  type  of  drag 
increment.  Both  of  these  examples  are  strongly  configuration  dependant;  spoiler  drag,  for  example,  is  not 
only  dependent  on  tha  type  of  spoiler  but  tha  type  of  trailing  edge  flap  system  as  well.  This  results  from 
the  apollars  separating  tha  flow  ov':r  tha  flaps,  and  increases  with  increasing  flap  deflection  for  a  fixed 
spoiler  geometry  as  can  be  seen  in  Figure  43,  for  sxampls,  from  the  spoilsr  drag  incremant  for  tha  DC-9 
airplane  as  measured  in  tha  wind  tunnel.  The  level  of  drag  dua  to  spoilers  for  no  flap  deflection  could 
probably  be  estimated  from  simple  considerations  of  the  drag  of  flat  plates  normal  to  tha  flow.  This  is, 
however,  only  a  small  portion  of  tha  total  drag  due  to  spoilers  et  high  flap  deflections.  Additional  con¬ 
tributions  to  tha  spoiler  drag  result  from  changes  in  the  induced  drag  characteristics  dua  to  distortion  in 

the  spen  loading,  and  dua  to  ths  fact  that  the  spoiler  is  operating  in  an  incraseingly  higher  velocity  field 

as  flap  deflection  ie  increased.  Tha  drag  incremant  due  to  spoilers  is  best  obtained  from  wind  tunnel  data. 

This  is  similarly  true  with  the  drag  incremant  dua  to  landing  gear.  References  such  as  22  can  be 

used  to  estimate  the  parasite  drag  of  wheele,  etruts,  cavities,  doors,  ate.  However,  tha  drag  increment 
may  vary  with  flap  deflection,  depending  on  the  relationship  of  tha  gear  geometry  to  tha  flap  system.  Pre¬ 
sumably  thir  results  from  the  downwesh  field  induced  by  the  flepe.  This  cen  be  seen  in  Figure  44  for  the 
experimentally  measured  landing  gear  drag  incremant  for  tha  DC-8  airplane;  this  same  trend  of  decreasing 
drag  Increment  with  increasing  flap  deflection  ie  aleo  evident  on  tha  DC-9  end  DC-10  eircraft. 

Two  other  drag  contributions  must  be  considered  for  the  low  speed  performance  calculations  which 
result  from  balancing  tha  forces  and  moments  on  tha  airplane,  that  of  longitudinal  trim,  and  thet  of  lateral- 
directional  trim  in  the  instance  of  a  thrust  loss  dua  to  engine  failure. 

Tha  balance  of  forces  end  moments  to  be  coneidarsd  for  the  longitudinal  trim  ceea  is  shown  in  the 
force  diagram  of  Figure  45.  This  results  in  *  change  to  the  total  airplane  drag  due  to  the  load  carried  on 
tha  horizontal  tail.  Tha  trim  dr-g  increment  is  made  up  of  three  main  components,  which  arc.  for  a  fixed 
level  of  airplane  lift  coefficient:  1)  tha  change  in  tha  airplane  tail-off  induced  drag  due  to  tha  lift 
on  tha  horizontal  tail,  2)  tha  Induced  drag  of  the  horizontal  tail,  and  3)  tha  drag  (or  thrust)  increment 
dua  to  rotation  of  tha  tail  lift  vector  which  reeults  from  inclination  of  the  local  onset  flow  in  tha  pre¬ 
sence  of  tha  wing  downwesh  field. 

Tha  level  of  trim  drag  Incremant  ie  primarily  dependant  on  the  airplane  tell  length,  the  amount 
of  static  margin,  and  the  amount  of  high  lift  system  employed.  In  general,  the  amount  of  uncertelnty  intro¬ 
duced  will  be  dependant  on  tha  accuracy  of  determining  the  pitching  moment  and  the  downvaeh  at  the  tail. 
Figure  46  pro /ides  an  indication  of  tha  sensitivity  of  the  trim  drag  increment  to  these  parameters  for  a 
typical  tranepert  airplane  trimmed  in  a  cllmbout  configuration.  As  can  be  seen,  the  trim  dreg  represents 
roughly  five  percent  of  tha  total  eirplane  drag  at  tha  V2  condition.  For  thic,  particular  case,  tha  trim 
drag  is  relatively  insensitive  to  accuracy  in  pitching  moment,  there  being  less  thau  one  quarter  of  cne 
percent  change  in  airplane  drag  for  a  101  change  in  pitching  moment.  However,  it  is  evidsnt  that  the  trim 
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drag  hu  considerable  sensitivity  Co  Che  downwash  accuracy,  in  ChaC  an  uncercaincy  of  .5*  can  reaulc  in  a 
one  percenc  change  in  CoCal  airplane  drag.  The  significance  here  is  ChaC  Che  downresh  should  besc  be 
dsterained  froa  wind  cunnel  cases,  since  Chare  are  no  suitably  accurace  mechods  for  predlcclng  Che  acrong 
3-D  effeecs  which  can  be  encounCerad  in  Che  high  life  conf lguradon. 

The  balancing  of  forcea  and  assents  Co  be  sccoaplished  in  Che  evsnC  of  an  angine  failure  is  shown 
in  Figure  47.  This  ausc  be  considered  in  cakeoff  conpucadons  as  Che  airplane  ausc  be  able  co  condnue  a 
Cakeoff  in  Che  evenc  of  angine  failure  aC  a  spead  equal  Co  or  greacar  chan  Che  decision  speed,  ea  prevloualy 
discussed  in  Che  lncroducdon.  Balancing  Che  resuldng  asyssaetry  will  reaulc  in  an  increaencal  drag. 

The  loas  of  an  angine  as  shown  in  Figure  47  vlll  incroduce  a  yawing  eoeenc  due  co  Che  chruac 
asyiaeecry  and  th*  win drilling  jet  drag  on  Che  engine  which  has  baen  shuC  down.  This  yawing  aonent  can  ba 
balanced  by  side  force  due  Co  aldealip  and  rudder  deflecdon.  This  neC  side  force  can  Chen  be  balanced  by 
varying  an ounce  of  bank  angle;  however,  Che  airplane  will  generally  be  flown  wlch  wings  level  (0°  bank 
angle)  which  will  Chen  require  ease  sideslip.  The  aldealip  and  rudder  deflecdon  produce  a  rolling 
aoaent  which  ausc  be  balanced  by  deflecdon  of  ailerons  and/or  spoilers.  The  nec  reaulc  of  Che  loss  of 
an  engine  which  produces  an  aaynaetric  C hr use  la  ChaC  Che  airplane  eusc  be  balanced  in  yawing  eoeenc,  aide 
force  and  rolling  eoeenc.  This  resulcs  in  drag  lncrasencs  due  Co  sideslip,  rudder  and  aileron  (and/o: 
spoiler)  deflecClons,  windellling  engine  drag,  and,  if  Che  airplane  is  noC  flown  wings  level,  chere  will  be 
a  sllghc  lncrenenc  in  induced  drag  due  to  increased  angle  of  accack  Co  ealncain  level  fllghc. 

Clearly  Che  eotiastlon  of  Cheoa  forcea  is  noC  a  simple  naccer.  There  are  empirical  mechods  depen¬ 
dent  on  gross  parameters  such  ea  tall  length  and  engine  moment  arm,  which  suffice  for  preliminary  design 
work.  ?or  a  more  careful  analysis,  however,  Che  lateral  and  directional  characteristics  must  be  known  from 
wind  tunnel  measurement*.  A  representative  drag  incr ement  due  Co  engine  out  condition  is  shown  in  Figure  48 
es  determined  from  wind  tunnel  measured  chsracteristics,  for  a  range  of  sideslip  angles.  The  verlous  com¬ 
ponents  of  the  total  drag  Increment  are  also  shown  in  the  figure.  For  Che  particular  geometry  represented 
here,  Che  drag  increments  due  to  rudder  deflection  and  sideslip  dominate  Che  picture  as  conCraated  to  the 
various  ocher  lncreswncs;  this  picture  will,  of  course,  vary  for  different  conf iguratlona. 

3.2.5  Drag  in  Ground  Effect 

During  the  course  of  ground  takeoff  acceleration,  or  deceleration  during  landing  when  .Che  airplane 
is  in  proximity  Co  the  ground,  it  experiences  a  reduction  in  Induced  drag.  This  results  from  a  reduction  of 
Che  downwash  from  the  lifting  field  of  .  wing.  The  methods  of  Wleselsberger  deference  19)  and  Tanl 
(Reference  20)  prevloualy  discussed  can  be  applied  with  good  success  to  the  estimation  of  the  drsg  reduction. 
A  comparison  of  the  estimations  using  both  these  methods  is  shown  in  Figure  49  with  experimentally  measured 
dsta  for  a  configuration  with  flaps  retracted  and  slats  extended.  As  can  be  seen,  the  theories  do  a  reason¬ 
able  job  of  estimating  the  Induced  drag  reduction.  In  addition  to  these  two  methods,  a  calculation  is  shown 
based  on  the  vortex  lattice  llfcing  surface  theory  of  Cleslng  (Reference  4)  for  the  wing  and  its  image.  As 
can  be  seen,  there  la  essentially  no  difference  between  the  lifting  su’-face  and  the  simple  lifting  line 
concepts .  An  additional  correlation  la  shown  in  Figure  SO  for  several  flapped  configurations  using  ths 
method  of  Reference  19  for  ground  heights  encompassing  Che  range  of  angles  of  attack  tested.  Again,  good 
agreement  la  shown  in  the  linear  region  beyond  which  the  method  overpradlcts  the  drag  — ductlon.  As  pre¬ 
viously  discussed,  the  sensitivity  of  takeoff  field  length  to  drag  is  rather  small,  except  in  chose  cases 
wherein  the  airplane  is  second  segment  climb  limited,  which  le  determined  by  drag  out  of  ground  effect. 

3.2.6  Total  Configuration  Drag 

The  buildup  of  the  total  drag  of  the  complete  airplane  polar  in  the  high  lift  configuration  is 
assumed  to  be  a  component  buildup  referenced  to  the  clean  configuration;  the  total  drag  is  then 
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whers  Cp  Is  Che  clean  conf Iguretlon  drag  at  zero  lift,  and  *e*  la  the  efficiency  factor  for  tha  clean 
configuration.  This  la  an  artificial  approach  in  the  sense  that  the  clean  configuration  would  not  be  flown 
at  the  same  lift  coefficients  as  those  of  the  airplane  In  the  high  llfr  case.  However,  experience  with  the 
DC-8,  DC-9,  and  DC-10  transport  aircraft  has  shown  that  this  represents  a  reasonably  accurate  method  for 
estimating  the  high  lift  configuration  drsg  characteristics.  This  process  Is  Illustrated  In  Figure  51 
which  shows  the  buildup  of  the  various  components  of  drag  which  comprise  ths  drag  polar  for  the  landing 
configuration.  As  noted  in  the  figure,  this  type  of  buildup  does  not  Imply  that  the  slope  of  the  polar  In 
the  high  lift  configuration  Is  the  same  as  that  of  the  clean  configuration.  In  general,  the  high  lift  system 
will,  of  course.  Improve  the  flow  quality  In  that  flow  separation  Is  reduced  and  additional  leading  edgs 
suction  Is  recovered  so  that  the  effective  of  the  polar  Is  higher  In  the  high  lift  case  than  that  of 

the  clean  configuration.  This  Is  manifest  In  the  estimation  process  In  that  the  flap  and  slat  drag  Incre¬ 
ments  are  dependant  on  lift  coefficient. 

Ths  r-clar  shown  In  Figure  51  Is  for  a  lending  cese  with  landing  gsar  down.  High  lift  polars  for 
other  configurations  can  be  built  up  In  a  similar  manner,  Incorporating  other  drag  Increments  such  as  that 
due  to  spoiler  deflection,  engine  out  drag,  or  drsg  In  ground  effect,  as  appropriate.  Correlations  of 
polars  estimated  In  this  manner  with  both  wind  tunnel  measurements  and  flight  measurements  will  be  presented 
In  subsequent  discussions. 

3.3  Pitching  Moment  Characteristics 

Pitching  moment  characteristics  enter  Into  airplane  performance  In  both  a  direct  way  and  an  Indi¬ 
rect  wey.  The  direct  way  is  with  regard  to  the  flying  qualities  of  the  airplane,  particularly  In  the  stall 
and  post-stall  regimes.  The  Indirect  way  is  the  manner  In  which  pitching  moment  characteristics  must  be 
balanced  to  provide  longitudinal  trim  for  the  airplane,  and  ths  resulting  effect  on  trimmed  lift  end  drag 
characteristics.  For  the  present  discussion,  the  concern  will  not  be  with  flying  qualities,  but  rather 
with  the  determination  of  the  magnitude  of  pitching  moment  characteristics  for  assessing  trimmed  character¬ 
istics. 
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Pitching  moment  coefficient  1*  •  difficult  parameter  to  determine  elnce  It  requires  an  accurate 
deacriptlon  of  the  chordwlsa  loading  across  the  span  of  a  configuration,  aa  wall  ae  fuselage  effects. 
Applicable  aathods  conelet  of  empirical  approachsa,  lifting  aurface  theories,  and  full  three-dimensional 
lifting  potential  flow  aolutlona. 

Reference  10  provides  an  empirical  approach  for  calculating  pitching  moment  characteristics  for 
configurations  with  and  without  high  lift  devices.  This  procedure  la  based  on  an  availability  of  appro¬ 
priate  section  pitching  moment  characteristics;  the  section  charecteristice  can  be  oetermlned  with  reason¬ 
able  accuracy  for  arbitrary  high  lift  geometrlee  by  a  suitable  two-dimensional  potential  and  vlecoua  flow 
solution  such  as  Reference  9  ee  was  previously  shown  In  Figure  27.  Due  to  a  lack  of  experience  with  this 
approach  by  the  author  and  hia  colleagues,  no  evaluation  of  It  can  be  presented. 

Representative  available  lifting  surface  theories  are  the  vortsx  lattice  theory  (Reference  4) 
which  has  been  discussed  previously,  and  the  elementary  vortex  distribution  method  (EVD)  of  Reference  29. 

The  finite  element  EVD  method  was  originally  developed  for  powered  lift  systems  but  has  proven  to  be  a 
valuable  analytical  tool  for  wings  with  unpowared  high  lift  systems  as  well.  In  this  approach,  the  wing 
la  rapraeanted  by  a  sheet  of  Infinitesimal  horseshoe  vortices  located  on  their  horizontal  projection  plane. 
The  boundary  condition  to  be  satisfied  la  one  of  tangential  flow  on  the  wing  surface.  The  Kutta  condition 
la  satisfied  by  requiring  the  vortex  strength  at  the  trailing  edge  to  be  zero.  The  formulation  of  this 
method  consists  of  dividing  the  wing  planform  Into  a  eat  of  rectangular  boxes,  upon  which  a  composite  set 
of  elementary  vortex  distributions  Is  constructed  at  any  givjn  apanwlse  station.  The  -hordvl ae  vortex 
distribution  will  primarily  consist  of  a  series  of  triangular  elements. 

The  ability  of  both  tha  EVD  and  vortex  lattice  lifting  surface  theories  to  accurately  calculate 
the  datells  of  chordwlaa  loading  la  shown  In  Figure  52,  which  compares  calculated  and  experimentally  meas¬ 
ured  chordwiea  prassura  distributions  at  two  apanwlse  etatlona  on  a  planar  wing  at  4*  angle  of  attack.  It 
would  appear  that  both  methods  provide  equivalent  levels  of  accuracy  In  terms  of  good  agrsement  with  experi¬ 
mental  results.  However,  as  shown  in  Figure  S3,  this  accuracy  ie  not  carried  through  to  tha  ability  to 
estimate  pitching  moment  charecteristice.  While  both  methods  provide  agreement  with  tha  level  of  pitching 
moment  at  zero  C^,  tha  slope  of  the  curve  Is  only  In  fair  agreement  according  to  tha  vortex  lattice 
theory,  and  less  so  for  tha  EVD  method. 

A  fully  thrae-dlaanslonal  lifting  potential  flow  solution  can  provide  a  good  rapreeentatlon  of 
pitching  moment  characteristics  for  a  wing  alone  geometry,  as  shown  In  Figure  54.  Tha  method  of  Reference 
30  was  used  to  calculate  tha  pitching  moment  characteristics  for  a  planar  swept  wing,  and  Indicates  good 
agreement  with  experimental  data  In  the  range  of  lift  coefficients  whsreln  viscous  affects  are  not  signifi¬ 
cant.  However,  aa  shown  In  Figure  55,  tha  agreement  la  rather  poor  for  e  swept  wing  with  a  fuselage.  It 
is  not  understood  whether  this  results  from  numerical  accuracy  problems,  or  whathsr  It  Is  due  to  tha  possi¬ 
bility  of  strong  viscous  flow  effects  over  the  fuaalaga. 

The  difficulty  of  applying  tha  various  analytical  tools  with  any  confidence  la  compounded  for 
configurations  with  high  lift  devices  deflected.  In  general,  within  the  lifting  surface  tneorles,  tha 
fuaalaga  la  represented  by  either  elendar  body  theory  considerations,  or  by  eeml-inf lnite  fuselages;  wing 
body  lntarfaranca  affects,  pre,  snt  In  tha  clean  configuration  as  well,  preeent  possible  additional  Inaccu¬ 
racies  In  tha  high  lift  case.  1.  addition,  tha  lifting  surface  theories  are  generally  linearized  so  that 
Integrations  for  force  coefficient i  are  conducted  In  a  horizontal  plana  which  Includes  only  vertical  com¬ 
ponents;  thus  whan  a  flap  la  deflected,  tha  component  of  monent  due  to  the  force  acting  In  a  horizontal 
plana  la  not  Included.  Further,  viscous  considerations  such  as  large  parasite  drag  components  on  highly 
deflected  flaps  can  Introduce  significant  arrors. 

Tha  results  of  the  application  of  the  vortex  lattice  lifting  surface  theory  (Reference  4)  to  a 
swept  wing  fuaalaga  combination  la  shown  In  Figure  56,  compering  calculated  and  axparlmantal  pitching  moment 
increment  due  to  flap  deflection.  As  can  ba  seen,  the  calculated  value  Is  In  error  by  a  factor  of  two, 
probably  due  to  the  reasons  cited  above.  A  comparison  between  experimental  and  calculated  pitching  moment 
is  shown  In  Figure  57  for  a  complete  airplane  vlth  flaps  deflected  20*,  utilizing  the  method  of  EVD  (Rsfsr- 
ence  29).  In  this  Instance,  tha  agreement  Is  seen  to  ba  relatively  good  in  terms  of  slops  and  level.  To 
some  extant,  however,  this  must  be  fortuitous,  sines  tha  calculated  value  vas  for  vlng  alone  and  Includes 
no  fuaalaga  effects. 

In  tha  event  that  tailed  pitching  moment  characteristics  are  required,  three-dimensional  wind 
tunnel  tasting  must  ba  cond>  *d.  At  bast  the  various  analytical  tools  can  provide  soma  indication  of  tha 
level  of  pitching  moment,  but  t  strong  viscous  effects  which  determine  stability  characteristics  can  only 
be  determined  axparl mentally. 


4.0  WIND  TUNNEL  MEASUREMENTS 

In  tha  final  analysis,  tha  low  spaed  high  lift  characteristics  for  a  glvan  new  conf lgurctlon 
must  ba  measured  in  an  appropriate  wind  tunnel  to  provide  tha  high  level  of  confidence  necessary  for  the 
Initiation  of  a  production  program.  This  permits  tha  designer  to  verify  tha  estimated  characteristics, 
end  to  identify  and  correct  potential  problem  areas  which  could  not  ba  accounted  for  In  tha  estimation 
process. 

4.1  Two-Dimensional  Wind  Tunnel  Tasting 

While  the  wind  tunnel  remains  as  tha  single  device  which  can  bast  simulate  aerodynamic  character¬ 
istics,  considerable  care  must  ba  axarclsed  to  lusurs  that  tha  desired  flow  conditions  are  properly  simulated. 
Tha  complsta  airplane  characteristics  must  ba  simulated  utilizing  e  three-dimensional  seals  wind  tunnal 
modal;  howavar,  increasing  use  is  given  to  determining  certain  component  characteristics  by  utilizing  two- 
dimensional  wind  tunnels.  The  advantages  are  basically  due  to  tha  wind  tunnal  modal  simplicity  and  associ¬ 
ated  reduction  in  cost  as  compared  to  thrse-dlaenslonal  models.  Further,  th»  rasults  need  not  ba  oriented 
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towards  a  specific  configuration,  but  rathar  nay  ba  applicable  to  any  one  of  a  variaty  of  conf ig*rations. 
Indaad,  as  pointed  out  several  times  in  the  previous  discussion,  many  astlmatlon  methods  are  strongly 
dependent  on  a  knowledge  of  two-dimensional  charactarletlcs  with  empirical  corractlons  to  three-dimensions. 

A  representative  low  speed  two-dimensional  wind  tunnel  currently  in  use  Is  the  McDonnell  Douglas 
facility  shown  in  Figure  58.  The  model  is  mounted  between  two  parallel  floor- to- ceiling  inserts  that  pro¬ 
vide  a  two-foot  two-dimensional  test  section.  This  type  of  tasting  has  certain  associated  difficulties,  the 
single  most  difficult  problem  balng  the  assurance  of  achieving  two-dimensional  flow.  Departure  from  two 
dimensionality  can  result  from  two  possible  sources:  external  bracket ry  attaching  the  high  lift  system  to 
the  modal,  and,  far  more  significantly,  wall  boundary  layer  separation.  The  former  problem  can  be  minimized 
by  relatively  large  span  models  and  aerodynamically  clean  brackatry,  or  may  ba  eliminated  altogether  by 
having  the  high  lift  system  support  Internal  to  the  wells. 

The  wall  boundary  layer  separation  results  from  the  inability  of  the  tunnel  boundary  layer  to 
negotiate  the  severe  adverse  gradients  imposed  on  the  wall  by  the  lifting  field  of  the  modal.  The  result¬ 
ing  wall  boundary  layer  separation  induces  significant  three  dimensionality  in  the  modal  flow  field.  Wall 
boundary  layer  control  is  necessary  to  minimize  this  problem  either  by  blowing  (Reference  31)  or  by  suction 
as  used  in  the  McDonnell  Douglas  facility  (Reference  32).  The  importance  of  applying  well  boundary  layer 
control  can  ba  eeen  in  Figure  59  for  a  high  lift  configuration.  The  lack  of  well  suction  results  in  both 
a  significant  loss  in  lift  and  in  non-linear  lift  characteristics.  In  addition,  the  pressure  distribution 
serose  the  span  of  the  vene  and  flap  is  highly  three  dimensional  in  the  absence  of  the  euctlon.  The  appli¬ 
cation  of  localized  wall  suction  provides  a  reasonably  good  level  of  tvo-dimenslonallty  across  the  span  of 
the  various  model  components. 

Two  additional  problem  areas  associated  with  two-dimensional  testing  techniques  are  possible 
floor  and  calling  flow  separation,  and  the  measurement  of  drag.  According  to  Reference  31,  the  floor  and 
ceiling  separation  can  be  avoidad  by  roughly  following  the  criterion  that  c\£)<2,  where  c/h  is  the 
model  chord  to  tunnal  height  ratio.  This  Indicates  that  for  chord  to  height  ratios  of  about  ona  fourth, 
values  of  lift  coefficient  as  high  as  eight  cm  ba  tolerated  without  floor  or  calling  flow  separation. 

Vlth  regard  to  the  measurement  of  drag,  the  boundary  layer  control  in  the  wall  introduces  significant  tares 
in  the  drag  force  direction  which  are  difficult  to  measure;  this  usually  results  in  the  requirement  that 
drag  ba  measured  by  a  downstream  wake  survey,  using  one  of  the  various  methods  reviewed  in  Feference  33. 

Incorporation  of  the  proper  wall  interference  corrections  (Reference  34)  and  attention  to  these 
various  problem  areas  can  result  in  highly  accurate  two-dimensional  measurements  over  complex  high  lift 
shapes  with  several  elements.  This  was  previously  demonstrated  by  the  close  correlation  between  theoreti¬ 
cally  calculated  and  experimental  two-dimensional  high  lift  characteristics  discussed,  for  example,  in 
relationahlp  to  Figures  27  and  28. 

4.2  Three-Dimens lou^ 1  Wind  Tunnel  Testing 

The  problem  of  insuring  proper  flow  simulation  for  three-dimensional  testing  becomes  correspond¬ 
ingly  more  complex  than  in  two  dimensions,  resulting  from  a  desire  to  correct  the  tunnel  data  to  full  scale 
flight  conditions.  The  Jet  boundary  corrections  normally  applied  are  those  of  Reference  35  to  account  for 
the  presence  of  the  wind  tunnel  boundaries  on  the  model  flow  field. 

The  model  support  system  used  in  conventional  wind  tunnel  testing  will  interfere  with  the  free 
air  flow  about  the  model.  Interference  tares  must  be  obtained  to  account  for  this  effect.  The  Interference 
tares  of  a  typical  model  support  system  can  be  found  by  using  the  procedure  given  in  Reference  36,  and  illu¬ 
strated  in  Figure  60.  In  this  method  the  aerodynamic  characteristics  with  **odel  upright  anu  inverted  with 
image  system  Installed  (Runs  2  and  3  in  Figure  60)  are  used  to  establish  the  degree  of  flow  angularity  pre¬ 
sent  in  the  tunnal.  The  average  of  the  characteristics  obtained  for  these  two  configurations  will  correct 
for  this  angularity.  The  difference  between  these  average  coafflclents,  end  those  obtelned  from  the  model 
Inverted  with  no  image  system  (Run  1)  will  then  represent  the  complete  interference  tare  correction  to 
account  for  both  angularity  and  support  system  Interference.  This  tare  correction  will  then  be  applied  to 
the  data  obtained  from  the  model  run  in  the  normal  upright  position,  which  is  Run  4  in  Figure  60.  It  should 
be  noted  that  to  accomplish  the  Interference  tare  analysis  correctly,  tares  should  be  generated  for  each 
major  configuration  tested. 

The  most  significant  parameter  of  concern  in  low  speed  high  lifr  wind  tunnel  testing  is  Reynolds 
number.  In  order  to  simulate  flight  conditions,  a  Reynolds  number  as  high  as  is  practicable  is  desired. 
Ordinary  Reynolds  number  effects  on  skin  friction  due  to  Reynolds  number  differences  between  tunnel  test 
and  flight  can  be  readily  accounted  for.  However,  there  are  other  significant,  and  well  known  Reynolds 
MahMT  effects  due  t  flat  nectar  at  Ion  which  cannot  be  analyr  leal  ly  arraunimd  fr.  k  clft*«fx  axvrpXt  of 
this  is  the  Reynolds  number  effect  on  maximum  lift,  as  shown  In  Flgura  61,  for  a  representative  high  lift 
configuration.  For  thla  particular  geometry,  there  is  about  a  .13  difference  in  over  the  range 

of  Reynolds  numbers  tested.  Experience  has  shown  to  e  lerge  extent  thet  the  Ci^^^values  measured  at 
Reynolds  numbers  of  ebout  6  x  106  egree  reasonably  well  with  flight.  The  dreg  measurements  at  various 
Reynolds  numbers  are  shown  by  the  representative  data  of  Figure  62  for  both  a  takeoff  and  a  landing  confi¬ 
guration.  The  difference  in  drag  due  to  Reynolds  numbers  effects  is  significantly  more  than  that  due  to 
skin  friction;  it  is,  in  fact,  due  to  priests ture  flow  separation.  At  lift  coefficients  which  represent 
climbout  conditions,  the  difference  between  lew  Reynolds  number  level*  and  that  obtained  at  high  Reynolds 
number  represents  approximately  42  of  the  total  airplane  drag.  At  the  higher  Reynolds  numbers  e.g.  between 
4.0  and  6.0  x  106,  the  differences  are  attributable  to  Reynolds  number  effects  on  skin  friccion,  and  can  be 
accounted  for.  This  effect  is  even  more  dramatic  for  a  high  lift  configuration  representative  of  a  landing 
geometry,  as  shown  in  Figure  62.  Clearly,  the  adjustment  to  the  data  for  calculable  Reynolds  number  effects 
will  produce  minimum  error  at  the  highest  possible  test  Reynolds  number. 

It,  a^nmaty,  K  produce  an  accurate  level  cf  144t  CflttflgcfttlOb  dreg  characteristic*, 

the  data  must  be  corrected  for  wall  effects,  support  strut  intarference,  end  ed jus ted  ft.-  Reynolds  number 
differences  between  tunnel  and  flight,  end  finally,  trimmed  to  flight  c.g.  locations.  The  significance  of 
these  affects  on  represantatlve  takeoff  lift-to-drag  ratio  characteristics  is  ^hown  in  Figure  63.  As  shown. 
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these  various  effects  ere  not  small.  The  largest  edjustaent  Is  that  due  to  wall  effects,  being  epproxi- 
mataly  12%  at  representative  cllmbout  CL.  The  remaining  adjustments  eccount  for  en  additional  reduction 
such  that  in  going  from  raw  tunnel  data  to  flight  simulated  levels,  en  edjustment  in  access  of  20%  is 
required.  Considerable  cere  must  be  exercised  to  insurs  thet  these  various  adjustments  ers  correctly 
epplied  if  ons  is  to  heve  confidence  in  properly  slmuleting  full  scale  levels. 

How,  then,  do  these  measured  characteristics  compare  to  those  estimated?  From  the  dreg  stend- 
polnt,  ths  low  speed  polera  es  estimated  and  measured  for  the  DC-10  transport  are  compared  in  Figure  64 
for  representecive  taksoff  end  epproach  configurations.  The  estimates  of  these  dreg  charect eristics  were 
obtained  by  e  component  buildup  for  the  baalc  clean  elrplans  end  high  lift  system,  es  previously  discussed. 
The  values  were  obtained  from  ths  NASA  12-foot  Pressure  Wind  Tunnel  at  Ames  Research  Center.  The  verlous 
edjustments  as  discussed  above  were  epplied  to  these  date.  As  can  be  seen,  both  polars  ere  in  remarkably 
close  agreement  with  the  tunnel  measurement.  The  estimated  level  for  the  approech  conditions  has  e  slightly 
different  slope  than  the  measured  level,  and  is  higher  by  approximately  one  psrcent  in  dreg.  Estimated 
polers  for  various  other  flep  deflections  showed  similar  correlations  in  that  the  estimates  were  in  close 
egreement  with  the  high  Reynolds  number  levels  as  measured  and  accordingly  corrected  to  full  scele. 

This  is  not  to  imply  thet  one  can  always  confidently  expect  close  egreement  between  the  tunnel 
measurements  end  estimates.  Ths  maximum  lift  coefficients  through  the  range  of  flap  deflections  wsre 
estimated  for  the  DC- 10  by  the  component  buildup  previously  discussed.  In  addition,  an  estimate  for  e 
degredetion  in  CLmav  dus  to  nacelle  end  pylon  interference  was  applied.  Subsequent  high  Reynolds  number 
wind  tunnel  testingahowsd ,  however,  that  at  higher  flep  deflections,  the  nacelle  interference  effects 
were  higher  than  originally  estimated,  resulting  in  a  for  the  landing  configuration  which  wes  lowsr 

than  estimated,  es  shown  in  Figure  65.  This  condition  leato  the  wind  tunnel  development  of  the  nacelle 
strakes,  a  feature  unique  to  the  DC-10  (Reference  37).  The  principle  of  the  straks  is  shown  in  Figure  66; 
as  the  eagle  of  attack  increases  a  vortex  la  shed  from  the  strake  and  flows  ovsr  the  wing.  As  the  wing 
approaches  stall,  this  vortex  moves  close  to  the  wing  uppsr  surface,  end  ects  as  en  energy  transport  device 
with  the  free  stream  eir.  This  results  in  delay  of  the  flow  separation  which  originates  in  this  region 
without  the  strakes.  The  effect  of  the  strakes  can  be  seen  in  Flgurs  65,  which  shows  ths  levsl  of 
to  be  equal  to  or  higher  than  the  original  estimate. 

The  'ind  tunnel  can,  then,  provide  verlficetion  of  estimated  characteristics,  and  identify  problem 
ereas  which  cen  be  rectified  at  an  early  date.  This  requires  careful  ettentlon  to  the  edjuatment  of  the 
tunnel  data  to  proper  full  scale  conditions,  and  testing  et  as  high  a  Reynolds  number  as  is  practicable.  In 
the  final  anelysis  it  is  the  flight  characterlstlca  which  determine  the  success  of  en  airplane.  A  discussion 
of  certeln  pertinent  problem  ereas  In  flight  measurements,  and  correletlon  between  flight  measurements  with 
estimated  and  wi 'd  tunnel  measur ?xt  characteristics  follow*. 


5.0  FLIGHT  TEST  MEASUREMENTS 

The  performance  demonstrated  in  15 determines  the  degree  of  success  of  sn  airplane  regardless 
of  ths  estimated  or  wind  tunnel  measured  .  .recteristics.  The  commercial  aircreft  certif icetion  require¬ 
ments  dictate  an  extensive  flight  progre”  to  demonstrate  compliance  with  FAA  regulations;  however,  the 
performance  items  demonstrated  ere  usua  ly  net  sufficient  for  the  acquisition  of  the  highest  quslity  aero¬ 
dynamic  data.  The  additional  time  anr*  'unds  required  for  more  suiteble  flight  testing  can  be  judged  to  bs 
too  prohibitive  since  these  deta  are  .tot  directly  applicable  to  certified  performance.  Another  possible 
source  of  lift  snd  dreg  dete  is  from  prototype  and  development  flight  test  programs  which  ere  conducted  to 
obtain  e  preliminary  assessment  of  the  performance.  If  the  aircraft  is  performing  as*  expected  end  no 
improvement  devices  are  being  tested,  the  develcpment  phess  may  be  considerably  shortened.  The  aircraft 
lift  end  drag  must  then  be  extracted  from  the  certification  performance  data  with  supplementation  from 
development  flight  testing. 

5.1  Lift  Characteristics 


The  minimum  flying  speed  (vmin)  ^ron  which  Cl^av  d®termin®d,  extracted  from  e  time 
history  trece  of  velocity  for  the  various  high  lift  configurations,  en  example  of  which  is  shown  in  Figure 
67.  The  FAA  requirements  dlctets  that  be  demons treted  et  a  rets  of  entry  into  the  stall  of  one  knot 

per  second.  Several  entry  rates  are  flown  ?or  each  high  lift  geometry  end  the  et  the  one  knot  per 

second  entry  rate  is  determined  accordingly  as  shown  in  Figure  68.  The  V  n  value  of  Cl^^v  i8»  however» 
not  pursly  aerodynamic  since  complicated  inertial  effects  are  Involved  in  its  demons tretionTxhsse  CLj^ 
values  cannot  then  be  compared  directly  with  estimated  or  wind  tunnel  predictions  which  are  besed  on  a 
steady  stets  (1-g)  stall  condition.  The  1-g  value  can  be  obtained  from  the  flight  date  by  estebllshlng 
the  brsak  in  the  normal  acceleration  time  history  trece  es  shown  in  Figure  67.  In  a  fashion  simller  to  the 
V  Clmax*  the  CLua'  ccn  b®  determined  for  verlous  entry  retss,  although  experience  has  shown  that 

ifieei  feet  of  er.'.ry  rate  on  1-g  u>u*Hy  negligible. 

Cwdpletr  free  eir  lift  curves  below  stall  can  be  derived  from  either  steady  stete  spaed  power 
points,  or  from  the  speeds  established  through  the  performance  of  e  vmlQ  maneuver.  Because  of  its  highly 
dynamic  nature  the  eveluetlon  of  lift  from  the  maneuver  requires  accurate  measurement  of  equivalent 

65. speed,  normal  and  axlel  accelerations,  ambient  conditions,  angle  of  attack,  gross  weight  and  center  of 
grevity  location.  In  addition  to  the  above  parameters,  the  effsets  of  idle  thrust,  aeroelastlclty ,  and 
transitory  trim  and  control  Inpurs  must  be  recognized.  Representative  complete  lift  curves  derived  from 
both  V  maneuvers  and  level  flight  date  ere  presented  in  Figure  69  for  two  different  flap  settings. 

The  Clmaj:  values  shown  are  the  1-g  values.  As  can  be  seen,  the  lift  curves  cen  be  rsesonably  well 
established  in  this  manner,  though  some  scatter  exists,  varying  from  about  one  percent  et  to  two 

percent  et  ths  lower  englea. 

In  addition  to  the  flight  curves  shown  in  Figure  69,  the  high  Reynolds  number  wind  tunnsl  derived 
lift  curves  ers  presented.  The  gensrel  qualitative  character  of  the  wind  tunnel  lift  curves  is  in  good 
agreement  with  the  flight  levels  though  some  differences  ere  to  be  seen.  There  is  some  loss  in  slope  et 
ths  higher  angles  for  both  flap  settings.  In  addition,  for  the  higher  flep  setting,  the  tunnel  level  of 
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ClMAX  U  lo”r  th“  th*c  M**“r*<1  10  fllRht  by  •bout  five  percent.  From  these  trends,  on«  might  conclude 
chat  thla  la  a  Reynolds  nimber  efface,  though  there  la  no  wa7  to  firmly  ascertain  thle.  While  the  wind 
tunnel  provides  good  agreement  in  general  with  flight,  the  tunnel  values  must  always  be  viewed  with  some 
Judgement  as  to  their  absolute  levels. 

Lift  chracteristlcs  In  ground  effect,  with  landing  gear  juat  touching  tbe  runway,  are  usually 
extracted  from  minimum  unstick  speed  (Vjqj)  or  variable  pitch  attitude  maneuvers.  Constant  pitch  attitude 
liftoff  maneuvers  have  also  been  flown  at  angles  of  stcack  lower  than  for  Vmj  in  an  effort  to  obtain  more 
stable  data.  In  obtaining  lift  characteristics  In  proximity  to  the  ground,  the  effects  of  wind,  thrust, 
and  pilot  trim  Inputs  are  also  accounted  for.  The  lack  of  an  airspeed  system  which  eccuretely  measures 
airspeed  relative  to  tbe  air  In  ground  effect  with  high  pitch  attitude  la  still  a  major  problea  In  data 
acquisition.  A  correlation  between  flight  measured  and  estimated  lift  curves  In  ground  affect  for  a  trans¬ 
port  airplane  In  a  takeoff  configuration  la  shown  In  Figure  70.  The  estimated  curve  la  based  on  a  free  air 
flight  curve,  corrected  for  ground  effect  by  applying  vind  tunnel  measured  Increments.  The  flight  measured 
level  was  obtained  from  several  constant  pitch  attitude  flight  points.  As  can  be  seen  in  Figure  70,  the 
in-ground  effect  lift  curve  Is  well  defined,  with  s  scatter  bend  of  slightly  over  one  percent,  and  la  in 
good  agreement  with  the  estimated  value. 

5.2  Drag  Characteristics 

The  low  speed  out-of-ground  effect  drag  characteristics  can  be  obtained  froa  either  englne-out 
climb  data  or  If  available  froa  stabilised  level  flight  speed-power  points.  The  engine-out  climb  data  con¬ 
tain  measurement  errors  associated  with  transients  In  thrust,  airspeed,  altitude,  temperature,  and  wind, 
in  addition  to  the  trim  drag  due  to  asymmetric  thrust.  This  trim  drag  may  be  removsd  by  subtracting  wind 
tunnel  measured  trim  drag  increments  from  the  flight  test  drag  level.  As  can  be  seen  froa  the  data  for  the 
various  polars  in  Figure  71,  the  scatter  band  can  amount  to  as  much  as  52  for  drag  data  obtained  in  this 
fashion. 


Figure  72  presents  several  polars  obtained  froa  stabilised  level  flight.  These  data  were  cor¬ 
rected  for  accelerations  or  altitude  changes  which  occurred  during  data  acquisition.  As  can  be  seen,  the 
drag  data  obtained  In  this  manner  exhibit  significantly  lest  scatter  than  those  obtained  from  the  englne-out 
climb  maneuvers,  being  In  general  on  the  order  of  one  percent. 

The  measurement  of  low  spaed  drag  in  ground  effect  has  mat  with  limited  success  primarily  due  to 
the  fact  that  steady  maneuvers  have  not  been  obtained  In  ground  effect.  C round  effect  data  are  acquired 
from  sero  angle  of  attack  ground  acceleration  runs  and  at  liftoff.  The  influence  of  the  rolling  coeffi¬ 
cient  of  friction  during  the  ground  acceleration  Is  much  stronger  than  the  drag  for  dynamic  pressures  at 
and  below  liftoff  speed.  The  dynamics  at  liftoff  introduce  a  large  degree  of  uncertainty  which  la  com¬ 
pounded  by  the  uncertainty  in  lift  measurement.  It  any  event,  thla  particular  characteristic  hes  a  relatively 
small  effect  on  the  takaoff  ground  roll,  and  is  not  a  characteristic  that  la  demonstrated  for  certification. 

The  previous  discussion  has  elaborated  on  the  various  problems  associated  with  acquiring  good 
quality  flight  test  drag  polars.  A  similar  discussion  was  presented  In  Section  4.0  with  regard  to  wind 
tunnel  data.  How  then,  do  wind  tunnel  and  flight  measured  polars  compare  after  one  hes  exercised  the 
greatest  possible  cars  In  Insuring  bigh  quality  data?  Two  representative  comparisons  are  shown  In  Figure 
73  for  the  DC-10  transport  aircraft  with  two  different  flap  settings.  The  tunnel  data  were  obtained  froa 
hlgb  Reynolds  number  wind  tunnel  tests  and  adjusted  to  full  scale  levels  as  previously  discussed.  For  the 
lower  flap  deflection.  It  can  be  seen  that  the  wlci  tunnel  la  In  ve’.yr  good  agreement  with  the  flight  measure¬ 
ment  throughout  che  range  of  lift  coefficients.  On  the  ocher  hand,  for  the  higher  flap  setting,  a  difference 
In  slope  for  the  polars  Is  observed,  In  that  the  tunnel  measurement  Indicates  a  slightly  lower  drag  due  . o 
lift  than  measured  In  flight.  As  previously  discussed,  the  wind  tunnel  levels  of  drag  are  quite  sensitive 
to  tunnel  wall  corrections  and  to  system  support  Interference  tares;  these  effects  could  be  the  cause  of  the 
slight  discrepancy  In  the  slope  of  the  polars.  At  any  rate,  this  discrepancy  Is  small,  and  for  this  parti¬ 
cular  comparison  the  polars  cross  at  the  of  interest,  the  CL  for  V2  speed.  It  is  the  general 
expedience  at  the  Douglas  Aircraft  Company  that  for  transport  aircraft,  the  high  Reynolds  number  derived 
low  apes!  high  lift  drag  polars  are  In  good  agreement  with  flight  measurements,  indicating  that  the  wind 
tunnel  provides  s  very  good  Indication  of  the  drag  characteristics  to  be  expected  in  flight. 

The  final  accounting  occurs  when  the  correlations  bctvecu  nrglnal  estimated  characteristics  and 
flight  measurements  are  made.  If  the  original  estivation  Is  made  based  on  high  Reynolds  number  wind  tunnel 
measurements,  s  high  chance  for  succeaa  is  indicated.  This  Is  In  general  not  always  the  case.  Considerable 
wind  tunnel  development  work  may  occur  after  s  guarantee  Is  made  on  an  airplane,  such  that  the  performance 
characteristics  may  be  baaed  on  estimation  methods  such  as  those  previously  discussed.  Severe  penalties 
may  be  Imposed  If  guaranteed  performance  Is  not  met;  on  the  other  hand,  having  too  much  conservation  built 
into  tbe  predictions  could  result  In  underselling  the  potential  of  the  aircraft,  or  in  fact,  penalizing  It 
unnecessarily  due  to  over-design.  It  la  desired  to  provide  an  estimate  which  will  in  the  end  agree  very 
closely  with  the  final  flight  demons traticn. 

Comparisons  are  made  In  Figure  74  of  estivated  and  flight  maasured  polars  for  the  DC-10.  The 
estimated  polars  were  built  up  entirely  by  the  previously  discussed  methods .  For  the  lower  flap  setting, 
che  estimated  lavel  is  In  good  agreement  throughout  the  range  of  lift  coefficients  with  a  slight  amount  of 
conservatism  In  the  estimate  amounting  to  about  one  percent  at  the  C^  for  speed.  For  the  higher 
flap  setting,  the  polars  have  slightly  different  slopes  such  that  che  estimate  has  overpredicted  the  drag 
at  lower  C]_’s  and  underpredicted  at  the  higher  C.  's  .  The  difference  st  the  for  Vj,  Is  however, 

negligible.  L 

6.0  ASSESSMENT  OF  PRESENT  STATE-OF-THE-ART 

Froa  the  previous  discussion  concerning  Che  various  methods  available  for  estimating  airplane 
characteristics.  It  becomes  clear  that  a  wide  range  of  methods  exist  froa  full  three-dimensional  analytical 
tools  to  two-dimensional  ones  with  empirical  adjustment!;  to  three  dimensions,  purely  tmplrlcal  approaches. 
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and  in  son*  Instances  no  method  beyond  direct  eppllcation  cf  the  wind  tunnel  date  evaileble  for  the  sppro- 
priate  geometry.  A  summary  of  the  various  types  of  availeble  methods  is  shown  in  Figure  75.  In  general, 
it  can  bs  concluded  t.«*i  the  full  enalytlcal  treatment  of  low  speed  high  lift  charecteristlcs  does  not  pre¬ 
sently  exist.  A  large  portion  of  the  high  lift  cherecteristics  la  strongly  dominated  by  viscous  effects, 
such  as  the  perasite  dreg  increments  due  to  high  lift  system  deflection,  end  more  perticulerly ,  maximum 
Ilf  r. 

Whet  then,  do  we  preeently  have?  The  erea  of  high  lift  charecterlstics  most  amenable  to  enalytic 
treatment  is  the  lift  prior  to  stell.  This  is  basically  because  for  well  designed  high  lift  systems  there 
ie  no  flow  separation  and  viscous  effects  do  not  dominate  the  flow  picture.  For  these  cases,  inviscid 
representation  of  the  flow  provide  e  reasonable  epproxlmation;  the  slight  viscous  effects  In  the  ebsence  of 
flow  ssparetlon  ere  compenseted  in  lifting  surface  theories  by  some  extent  due  to  the  neglect  of  thickness 
effects.  It  has  been  shown  that  sophisticeted  lifting  surface  theories  can  do  a  reasonable  job  of  pre¬ 
dicting  lift  curve  slop— ,  end  the  lift  increment  et  constant  engle  of  atteck  due  to  flap  deflection.  With 
regard  to  the  letter  cherecteristics,  far  more  sophisticeted  tvo-dimenaional  epproeches  can  be  brought  tc 
bear  on  the  problem.  Potential  flow  solutiona  exist  which  can  calculete  the  exact  potentiel  flow  for  multi¬ 
element  airfoils  of  arbitrary  shape.  Appropriate  boundery  layer  solutions  are  eveilable  which  cen  modify 
the  potential  flow  solutions  for  viscous  effects,  In  the  ebsence  of  separeted  flow  regions.  While  these 
methods  provide  quite  remarkable  levels  of  eccurecy  for  e  variety  of  high  lift  geometries,  they  ere  limited 
to  two-dimensional  flows,  end  therefore  require  a  certain  degree  of  empiricism  to  edjust  to  three  dimensions 
This  capability  provides  e  good  degree  of  eccurecy  in  estimating  lift  increment  due  to  flap  deflection. 

The  verious  lifting  surfece  theories  can  elso  be  applied  with  some  success  to  the  estimation  of 
pitching  moment  cherecteristics.  The  pitching  moment  et  zero  lift  and  the  slope  of  the  pitching  moment 
curve  can  be  estimated  with  reasonable  sccurecy  for  the  clean  configuration,  although  the  Inability  to  eccu- 
retely  treat  fuselage  effects  can  ceuse  e  loss  in  eccurecy.  Depending  on  the  extent  to  which  the  lifting 
surface  theo.7  can  provide  details  of  the  chordwlse  pressure  distribution,  the  pitching  moment  due  to  flep 
deflection  cen  be  estimated,  though  with  limited  success.  The  verious  lifting  surfece  theories  provide  a 
good  description  of  the  spen  loedlng  characteristics  of  wings  with  fleps  deflected,  and  with  fuselage 
effects.  This  implies  that  the  resulting  calculated  induced  dreg  with  fleps  deflected  Is  then  correct. 

Whet  then  ere  the  shortcomings  cf  preeent  methodology?  The  determination  of  the  drag  increments 
(aside  from  induced  dreg)  due  to  high  lift  devices  is  presently  dependent  either  on  highly  empiricel  tech¬ 
niques,  or  in  some  instances,  directly  on  the  wind  tunnel.  It  is  doubtful  that  this  problem  will  ever  be 
completely  ■merit le  tr  analytic  treatment,  due  to  the  many  ncn-aerrdyramlc  shades  present  in  the  flaw  with 
lift  devices  extended.  However,  the  development  of  fully  three-dimensional  boundary  layer  solutions  should 
lend  a  sound  analytical  backing  .to  the  astlmetlon  process.  A  further  benefit  of  the  availability  of  such 
a  method  is  the  provision  of  a  more  fundamental  understanding  of  the  associated  flow  phenomenon  which  must 
ultimately  lead  to  Improved  high  lift  system  design. 

the  sane  tUuetA.t  exists  wit?  tmfstd  tc  the  as r Isa t lor  cf  maximum  lift  coefficient.  *\ece 
is  some  soundness  to  the  estimation  process  for  ths  maximum  lift  for  the  besic  wing,  though  this  must  be 
fortuitous  to  some  extent.  The  ebllity  to  enalytically  cslculete  the  maximum  lift  for  wings  with  arbitrery 
multi-element  hixh  lift  systems  depends  egaln  on  the  development  of  full  three  dimensionel  viscous  tools. 

The  problem  does  not  stop  here,  however.  Analytical  modeling  must  be  developed  for  sepereted  flow  regions, 
since  maximum  lift  will  frequently  occur  with  significant  amounts  of  flow  separetion  present  on  the  geometry 
At  present,  this  is  a  formidable  enough  task  for  two  dimensions,  and  it  seems  reasonable  to  assume  that  the 
solution  forerbitrery  three-dimenalonel  wings  will  be  correspondingly  more  difficult. 

Many  highly  complex  problems  such  ss  Mach  number  effects  snd  Interference  effects  do  not  seem 
amenable  to  analytic  treatment  in  the  near  future.  In  the  final  enelysis  one  must  resort  to  the  wind  tunnel 
for  a  realistic  eassssment  of  the  inagnitude  of  these  effects.  Experience  has  shown  that  low  speed  high  lift 
cherecteristics,  including  Interference  effects  can  be  assessed  in  the  wind  tunnel,  provided  the  Reynolds 
number  is  sufficiently  high.  On  thd  contrary,  low  Reynolds  number  testing  may  give  misleading  character¬ 
istics. 

A  particular  problem  erea  which  wes  not  eddressed  In  ths  main  text  of  the  paper  concerns  the  leek 
of  evailability  of  analytical  tools  for  estimating  low  speed  high  lift  cherecteristics  of  low  aspect  ratio 
highly  swept  thin  wings  associated  with  configurations  such  as  supersonic  transport  aircraft.  Experimental 
studies  (References  38,  39)  have  shown  that  even  st  low  angles  of  ettack,  the  flow  over  such  wings  seperstes 
from  the  leading  edge  and  rolls  up  Into  spiral  vortex  sheets,  ea  shown  in  the  sketch  of  Figure  76.  As  dis¬ 
cussed  in  Reference  39,  flow  attechment  lines  have  been  observed  Inboard  of  the  vortex  sheets  snd  indicate 
thet  the  air  Is  drawn  over  the  vortex  sheets  and  accelerated  downwerd.  The  result  of  this  flow  phenomenon 
is  a  strong  deperture  from  cherectsrlstlcs  predicted  by  ordinary  inviscid  considerations.  The  presence  of 
the  vortices  Induce  strong  local  suction  peaks  which  result  in  an  Increase  In  lift,  usually  referred  to  as 
vortex  life,  relative  to  that  predicted  by  linear  theory.  This  lncreese  in  lift  cen  be  equivalent  in  magni¬ 
tude  to  the  basic  potential  flow  lift,  ss  shown  in  Figure  76  for  a  75*  swept  sharp  leading  edge  delta  wing. 
This  drastic  chenge  in  loading  cen  slgniflceutly  alter  the  pitching  moment  characteristics  depending  on  the 
wing  geometry.  The  lncreese  in  lift  may  be  desirable  in  some  Instances  to  help  offset  the  low  lift  curve 
slope  associated  with  low  aspect  retlo  wings;  there  is,  however,  an  attendant  Increase  in  drsg  due  to  the 
loss  of  leading  edge  suction  resulting  k'rom  the  leading  edge  separetion.  The  magnitude  of  this  drag  incre¬ 
ment  can  bs  seer.  in  Figure  77,  obtained  from  Reference  40,  for  a  60*  delte  wing.  The  drsg  due  to  lift.  ACp, 
as  experimentally  meesured  is  compared  to  the  theoretical  upper  and  lower  bounds  of  dreg  due  to  lift.  The 
lower  bound,  100Z  leading  edge  suction,  results  from  drag  due  to  lift  for  an  elliptic  loading  and  is 


The  upper  bound  Is  for  the  complete  loss  of  leading  edge  suction;  in  this  Instance  the  resultant  force  acts 
normal  to  the  zero  lift  line  of  the  wing,  or  in  the  case  of  a  flat  wing,  normal  to  the  surface,  snd  so  th*> 
drsg  Is  simply 

iCD  *  CL  t,n  3  • 
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Th«  experimental  drat  lies  in  batman  thaaa  boundaries,  indicating  that  thara  la  a  algnif  leant  loaa  of 
leading  adgr  auction. 

A  vary  a lap  la  approach  to  calculating  tha  lift  and  drag  charactaria tlca  in  the  praaanca  of  load¬ 
ing  adga  vortex  flow  vea  po a tula tad  by  Folhamus  (Ref trance  38).  Tha  baalc  aaauaptlon  of  tha  aathod  la  that 
the  praaanca  of  vortex  flow  craataa  a  force  noraal  to  the  wing  chord  which  la  equal  in  aagnituda  to  the 
leading  edge  auction  force  which  la  pradictad  by  potential  flow  theory.  Underlying  thla  la  tha  baalc  eaeump- 
tlon  that  tha  tc  force  acting  on  the  ving  eaaociatad  with  tha  praaauraa  required  to  >8101010  tha  equilib¬ 
ria  of  tha  flow  over  tha  aaparatad  apiral  vortex  ah eat  la  aasentlally  tha  earn  aa  the  laading  adga  auction 
force  eaaociatad  with  the  laading  adga  praaauraa  required  to  aa  in tain  attached  flow  around  a  laading  adga 
redlua .  The  flow  pattern  in  both  caaaa  ia  aoaavhat  similar ,  except  that  for  the  a  harp  laading  edge-aeparetad 
flow  condition,  the  force  acting  on  tha  ving  will  act  primarily  on  tha  upper  aurface  rather  than  on  the  lead¬ 
ing  adga.  Bhataloy,  at  al.  Reference  41,  have  extended  thia  concept  to  vlnga  of  wore  complex  plant ora  by 
aaaunlng  the  noraal  force  introduced  by  a  aaparatad  tip  vortex  on  the  aide  of  a  wing  with  a  finite  tip  1a 
identical  to  the  tip  auction  force  on  that  aide. 

The  application  of  thia  remarkably  alaple  ao  called  "leading  adga  auction  analogy"  laada  to  a 
very  good  accuracy  in  estimating  the  lift  and  drag  charactaria tlca  fur  flat  vlnga  with  aharp  leading  adgea. 
The  reaulting  eetlaated  lift  end  drag  cheracterlatice,  for  example,  for  an  aapect  ratio  2.0  delta  wing  are 
teen  to  be  in  good  agreement  with  experimental  valuta,  aa  seen  in  Figure  78.  At  the  very  high  angles  of 
attack,  the  teat  v.tluaa  of  lift  are  aaen  to  ultimately  fell  below  the  pradictad  levela.  Thia  reaulta  froa 
a  breakdown  of  the  vortex  flow,  which  ia  initiated  at  tome  point  in  tnc  wake  dovna t ream  of  the  wing  trailing 
«lg«.  and  moves  urvard  aa  the  wing  angle  of  attack  ia  increaaad. 

The  shortcoming  of  thia  "laading  edge  sue -ion  analogy"  aathod  la  that  it  la  limited  to  vlnga  with 
aharp  leading  edgaa,  and  xaro  tv let  and  caabtr.  In  general,  vlnga  aaaociatad  with  auperaonlc  transport  con¬ 
figurations  will  be  highly  twisted  and  cambered  froa  auperaonlc  cruise  dreg  minimi setlon  consideretlons 
and,  froa  low  apead  conalderatlona,  will  possess  some  leading  edge  caabtr  end  radius,  either  Inherently,  or 
es  e  result  of  mechanical  devices.  Depending  on  the  requirements ,  there  aay  be  trailing  edge  flaps  intro¬ 
ducing  additional  caidjer.  The  presence  of  a  finite  laading  edge  radius  aay  permit  the  ettalxaiant  of  partial 
leading  edge  auction.  An  additional  limitation,  whether  for  plane  or  cambered  surfaces  la  that  the  chord- 
viae  distribution  of  the  analogous  leading  adga  vortex  normal  force  ia  not  known;  thia  limits  the  applica¬ 
tion  of  the  approach  in  computing  pitching  moment  character la  ties.  An  aasessaent  waa  Bade  of  the  appli¬ 
cability  of  thia  aathod  to  vlnga  with  twist  end  c saber,  and  with  non- aero  leading  edge  radii. 

To  accomplish  thia  ea easement,  the  low  apaed  characteristics  of  a  highly  cambered  72*  awept  low 
aapect  ratio  wing- fuselage  combination  were  calculated  and  compared  to  experimentally  measured  results. 

Tha  beaia  of  the  potential  flow  aolutlon  la  tha  vortex  lattice  lifting  aurfece  theory  of  Lamar  and  Hargeaon 
(Reference  S).  In  thia  acheae  up  to  120  horeeahoe  vortices  are  used  to  describe  the  wlng-fuaelage-tall 
lifting  eyetea.  The  configuration  la  divided  into  e  number  of  panels  (one  horseshoe  vortex  per  panel)  end 
the  distribution  of  horseshoe  vortex  strength  ia  calculated  to  aetlafy  e  no-flow  condition  through  the  mean 
line  of  the  configuration  at  the  3/4  chord  point  on  the  median  of  each  penal.  Tula  distribution  of  circu¬ 
lation  along  with  tha  calculation  of  leading-edge  auction  permits  the  calculation  of  lift,  drag,  and  pitch¬ 
ing  momenta . 

Tit  ilculeted  and  experimental  reaulta  ere  shown  in  Figures  79  end  80  for  e  clean  configuration 
end  e  high  lift  configuration  respectively.  Tha  aaaocieted  wing  plenfora  and  paneling  used  in  the  lifting 
aurfece  theory  ere  shown  aa  lnaat  sketches.  To  simulate  the  flape  in  the  Lamar  Hargaaon  program,  the  camber- 
line  alopea  of  several  panels  were  adjusted  to  represent  the  deflected  flaps.  Aa  the  spanvlse  positioning 
of  the  paneling  did  not  exactly  coincide  with  that  of  the  flape,  paneling  wea  utilised  to  provide  equivalent 
area  and  span  of  the  actual  flaps. 

The  calculated  characteristics  ere  presented  both  with  and  without  vortex  lift.  Aa  can  be  seen 
in  Figure  79,  tha  initial  lift  curve  elope  for  the  purely  lnvlscld  case  la  in  reasonable  agreement  with  the 
experimental  results;  however,  the  experimental  data  rapidly  depart  frofc  the  linear  characteristics,  exhi¬ 
biting  e  classical  example  of  leading  edge  vortex  foraatlon.  The  addition  of  the  calculated  vortex  lift 
in.reaunt  to  the  lnvlscld  level  provides  remarkably  good  agreement  with  the  experimental  level.  The  experi¬ 
mental  dreg  at  aero  lift  has  bean  added  to  the  calculated  dreg  due  to  lift  in  both  cases  for  comparative 
pc  -poeea .  The  exclusion  of  any  leading  edge  vortex  effects  results  in  e  dreg  due  to  lift  considerably  leas 
thun  the  experimental  level  as  would  ba  expected  since  this  represents  only  the  lnvlscld  Induced  drag  for 
the  epproprlete  loading.  Adjusting  the  drag  level  to  the  zero  leading  edge  auction  level  according  to  the 
leading  edge  auction  analogy  results  in  dose;  agreement  with  experiment.  The  calculated  level  is  somewhat 
higher  than  experiment  which  may  be  due  to  the  aalntenance  of  some  leading  edge  suction,  or  may  be  due  in 
pert  to  '.he  inability  of  the  aathod  to  establish  the  direction  in  which  the  analogous  leading  edge  auction 
force,  and  the  aseodeted  dreg,  le  acting  for  highly  tvisted  end  cambered  aurfecea. 

Because  the  leading  edge  auction  analogy  does  not  provide  any  deteila  about  the  chorlwlse  distri¬ 
bution  of  the  flow,  the  moment  calculations  ere  necessarily  shown  only  for  the  lnvlscld  aolutlon.  As  can 
be  seen  et  the  lower  lift  coefficient,  the  elope  of  the  calculated  moment  curve  is  in  fair  agreement  with 
the  experimental  level,  although  the  level  of  aero  lift  pitching  moment  is  in  rather  poor  agreement. 

Similar  comments  apply  to  the  correlation  shown  in  Figure  80  for  the  flape  deflected  case.  In 
general,  there  la  a  larger  departure  of  the  calculated  level  from  the  experimental  values  than  for  the 
no- flaps  case.  Thia  may,  in  part,  be  due  to  the  flap  paneling  approximation  in  the  vortex- lattice  wing 
model  but  more  significantly  la  probably  due  to  the  inability  of  the  leading-edge  taction  analogy  to 
handle  cankered  and  twisted  eurfacea.  Another  primary  problem  with  the  leading-edge  suction  analogy  le 
that  it  la  directly  related  to  the  level  of  lift  present  in  the  system.  That  ia,  the  actual  Intent  of  the 
analogy  was  for  application  to  aharp  1 eadlng  edges,  so  that  full  loaa  of  leading-edge  suction  occurs  et 
the  onset  of  any  lift,  however  small,  ,'n  provision  la  allowed  for  aalntenance  of  e  substantial  portion  of 
leading-edge  suction  as  in  the  ceae  of  caabered  leading  edges. 

The  inability  of  various  aathode  to  accurately  calculate  the  dreg  due-to-lif t  ia  graphically 
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presented  In  Figure  81.  For  this  tuury  Che  raletlvaly  simple  cm*  of  e  clean  wing  with  no  leading  or 
trailing  edge  high  lift  device*  w*a  utilized,  which  is  the  same  geometry  es  that  in  Figure  79.  The  upper 
chart  presents,  for  convenience,  the  deaeical  upper  and  lower  boundaries  of  full  and  zero  leading-edge 
suction  respectively.  As  seen,  through  the  high  CL  renge,  most  of  the  leading-edge  suction  has  been 
lost.  Various  analytical  solutions  ere  presented  in  the  lower  figure;  the  leading-edge  suction  enslogy 
provides  the  closest  agreement  with  experiment.  The  near  field  solution  wes  obteined  from  Reference  3, 
using  the  lifting  surfece  theory  of  Woodward;  it  would  be  expected  that  this  calculated  dreg  would  be  sub¬ 
stantially  lower  than  the  experimental  level,  which  is  clearly  not  the  case.  This  is  due  to  en  Inability 
of  tha  Woodwerd  solution  to  completely  describe  the  leading  edge  suction  peak,  with  a  consequent  overly 
pessimistic  neer-fleld  solution  to  the  dreg.  The  Trefftz  plane  solution  was  obteined  utilizing  the  span 
loading  from  the  Woodwerd  program.  One  additional  level  is  shown  using  an  airplane  efficiency  fector,  *e' 
of  0.8.  This  value  wes  calculated  from  the  empirical  method  previously  discussed.  Clearly  none  of  these 
approaches  provide  any  high  degree  of  accurecy  for  calculating  dreg  due-to-lift. 

In  order  to  address  this  problem  in  tha  analytical  sense,  fully  three-dimensional  potential  end 
viscous  flow  tools  ere  needed.  The  tools  for  calculating  three-dimensional  lifting  potentiel  flow  character¬ 
istics  for  arbitrary  configurations  already  exist  in  the  stete-of-the-ert;  the  Douglas  three-dimensional 
lifting  Neumann  program  (Reference  42)  is  en  example  of  this  type  of  method.  The  three-dimensional  Neumann 
program  is  an  exact  method  since  no  approx last ions  are  made  in  the  basic  formulation  es  is  dons  in  both 
small-par turbet ion  and  lifting  surfece  theories.  This  epproech  consists  of  representing  the  conf iguretion 
by  appropriately  distributed  panels.  The  configuration  is  separated  into  various  sections  such  es  wing, 
fuselage,  horlsontel  and  vertical  tell,  which  can  be  designated  lifting  or  non-lifting;  l.e.,  e  fuselage 
is  assumed  to  be  non-lifting  while  wings,  tells,  etc.  ere  considered  lifting.  The  elements  which  make  up 
the  sections  ere  than  used  to  locate  distributions  of  sources  and  doublets  to  generate  tha  desired  potentiel 
flow  solutions.  Each  lifting  section  must,  in  addition,  have  an  associated  semi- inf lnlte  wake. 

The  extent  to  which  this  potential  fl^w  method  can  describe  the  local  details  of  the  flow  on  e 
highly  swept  wing  is  indicated  in  Figures  82  and  83,  utilizing  experimentally  measured  surfece  pressures 
on  the  72*  swept  wing  of  Reference  43. 

Figure  82  presents  e  correlation  of  the  measured  end  theoretically  calculated  pressure  distri¬ 
butions  et  e  relatively  low  engle  of  etteck  prior  to  the  onset  of  any  flow  separation.  The  charecter  of 
the  pressure  distribution  is  represented  quite  well  by  the  Neumann  potentiel  flow  solution,  particularly 
on  the  outer  panel  wherein  the  leading  edge  is  highly  loeded.  It  is  noted  that  the  mld-spen  station  hes 
not  been  represented  in  tha  lamediete  vicinity  of  the  leading  edge,,  es  contrasted  to  the  other  stetions. 

This  may  ba  due  to  the  formation  of  e  local  separetlon  bubble  and  subsequent  reettachment,  or  it  may  be 
that  e  more  accurete  paneling  representation  of  the  leading  edge  is  required.  In  contrast  to  this  corre¬ 
lation  Is  one  presented  in  Figure  83  et  e  high  angle  of  attack  wherein  viscous  effects  are  predominant. 

On  the  inboard  end,  the  level  of  loeding  is  seen  to  be  reduced  reletlve  to  the  potential  flow  solution  even 
though  the  flow  has  not  sepereted.  This  is  due  to  the  decamberlng  effect  resulting  from  the  boundery  leyar 
displacement  thickness,  which  increeses  with  increased  loeding.  On  the  outboerd  end  of  the  inner  panel,  e 
drastic  departure  of  the  flow  from  that  predicted  by  the  potential  flow  solution  is  evident.  This  is  very 
clearly  due  to  the  formation  of  the  leeding-edge  vortex,  centered  about  20Z  eft  of  the  leading  edge.  The 
deperture  from  potentiel  flow  is  even  more  evident  on  the  outer  penel.  The  vortex  flow  is  strongly  evident 
on  tha  inner  portion  of  the  panel,  end  complete  flow  separation  Is  present  on  the  outer  portion. 

An  ettampt  to  analytically  modal  the  flow  pettem  such  es  that  shown  in  Figure  83  presents  a  for¬ 
midable  challenge  to  the  theoreticlen.  This  requires  a  fully  three-dimensional  boundary  layer  method, 
which  coupled  with  the  existing  potentiel  flow  solution  can  provide  the  lnltlel  key  to  the  problem,  namely 
to  establish  the  conditions  which  cause  the  flow  to  breakdown  st  the  leading  edge.  Once  this  phenomenon  is 
understood,  then  analytical  methods  must  be  developed  to  model  the  vortex  flow  end  the  seperated  flow. 

•  The  development  of  analytlcel  techniques  to  determine  high  lift  characteristics  in  the  presence 
of  vortex  flow  will  serve  two  strong  purposes.  Firstly,  the  lack  of  even  sound  emplricel  techniques  cu *- 
rently  results  in  a  strong  dependence  on  wind  tunnel  date  for  estimating  these  characteristics;  the  avail¬ 
ability  of  suiteble  analytical  tools  will  reduce  this  dependence.  Secondly,  the  methodology  will  provide 
e  more  fundamental  understanding  of  the  leading  edge  vortex  flow  phenomenon,  which  can  lead  to  improving 
the  design  of  leading  edge  devices. 

It  appears  thet  the  assessment  of  the  state-of-the-ert  of  estimating  low  speed  elrplene  character¬ 
istics  whether  for  supersonic  transport  configurations  or  more  current  aircraft,  reveals  that  significant 
Improvements  in  sophistication  in  the  future  will  bs  strongly  dependent  on  development  of  fully  three- 
dimensional  viscous  analytical  tools.  In  effect,  this  desired  goel  is  one  of  achieving  a  mathematical  wind 
tunnel.  The  potential  flow  solution  for  arbitrary  three-dimensional  lifting  geometries  is  basically  within 
the  state-of-the-art.  The  three-dimensional  boundary  layer  solution  is  less  then  complete  at  this  point. 

In  many  Instances  tha  potential  flow  solution  can  provide  s  good  representation  of  the  three- 
dimensional  flow  field.  In  other  Instances,  the  viscous  effects  will  predominate  the  flow  picture  and 
ignoring  these  effects  will  significantly  overpredict  tha  characteristics,  es  shown,  for  example,  in  Figure 
84  which  presents  a  comparison  between  an  invlscld  span  loading  and  an  experimentally  measured  one  for  a 
45*  swapt  wing.  While  the  full  three-dimensional  viscous  solution  is  not  yet  available,  s  somewhet  crude 
attempt  to  adjust  the  Invlscld  pressures  for  the  effects  of  viscosity  wes  made.  This  was  done  by  utilizing 
a  blowing  technique  in  the  potential  flow  solution  to  simulate  the  effect  of  adding  the  boundary  layer  dls- 
plecement  thickness  to  the  basic  wing  geometry.  This  approach  wes  crude  in  the  seose  that  the  boundery 
layer  displacement  thickness  used  in  the  analysis  was  obtelnad  from  a  two-dimensional  method.  As  can  be 
seen  in  Figure  84,  the  agreement  between  celculeted  and  exparlmentelly  measured  spatvlsc  and  chordwlse 
loading  along  the  entire  span  wes  substantially  improved,  even  by  this  approximate  viscous  correction. 

In  tha  final  analysis,  of  course,  the  full  three-dimensional  boundery  layer  equetlons  must  be 
solved.  Certein  spcclel  cases  of  this  heve  already  been  solved,  such  ss  the  boundary  layer  equations  for 
small  cross  flow  (Reference  44).  In  this  approach  the  boundery  layer  equations  are  solved  along  a  stream¬ 
line  (Figure  85).  The  coordinate  system  is  sn  orthogonel  one  formed  by  the  invlscld  streamlines  and  their 
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orthogonal  trajectories  on  cha  surface.  As  saen  In  Figure  85,  Che  projacclon  of  che  frae-screaa  valocicy 
veccor  on  Cha  surfaca  la  aligned  with  Che  surface  coordinaca  x.  Tha  valocicy  conponanc  along  Cha  z-axis, 
referred  Co  es  Che  cross-flow  velocicy,  la  zero  ac  che  edga  of  cha  boundary  layer.  For  a  three-dimensional 
flow,  cha  valocicy  vaccor  ac  any  y-locaclon  In  cha  boundary-layar  differs  In  dlrecdon  from  cha  frees tream 
vacc-.r  whan  boch  ara  •  rojacced  on  cha  surfaca,  In  which  casa  cha  crossflow  valocicy  v  wlchln  cha  boundary- 
layer  differs  f roe  zatv,  excepc  ac  Che  well.  For  cha  special  case  of  sisall  crossflow  cha  soluclon  of  che 
chree-dlaenslonal  boundary  layer  equations  can  be  simplified  by  assuming  chac  cha  crosaflow  earns  and  cha 
lacaral  darlvaelvcs  are  snail  relative  co  che  screanwlsa  earns.  Thasa  squadons  can  be  readily  solved  ualng 
numerical  cachnlques  given  In  Reference  45.  This  snail  crossflow  soluclon,  while  reladvt  'y  new,  should 
find  accuraca  appllcaclon  In  boundary  layer  soludons  for  wings  of  modarata  sweep  and  hip  pecc  redo. 

EvenCually,  ch's  approxiaace  soluclon  will  ba  raplaced  by  a  new  Chrae-dlnenslonal  boundary  layar 
rouclna  currently  under  devalopeenc  by  Dr.  Cebecl  (Referanca  46).  This  new  nechod  will  make  none  of  cha 
slnpllfyiag  easumpdons  made  In  cha  small  crossflow  soluclon,  and  will  sccually  solve  cha  complaea  chrae- 
dlnenslonal  boundary  layar  equadons. 

The  soluclon  of  che  vadous  evo-  and  chree-dlmenalonal  lnvlscid  and  viscous  flow  problems  have 
been  made  possible  by  cha  advene  of  new  numerical  cachnlques  such  as  chosa  of  Cabecl  and  Kellar  (Refarenca 
45),  coupled  wich  nejor  advenccnencs  In  compucer  Cechnology.  Uncll  racendy,  compudng  Claes  would  have 
been  prohlbldve  for  many  of  chsse  problems,  whareas  coday,  calculadon  Claes  ara  snail  enough  Co  parmlc 
Chasa  complex  progress  Co  be  used  es  every  day  design  Cools  for  aerodynamic  designers. 

In  addiclon  Co  eba  me  ch  ease  leal  complexldes  which  muse  ba  overcome  In  ordar  Co  develop  complace 
chree-dlmenalonal  flow  soludons,  Che  problem  of  assodacad  compudng  coses  is  also  relevanc.  Ic  Is  granced 
chac  che  enormously  Increased  cepadey  of  modara  dlglcal  compucars  hes  permirced  cha  soluclon  of  problems 
wblch  a  dacada  or  so  ago  could  noc  be  solved.  Tha  lndlcadona  are  chac  compucars  In  che  fucure  will  ba  even 
fescar.  However,  chess  feacer  compucars  ara  more  cosely,  end  cha  unic  cose  per  given  soluclon  msy  noc 
nacesserlly  be  reduced.  An  lndieadon  of  che  cose  of  compucarlzad  eoludons  for  dlfferenc  lnvlscid-  flow 
soludons  can  ba  saan  in  Figure  86.  Tha  cose  la  presenced  as  a  function  of  tha  complexity  of  the  program; 
simple  lifting  llna  methods  which  daflna  a  wing  surface  with  vary  few  elements  ara  virtually  lnalgdflcant 
In  cose.  Howavar,  full  three-dimensional  potential  flow  solutions  requiring  ona  thousand  or  more  elements 
mey  become  quite  expensive.  Indeed,  It  can  be  en.laloned  that  chree-dlmenalonal  viscous  flow  solutions  for 
several  flow  conditions,  could  result  In  computer  coses  which  are  of  tha  samn  ordar  of  magnitude  es  an  appro¬ 
priate  wind  tunnel  test. 

Nalthar  tha  computer  nor  cha  wind  tunnel  will  replace  each  other;  It  la  rather  that  Increasingly 
sophisticated  methods  requiring  mora  complex  computer  programs  will  sarva  co  reduce  che  ralianca  on  tha 
wind  tunnel  and  at  cha  same  time  provide  more  fundamental  understanding  of  che  flow  phenomenon.  In  tba 
final  analysis,  It  la  tba  combined  application  of  all  of  thasa  tools,  coupled  with  sound  judgement  by  cha 
engineer,  which  provides  the  most  realistic  estimation  of  low  speed  aerodynamic  characteristics . 
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FIGURE  2.  STRUCTURAL  COMPLEXITIES  OF  HIGH-LIFT 
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FIGURE  12.  SUBSONIC  WING  LIFT  -  CURVE  SLOPE  NACELLES,  PYLONS  AND  FLAP  HINGE  FAIRINGS 
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FIGURE  14.  COMPARISON  OF  CALCULATED  AND  EXPERI¬ 
MENTAL  LIFT  CURVES,  MODEL  DC-9 
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FIGURE  15.  COMPARISON  OF  CALCULATED  AND  EXPERI¬ 
MENTAL  LIFT  CURVES,  MODEL  DC-10 
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FIGURE  16.  CORRELATION  OF  PRESSURE-RECOVERY 
PARAMETER  FOR  LOFTIN  SECTION  c/ 
CRITERION  MAX 
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FIGURE  17.  COMPARISON  OF  EXPERIMENTAL  AND  CALCU 

LATED  SECTION  c/max  USING  LOFTIN  CRITERION 

FOR  NACA  44 XX  AIRFOIL  SERIES 
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FIGURE  18.  COMPARISON  OF  EXPERIMENTAL  AND  CAL¬ 
CULATED  VALUES  OF  c,  USING  DATCOM 
'max 
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FIGURE  19.  COMPARISON  OF  EXPERIMENTAL  AND  ESTI¬ 
MATED  LIFT  CURVES  USING  METHOD  OF 
BHATELEY  AND  McWHIRTER 


FIGURE  21.  COMPARISON  OF  EXPERIMENTAL  AND  CAL¬ 
CULATED  LIFT  CURVES  FOR  NACA  63.  -018 
AIRFOIL.  USING  METHOD  OF  JACOB  A&D 
BEATTY 


FIGURE  24.  FLAP-CHORD  FACTOR  FROM  DATCOM 
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FIGURE  27.  COMPARISON  OF  EXPERIMENTAL  AND  CAL¬ 
CULATED  SECTION  CHARACTERISTICS  FOR 
SLATTED  AIRFOIL  WITH  TRAILING  EDGE  FLAP 
AT  O-DEG  AND  15-OEG  DEFLECTION 


FIGURE  28.  COMPARISON  OF  EXPERIMENTALLY 

MEASURED  AND  POTENTIAL  FLOW  LIFT 
INCREMENT  DUE  TO  FLAP  DEFLECTION 
FOR  THREE  DOUBLE  SLOTTED  FLAPS 
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FIGURE  29.  COMPARISON  OF  EXPERIMENTAL  AND 
CALCULATED  LIFT  INCREMENT  DUE  TO 
FLAP  DEFLECTION  FOR  MODEL  DC-9 


FIGURE  30.  COMPARISON  OF  EXPERIMENTAL  AND 
CALCULATED  LIFT  INCREMENT  DUE  TO 
FLAP  DEFLECTION  FOR  MODEL  DC-10 


FIGURE  31.  COMPARISON  OF  EXPERIMENTAL  AND  CAL¬ 
CULATED  SECTION  c/max  INCREMENTS  DUE  TO 

THE  DEFLECTION  OF  TRAILING  EDGE  FLAPS 
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FIGURE  52.  COMPARISON  OF  CALCULATED  AND  LXPERI- 
MENTAL  CHORDWISE  LOADINGS  ON  A  4b 
DEGREE  SWEPT  PLANAR  WING  USING  LIFTING 
SURFACE  THEORIES 


FIGURE  53.  COMPARISON  OF  CALCULATED  AND  EXPERI¬ 
MENTAL  PITCHING  MOMENT  CHARACTERISTICS 
FOR  A  45-DEGREE  SWEPT  PLANAR  WING  USING 
LIFTING  SURFACE  THEORY 


THREE-DIMENSIONAL 


! 

* 


PITCHING  MOMENT  ABOUT 
QUARTER  CHORD 


FIGURE  56.  COMPARISON  OF  EXPERIMENTAL  AND  THEORET¬ 
ICAL  INCREMENTAL  PITCHING  MOMENT  DUE  TO 
FLAP  DEFLECTION  FOR  A  SWEPT  WING- 
FUSELAGE  CONFIGURATION 
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FIGURE  57.  COMPARISON  OF  EXPERIMENTAL  AND  ESTI¬ 
MATED  PITCHING  MOMENT  CHARACTERISTICS, 
FLAP  DEFLECTED  20  DEGREES 
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FIGURE  76.  ILLUSTRATION  OF  THE  VORTEX  LIFT  FOR  A 
75-CEGREE  DELTA  WING 
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FIGURE  77.  DRAG  DUE-TO-LIFT  FOK  A  60-DEGREE  DELTA 
WING 


FIGURE  78.  COMPARISON  OF  EXPERIMENTAL  AND  CAL¬ 
CULATED  LIFT  AND  DRAG  CHARACTERISTICS 
FOR  ASPECT  RATIO  2  DELTA  WING,  USING 
POLHAMUS  LEADING  EDGE  SUCTION  ANALOGY 


FIGURE  82.  COMPARISON  OF  CALCULATED  AND  EXPERI¬ 
MENTALLY  MEASURED  PRESSURE  DISTRIBU¬ 
TIONS  FOR  A  72 -DEGREE  SWEPT  WING: 
a  -4.7  DEGREES 


FIGURE  83.  COMPARISON  OF  CALCULATED  AND  EXPERI¬ 
MENTALLY  MEASURED  PRESSURE  DISTRIBU¬ 
TIONS  FOR  A  72-DEGREE  SWEPT  WING: 
a  -  14.61  DEGREES 


FIGURE  84.  COMPARISON  OF  CALCULATED  AND  EXPERI¬ 
MENTAL  LOADINGS  ON  A  45-DEGREE  SWEPT 
TAPERED  WING  AT  8-DEGREE  ANGLE  OF 
ATTACK 
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Th»  ala  of  this  paper  la  to  review  tha  aerodynaale  oharactarlatloa  of  a  maabar  of  different  configura¬ 
tions  of  fixed -winged  alroraft  with  powered- lift  systems,  but  excluding  tboaa  configurations  alloying 
diraot  jet-lift,  and  to  dlaouaa  methods  of  predicting  tbaaa  ehnreoteristioe.  Data  Had  consideration  ti 
given  to  alroraft  employing  boundary-layer  control,  and  with  jet-flaps,  tha  latter  involving  lota  real  blow¬ 
ing,  asternal  blowing  from  undarwing  and  orarwlng  anginas,  red  augaentor  systems.  Tha  papar  alsc  looludas 
a  dlaouaaion  of  apaaslae  blowing  and  other  apaoiallaad  devices. 

Wha rarer  poaaibla,  coamenta  have  been  aada  on  tha  aerodynaale  oharactarlatloa  In  ground  affaot  as  wall 
aa  In  free  air.  Sons  aapaota  of  tba  noisa  problan  which  art  direotly  ralatad  to  tha  particular  powa rad-lift 
•yetaa  undar  dlaouaaion  hara  baan  hlghllghtad. 
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1  DdROOUCTIW 

There  ere  s  wide  rerlaty  of  eethods  by  whioh  the  power  of  e  gas  turbine  angina  sen  be  Bade  to  interact 
with  the  flow  around  a  wing  to  increase  the  circulation  lift  on  the  wing.  Parer  may  be  extracted  from  the 
engine  in  tbs  form  of  shaft  dries,  aa  e  flow  of  air  to  or  from  the  oompressore,  or  by  dirwot  utilisation  of 
the  afflux  of  the  engine.  Some  of  these  eethods,  which  form  the  basis  of  this  paper,  are  shown  on  Figure  1. 
It  will  be  noted  that  blowing  ays  tees  predominate  over  auction  systems,  reflecting  the  fact  that  this  is 
where  the  mein  Interest  has  been  in  rwoent  years. 

The  ays  terns  whioh  rwqulrw  the  laaet  power  to  be  extracted  from  the  engine  are  those  which  aim  to  aohlavw 
boundary -layer  control;  that  is  to  suppress  separations  of  the  boundary  layer  whioh  would  otherwise  oocur  on 
leading-  or  trrl ling-edge  flaps.  The  flaps  are  generally  of  the  plain  variety,  hinged  about  a  point  on  the 
lower  aurfaoe  of  the  wing.  Boundary-layer  control  nay  be  aohieTSd  by  blowing  through  a  spanwiss  slot  in  a 
downstream  direction  tangential  to  the  local  wing  surface  either  ahead  of,  or  within  the  flap  knuokls,  Figure 
1(a);  the  high  energy  flow  re -energises  the  existing  boundary  layer,  and  enables  it  to  negotiate  the  strongly 
ad Terse  pressure  gradients  whioh  exist  around  the  flap  knuokls.  The  air  required  for  blowing  may  be  obtained 
from  the  compressor  of  the  main  propulsion  angina.  AltametlTwly  boundary- layer  oontrol  may  be  aohlSTsd  using 
auction  to  ramoTw  part  or  all  of  toe  existing  boundary  layer,  so  that  a  new  botndaxy  layer  Is  created  whioh 
le  able  to  negotiate  the  adverse  pressure  gradients.  In  practloe  this  is  reallMd  either  by  auction  through  a 
slot  In  the  wing  surface  ahead  of  the  flap  knuokls,  or  by  auction  through  a  porous  area,  Figure  1(b). Power  for 
the  suotlon  plant  may  be  obtained  by  a  shaft  offtake  from  the  angina.  Other  systems  to  achieve  boundary- layer 
oontrol,  whioh  have  not  been  aubjeoted  to  auofc  extensive  experimental  and  theoretical  investigations ,  include 
the  rotating  cylinder  flap,  in  whioh  the  flap  knuokls  is  replaced  by  a  cylinder  which,  if  rotated  sufficiently 
rapidly,  increases  the  speed  and  hero#  the  energy  of  the  boundary  layer  to  the  point  at  whioh  it  is  able  to 
negotiate  the  adverse  pressure  giwdlents.  Spanwiss  blowing  from  an  orlfioe  in  the  side  of  the  fuselage,  in 
contrast  to  the  chord wise  blowing  shown  on  Figure  1(a),  has  also  bean  considered. 

Commensurate  with  the  low  power  requirements  of  boundary-layer  oontrol  systems  is  a  limit  on  the  maxi¬ 
mum  increase  of  lift  that  they  can  produoe,  corresponding  approximately  to  the  lift  that  the  wing  would  pro¬ 
duce  in  an  in  viscid  fluid,  lbs  system  employing  internal  blowing,  Plgurw  l(a),is  however,  capable  of  yielding 
steadily  increasing  values  of  lift  when  the  momentum  of  the  jet  is  inorwaeed.  Ibis  ocours  because  the  jet  is 
then  strong  enough  to  sue tain  a  pressure  difference  eoross  itself,  and  can  be  considered  to  affeot  the  flow 
around  the  wing  as  if  it  were  a  physloal  extension  of  the  trelllng-edge  flap,  resulting  in  an  increment  to 
the  circulation  lift  whioh  la  several  times  the  vertical  component  of  the  Jet  momentum  Whilst  theoretically 
the  full  Jet  momentum  should  be  recovered  as  thrust,  -n  ,nctivi  ' le  thrust  re oo very  appears  to  lie  between 
this  value  and  the  horlaontel  component  of  the  jet  lomentx-.  ibe  loss  of  thrust  that  this  implies,  together 
with  the  losses  in  the  duo  ting  between  the  engine  the  slot,  wake  up  the  power  requirements  of  this,  the 
Jet-flap  system.  Although  it  has  been  discussed  above  in  relationship  to  bloving  over  a  trilling -edge  flap, 
the  increase  in  droulaticn  (supercirculation  effect)  resulting  from  the  Jet  sheet  will,  of  course,  exist 
even  if  the  Jet  s merges  from  the  trailing  edge  of  the  wing,  and  a  number  of  schemes  have  been  proposed  based 
on  this  conoept. 

In  order  to  aohisvw  very  high  lift  coefficients  using  tbs  internal-flow  jet-flap  schsM,  large  quantities 
of  air  must  be  duoted  to  the  blowing  slot,  with  attendant  ducting  problems.  These  problems  are  avoided  in 
external-flOT  jet-flap  schemes ,  which  may  be  realised  either  with  the  engine  mounted  under  the  wing,  Figure 
1 ( o) ,  or  above  the  wing,  Figure  1(d).  When  mounted  under  the  wing,  the  engine  is  positioned  eloea  to  the 
wing  lower  surface,  end  is  some times  fitted  with  a  target-type  deflector  to  ensure  that  a  large  proportion  of 
the  efflux  strikes  the  lower  aurfaoe  of  the  flaps,  whioh  are  generally  of  tbs  double  or  triple  slotted 
veristy.  The  efflux  of  the  engine  la  deflected  downwards  by  the  lower  surfaoe  of  the  flep,  end  also  spreads 
epenwiee  along  the  flap  before  being  discharged  froo  tbs  flep  trailing  edge,  so  that  a  jet  sheet  ie  formed 
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with  a  (pan  aueh  pMttr  than  thw  diameter  of  thw  nacelle.  Sow*  flow  also  rowohwa  tfca  slot  or  slots  In  tha 
flap,  and  la  turned  around  tha  landing  edge  of  tha  flap  to  flow  along  Its  uppar  surf aos ,  insulting  In  boun¬ 
dary-layer  control  for  tha  flow  on  tha  flap  uppar  surface.  In  general,  tha  afflux  flow  Inaras  tha  flap 
trailing  adga  In  a  dlraotlon  lnolinad  to  tha  longitudinal  plana  of  aywmitiy,  and  as  only  tha  oomponent  of 
tha  afflux  nonantun  in  tha  dlraotlon  of  tha  plana  of  sywoe -ry  oon tributes  to  the  thrust  experienced  by  the 
wing  and  naoelle,  tha  tuning  process  Itself  results  In  the  major  portion  of  tha  thrust  loss  and  of  the  power 
absorbed  by  this  system. 

The  turning  process  for  the  configuration  with  the  engine  Installed  shore  the  wing.  Figure  1 (d) ,  is 
rather  different,  relying  ou  the  Coanda  effeot.  Tha  upper  aurfaoa  of  tha  flap  la  therefore  smooth,  with  no 
slots,  and  with  aa  large  a  radius  of  ourratura  as  possible .  In  order  to  obtain  affaotlro  turning  tha  afflux 
fron  tha  angina  must  bt  made  to  attach  itself  to  the  uppar  aurfaoa  of  tha  wing,  and  this  nay  ha  achlarad 
either  by  deflaotlng  tha  afflux  downwards  by  a  daf leotor,  or  by  discharging  through  a  raotangular  noasla.  If 
tha  turning  la  effmotlra  tha  jet  remains  compaot  with  little  or  no  spreading,  and  tha  turning  losses  can  be 
lower  than  for  the  undersing  angina,  la  before,  tha  angina  afflux  produoaa  a  bound*  ry-leyer  oontrol  affaot 
on  tha  flap  upper  aurfaoa,  and  is  discharged  ae  a  jet-sheet  from  the  trailing  edge,  but  of  e  smeller  span 
than  for  tha  underwing  angina  configuration. 

Tha  use  of  lnjeotora  to  augment  tha  thrust  available  has  found  application  in  tbs  augmsntor  wing  and 
lnjeotor  wing,  Figures  1(e)  and  1(f).  In  the  augmsntor  wing  the  primary  flow  is  discharged  from  a  spanwiss 
slot  Into  a  duct  formed  by  separating  tbs  uppar  and  lower  halvas  of  tha  flap.  A  Coanda  aurfaoa  at  tha 
leading  adga  of  tha  lower  aurfaoa  of  tha  flap  oeuaaa  tha  jet  to  tun  through  tha  deflection  angle  of  the 
flap.  A  slot  in  tha  lower  aurfaoa  of  the  flap  just  aft  of  tha  Coanda  aurfaoe  results  in  the  Jst  baooolng 
detached  fron  the  remainder  of  the  lower  surface.  In  order  to  reduoe  the  loates  incurred  when  a  high  velocity 
jet  peases  over  a  fixed  aurfaoa.  Tha  uppar  half  of  the  flap  provides  tha  uppar  wall  of  the  mixing  duot,  and 
a  slot  just  aft  of  tha  in taka  results  In  the  boundary  layer  whioh  has  da re loped  on  the  upper  aurfaoe  of  the 
Intake  being  draan  into  the  nixing  duot,  so  that  a  new  boundary  layer  is  formed  on  the  downstream  element  of 
tha  upper  aurfaoa,  whioh  la  abla  to  negotiate  the  advene  pressure  gradients  on  this  aurfaoa.  The  mixed 
primary  end  lnduoed  flows  era  diaoharged  from  the  trailing  adga  of  tha  duot  aa  a  thlok  jet  sheet,  resulting 
In  tha  wing  experiencing  auperoirculation  lift.  The  power  requirements  of  tha  system  era  those  associated 
with  producing  end  duo ting  the  prl'  .ry  air  at  a  pressure  sufficiently  high  bo  make  the  lnjeotor  operate 
effvotlvaly. 

For  configurations  requiring  lift  at  vary  low  spaads  it  may  ha  preferable  to  discharge  tha  efflux  of  an 
lnjeotor  from  tha  lower  aurfaoa  of  tha  wing,  Figure  1 (f ) ,  rather  than  through  tha  flap.  At  vary  low  spaads 
tha  net  thrust  vaoior  should  than  pass  through  tha  aircraft  centra  of  gravity,  whilst  at  higher  apaads  the 
mixed  efflux  will  sot  In  a  manner  of  a  Jet  sheet,  though  of  lower  effectiveness  than  for  a  Jet  diaoharged  at 
the  wing  trailing  adge. 

The  serolynamlo  oheraoterlstloe  of  these  systems,  end  the  methods  available  for  their  prediction,  will 
now  be  oonaidared. 

2  LOSSM  DART-LAYER  CONTROL 

The  aerodynamic  aspeota  of  boundary-layer  oontrol  by  blowing  or  suotlon  ware  admirably  analysed  by 
Williams  and  Butler  In  1 96j 1 :  soma  subsequent  RAB  research  wma  summarised  by  Willi  sms  in  1966  .  The 
Intention  harm  la  therefore  to  consider  primarily  the  experimental  data  end  theoretical  methods  whioh  have 
been  published  since  than. 

a)  BOtHDART-LATKR  CONTROL  BT  CHORDWISE  BLOWING 

The  methods  proposed  by  Williams  end  Butler1  for  the  estimation  of  lift  and  drag  arm  given  in  Appendix  A. 
Naturally,  the  situation  for  whioh  analysis  of  the  relationship  between  the  aerodynamic  characteristics  of 
the  flow  and  the  power  expended  by  the  boundary-layer  oontrol  system  is  simplest  scours  in  the  flow  around  a 
two-dimensional  wing.  Tested  mars  oonduoted  by  the  RAE  on  a  nodal  sing  having  tha  oroaa-seotlon  shown  In  Fig¬ 
ure  2,  tad  mounted  batsman  tha  roof  and  floor  of  a  wind  tunnel.  The  large  chord  of  the  modal  enabled  data! lad 
praaaura  diatrlbutloaa  to  ha  measured  s round  the  oantra-llna  of  tha  modal,  and  from  thia  data  tha  lift  of  the 
wing  esotlon  oould  bo  obtained.  The  drag  of  the  wing  aeotlon  was  measured  by  the  wake  survey  method  using  a 
rake  of  total  pressure  and  atatlo  pressure  tubes  mounted  approximately  ana  ohord  downstream  of  the  model. 
Measurement*  wars  obtained  for  a  range  of  tmillng-edge  flap  defleotiona  and  blowing  momentum,  In  conjunction 
with  both  aa  undefleoted  and  daf looted  leading-edge  flap,  the  latter  having  a  blowing  slot  et  the  flap  knuckle. 

Aa  tha  ala  of  boundary-layer  oontrol  is  to  eliminate  flow  separations,  whan  tha  boundary- layer  oontrol 
system  is  operating  effectively  the  flow  around  tha  wing  aeotlon  should  correspond  oloaely  to  that  In  inviscld 
flow,  w^tk,  possibly,  allowances  for  the  development  of  the  attached  boundary-layer.  The  recent  advances  In 
method*'**  of  calculating  the  flow  around  wing  seotions  have  allowed  tha  lift  ooefflolant  for  tha  wing  to  ho 
oaloulated  In  incompressible  flow  In  fra*  air.  In  ooapras  xbls  flow  In  free  air,  and  In  Incompressible  flow  In 
tha  praasnoe  of  the  wind-tunnel  walls.  Whilst  tha  true  situation,  that  of  a  ooapraaslfclc  flow  In  tha  praswnoe 
of  tha  wind-tunnel  walla,  oannot  -strictly  bo  ooaputod,  Figure  3  shows  that  the  affaot  of  cosprassibility  la 
mail  hut  that,  for  tha  aln  of  modal  considered  harm,  the  presence  of  the  tunnel  walla  does  affaot  tha  lift. 

It  la  therefore  reasonable  to  oosperm  tha  lift  curve  calculated  for  Incompressible  flow  In  the  presence  of  tha 
wlnd-tunnal  sails  with  tha  experimental  lift  curves  measured  for  a  range  of  blowing  oondltlons,  and  this  has 
been  carried  out  In  Figure  k.  the  experimental  lift  ourvw  slopes  era  lower  than  tha  lnrlsoid  value,  so  that 
tho  momentum  coefficient  to  achieve  the  invieold  lift  more sees  with  angle  of  lnoldenoe.  Figure  5  shows  tbs 
measured  and  theoretical  praaaura  distributions  agree  vary  mall,  except  near  the  flap  knuckle  where  the  oon tour 
considered  la  of  necessity  different  from  tha  aotual  contour.  Figure  6  shows  results  of  measurements  of  the 
aeotlonal  drag  by  the  wake  survey  teohnlque.  When  a  line  corresponding  to  the  values  of  tha  angle  of  incidence 
and  nomen  turn  ooefflolant  at  which  tha  invieold  lift  coefficient  was  achieved  la  superl^oMd  on  tha  oerpet  It 
la  seen  to  be  close  to  earn  wake  drag  throughout. 

It  appears,  therefore,  that  when  the  Invieold  lift  and  Invieold  pressure  distribution  are  aohleved  sen¬ 
sibly  aero  wake  drag  reaulte;  it  remains  to  ealoulate  tha  momentum  ooefflolant  to  p reduoe  theta  oonditlona. 
Thecae6  mat,  perhaps,  tha  first  to  suggest  a  method  of  predicting  tha  momentum  ooefflolant  for  attaobed  flow, 
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the  method  being  band  so  the  measured  effeot  of  a  Jet  on  th#  derelopment  of  a  riioous  layer  in  a  anil 
adrere#  pressure  (radiant.  Sartahora  and  Hntn7,8  reriewed  a  number  of  integral  methods,  and  oonaidarad 
that  aora  flexibility  aaa  required  in  tba  dafinltion  of  tba  Talooity  profile  than  bad  baan  (iaan  in  tha 
p-arioua  aathoda.  They  tbarafora  propond  a  method  in  abiob  tba  profila  aaa  daflnad  by  four  lnlapandant 
parameters.  By  intagrating  tba  momantiB  aquation  oaar  four  dlffarant  intarrala  in  tba  alaooua  layer,  equa- 
tlona  oan  ba  dariaad  for  than  four  paraaatara  in  tarma  of  tba  ahaar  stress  at  tha  four  position  in  tba 
layar.  Tba  Teluas  of  tba  abaar  atraaa  baaa  baan  dariaad  from  aapirloal  oorralatlona  with  Telocity  profila 
paraaatara  or  thair  dariTatiaaa. 

Using  tbii  aatbod  it  ia  poaaibla  to  pradiot  tba  eomsntw  ooaffloiant  to  produoa  attaebad  flow 

jut  to  tba  trailing  adga  of  tba  wing  notion.  Zt  haa  baan  appliad  to  tba  inviaoid  flow  praaaura  diatribj- 
tlona  oaloulatad  fbr  tha  RAX  wing,  with  tba  upatraaa  boundary  layar  baing  oaloulatad  aa  follows;  tba  ntbod 
of  Tbweitwa? for  tba  i «-<*■*•  boundary  layar;  a  nunbar  of  tranaition  eritarla  or  Horton’s10  lurinar  bubbla 
aatbod  to  determine  tba  and  of  tba  derelopment  of  tba  layar;  and  Green's11  ntbod  for  tba  turbulant 

boundary  layar.  Figure  7  ahowa  tha  raaulta  of  than  calculations  ooaparad  with  ralues  of  tba  momentum 
ooaffiolant  to  aobiaaa  tha  lnriaoid  lift  ooaffloiant  dariaad  froa  axpariaantnl  measurements  aa  on  Figure  k. 

Tba  mommitue  ooaffloiant  ia  nan  to  ba  underestimated  for  both  flap  angina  oonaidarad,  although  tba  arrora 
raduoa  aa  tba  lift  ooaffloiant  inoraasaa  at  tba  high  flap  daflaotlon.  This  ia  somewhat  surprising,  as 
Gartshore  haa  politad  out®  that  whilst  tha  assumed  Talooity  profila,  which  oontaina  only  ona  inflaxion  froa 
a  aaxiaua  Talooity,  ia  a  raaaonabla  rapraaantation  of  tba  aaaaurad  profila  for  snail  flap  daflaotlons,  at 
tba  higbar  flap  daflaotlons  a  ssoond  inflaxion  ra suiting  froa  a  ml  nl  mm  Talooity  is  also  found  in  tba  Talo¬ 
oity  profila,  and  so  tba  basic  flow  nodal  ia  unraprasantatiTa. 

Hon  rsosntly.  Lewinsky  and  Tab1^,  in  thair  study  of  circulation  control  by  a  Coanda  Jat,  hara  axtandad 
Gartshore  and  Newman's  aatbod  to  includa  ourratura  and  induoad  praaaura  gradient  affaota.  Thsy  baaa  aada 
satiaataa  for  tha  RAX  wing  at  ona  angla  of  inoidanoa  and  two  flap  daflaotlons,  and  thair  results  baaa  baan 
addad  to  figura  7.  It  oan  ba  aaan  that  thair  satlaata  ia  an  laproaaiwnt  on  tba  Gartabora  and  Nwwman  ralua 
at  tb*  low  flap  angle,  but  not  at  tb*  high  flap  angla.  Perhaps  lbs  finite -dlffarano*  aatbod  of  Drorak1 ' , 
which  oan  oonsldar  Talooity  profiles  with  both  marl. a*  and  ainiaa,  or  with  aaxiaa  only,  will  prow*  to  prorids 
tb*  aoouraoy  of  pradiotlon  being  sought.  Nararthelaaa  it  is  to  be  hoped  that,  swan  if  th*  absolute  waluss  of 
tbs  aoosntua  ooaffloiant  predicted  are  ineorrsot,  tb*  Gartahore-Newman  aatbod  will  oorractly  raflaot  th- 
iff tot  of  obangas  of  tb*  aerofoil  pressure  distribution  resulting  froa  changes  in  tb*  radius  of  ourratura  of 
tb*  flap  knuckle,  figure  8  shows  that  doubling  the  knuokl*  radius  produoes  a  wary  aerksd  (and  worthwhile' 
reduction  of  th*  aooenttn  coefficient  to  produo*  attaebad  flow,  but  that  further  increase  of  radius  does  sot 
hara  a  large  effect  on  tbs  attaebaant  aoawntua  ooaffloiant.  It  is  possible  that  adrantage  oan  ba  taken  of 
tba  large  initial  reduotion  by  ruing  tha  RAX  Variable  Aerofoil  Naohanism1*  to  giew  a  knuckle  with  an  increased 
radius  of  ourratura.  Tba  adrantage  of  blowing  froa  a  slot  in  tba  knuckle,  rather  than  in  tha  shroud,  was  dis¬ 
missed  by  Willi  aaa  aid  Butler1. 

finally  before  leering  considerations  of  sectional  properties,  it  should  be  noted  that  there  ere  oirotw- 
atanoes  in  whloh,  aa  tba  Jat  Telocity  is  of  the  sans  order  as  tba  fresatreaa  nlooity,  the  momentum  coeffi¬ 
cient  is  Inadequate  as  a  correlating  parameter.  Early  analysis  of  sous  low-pressure  blowing  sxperlasnts  by 
NASA1 ^  and  NFL'  suggested  that  *  local  nonentun  coefficient  .defined  in  relation  to  conditions  at  tbs  slot 
exit,  would  be  a  better  correlating  parameter,  end  recent  ays  terns  tic  date  published  by  Hog  la  r  and  Williams1*’, 
figure  9,  oonfirms  this. 

Turning  to  tba  application  of  boundary- layer  control  to  complete  aircraft,  iyra  and  Butler1 ^  oarrled  out 
eyatewatio  taste  on  a  complete  model  of  *  transport  aircraft  baring  an  aspect  ratio  6.0  wing  with  28°  sweep- 
back  on  1b*  leading  edge,  figure  10.  The  wing  aection  was  tbs  same  as  on  tb*  two-dimensional  model  shown  on 
figura  2.  Tb*  sffsot  of  daflaotlon  of  the  leading-edge  flap,  both  with  and  without  blowing  at  1b*  knuckle, 
waa  inTwstigatad,  and  tha  inoraasaa  of  marl  asm  lift  coefficient  are  summarised  on  figure  11,  together  with 
theoretical  estimates  based  on  an  extension  of  tha  method  glean  in  a  paper  considering  external-flow  Jet- 
flaps1®,  Tha  theory  assumes  that  th*  maximum  lift  ooefficiast  is  dafintd  by  a  leading-edge  stall,  end  the 
experimental  measurement*  with  tb*  leading-edge  flap  undoflscted  suggest  that  this  oondltion  is  approached 
for  blowing  momwnta  orer  th*  t railing-edge  flap  greater  than  0.1.  Tb*  meeaureasnts  mad*  with  the  leading- 
edge  flap  deflected  but  unblown  suggest  that  at  high  Taluei  of  trel ling-edge  blowing  momentum,  the  increment 
in  marl  mum  lift  coefficient  will  be  slightly  greeter  than  that  giren  by  th*  simple  theory,  whilst  blowing  at 
th*  flap  knuckle  glees  a  further  increase  in  th*  maximum  lift  coefficient. 

Ho  we  Ter  tha  inoreas*  in  meximimi  lift  coefficient  is  only  cne  aspect  of  th*  performance  of  the  high-lift 
system,  ^yr*  erd  Butler  noted  that  with  th*  lseding-edgo  flap  undeflscted  substantial  reductions  in  stal¬ 
ling  lnoidenoe  resulted  fra*  th*  application  of  tralling-edga  blowing,  and  that  the  onset  of  the  stall  was 
sudden  and  accompanied  by  considerable  buffeting;  there  was  a  large  loss  of  lift  post-stall  with  a  pronoun oed 
pitob-up.  Daflaotlon  of  tha  leading-edge  flap  inoraassd  the  stalling  lnoidenoe,  Figure  12,  but  th*  post- 
atall  lift  losses  and  pitch-up  sffeots  were  eggrereted.  Blowing  at  the  knuckle  of  th*  deflected  leading- 
edge  flap  alec,  resulted  in  an  increase  of  th*  stalling  incidence,  Figure  12,  and  reduoed  tb*  spenwiss  rat* 
of  spread  of  tb*  separated  flow  region.  Howe re r  the  basic  pattern  of  th*  stall  progression  persisted,  end 
there  were  etill  fairly  sewer*  lift-losses  and  pitch-up. 

In  an  attempt  to  further  reduce  th*  rat*  of  spread  of  th*  flow  separations  and  alleriat*  tbs  serwrity 
of  stall  tha  inboard  25S  of  each  leading-adgs  blowing  slot  was  ssaled,  re.trictlng  tha  blowing  to  the 
outer  754  of  tha  exposed  span.  Th*  leeding-edg*  flepe  were,  bower* r,  still  deflected  orer  tbs  whols  of 
their  span.  Figure  13  shows  that  some  reduction  of  maximum  lift  coefficient  resulted  from  this  reduction  of 
th#  spanwls*  extent  of  tb*  blowing,  but  that  pitch-up  was  effectiwaly  rwmoTwd.  It  therefore  appeared  that 
this  simple  modification  we  sufficleu  to  enable  ecoeptebl*  stalling  characteristic*  to  be  achiered,  and  that 
by  optimising  th*  spanwic#  dletributior  of  blowing  it  is  possible  that  the  penalty  incurred  on  the  aaximum 
lift  ooeffioient  could  be  reduced. 

A  second  beneficial  feature  of  leading-edge  flap  deflection  appeared  on  examination  of  th#  dreg  polers 
(Figure  12/.  Th*  linear  portion  of  the  cure*  for  th*  undeflected  leeding-edg*  flap  corresponds  to  *  lift- 
dependant  urag  faotor  of  1.28,  baing  typical  of  relume  measured  for  e  wing  of  this  planform  with  highly- 
loedad  flaps.  Whan  tha  leading-edge  flap  was  deflected,  with  or  without  blowing,  th*  lif t-depsndant  drag 
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faotor  dworeastd  to  1,16,  reflaotlng  th*  improvement  In  th#  condition  of  tha  boundary  layer  bolow  tho  a  tall. 
This  low  wsluo  appeared  to  b«  insensitive  to  tho  angle  of  doflootlon  of  tho  tiaillng-edg#  flop,  or  to  tho 
Yoluo  of  tho  blowing  ooaonto  ot  tho  leading-  or  traillng-edg#  flop*. 

Measurements  Mdo  with  tho  tol lplono  showod  that  tho  downwooh  angle  lnoroaaod  linearly  with  angle  of 
Incidence  up  to  tho  stall,  with  a  slope  of  spproximstsly  0.3.  Abo  TO  tho  stall,  tho  configuration  with  full- 
span  blowing  at  the  leading-edg*  indicated  a  narked  increase  in  the  downwaob  angle,  resulting  in  a  ueorwase 
in  stability,  for  the  configuration  with  part-span  blowing,  the  downwaah  angle  decreased  beyond  the  stall, 
yielding  an  increase  in  stability.  Variation  of  tailplans  height  did  not  ohange  the  slope  of  the  downwaah  — 
angle  of  incidence  ourre  below  the  stall  and  ohangad  the  absolute  Talus  of  the  downwash  angle  by  leas  than  2° 
for  til*  full  rang*  of  tailplans  heights.  Near  the  stall,  ho  were  r,  th*  tail  position  affeotod  th*  angle  of 
incideno*  at  whloh  the  stabilising  effeot  ooananoed,  th*  angle  of  inoidanc*  inorsaslng  with  tail  height. 

Interpretation  of  th*  aeasuranents  of  th*  lateral  oharaoteristlos  made  with  this  nodal  are  node  diffi¬ 
cult  by  Ihe  use  of  a  flat-plat*  fin,  installed  primarily  to  carry  th*  tailplans.  Howe  war  on*  baalo  feature 
found  was  that  the  magnitude  of  lift  losses  due  to  elds  slip  were  greater  for  th*  high- lift  wing  than  for  the 
plain  wing,  resulting  in  appreciably  larger  negative  values  for  <T< 

This  isodel  was  subsaquently  tasted  over  a  moving  ground  bait,  at  on*  fixed  height,  h/~  •  1.2,  to  determine 
the  effeot  of  ground  proximity,  figure  14  oomptrea  lift  curves  measured  in  free  air,  and  in  ground  effeot, 
for  leading-  and  tralling-adga  flaps  daflaotad  and  blown1?.  It  oan  be  stan  that  both  th*  lift  at  a  givan 
angle  of  incideno* ,  and  the  maximal  lift  coefficient,  have  been  reduced  by  th*  presence  of  the  gfound.  An 
attempt  to  model  theoretically  this  situation  was  mads  using  ths  vortax-rlng  msthod  of  Mask#*?®.  In  this 
method,  the  lifting  effeot  of  ths  wing  is  represented  by  s  series  of  quadrilateral  vortex-rings  situated  on 
th*  mean-line  of  1h*  aerofoil  seotion.  It  is  possible  therefor*  to  represent  highly-deflected  flaps,  and 
th*  method  has  th*  fsollity  to  allow  th*  trailing  vortices  to  roll  up.  Calculation-  have  boon  aad*  for  the 
wing  of  the  model,  assuming  that  the  blowing  momentum  is  Just  sufficient  to  produos  a.csohsd  flow  over  the 
wing.  Th*  lift  curves  era  shown  on  figure  15,  which  slso  indlostes  that  tbs  effeot  of  wake  roll-up,  although 
more  marked  for  the  wing  in  ground  effect,  is  nevertheless  smell.  Figure  16  shows  that  th*  theory  does  give 
a  reasonable  Indication  of  the  fraotionel  change  in  lift  due  to  ground  effect. 

Accompanying  the  reduction  of  lift  was  s  reduction  of  drag,  such  that  at  an  equal  value  of  th*  lift 
coefficient  th*  dreg  in  ground  effeot  wee  255  less  then  that  in  fraa  air.  The  main  effeot  on  pitching  moment 
was  a  constant  positive  increment  without  ohange  of  slop*.  However  the  normal  variation  of  downwash  angle 
with  angle  of  inoldenoa  wee  almost  completely  suppressed  in  ground  effeot. 

Us*  of  boundary-layer  control  at  the  leading-edge  of  a  wing  was  also  investigated  by  Butler?1  for  a 
rather  different  situation.  Here  the  half  aodel  tested  (Figure  17)  wee  of  a  strike  aircraft  with  a  thin  wing 
sactlon  (typically  8/»)  and  under  the  constraint  that  the  lsadlng-odge  arrangement  muat  be  fired,  and  with  a 
shape  dictated  by  high-speed  requirements.  A  rang*  of  positions  of  th*  leeding-adg*  blowing  slot  was  con¬ 
sidered,  and  it  was  found  (Figure  18)  that  the  expected  inorees*  of  effectiveness  eas  not  achieved  when  th* 
position  of  th*  blowing  slot  was  movad  forward  from  1&J  ohord  to  jfi  chord.  Further  inorees*  of  blowing  momen¬ 
tum  at  chord  llso  resulted  In  &  reduction  of  the  maximum  lift  ooaffiule^l,  instead  of  'to*  expected  increase. 
Reduction  of  the  tunnel  airspeed,  Figure  19,  did  however  result  In  an  increase  of  maximum  lift  coefficient  to 
a  level  well  above  that  aohieved  with  the  slot  at  l£S  chord.  It  would  appear  that  tha  reduoed  effectiveness 
of  blowing  at  xJS  chord  resulted  fra  as  adverse  interaction  of  the  Jet,  at  approximately  sonic  velocity,  with 
*n  ext* real  flow  which  la  also  locally  at  a  near-sonic  retoeMy  io»  tc  ths  high  eircnlaMon  retailing  from 
blowing  over  the  flap. 

A  second  effect  noted  in  these  tests  is  th*  favourable  influeaoe  of  leading-edge  blowing  on  the  effect¬ 
iveness  of  blowing  ovsr  trwiling-edge  flaps,  no  that  for  the  same  total  blowing  momentum  very  similar  lift 
increments  at  xero  incidence  are  achieved  by  blowing  at  the  trwi ling-edge  flap  with  no  loading-edge  blowing, 
or  by  subdividing  th*  blowing,  Figure  20.  Obviously,  at  higher  angles  of  incidence  the  advantage  lies  in 
blowing  at  th*  leading-edge.  This  effect  was  slso  found  by  Lohr??  on  a  reotangular  wing  between  endplutes 

b)  BOUNDARY-LAYER  CONTROL  BY  SPANTISE  BLOWING 

The  use  of  spsnwls*  blowing  over  flaps  to  inoreas*  tbs  lift  of  e  wing  has  been  dlsoussed  by  Dixon??. 

Air  is  discharged  in  t  spanwise  direction  fix®  a  nossle  located  in  tb*  side  of  tha  fuselage  Just  shove 
def looted  flaps,  Figure  21.  The  Jet  impinges  on  th*  flap  upper  surfsc#  end  spreads  spanwise  over  th*  flap, 
eventually  turning  to  be  discharged  from  th*  trailing  edge  of  th*  flap  in  a  near  strssmwis*  dirsotlon. 

During  this  process  fresstresm  sir  is  entrained  and  turned  to  flow  sensibly  parallel  to  the  flap  upper 
surface.  It  is  the  downward  motion  of  tha  large  mass  of  entrained  sir  that  results  in  the  increase  of  lift. 

The  effectiveness  of  spanwise  blowing  has  been  compared  with  that  of  conventional  ohord wise  blowing  by 
tests  on  *  model  of  an  F-8J  Crusader  Aircraft? 3.  Dus  to  differences  of  sosl*  between  ths  spanwise  blowing 
model  and  the  chordwls*  blowing  model  there  were  differences  in  th*  unblown  datum  values,  and  so  the  results 
are  best  compared  on  t  lift-increment  basis,  although  the  loser  Reynolds  nuaber  may  still  favour  the  span- 
wise  blowing.  Figure  22  shows  that  although  obordwiae  blowing  is  more  sffeotivs  at  sero  angle  of  incidence, 
increase  of  angle  of  incideno*  reduces  the  difference  until  st  an  angle  of  incideno*  of  12°  th*  performance 
of  th*  two  systeas  is  virtually  identical.  It  was  also  found  that  tba  thrust  reoovery  was  about  tb*  same 
for  the  two  systeas. 

Reverting  to  Figure  21,  it  can  be  seen  that  tbs  Jet  rolled  up  into  a  strong  vortsx  very  soon  aftmr 
leaving  the  outboard  tip  of  tha  flap,  and  that  a  smaller  oontra-rotsting  vortsx  sprang  from  th*  flap-fuse¬ 
lage  Junction.  These  vortices  produced  such  larger  downwash  angles  at  th*  tailplan*  of  tb*  model  than  were 
measured  for  chordwlse  blowing,  by  a  factor  that  may  b*  ss  large  as  3.  Dixon  cowments  that  to  obtain  the 
same  static  stability  with  spanwise  blowing  as  is  obtained  for  chordwls*  blowing,  it  will  be  necessary  to 
choose  a  higher  position  for  th*  tailplan* .  If  this  is  found  to  be  acoeptabls,  spanwise  blowing  offers 
potentially  large  savings  in  weight,  cost  end  complexity. 
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c)  BOOffiiST-Um  CCFTROL  BT  30CTICP 

Although  boundary -layer  control  bj  (action  bos  not  actually  boon  applied  to  a  production  aircraft,  it 
haa  aooa  attraoticoi  for  eiril  aircraft.  The  Aiaeuaaioo  of  Brltiah  and  American  work  praaontod  by  Williams 
and  Butler1  ocncludod  that,  If  tha  awailabla  ooapraaaor  bleed  and  the  associated  thrust  losses  were  restricted, 
area  suction  oould  be  oos^etltlrs,  and  perhaps,  superior,  to  blowing.  If,  for  exaapla,  a  reasonably  we  li¬ 
ds  algoed  multi -oossla  ejector  pump  system  was  fed  with  air  from  the  engine -compressor,  the  bleed  quantity  to 
preside  area  suction  oould  be  as  little  as  cos  quarter  that  required  for  direct  slot-blowing.  Tbs  auction 
Installation  would  be  aora  ooaplax,  but  tha  weight  penalty  would  not  necessarily  be  higher,  and  would  in  any 
case  be  a wall.  Williams  and  Butlar  also  oonoludad  that  a  wide  range  of  porous  natarials  were  then  asailsble, 
which  were  satisfactory  from  aerodynamic ,  structural  and  noo-clogglng  aspects. 

Area  suction  research  did,  in  faot,  continue  at  MS  until  about  19662.  In  particular  a  series  of  tests 
wara  performed  at  MB  24  on  a  nodal  largo  enough  to  aeooaaodate  praotloal  perforated  auotlon  surfaoe  arrange¬ 
ments  with  simple  internal  wing  duots.  The  model,  figure  23,  was  fitted  with  extending-chord  trailing-edge 
flaps,  and  auction  was  applied  at  the  knuokle  of  a  deflected  leading-wdge  flap.  The  variation  of  the  minimal 
suction  rata  required  to  suppress  the  natural  stall  at  a  given  angle  of  incidence,  with  angle  of  incidence, 
was  measured  for  a  range  of  suction  surfsoes  (figure  24).  The  lowest  suction  rates  corresponded  to  the  eur- 
faoe  with  the  largest  open-area  ratio,  ihilst  at  a  given  open-araa  ratio,  there  was  no  significant  effeot  of 
variation  of  perforation  else  over  the  range  of  hole  diameters  teetad. 

One  potential  problem  arms  for  systems  involving  boundary-layer  oontrol  by  auction  la  tha  affect  of  atmos¬ 
pheric  conditions,  and  in  particular  flight  through  rain.  Tha  MX  nodal  was  therefore  tasted  in  conjunction 
with  a  "rain  gun"25,  whioh  generated  a  rain-like  distribution  of  droplet*  in  tha  wind  tunnel  airstraan  by 
means  of  an  o sol 11a ting  eater  spray.  Three  combinations  of  flow  rate  and  Jet  noaxls  ala*  ears  tested  to  give 
oonoectietions  approximating  to  li£it,  moderate  and  vary  haavy  rain.  The  effect  of  simulating  rainfall  was 
measured  for  tbs  wing  with  a  smooth  oontour,  and  also  with  a  downward  step  ahead  of  the  flap  knuckle  of  a 
magnitude  equal  to  that  dhicb  wlpht  exist  in  a  practical  configuration,  figure  25  shows  that  some  scatter 
occurred  in  the  measurements,  but  that  the  increase  of  the  auction  rate  due  to  rain  was  much  leas 

than  that  lie  to  the  eurfao*  diaoontinuity. 

d)  BOWDARY-LATER  CCN1R0L  BY  ROTATING  CYLINDER  FLAPS 

The  us*  of  a  rotating  oyllndar  at  the  hinge  of  a  plain  flap  to  apply  boundary-layer  control  to  the  flow 
around  th*  region  of  high  ourvatur*  was  first  suggested  by  Professor  Alvarei -Calderon  .  Subsequently  large 
scale  models  were  tested  by  NASa27>2°  in  the  AlfES  40ft  x  80ft  rind  tunnel.  Both  models  incorporated  propel¬ 
lers,  and  extensive  tests  were  oonducted  to  determine  the  efficiency  with  which  the  rotating  cylinder  turned 
the  propeller  slipstream,  for  compatibility  with  tha  remainder  of  this  paper,  oosnents  rill  be  restricted  to 
the  aero  propeller  thrust  condition. 

The  first  modal  tested2^  had  a  wing  of  fairly  low  aspect  ratio  (3.6).  The  tests  established  that  the 
rotating  oyllndar  was  an  affootivs  and  efficient  devioe  for  boundary-layer  control.  The  correlating  parameter 
was  the  ratio  of  toe  peripheral  velocity  of  the  cylinder  to  the  f-eeatream  velocity.  At  low  values  of  the 
velocity  ratio,  the  flow  over  the  surfaoe  of  the  flap  was  eeparePid.  As  the  velocity  ratio  was  increased ,  the 
separated  area  of  tha  flap  was  reduced  and  then  finally  removal,  further  increases  in  telocity  ratio  resulted 
in  only  very  small  Increases  of  lift.  The  velooity  ratio  for  attached  flow  was  found  to. depend  only  on  flap 
deflection,  and  to  be  independent  of  the  angle  of  inoidenoe  and  of  tha  actual  value  of  the  free-etreem  velocity. 
The  power  required  was  found  to  be  proportional  to  the  cubs  of  the  freestreem  speed;  thus  the  rotating  cylinder 
is  most  attractive  for  aircraft  designed  for  very  low  approach  speeds.  The  effect  c.'  moving  the  position  of 
the  effective  hinge  point  of  the  flap  is  shown  on  Figure  26;  there  is  only  a  small  difference  in  lift,  and 
drag,  but  a  considerable  reduotion  of  tha  nosa-down  pitching  moment. 

The  seoond  model  tested^  used  the  same  rotating  cylinder,  but  in  conjunction  with  a  wing  of  larger 
aspect  ratio  (5-4).  The  change  of  aspeot  ratio  did  not  affect  the  lift  performanoe  greatly,  but  as  it  la 
similar  to  that  cf  a  wing  with  boundary-lay* r  control  by  chordwise  blowing^?,  comparisons  of  power  require¬ 
ments  are  possible.  For  similar  flap  deflections,  and  a  maximum  lift  coefficient  of  4.0,  tha  rotating  cylin¬ 
der  flap  requires  only  21$  of  the  power  required  for  blowing  boundery-layer  control,  for  an  airspeed  of  40kt; 
if  the  airspeed  rises  to  80kt  the  rotating  cylinder  flap  requires  43$  of  the  power  required  for  blowing 
boundary -laye r  control  and  so  still  provides  a  worthwhile  saving. 

Thus  if  tha  mechanical  complexity  of  the  rotating  oylinder  flap  is  acceptable  it  offers  the  prospect  of 
achieving  boundary-layer  control  with  a  reduction  of  power  ooapered  to  e  system  employing  blowing,  end  of 
generating  smaller  nose-down  pitching  monenta  than  blowing  systems,  with  its  consequential  effect  on  tail  sise. 

3  INTERNAL-FLOW  JET-FLAP 

a)  blowing  over  trailing- flaps 

JThe  aerodynamic  oharacte.  of  the  internal-flow  Jet-flap  were  analysed  by  Williams,  Butler  and 

Wood'0  in  1961,  and  by  Williams^  in  1966.  Again  the  basic  Estimation  methods  are  given  in  Appendix  A.  Since 
that  time  a  greater  effort  would  saea  to  have  been  applied  to  the  development  of  theoretical  methods  than  to 
experimental  studies. 

Allhough  the  method  of  Spence?1 >52,  to  predict  the  lift  coefficient  on  a  two-  imensional  aerofoil  section 
with  a  Jet-flap,  has  shown  good  agreement  with  experimental  results  up  to  large  Jet  deflections,  the  assump¬ 
tion  that  the  vortax  distribution  representing  the  Jet  is  placed  along  a  lint  passing  through  tha  aerofoil 
trailing -edge  in  tha  direction  of  the  undisturbed  flow  would  suggest  that  the  method  is  strictly  applicable 
only  to  small  Jat  deflection  angles,  and  to  msall  blowing  rates,  so  thst  the  Jet  psth  is  shallow.  Attempts 
have  therefore  been  made55,34  ^  derive  theories  whioh  do  not  have  this  restriction,  by  placing  a  vortax  dis¬ 
tribution  along  the  Jet  path  and  along  the  aerofoil  chord??  or  aerofoil  surfaces?^.  Iterations  ere  then 
oarriad  out  between  the  vortex  distributions  and  the  Jet  path  until  the  radius  of  curvature  of  the  Jet  at  any 
given  point,  deduced  from  the  flow  field  induced  by  the  vortex  distribution,  is  compatible  with  the  assumed 
strength  of  the  Jat  vorticity  at  that  point.  Published  results  for  one  method??  indicated  that  the  lift  of 
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the  aerofoil,  and  to  a  lesser  extent,  ttaa  Jet  path,  was  strongly  dependant  an  tha  maber  of  vortioee  rapra- 
sentlng  tha  aarofoll.  A  oomparisoc  with  tha  predictions  of  Spasoa'a  method  suggested  almllar  values  for  tha 
lift  ourra  alopa,  ad,  perhaps  surprisingly,  higher  aaluaa  of  lift  at  a  given  sngla  of  lncidenoe  and  Jet 
daflaotlon,  at  low  aaluaa  of  momentum  ooafflolant,  but  tending  to  tha  Spanoa  value  at  high  aaluaa  of  tha 
aoaactua  ooafflolant. 

Id  tha  oaloulatloq  of  tha  oharaotarlatloa  of  tha  three-dimensional  Jet-flap  wing,  tha  olasaloal  theory 
of  Haakall  and  Spanoa^  la  striotly  only  applicable  to  a  wing  of  alllptlo  planfom,  with  no  ooaber  and  twiet, 
and  baaing  an  alllptlo  dlatrlbutlon  of  blowing  no— i tun.  Llaaaaan3°  baa  ganarallaad  tha  aathod  of  Maakall 
and  Spanoa  to  oonaldar  straight ,  uneaabarad  wings  of  arbitrary  planfom  and  twiet,  and  with  arbitrary  distri¬ 
butions  of  blowing.  An  into  resting  result  glaen  by  his  aathod,  and  shown  on  figure  27,  la  that  whilst  tha 
prasaure  lift  due  to  flap  daflaotlon  warlaa  with  aoaantua  ooafflolant  In  nueh  tha  aaaa  nay  for  largo  aspaot 
ratios  (of  tha  ordsr  10),  as  for  snail  aapaot  ratios  (of  tha  ordsr  4),  tha  pressure  lift  due  to  angle  of 
inoidanee  Is  alaost  independent  of  aoaantua  ooafflolant  for  tha  snail  aapaot  ratio.  This  result,  which  la, 
parhapa,  of  aort  significance  to  the  external-flow  jet -flap  than  the  intamal-flow  jst-flsp,  would  indicate 
that  the  effeot  of  blotting  for  a  aaall  aapaot  ratio  wing  would  ba  to  ylald  an  lnoraaast  in  lift  ooafflolant 
alaost  Independent  of  angle  of  lneldanoa . 

Theories  hawing  so— what  slallar  prlnolplaa,  that  of  applying  tha  two-dl—  nalonal  characteristics  of 
Jst-flsp  aerofoils  along  a  lifting  Una,  haws  bean  proposed  by  lopes  and  Shan37  and  Cielow3°. 

Daa39  dare loped  a  lifting  surfsoa  theory  based  on  Multhopp's  — thod,  in  which  tha  sorter  distribution 
along  tha  wing  chord  was  rsprasantad  by  tha  sun  of  tha  first  three  tarns  in  Blrhbaua’a  expression  for  the 
oho rd wise  wortax  distribution  of  a  two-dlaansional  thin  aarofoll,  each  with  unknown  coefficients,  and  tha 
first  three  terns  of  Spanoa' a  two-dlaansional  Jet-flap  theory,  again  with  unknown  ooafflclants.  By  asking 
sewn  ml  epprcodnatlona,  tha  number  of  Independent  coefficients  ware  re  duos  d  to  three,  so  that  the  boundary 
oondltlons  need  ba  satisfied  at  only  three  points  along  tha  ohord:  at  ona-<iuartar  chord,  three-quarters 
oho  id,  and  Infinity  dosnatreaa.  Tha  span  wise  stations  oonsidarad  by  tha  —thod  arc  specified  by  the  —thod 
employed  by  Multhopp  In  tha  s panel ea  integration  of  tha  downwash  lntagral.  Whilst  being  suitable  for  wings 
with  full-span  flaps,  tha  • pennies  distribution  of  stations  la  In  general  Isas  satisfactory  for  wings  with 
part-span  flaps.  Der*®  also  measured  tha  chord  wise  and  apanwise  pressure  distributions  oner  a  number  of 
rectangular  wings  of  wa lying  aspaot  ratio,  and  a  ooaparleon  of  the  specwise  distribution  of  lift  due  to  angle 
of  lneldanoa  axd  due  to  flap  daflaotlon,  aa  —seared,  end  as  predicted  by  Dae's  theory,  is  shown  on  Figure  28. 
It  can  ba  a— n  that  Dee's  —thod  oorrectly  represents  tha  loading  dua  to  flap  deflection,  but  underestimates 
the  loading  dua  to  angle  of  incidence. 

A  more  general  lifting  surfsoa  theory  baa  bean  dawaloped  by  Shen  et  sl^1  at  McDonnell  Douglme,  known  ne 
the  Elementary  Vortex  Distribution  Method.  Tha  trace  of  the  ring  and  tha  Jet  in  tha  plana  of  the  frse-stream 
la  diwided  into  a  number  of  a— 11  rectangular  elements.  Elementary  Vortex  Distributions  are  now  distributed 
owar  one  or  two  of  theaa  elements,  and  owarlap  chordwiea,  to  produos  a  piecewise  linear  and  continuous  wortex 
distribution  in  tha  ehordwise  sense,  but  a  pleoewiae  constant  and  discontinuous  distribution  in  the  c panwise 
sense.  Different  types  of  Ils— ntary  Vortex  Distributions  era  used  to  ensure  tha  correct  behaviour  close  to 
tha  leading  edge  and  to  a  flap  hinge;  at  infinity  downstream;  and  owar  the  wing  and  Jet  away  from  the  leading 
adga,  flap  hlnga  and  infinity  downstream.  Tha  strengths  of  these  Elementary  Vortex  Distributions  are  derived 
by  applying  tha  boundary  oondltlons  at  one  point  in  aaoh  element,  normally  tha  centre  of  the  element.  The 
results  of  applying  this  theory  to  Daa’e  wing  are  also  shown  in  Figure  28,  where  It  can  be  aaen  that  the 
—thod  produoea  an  lap  rowed  estimate  of  tha  loading  due  to  angle  of  Incidence ,  but  overestimates  slightly  the 
loading  dua  to  flap  daflaotlon. 

Tha  McDonnell-Douglaa  —thod  has  also  bean  applied  tc  the  complete  model  representing  a  Jet-flap  air¬ 
craft,  Figure  29,  tasted  by  Butler  at  al^.  Two  sate  of  estimates  are  shown:  one  for  the  thin  wing,  and  one 
for  tha  thick  wing,  obtained  by  increasing  tha  circulation  part  of  tbs  lift  by  a  factor  (1  +  t/c),  as  first 
suggested  by  Spanoa^ ,  and  subsequently  oonfiraed  theoretically  by  Lissaman^.  Tha  theory  with  thickness 
oorreotiom  la  seen  to  be  in  good  agreement  with  the  measured  lift-incidence  variation,  except  at  the  highest 
angles  of  lnoldenoe  wnera,  parhapa,  non-linear  sffeots  should  haws  been  included.  Tha  effeot  of  the  thicknese 
oorreotion  on  the  pi  tolling-— — nt  ourve  ie  leee  than  cn  the  lift  curve,  but  still  results  in  batter  agreement 
between  theory  and  experiment.  Tha  remaining  dlecrspancy  ie  thought  to  have  resulted  from  treating  the  ring- 
fuselage,  combination  aa  an  Isolated  wing  with  a  part-epan  flap,  eo  Ignoring  the  interference  lift  on  the 
fuselage*^.  Tha  thaory  can,  of  courts,  only  prediot  the  lift-dependant  drag  Cpj,  and  this  has  been  included 
on  tha  drag  polar.  Also  shown  ie  the  difference  Cp  -  Cpj,  which  represent  the  boundary -layer  drag.  Intui¬ 
tively,  this  might  not  ba  expeoted  to  wary  very  rapidly  with  lift,  and  this  la  Indeed  the  case,  suggesting 
that  the  lif t-depenient  drag  has  bean  predicted  oorraotly. 

Wind  tunnel  testa  on  this  nodal  wars  performed  in  conjunction  with  a  mowing-belt  rig4A,  to  supplement 
tha  data  obtained  previously  with  a  fixed  ground  bosrd^,  Dua  to  tha  particular  installation  of  the  mowing- 
bait  rig,  tha  modal  had  to  ba  mounted  inverted,  in  contrast  to  its  normal  upright  position,  and  soma  inter- 
farenoe  was  snoountered  between  tha  strut,  through  whieh  air  passed  to  the  model,  and  tha  flow  around  the 
root  of  tha  wing.  As  a  ooneequenoe  only  the  incr—ente  dua  to  belt  velocity  are  oonsidarad  valid,  and  these 
have  bean  applied  to  tha  data  neasured  with  the  modal  in  an  upright  position  over  a  fixed  ground  board,  to 
give  the  comparison  shown  on  Figure  JO.  In  the  absanoa  of  Jet  Impingement  the  effeot  of  ground  proximity  on 
lift  la  a— 11,  and  aldly  favourable.  Subsequent  to  Jet  impingement,  ground  effect  became  progressively  less 
favourable,  until  the  wing  stalled.  It  was  found  that  the  stall  resulted  frea  leading-edge  separations,  in 
oontraat  to  tha  flap-shroud  separation  which  initiated  tha  stall  in  free-air. 

In  tha  absanoa  of  Jet  impingement  tha  affect  of  ground  proximity  was  to  cause  a  reduction  In  dreg  (or  an 
inoreeae  in  ttrrust)  relative  to  fras-air  oondltlons;  subsequent  to  Jet  impingement  the  fall-off  of  lift  is 
aooonpenled  by  an  inorease  of  drag.  Tha  tendenoy  to  pitoh-up  subsequent  to  Jet  Impingement,  found  in  earlier 
testa  with  a  fixed  ground  board,  was  absent  in  tha  taste  with  the  moving-bait  rig.  As  with  the  high  aspect- 
ratio  modal  with  flaps  having  boundaiy-loysr  oontrol,  the  nor— 1  variation  of  downwash  angle  with  angle  of 
lnoldenoe  was  alaost  completely  suppressed  in  ground  affect. 


A  wider  ranging  investigation  of  tha  effeot  of  ground  proximity  on  the  characteristics  of  a  wing  with  tn 
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inte mal-f  low  Jet-flap  mas  carried  out  by  Turner^*?.  He  tasted  an  unswspt  reotangular  wing  at  various  heights 
shore  e  sowing-belt  rig,  with  e  Hell-chord  flep  et  e  renge  of  deflection  angles  and  with  warious  momentum 
coefficients.  Apart  from  aooe  snail  fawouimble  effects  aeasured  at  snail  flap  deflection  angles,  the  effect 
of  ground  proximity  was  almost  uaif oraly  unfawourable  on  lift.  Typical  results  are  shown  on  Figure  J1 , 
which  indicates  that  the  ground  effeot  depends  primarily  on  the  lift  in  free  air,  but  that  there  is  also  a 
snail  dependence  on  the  flap  deflection. 

Ihe  BAS  jet-flap  nodal  was  the  subject  of  an  experiment  to  measure  the  yaw-daiaping  deriwatiwe  nj, using 
the  free -cac illation  technique1*®.  The  separate  effeots  of  wing,  fin,  tailplans  and  fuselage  were  measured, 
and  it  was  found  that  the  latter  gave  a  large  and  unpredicted  destabilising  contribution,  while  damping  due 
to  the  fin  was  smaller  than  the  estimated  value .  Explorations  of  the  flow  fields  around  the  rear  fueeiage 
and  fin  suggestad  that  thase  unexpected  features  resultad  from  the  presenoe  of  wing-root  vortioes,  whose 
strength  increased  with  the  high  values  of  lift  coefficient  associated  with  jet-flap  configurations,  and 
which  rolled  up  norm  rapidly  at  high-lift. 

Extensive  flight  testa  were  curried  out  by  BAC  and  RAI  on  the  BAC-Hunting  126  jet-flap  research  air- 
oreft,2*^'  and  it  hae  reoently  been  tested  in  the  NASA  A1ES  40ft  x  Soft  wind  tunnel**®*1*?.  Comparieons 
between  flight  and  tunnel  neasurenente  are  wade  dlffloult  by  the  fact  that  whereas  the  wind  tunnel  tests 
were  conducted  at  a  fixed  winds  peed  and  hence  constant  momentum  coefficient,  the  flight  tests?0  were  aade 
at  constant  engine  rpn  and  varying  airspeed,  and  henoe  varying  momentum  coefficient.  The  comparisons  shown 
on  Figure  32  show  the  values  of  the  lift  coefficient  measured  in  flight  oompared  with  values  interpolated 
from  wind  tunnel  results,  for  the  flight  angle  of  inoidenoe  and  momentum  coefficients.  Among  the  factors 
which  nay  contribute  to  the  difference  is  the  quality  of  the  position  errors  applied  to  the  airspeed,  as 
these  were  established  at  the  higher  airspeeds  and  axtrapolated  to  the  lower  speeds;  the  fact  that,  due  to 
the  uncertainties  of  establishing  wind-tunnel  wall  oorreotlons  for  powered- lift  models,  the  turns 1  results 
have  not  been  corrected  for  tunnel  wall  effects,  and  the  fact  that  the  wind  tunnel  tests  were  made  et  a 
fixed  tail  setting  wbereae  the  flight  results  are,  of  courss,  under  trlsssad  conditions. 

It  should  finally  be  mentioned  that  tests  in  an  anecholc  ohaaber  at  sero  forward  speed?1  have  shown 
that  the  internal-flow  jet-flap  exhibits  a  much  lower  noise  characteristic  than  the  external-flow  jet-flap 
or  the  augoento  '  flap  aohame. 

b)  BLOWING  AT  THE  TRAI LING-EDGE  OF  UNCONVENTIONAL  WING  SECTIONS 

Lock  and  Albone?2  reviewed  the  data  which  exists  on  the  use  of  the  jst-finp  oonoept  at  high  eubeonlc 
speeds,  and  oonsldersd  that  it  offered  sufficient  promise  of  improving  the  cruise  performance  and  buffet 
margin  to  merit  further  research.  Wind  tunnel  teste  in  this  speed  range  were  reported  by  Englmr53,  who 
oompared  the  performance  of  three  aerofoil!  with  different  forms  of  trailing -edge  blowing.  Figure  33.  The 
values  of  lift  coefficient  measured.  Figure  34,  suggested  that  the  performance  of  an  aerofoil  with  blowing 
from  the  lower  surface  was  exceeded  by  that  of  an  aerofoil  with  blowing  from  the  upper  surfaoe  over  a  curved 
trailing  edge. 

Consideration  of  this  and  other  wind  tunnel  tests,  and  of  a rg’ seen to  similar  to  those  presented  by  Lock 
and  Albone,  hae  led  to  the  suggestion  of  the  uss  of  a  new  type  of  aerofoil  section,  termed  the  Power 
Profile?1*,  Figure  3?.  Jets  emerge  from  the  slots  above  and  below  the  oontrol  eurfeoe,  and  flow  around  the 
control  surfaoe  to  coalesoe  into  a  single  jet  flowing  downstream.  By  varying  the  position  of  the  control 
surface  the  width  of  the  upper  and  lower  slote  may  be  ohanged  simultaneously.  This  in  turn  ohanges  the 
dlreotlon  of  the  final  single  Jet  and  thus  the  lift  on  the  aerofoil,  so  that  lift  can  be  varied  et  a  oonstant 
angle  of  incidence  and  momentum  coefficient.  Thus  in  addition  to  offering  benefits  in  terms  of  better  orules 
and  buffeting  performance,  high  values  of  lift  ooefflclent  will  be  available  at  low  speed  in  a  manner  whloh 
allows  rapid  changes  to  be  made,  suggesting  that  improvements  in  ride  quality  may  be  aohieved  through  gust 
alleviation. 

4  EXTERNAL-FLOW  JET-FLAP 
a)  ENGINES  INSTALLED  UNDER  THE  WING 

This  ooncept .originated  by  NASA,  has  been  the  subject  of  intensive  study  experimentally,  and  a  wide 
variety  of  theoretical  methods  have  bean  proposed  by  which  the  performance  may  be  predicted.  One  obvious 
starting  point  lies  in  Ihe  methods  developed  for  internal-flow  Jet-flaps?0.  The  question  then  arises  of  the 
magnitude,  distribution  across  the  span,  and  deflection  of  the  momentum  leaving  the  trailing  edge  of  the 
flap.  Perry1®  assumed  that  tbs  magnitude  and  direction  of  the  momenta*  flux  under  forward  speed  conditions 
wee  the  same  as  that  measured  under  static  conditions,  and  that  it  was  sufficient  theoretically  to  represent 
the  non-uniform  spall  wise  distribution  by  a  uniform  distribution  of  momentum  ovor  that  part  of  the  flap  span 
thought  to  be  affeoted  by  the  Jet  4reet.  Based  on  measured  values  of  the  static  turning  effioienoy  and 
statlo  turning  angle,  and  including  allowances  for  non-linear  effects  at  large  flap  angles  and  momentum  coef¬ 
ficients,  Perry  obtained  reasonable  agreement  between  aeasured  and  predicted  lift  inorements.  However  when 
be  attempted  to  utilise  this  approaoh  to  analyse  longitudinal  forces,  he  found  that  it  was  not  possible  to 
obtain  a  satisfactory  correlation  of  measured  and  predicted  foroee,  and  that  it  wae  neoeesary  to  revert  to 
treating  tbs  flap  as  a  simple  thrust  defleotor  and  including  the  effeot  of  superclroulation  only  in  the  ojIou- 
latlon  of  the  lift-dependent  drag.  Sven  with  this  limitation  the  method  is  restricted  in  the  range  of  con¬ 
figurations  to  which  it  oould  be  applied,  sinoe  the  effeot  of  the  position  and  orientation  of  the  naoella  on 
the  static  turning  parameters  oould  set  be  predicted. 

A* hi 11??  has  reoently  extended  this  approaoh  by  developing  a  semi-empirical  method  of  predicting  the 
atetlo  turning  efficiency  and  static  turning  angle,  based  on  an  extensive  series  of  static  tests 5®.  Oeing, 
as  in  the  Perry  method,  the  olassioal  Creory  for  jet-flap  wings  due  to  Haskell  and  Spenoe'5,  vnd  incorporating 
allowances  for  non-linear  effecta  at  large  flap  angles,  and  for  the  effeot  of  the  boundary  layer  on  the  flap 
upper  surfaoe  at  low  momentum  coefficients ,  As  hi  11  has  inor.rpc  rated  his  predicted  atatio  turning  parameters 
to  give  a  better  prediction  of  the  lift  ooeffiolente  aeasured  in  a  NASA  teat-5?  than  oould  bs  obtained  by  the 
Perry  method  (Figure  36) .  Ashill  followed  Perry  in  predicting  the  longitudinal  force  using  the  thrust-deflec¬ 
tor  analogy;  as  Figure  37  shows,  providing  that  a  suitable  value  ie  eseumed  for  the  boundary -layer  dreg  of 
the  area  of  the  wing  external  to  the  jet  sheet,  satisfactory  agreement  can  be  achieved  between  the  prediotei 
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and  measured  values.  The  agreement  batman  the  pradlctad  and  aaaaurad  raluaa  of  tba  pi tehlng-moment  coeffi- 
oiant  ara,  perhaps,  laaa  good  (Pigura  38)  but  this  nay  ba  bacauaa  tba  affaot  of  the  fuselage  on  tba  pitching 
nonant  la  not  adequately  rapraaantad  by  tba  theory. 

Tba  Douglaa  Ilat'ntary  Vertex  Distribution  netbod  for  tba  prediction  of  tba  oharaeteriatioe  of  wlnga 
with  ir.tarnal-flow  jet  flapa  ha  a  bean  applisd^-l  to  an  external-flow  jat-flap  configutatlon,  by  ualng  an 
aatlnata  of  tba  tuning  sffidanoy,  turning  angle ,  and  apanwiae  apraading  of  the  angina  exhauat  dariaad  fron 
atatio  measurement? .  Pigura  39  ahowa  that  reasonable  agraenant  ia  obtained  for  lift  and  pitching  moment, 
and  alao  for  drag,  if  a  a ul table  value  of  the  boundary-layer  drag  la  inoludad. 

All  tba  above  net  hod.'  rely  on  static  maasuramenta  to  indicate  the  magnitude  and  direction  of  the  momen¬ 
tum  flux  leering  the  trf  •  ilng-edge  of  tba  flap.  Recent  experiments  at  RAE  Radford  have  confirmed  that  for¬ 
ward  apaed  has  only  a  sea 1 1  affect  on  the  turning  and  apraading  process,  but  it  is  possible  that  a  dare lop - 
sent  of  a  theoretical  method  similar  to  that  proposed  by  ShollenbergerSa,  in  whioh  both  the  wing  and  the  Jat 
ara  rapraaantad  by  singularity  panels,  and  tba  span loading  and  jat  shape  undergo  an  iterative  process  until 
they  are  ooapetibla,  will  remore  this  dependence  on  etatlo  measurements  in  prediction  nethode. 

Smlth^  baa  studied  the  effeot  of  the  site  of  the  high-lift  deaioea  experimentally,  using  the  unswept 
model  shown  in  Figure  40,  to  tast  four  flap  configurations.  As  might  be  expeoted.  Figure  41  shows  that  the 
configuration  with  the  largest  chord  produoad  the  moat  lift,  and  that  with  the  smallest  ohord  tba  least  lift. 

For  a  given  flap  chord  it  appeared  to  be  most  advantageous  to  have  a  small  vane  and  a  forward  slot;  the  con¬ 
figuration  with  an  aft  slot  appearing  to  suffer  from  relatively  poor  turning  performance.  Different  leading- 

edge  devices  were  also  tested  on  this  model.  At  a  moderate  value  of  the  momentum  coefficient  (Ojg  *  2.75), 

increasing  tbs  ohord  of  the  leading-edge  slat  from  191%  ohord  to  25%  ohord  only  resulted  in  an  increase  of  the 
lift  ooeffioient  measured  above  the  stall,  and,  as  again  might  be  expeoted,  leading-edge  slate  were  more 
effeotive  than  the  leading-edge  flaps  formed  by  eealing  the  alote  of  the  elate.  In  teats  on  a  model  aimilar 
to  that  shown  in  Figure  42(a),  at  a  rather  higher  Reynolds  number,  Parle tt,  Smith  and  Megrell59  sheweu  that  a 
leading-edge  slat  of  25%  chord  had  some  advantages  over  a  15%  chord  slat  in  tense  of  the  angle  of  lnoidence 
at  the  stall  and  the  break  in  the  lift-curve  slope.  A  leading-edge  flap  of  larger  ohord  (3 chord)  was  also 
tasted,  but  was  found  to  be  inferior  to  the  slats. 

Smith^  used  tba  half  model  tested  previously  with  various  high- Ilf t  devices^?,  Pigura  40,  to  investigate 
the  effeot  of  wing  a ape  at  ratio,  flap  span,  and  engine  position.  He  found  that  there  was  only  a  smell  loss 
of  the  trimmed  lift  ooeffioient  when  the  wing  aspect  ratio  was  reduoed  from  7.0  to  5.25,  but  a  much  greater 
lose  occurred  when  the  seme  fractional  reduction  war.  applied  to  the  flap  span  only,  indicative  of  the  lateral 
extent  of  the  spreading  of  the  engine  exhaust.  At  a  given  overall  momentum  ooeffioient,  a  configuration  with 
two  engines  looatad  olose  to  the  fuselage  had  about  the  same  longitudinal  aerodynamlo  characteristics  as  a 
configuration  with  four  anginas  located  uniformly  over  the  span  of  the  wing. 

Loss  of  thrust  from  one  engine  has  a  profound  effeot  on  lift,  drag  and  pitch  trim;  in  general  the  raduo- 
tlon  in  lift  due  to  an  Inboard  engine  failure  is  greater  than  that  due  to  an  outboard  engine  feilure57,60_ 
Account  must  be  taken  of  these  longitudinal  effects  in  defining  safe  flight  speeds  at  high  lift,  but  a  poten¬ 
tially  more  difficult  problem  exists  in  the  lateral  characteristics,  where  the  out-of -balance  rolling  momenta 
generated  at  low  angles  of  incidence  by  the  loss  of  lift  era  magnified  at  higher  angles  of  Incidence  by  the 
engine-failed  wing  stalling  first.  Parlstt,  Smith  and  Megrall59  showed  that  some  of  the  earlier  measurements 
of  the  out-of-balance  rolling  moment  on  a  swspt-wlng  configuration  may  have  been  pesslmistlo  due  to  their  low 
Reynolds  number,  and  that  the  use  of  a  large  chord  slat  reduoed  the  magnitude  of  toe  rolling  moment.  As  an 
alternative'"  blowing  at  tba  leading-eoge  can  be  used  to  nduoe  the  lift  loss  at  the  stall.  However  for  this 
modal  the  largest  raduotion  of  the  out-of -balsnoe  rolling  moment  occurred  whan  the  engine  arrangement  was 
changed  from  the  spread-out  configuration  of  Pigura  42(a)  to  the  clustered  arrangement  of  Pigura  42(b),  as  is 
shown  on  Figure  43(e)  •  For  this  model  the  ohange  was  acoompanied  by  a  loss  of  all-engines  performance, 

both  in  terma  of  drag  at  a  given  lift  coaffiolant,  and  of  maxi  mum  lift  coafflciant,  Figure  43(b). 

A  considerable  effort  baa  been  devoted  to  a  study  of  the  lateral  control  devices  required  to  trim  the 
out-of -balance  rolling  moment.  Parlstt  and  Shi vers® i  showed,  for  a  model  with  an  unswept  wing  and  clustered 
engines, that  conventional  ailerons  and  spoilers,  even  when  at  large  deflection  angles.  Figure  44(a)  could 
only  provide  lateral  trim  up  to  an  angle  of  lnoldenoe  of  13°  oompared  with  the  stalling  angle  of  incidence  of 
22°.  Moreover,  deflection  of  the  spoilers  incurred  a  raduotion  of  lift  ooeffioient  of  the  order  of  0.45 
through  the  lnoldenoe  range.  These  tests  suggested  that  e  conventional  rudder  eaa  auffioient  to  produos  trim 
it.  jaw,  but  later  tests  en  tbs  uudel  with  engines  spaced  across  the  Span  uf  the  wing,  Figure  42(a),  indicated 
that  Ihe  conventional  rudder  was  not  sufficient  to  restore  directional  trim  after  an  angina  failure.  These 
teats  also  showed  that  conventional  wing  spoilers  at  a  large  deflection  (60°),  combined  with  a  small-coord 
apoilar  on  the  flap  itself,  could  produce  roll  trim  up  to  stalling  angle  of  incidence  (22°) ,  Figure  44(b) 
but  with  a  decrement  of  approximately  1.0  in  lift  coefficient.  Use  of  differential  flap  setting  could  not 
give  roll  trim  up  to  the  stalling  angle  of  lnoldenoe,  and  produoad  large  adverse  yawing  moments.  Freeman, 
Parlett  and  Henderson®2  investigated  the  effectiveness  of  ailerons  with  large  differential  deflections, 

(60°),  in  conjunction  with  blowing  over  the  deflected  aileron,  on  the  model  with  olusterad  anginas.  Figure 
*2(1), but  found,  Figure  44(e),  ttat  this  was  only  effective  at  low  angles  of  inc lienee .  Further  Investiga¬ 
tions  will  therefore  be  necessary  before  an  adequate  lataral  control  system  can  be  defined. 

Perry1®,  in  hie  review  of  the  data  available  in  1970  on  the  external-flow  Jwt-flap,  noted  that  large 
reductions  in  the  downwash  factor  occurred  with  increasing  momentum  ooeffioient,  Parlett  at  al'%  investi¬ 
gated  a  range  of  fore-and-aft  and  vertical  positions  of  the  tallplana  of  a  four-engined  model,  Figure  45, 
and  oonoluded  that  if  the  tailplane  were  to  retain  even  a  minimal  effectiveness  at  high  momentum  coefficients 
it  must  ba  located  at  least  1.5  to  2  wing  chorda  above  the  fuselage. 

Measurements  of  statio  and  dynamic  stability  derlvates  were  made  by  Freeman,  Grafton  and  D’Ameto^  for 
the  swapt-wlng  modal  with  anginas  speoed  aoross  the  span,  Figure  42(a).  Figure  4 6  shows  that  increase  of 
momentum  ooeffioient  lnoreased  the  positive  dihedral  effeot  (-  Cg  ) ,  but  reduoed  the  dlraotional  stability 

(+  Cn  ).  Increase  of  momentum  ooeffioient  also  inoreasad  the  damping  in  roll  (~(Cf  ♦  Cf.  sin  a));  the  yaw 
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damping  (-(Cn  -  Cn-  ooa  c.))  was  approximately  independent  of  the  momentum  ooaffiolant. 
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Voglar^  OGaptnd  a  high-wing  and  a  low-wing  modal  tilth  tha  anglm:  spread  out  across  the  span  both  In 
and  out  of  ground  sffaot.  Ha  found  that,  at  a  gl ran. angla  of  incidanoa,  the  high-wing  configuration  had 
batmen  9*  and  76  no  re  lift  than  tha  low-wing  configuration,  probably  due  to  tha  end-plate  affaot  of  tha 
fuselage.  Tha  low-wing  configuration  in  general  produoed  lower  nose-down  pitching  momenta,  especially  at 
low  flap  daflaotiona.  With  the  low-wing  configuration  it  was  possible  to  hare  tha  tailplane  closer  to  the 
fuselage  than  for  the  higb-wlng  configuration  without  loss  of  tailplane  power.  The  effect  of  ground  pro  ri¬ 
al  on  lift.  Figure  47,  was  ainilar  for  both  the  high-and  low-wing  at  the  aaae  ground-olaaranoe  height. 
However  for  the  earn  unde  roan-la  go  height  the  low-wing  configuration  will  suffer  approximately  twioe  the  loss 
of  lift  as  tha  high-wing  configuration,  bra  tsar  and  Mahal'1'  hate  shown  that  this  increased  adverse  ground 
effeot  will  have  a  narked  sffaot  on  the  ability  of  the  aircraft  to  execute  a  flare,  since  the  lift  increment 
required  to  flare  nay  not  be  obtainable  at  a  practical  attitude.  There  are  thus  very  powerful  arguments  for 
the  adoption  of  a  high  wing. 

One  partioular  disadvantage  of  the  undsrwlng  external-. 'loa  Jet-flap  oonoept  in  respeot  of  its  use  for 
olvil  aircraft  lies  in  the  noiae  it  generates.  Experiments'0  have  ehown  that  impingement  of  the  Jet  on  the 
flap  leading  edge  and  the  flow  leaving  the  flap  trailing  edge  add  to  the  noise  of  the  baslo  Jet  an  amount 
which  increases  with  flap  angle,  giving  an  increase  of  some  10dB  for  the  landing  flap  setting.  In  an  attespt 
to  reduoe  the  Impingement  noise,  a  "daisy*  nos si-  was  added  to  an  angina  exhaust  stream  to  reduoe  the  v- lo¬ 
ot  ty  of  the  flow  at  the  f laps°9.  Although  a  reduction  of  of  vwlooity  waa  measured,  and  tha  impingement 
noise  reduoed,  the  daisy  nos ala  had  a  higher  noise  level  then  tha  basic  oonical  noxzla,  and  so  showed  no  net 
advantage. 

It  has  been  assumed  that  the  aerodynamic  behaviour  depends  only  on  momentum  of  the  Jet,  hut  it  may  be 
that,  aa  with  boundary-layer  control,  at  the  low  valuta  of  the  ratio  of  Jet  velocity  to  external  flow  velo¬ 
city  which  would  result  from  using  such  a  device  to  reduoe  the  Jet  velocity,  the  momentum  ooefflolent  is  not 
tha  correct  correlating  parameter. 

b)  ffiGINES  INSTALLED  OVER  THE  WING 

There  le  a  potential  advantage  in  installing  tha  engines  over  the  wing,  as  tha  wing  will  provide  eoae 
acoustic  shielding.  However  some  of  this  advantage  la  eroded  when  the  engine  exhaust  is  utilised  to  give 
powered  lift.  In  order  to  allow  the  an^ua  exhaust  to  be  turned  around  the  flap  knuckle,  and  to  be  die- 
charged  from  the  trailing  edge  of  the  flap,  it  must  attach  Itself  to  the  wing  ahead  of  the  flap  knuckle. 

This  nay  be  done  either  by  directing  tha  afflux  from  a  conventional  oircular  noixla  onto  tha  wing  aurfaoe  by 
a  daflaotor  at  the  noaale  exit,  or  by  discharging  tha  afflux  through  a  rectangular  or  sami-olrcular  no a ala. 
Both  methoda  result  in  scrubbing  noiaa^0  being  generated  at  tha  wing  aurfaoe,  and  being  oonveoted  in  the 
exhaust  to  the  flap  trailing  edge. 

Tha  utilisation  of  tha  Coanda  effeot  to  turn  the  Jet  implies  that  the  upper  aurfaoe  of  the  wing  Joins 
tha  upper  surfaoe  of  tha  flap  smoothly,  with  no  slots  or  gaps.  Such  a  wing  and  flap  configuration  is  not  an 
effective  one  outside  the  region  of  influence  of  the  engine  exhaust,  so  that  either  the  flap  must  revert  to  a 
conventional  slotted  flap  outslda  this  rsgion,  or  boundary-layer  eontrol  by  blowing  must  be  eaployed  to  main¬ 
tain  attached  flow,  aa  waa  tha  oaaa  in  tha  only  wind  tunnel  test  for  which  data  has  so  fir  bean  publish-:  . 
Tha  prootss  of  turning  a  Jot  by  the  Coanda  effeot  depends  on  the  pressure  ratio  of  the  Jet,  and  lta  thlokneas 
relative  to  the  radius  of  curvature  around  which  it  Is  turning.  Whan  turning  ie  successfully  aoooopllshed  it 
ooours  with  little  or  no  epanwise  spreading  of  the  Jet,  and  so  oan  yield  higher  values  of  turning  efficiency 
than  are  obtained  for  the  engine -under- the -wing  oonoept.  On  the  other  hand,  the  laok  of  spreading  minimises 
tha  epanwise  extant  of  the  wing  influenced  ty  the  Jet.  Nevertheless,  the  data  so  far  published  for  tha  modal 
shown  in  Figure  48  suggested  that  at  a  given  engine  momentum  ooefflolent  the  over-wlng-engine  produces  some¬ 
what  more  lift  at  a  given  drag  ooefflolent  than  tha  unde r-wing-e nglne ,  Figure  49.  The  pitching  moment  ourves 
indicate  that  tha  over- wing  engine  configuration  had  slightly  more  instability  than  tha  under-wing  engine 
configuration,  and,  taking  into  account  the  fact  that  tbs  over-wing  engine  produoed  mors  lift,  this  implies 
that  tha  centre -of -pres sure  for  the  over-wing  engine  was  more  forward  than  for  the  under-wing  engine.  This 
may  bs  a  dlraot  reflection  of  tha  fact  that  tha  under-wing  engine  configuration  employs  a  double-slotted  flap 
with  significant  rearward  extension. 

5  AUGM3NT0R  SISTBB 

a)  BLOWING  THROUGH  FLAPS 

Tha  prediction  of  tha  characteristics  of  an  aupnentor  wing  with  blowing  through  s  divided  trailing -edge 
flap.  Figure  50,  requires  a  me  tod  of  estimating  tha  performance  of  tha  injaotor  system,  end  of  calculating 
tha  aerodynamic  loading  on  tha  wing,  accounting  for  the  sink  effeot  of  the  flow  entrained  into  the  injector, 
end  the  Jet-flap  affect  of  the  thick  Jet  emerging  from  the  trailing  edge  of  tha  flap.  Whittley '2,  the  origi¬ 
nator  of  the  scheme  at  Da  Havi  Hand  (Canada),  has  indies  ted  that  a  theory  has  bean  developed  for  the  perfor¬ 
mance  of  an  injector  system  with  non-uniform  inlet  and  exit  velocity  profiles.  Difficulties  were,  however, 
encountered  in  applying  this  theory  to  prediot  the  effeot  of  forward  speed  on  the  performance  of  Hie  injector 
system,  as  tha  exit  profile  is  modified  from  the  static  distribution  ty  forward  speed  effeots.  Chan'}  has 
analysed  the  flow  around  a  thin  aerofoil  with  a  Jet-flap  and  a  alnk  locatad  at  tbs  hinge  of  the  flap.  Ha 
found  that  suction  into  the  lnjeotor  system  can  induce  an  additional  lift  on  tha  aarofoll,  this  additional 
lift  decreasing  slightly  as  tha  Jat  momentum  increases.  Recent  analysis  of  the  effect  of  thick  Jeta55 
suggests  that  the  correlating  parameter  should  be  replaoed  by  Cm  •  ?tj/c,  where  tj  is  the  thickness  of  the 
Jet.  In  view  of  these  effeots,  the  comparison  shown  on  Figure  51  between  experimental  results,  and  tba  pre¬ 
dictions  of  the  MoDonnell-Douglas  Elementary  Vortex  Distribution  Method^1,  assvning  s  thin  Jet  having  the 
measured  static  thrust  modified  to  allow  for  tha  flow  of  boundary -layer-control  air,  is  surprisingly  good. 

The  static  performance  of  an  augmantor  wing  with  tha  primary  nozzle  in  the  form  of  a  thin  slot^  is 
summarised  in  Figure  52.  Analysis  of  measurement*  made  on  a  quuai-two-dimenaional  modal  showed  that  tha 
effective  augmentation  ratio  dsoreased  from  a  static  value  of  1.J0  to  1.21  at  forward  speed.  This  resulted 
from  a  combination  of  the  effeot  of  forward  speed  on  the  ohareoterlstlcs  of  the  injector,  and  from  incomplete 
thrust  recovery,  but  it  was  not  possible  to  Isolate  the  individual  contributions. 

Following  early  Canadian  two-dimensional  teats,  the  major  part  of  the  wind  tunnel  data  for  oomplete 
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models  with  this  powered- lift  system  has  bean  obtained  In  tba  AXES  4 Oft  x  80ft  wind  tunnel75»7S  using  tha 
models  illustratad  in  Figure  53.  A  particular  fsaturs  of  this  systasi''  is  that  tha  flow  induoad  by  tha 
injector  syetaa  provides  a  powerful  control  on  tbs  flow  at  mid  chord,  and  tenia  to  limit  the  spanwisa  spread 
of  the  stall.  Ibis  is  illustrated  by  tha  well-rounded  aarlwim  which  ooourred  in  the  lift  curves  for  both 
the  unawept  and  swept  wings,  figure  54.  for  the  straight  wing  tba  initial  breakdown  of  the  flow  occurred 
at  the  wing  root,  and  a  sail  increase  of  the  maxim*  lift  coefficient  was  obtained  by  blowing  through  a 
slot  on  the  upper  surface  of  the  fuselage  in  line  with  the  leading  edge  of  the  wing.  In  the  case  of  tha 
swept  wing  the  wing  root  was  lacs  heavily  loaded,  and  although  separations  still  occurred  in  this  region 
as  the  stall  was  approached,  a  fuselage  boundary-layer  control  slot  oould  not  influence  the  progression  of 
the  stall. 

Both  models  sere  tested  with  highly -def looted  ailerons  having  boundary-layer  control  by  blowing  in 
order  to  achieve  as  uniform  a  spanwisa  lift  distribution  as  possible.  However  it  was  found.  Figure  55, 
that  a  reduotion  of  the  deflection  of  the  ailerons  had  only  a  small  effeot  on  the  maximum  lift  coefficient, 
but  markedly  reduced  the  nose-down  pitohing  moment  below  the  stall,  end  the  post-stall  pitch-up. 

An  internal  flow  system  such  as  the  augmantor  wing  (or  the  internal-flow  jet-flap)  allows  the  possi¬ 
bility  of  oross-duoting  the  flow  bled  from  the  engines,  so  that  eng ins  failure  will  not  oause  asaymetrlc 
loadings,  as  or. ours  for  ths  external-flow  jet-flap.  Tha  augmantor  also  provides  e  ready  mans  of  providing 
lateral  control  moments  independent  of  forward  speed.  This  is  achieved  using  the  "augmantor  choke".  Figure 
50,  a  flap  in  the  tralllng-edge  portion  of  the  injector  aystea  which  can  partially  choke  the  exit.  Testa >5 
showed  that  it  produces  ohanges  in  rolling  moment  which  are  almost  independent  of  the  lift  coefficient,  with 
only  a  small  penalty  in  the  maximum  lift  coefficient,  Figure  56. 

Measurement  of  ground  effect  on  these  models  hss  been  made  only  with  a  fixed  ground  board'®,  .he 
results,  Figs. re  57,  show  that  both  tha  lift  curve  slope  end  the  maximum  lift  coefficient  are  reduced  aa 
ground  clearance  is  reduced,  but  tha  effects  shown  may  be  exaggerated  by  the  presence  of  the  boundary  layer 
which  develops  on  the  fixed  ground  board. 

One  disadvantage  of  tha  augmentor— wing  configurations  so  far  discussed  lie  in  the  noise  they  generate, 
typically  some  115PNdB  at  a  500ft  sideline  compared  with  a  goal  of  95WdB  ftar  commercial  aircraft.  The 
Boeing  Company  have  investigated''  alternative  forms  of  nozsles  to  the  slot  nozzle,  Figure  58.  The  multlrow 
lobe  nozzle  with  a  "screech  eliminator”  in  a  lined  augsentor  has  actually  demonstrated  the  objective  95FNdB 
sideline  noise.  Figure  59  shows  that,  for  a  given  thrust  coefficient,  the  aerodynamic  performance  of  the 
slot  and  lobe  nozsles  are  approximately  the  same. 

Boeings  compared  ths  effect  of  forward  speed  on  the  axial  force,  at  a  given  lift  coefficient  and  primary 
nozzle  momentum  coefficient,  fbr  two  augmantor  configurations  with  that  for  an  internal-flow  Jet-flap  having 
the  aasw  flap  oherd  ratio,  Figure  60.  Whilst  ths  axial  force  for  the  Jet  flap  is  essentially  invariant  with 
airspeed,  the  values  for  the  augzentor  configurations  vary  markedly  with  airspeed,  and  are  more  negative 
(higher  thruat).  The  shape  of  the  axial  force  curve  ia  well  reproduced  by  the  ourve  of  the  sum  of  the  rem 
drag  and  tha  augmented  thrust.  The  difference  between  the  axial  force  end  the  sum  of  the  rem  drag  and  aug¬ 
mented  thrust  is  independent  of  airspeed,  and,  as  static  values  of  the  thrust  augmentation  factor  and 
entrainment  ratio  (as  Figure  52)  have  been  used  in  this  calculation,  this  is  taken  to  imply  that  the  charac¬ 
teristics  of  the  injector  system  ere  not  affected  by  forward  speed. 

b)  BLOTTING  THROUGH  THE  57DI& 

Qulnn^t®1  has  considered  the  application  of  injectors  to  aircraft  requiring  VTOL  capability,  where  in 
the  absence  of  forward  speed  there  can  be  no  circulation  induced  on  the  wing  by  the  jet.  The  necessity  of 
making  the  thrust  veotor  pass  through,  or  very  nssr  to  the  centre  of  gravity,  then  suggests  that  the  injec¬ 
tors  should  be  mounted  in  the  wing,  in  contrast  to  their-  installation  in  the  flap  for  a  purely  STCL  applica¬ 
tion.  Figure  61  shows  such  an  installation  with  two  s panwise  rows  of  injectors ;  the  intake  end  exit  doors 
are  arranged  to  deflect  the  thrust  vector  for  transitional  flight. 

At  zero  forward  speed  the  injector  is  ths  sole  source  of  lift;  a  high  thrust  augmentation  ratio  is 
therefore  essential.  Installation  within  the  wing  results  in  a  minimum  length  being  available  for  mixing, 
whereas  the  achievement  of  high  values  of  thrust  sugmentation  has  in  ths  pest  required  large  mixing  lengths. 

A  special  form  of  primary  nozzle,  known  as  the  hyperaixing  nozzle,  has  therefore  been  developed  with  ths  aim 
of  promoting  rapid  mixing.  The  nozzle,  Figure  62,  la  subdivided  Into  e  number  of  segments,  and  each  segment 
Imparts  a  transverse  velocity  to  the  flow  of  opposite  sense  to  that  Imparted  by  its  neighbouring  segments. 

.  a  a  result  vertaess  are  set  up  at  the  June  tier,  uf  adjacent  segments,  which  entrain  edU.11  vml  field  end 
accelerate  the  spreading  of  the  primary  jet. 

A  large  scale  model  of  a  single  channel  was  tested  statically  to  determine  the  effeot  of  mixing  length, 
diffuser  length,  and  of  the  ratio  of  the  exit  area  to  the  area  of  the  mixing  section.  Subsequently  *  four 
channel  model  powered  by  a  turbofan  engine  was  tested;  Figure  65  shows  ths  levsl  of  thrust  augmentation 
achieved,  and  the  faot  that  the  multi -channel  results  are  in  good  agreement  with  the  single  ohannel  data 
measured  earlier.  Figure  64  shows  that  with  forward  speed,  the  lift  component  of  thrust  is  augmented  by 
oireulablut.  lift,  whilst  the  axial  tump  orient  of  thrust  is  opposed  by  ths  momentum  drag.  An  analysis  of  the 
stability  and  control  of  an  aircraft  with  this  form  of  thrust  augmentation82  hae  indicated  that  the  aircraft 
oould  perform  e  stable  and  controlled  transition  manoeuvre  provided  thst  the  static  thrust-weight  ratio  was 
of  the  order  of  1.3. 
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APPBiDIX  A 

EQUATIONS  FOR  LIFT  AND  HUG  COEFFICIENTS  DUE  TO  WILLIAMS  ET  AL1 ,3° 

A.1.  UR 

Claaaioal  Jet-flap  theory  euggeata  that  tha  lift  coefficient  CL  for  a  two-dimensional  thin  flat  plat* 

at  an  angli  of  Inaltooi  af  with  blowing  oTar  a  hinged  flap  of  ohord°°ietlo  Cf/o,  auoh  that  the  jet  la  dia- 
ohargad  with  a  deflection  and  with  an  effaotlTe  nonentua  ooeffioient  at  the  trailing  edge  of  the  flap 

C  ’  ,  U  «lT*n 

dC.  dC, 


«WT  Wt 

6j  (eT)  +  a  <— L 


A.1 


dC.  dC, 

The  derivatives  (rr=)  end  (•trr)  hare  been  derived  by  numerical  anelyaia,  end  for  blowing  at  the  wing 
“®J  „  ®°  ao 

trailing  edge  ( Of/o  »  0)  it  baa  been  found  that  they  can  be  expressed  aa 

i 


(&)  -  r*  cu' (i ♦ °-151  cu’ i  *  °-i3?  c  ■  >1 

40J  „  L  Meff  ^eff  ^eff  J 


(xr>  .  2*  (1.0  ♦  0.151  c'  0.219C,'  ) 

**  “  ^eff  ^eff 


A. 2 


dC,  dCL 

For  a  thin  wing  of  aapeot  ratio  AR  with  a  full-apan  jet-flap  the  derl  rati  Tea  (tt-)  and  (t— )  are 

,  °“J  AR  aa  AR 

obtained  by  aultiplylng  the  two-dlnenalonal  raluea  by  the  faotor  F(AR,  C  )  which  can  be  written  aa 

.  ^eff 


’<“■  w 


AR  +  ^Heff 
* 


AR  ♦  2  ♦  0.604  C  5  ♦  0.876  C 

^eff  ^eff 


A.3 


For  a  wing  of  thickneae-chord  ratio  t/o  having  a  part-apan  flap  oorreaponding  to  a  fraction  of  the 
alng  area,  a  aora  general  expreaalon  fbr  the  lift  waa  given  aa 


.  rL  -  F[(1  ♦  o>  [  *  6J  {d^}  +  ^  <sft.Il  *  0  (5J  +  a) 


A«if 


whftra 


K  »  ■=— ;  C  n  c  ^ 
S  ^eff  *Vf  S 


dC  dC  , 

ff.„,sf<dTL^S-sf)(A. 


dC 

s 


A.5 


With  alot  blowing  at  the  knuckle  of  a  deflected  treiling-edge  flap  the  effective  momentum  coefficient  C 

^eff 

t  I 

can  reaaonably  be  taken  aa  the  axoaaa  jet  momentum  over  that  required  to  achieve  attached  flow,  ie  -  C^. 


For  a  wing  with  boundary-layer  control,  the  affeotive  momentum  coefficient  C  la  aoall,  and  the  value  of 

^eff 

dC,  ,  dC.  , 

(t-=)  ,  C.,  doea  not  differ  algnifioantly  from  the  attached  flow  value  (r-")  ,  C..  »  0.  The  effect  of 

00  oo  Kaff  do  00  —elf 

boundary-layer  oontrol  may  be  conaldered  to  be  confined  to  producing  a  lift  increment  AC^,  which  la  indepen¬ 
dent  of  the  angle  of  Incidence,  and  from  equations  A.3  and  A. 4  can  be  written  aa 

dC 


AC, 


AR 


AR 


Tz (1  +  c}  *  6j 


A.6 


AR  t  ^1 

The  term  ^  (1  *  — )  has  been  replaoed  by  where  a1  ia  tha  lift-curve  alope  of  the  thiok,  finite  aapect 

ratio  wing  in  inviadd  flow.  For  theae  configurations  an  improved  estimate  of  the  part-span  factor  k  has 
been  obtained  from  the  Roy  Ae  Soc  Data  Sheets,  and  designated  Kj_.  Finally  the  two-dimensional  lift  Jnorement 
has  been  written  aa  a  small  perturbation  of  tha  two-dimensional  lift  Increment  for  attached  flow  ACj^,  so 
that  aquation  A.6  la,  for  boundary-layer  control  by  blowing 


*CL  *  K*L 


iCL  V 


with 


PC  ' 


**aff 


dC 


*eff 


,  cKeff 


A.7 


A. 8 
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A. 2.  ERAS 

Classical  Jst-flap  theory  iadloatea  that  tha  drag  ooaffioiant  of  a  wing  of  aapaot  ratio  Alt  with  a  full-span 
Je  t-f lap  la  given  by 35 

CL 

C  -  - — r-  ~  C  a.9 

D  x  1R  +  2C  ‘‘off 

•Vff 

Hors  ganarally  this  has  baan  writ tan  as 


C  -  C  ♦ - - r  C  A.10 

o  x  AR  +  2C  ^aff 

**aff 

whara  C-  raprasanta  tha  boundary-leywr  drag  of  surfaoaa  not  subjsot  to  tha  Jat-flap  affaot;  tha  tans  h, 

0 

allows  for  daparturss  from  alliptio  leading  for  ths  basic  unblown  wing,  and  r  allows  for  inooaplata  thrust 
recovery  dua  to  nixing  and  turning  lossaa. 

For  a  part-span  flap  aquation  A.10  was  axtendad  to  baooaa 


CD  "  CB  *  x  AR  +  2C 
o  u 


with  hCp  rap  ra  i  an  ting  tha  lnoraasa  In  llft-dspandant  drag  arising  fro*  tha  ohanga  of  spanwlss  load 
distribution. 


For  wings  with  bound* iy-l*yar  control,  and  snail  values  of  Cu  ,  aquation  A. 11  has  bssn  simplified,  to 

"Tiff 


CD  •'  CD_ 


*\  •  ~  s»  V 


It  was  noted  that  ths  experimental  values  of  dC.  ware  greater  than  tha  estimated  values  by  a  factor  of 
up  to  2.  V 
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AIRCRAFT  LIFT  AND  DRAG  PREDICTION  AND  MEASUREMENT 

by 

G.  M.  Bowes* 


ABSTRACT 

Techniques  for  predicting  and  measuring  lift  and  drag  relationships  for  subsonic 
cruise  flight  are  described.  The  status  of  this  drag  methodology  Is  reviewed.  Recent 
presentations  on  the  subject  are  referenced  and  Incorporated  into  an  overall  summary 
describing  current  capabilities  for  developing  the  basis  of  aircraft  performance  pre¬ 
dictions.  The  role  of  tie  wind  tunnel  In  airplane  design  and  development  Is  discussed, 
and  the  Importance  of  f’lght  test  measurements  of  specific  range  and  engine  parameters 
Is  emphasized.  Theoretical  developments  for  three-dimensional  design  and  lift/drag 
predictions  are  described.  The  accuracy  with  which  the  drag  levels  of  a  new  design 
can  be  determined  Is  '.-xamlned. 

Examples  of  spe:1a11zed  wind  tunnel  and  flight  Investigations  Into  the  airflow 
and  pressures  on  localized  portions  of  an  airplane  are  presented. 


INTRODUCTION 


Airplanes  have  become  more  efficient  with  time.  Using  the  subsonic  transport  as 
an  example,  the  1973  airplane  offers 

•  Longer  Range 

•  Higher  Speed 

•  More  Passengers 

while  offering  more  comfort,  reliability,  safety,  and  less  community  noise.  Some  of 
these  trends  In  performance  are  shown  on  Figure  1 ,  commencing  with  the  707  and  DC-8 
Intercontinental  models. 
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The  Improvement  In  efficiency  may  be  evaluated  In  various  ways.  One  basic  para¬ 
meter  would  consider  the  productivity  of  the  airplane  (payload  x  ranqe)  per  pound  of 
fuel.  Figure  2  shows  that  the  most  modern  transports  are  about  30X  more  efficient  at 
a  given  payload  fraction  than  the  smaller,  older  long  range  aircraft. 
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These  achievements  result  from  advances  In  aircraft  technology,  particularly  In 
the  fields  of  aerodynamics,  propulsion  design,  and  structural  design.  With  regard  to 
aerodynamic  technology,  a  brief  historical  review  illuminates  the  gains  which  have  been 
offered  to  the  airplane  designer.  The  Boeing  B- 47  was  the  first  successful  application 
of  the  theory  of  wing  sweep  to  a  “long  range"  design.  It  Involved  significant  advances 
Into  new  technical  areas  of  aerodynamics,  structures,  and  flight  controls.  The  L/D 
levels  and  cruising  speed  regime  of  the  B-47  are  shown  on  Figure  3  as  an  Initial  refer¬ 
ence  for  subsonic  swept  wing  aircraft.  This  airplane  represented  a  definite  advance 
in  speed  for  bomber  aircraft  -  It  outflew  the  P-80  fighter  used  as  a  pacc/chase  air¬ 
craft  -  and  the  range  exceeded  the  program  requirements. 


1G 


NOTE!  DATES  SHOWN  INDICATE  THE  APPROXIMATE  YEAR 
8  l  OF  AERODYNAMIC  DESIGN 
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Figure  3:  AERODYNAMIC  TECHNOLOGY  DEVELOPMENT 


The  B-47  s  success  was  due  in  large  measure  to  a  significant  forward  step  in 
design  technology  -  the  high  aspect  ratio  swept  back  wing  belnq  one  of  the  more  obvious 
and  significant  features  of  this  airplane  -  and  It  had  the  benefit  of  full  scale  exper¬ 
imental  prototype  flight  testing  which  is  necessary  to  fully  exploit  such  major  gains. 
The  70?  and  DC-8  transports,  characterized  on  Figure  3  by  the  curve  labeled  “1955"  were 
developed  from  a  technology  base  established  by  the  B-47  (Reference  1).  ,ie  wings  of 
these  transport  aircraft  were  basically  derived  from  the  NACA  6-series  airfoils.  Vari¬ 
ation  In  airfoil  thickness  ratio,  camber,  and  twist  across  the  span  of  the  wing  was 
included  in  these  designs  to  optimize  cruise  L/D.  However,  the  design  methodology  was 
largely  an  evolutionary  process  based  upon  experimental  results;  final  wing  shapes  in¬ 
corporated  modifications  developed  In  the  wind  tunnel  in  order  to  correct  or  Improve 
specific  concern  areas. 
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More  advanced  theoretical  tools,  which  provided  a  better  understanding  of  the  air¬ 
flow  over  the  upper  sivface  at  supercritical  Mach  numbers  led  to  the  airfoils  employed 
on  wings  applied  to  the  current  wide  bodied  transports.  Illustrated  by  the  L/D  levels 
labeled  ”1965"  on  Figures.  These  wings  were  also  developed  larqely  by  experimental 
procedures,  but  with  a  much  deeper  theoretical  understanding  of  the  two-dimensional 
characteristics  of  the  airfoils.  The  Vickers  VC-10  was  perhaps  one  of  the  first  air¬ 
planes  for  which  three-dimensional  theoretical  wing  deslqn  studies  were  developed 
(References  2  and  3).  The  goal  of  determining  the  shape  of  a  wlnq  which  will  develop 
a  specified  pressure  distribution  In  three-dimensional  compressible  flow  has  not  yet 
bean  fully  achieved  and  Is  discussed  In  more  detail  later  In  this  paper. 

The  final  curve  shown  on  Figure  3  Indicates  an  optimistic  potential  for  further 
Improvement  to  airplane  design  using  current  advances  In  aerodynamic  technology.  One 
study  of  potential  designs  and  the  aerodynamic  characteristics  of  aircraft  Incorporat¬ 
ing  these  higher  speed  features  Is  provided  In  Reference  4.  Such  deslqns  take  maximum 
advantage  of  advanced  transonic  airfoils,  wing  sweep,  and  overall  configuration  defini¬ 
tion  to  satisfy  area  rule  constraints. 

These  data  show  the  progressive  Improvements  In  aerodynamic  design  which  have  been 
achieved  In  response  to  continuous  competitive  pressures  demanding  performance  gains. 
The  major  technical  advance  has  Involved  the  control  of  the  drag  due  to  supercritical 
flow  over  the  wlnq  by  reducing  the  shock  strength  or  by  delaying  Its  formation  to 
higher  free  stream  Mach  numbers.  Both  speed  and  range  Increases  have  been  Important. 

An  Increase  In  one  of  these  Items  at  the  expense  of  the  other  has  not  been  considered 
as  a  viable  trade.  Whether  these  requirements  will  persist  In  the  future  Is  an  Inter¬ 
esting  question.  In  view  of  the  trends  now  evident  on  fuel  availability  and  cost,  new 
economic  factors  may  well  Impact  thsse  design  criteria  such  that  different  aerodynamic 
goals  will  become  apparent  for  the  next  generation  of  aircraft. 

Developments  In  aerodynamics  as  summarized  above  were  motivated  by  several  differ¬ 
ent  forces,  of  which  the  competitive  drive  was  a  major  factor,  tn  the  course  of  these 
competitions,  the  ability  of  the  designer  to  pinmlse  a  performance  capability  and  of 
the  airplane  to  meet  this  promise  has  been  a  dominant  factor  In  success  or  failure  of 
Individual  programs.  The  purpose  of  this  paper  Is  to  review  significant  elements  In 
the  prediction  and  measurement  of  the  aerodynamic  contribution  to  the  range  equation, 
studying  the  subject  primarily  from  the  standpoint  of  cruise  drag  of  subsonic  long 
range  aircraft. 

There  Is  a  vast  body  of  literature  on  the  subject  of  “drag".  Predictive  processes 
are  well  known  and  have  been  documented  rather  thoroughly  In  textbooks  and  In  lectures. 
There  are  many  experts,  both  within  and  outside  the  Industry.  Nevertheless,  the  sub¬ 
ject  remains  open  for  discussion,  and  this  suggests  that  the  science,  or  art  of  per¬ 
formance  prediction  still  has  room  for  Improvements.  The  technology  of  airplane  design 
Is  not  static,  and  the  Introduction  of  new  configurations  operating  In  areas  of  fluid 
dynamics  not  completely  understood  has  brought  additional  uncertainties  Into  drag  pre¬ 
diction  and  measurement. 

In  recent  years.  Improvements  In  theoretical  methods  of  analysis  and  In  test 
facilities  (both  full  scale  and  model  scale)  have  brought  the  basic  methodology  of 
drag  prediction  to  an  advanced  state.  This  Is  not  to  say  that  prediction  accuracies 
are  necessarily  adequate,  but  rather  to  suggest  that  the  uncertainties  and  their 
sources  are  more  readily  Identifiable.  With  these  advances  in  mind,  and  fn  view  of 
the  large  amount  of  drag  methodology  reports  in  the  literature,  this  paper  does  not 
provide  another  detailed  description  of  the  method  for  developing  a  lift-draq  polar 
by  the  traditional  approach,  but  rather  gives  an  overview  to  the  subject  and  highlights 
areas  currently  of  Interest. 

References  are  made  throughout  these  notes  to  some  of  the  recent  presentations 
relative  to  the  basic  topic.  One  of  the  more  significant  collection  of  papers  Is 
contained  In  the  publication  of  the  1973  AGARD  Fluid  Dynamics  Panel  conference  on 
"Aerodynamic  Drag"  held  In  Izmir,  Turkey  In  Aorll  (Reference  5). 

To  summa/lze  this  Introduction,  a  few  statements  are  offered  below  as  to  the 
status  of  drag  methodoloqy. 

•  Drag  prediction  methods  derive  tnelr  validity  from  both  direct  and  deduced 
drag  measurements.  These  measurements  are  expressed  In  an  overall  air¬ 
plane  drag  polar  as  the  end  product,  based  upon  flight  tests,  and  are  sup¬ 
plemented  by  various  flight  test  and  wind  tunnel  measurements  of  component 
configuration  Items. 

•  The  most  accurate  drag  predictions  require  extensive  use  of  the  wind  tunnel. 
In  addition,  configurations  which  Involve  different  and  ncvel  aerodynamic 
features  or  which  expand  the  known  and  proven  flight  envelope  may  require 
new  wind  tunnel  techniques  to  Insure  an  understanding  of  the  fluid  flow 
effects. 

•  Theoret  cal  tool:  no  not  exist  which  by  themselves  permit  the  calculation  of 
a  drag  polar  f~r  a  subsonic  airplane;  however,  the  application  of  theory  to 
fundamenta"  fluid  dynamic  flow  problems  can  be  very  significant  to  rhe  timely 
uevelopmen  of  configuration  design  and  Is  useful  for  critical  analysis. 


•  The  determination  of  Interference  effects  by  the  proper  simulation  of  pro¬ 
pulsion  system  Interaction  with  the  flow  field  around  the  aircraft  Is  recog¬ 
nized  as  a  major  requirement  for  Improved  accuracy  of  lift  and  drag  pre¬ 
diction. 

•  A  bookkeeping  system  Identifying  and  accounting  for  all  engine  and  airframe 
contributions  to  "drag"  Is  necessary,  together  with  a  terminology  used  and 
understood  by  the  propulsion  specialist  as  well  as  the  aerodynamlclst. 


DRAG  PREDICTION  METHODS 


TRADITIONAL  METHODS 


The  most  widely  used  approach  to  drag  prediction  Is  essentially  an  empirical  anal¬ 
ysis  process  which  relies  heavily  on  previous  experience.  This  traditional  approach 
(References  6,  7  and  8)  considers  the  zero  lift  profile  drag  of  each  major  component 
of  the  aircraft,  establishes  a  subcrltlcal  polar  shape  and  lift  coefficient  at  which 
minimum  profile  drag  occurs,  and  adds  drag  due  to  lift.  Interference  effects,  If  any, 
are  Judged  and  compress  1  b  1 1 1  tv  drag  rise  characteristics  are  assigned.  The  result  Is 
a  lift  drag  polar  with  typical  elements  In  simplified  form  shown  on  Figured. 
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These  drag  elements  can  be  conveniently  organized  Into  the  familiar  equation  for 
drag  of  subsonic  airplane: 
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The  airplane  drag  Is  thus  Identified  for  purposes  of  prediction  and  analysis  by 
three  major  Items. 


•  Minimum  Profile  Drag 

•  Subcrltlcal  lift  Dependent  Drag 

•  Compressibility  Drag 

In  addition,  there  may  be  thrust-Jependent  terms.  These  are  discussed  in  succeed¬ 
ing  paragraphs. 

^Dpmln  Is  the  minimum  profile  drag  as  identified  at  a  given  Reynolds  number  and 
does  not  change  with  lift  coefficient.  It  includes  both  friction  and  pressure  draq. 

^Dp  includes  the  remainder  of  the  friction  and  pressure  draq.  This  term  varies 
with  lift  coefficient  and  reflects  wing  section  camber,  non-e'.  1  i pti c  span  loading  ard 
other  configuration  items  producing  vortex  drag. 
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C°1  Is  the  elllptlcil  vortex  dreg  under  subcrltlcal  conditions.  A  qood  wing 
design  should  eppratch  this  elliptic  loading  at  the  deslqn  condition.  Identification 
of  areas  on  the  airplane  producing  unwanted  friction  or  pressure  drag  increases  due 
to  lift  can  be  quickly  made  by  assigning  a  100X  efficiency  factor  to  the  wing  Induced 
drag  (or  a  different  level  If  logical),  and  analyzing  the  other  airplane  components 
accordingly. 

is  Identified  as  a  coefficient  which  varies  with  Mach  number  and  lift  co¬ 
efficient.  It  may  also  vary  due  to  the  changes  In  the  air  flow  accompanying  thrust 
changes. 

These  simple  classifications  provide  a  logical  framework  within  which  drag  pre¬ 
diction  and  measurement  can  be  organized.  The  use  of  any  prediction  program  depends 
upon  the  level  of  accuracy  desired,  the  firmness  of  the  airplane  definition,  and  the 
analysis  tools  available.  For  preliminary  design  feasibility  studies,  the  above  model 
can  be  applied  In  a  simple  "add  up  the  Increments"  manner;  but  for  an  authoritative 
prediction  on  a  wel1  defined  airplane  a  careful  and  thorough  appraisal  must  be  made 
not  only  of  each  Individual  element  of  the  configuration  but  also  cf  the  aerodynamic 
interaction  of  each  part  of  tne  configuration.  The  simplified  representation  of  the 
drag  components  given  by  equation  (1)  above  Is  rapidly  expanded  Into  more  complex 
terms  when  serious  design  efforts  get  launched.  This  process,  as  currently  applied  In 
industry,  will  call  upon  the  usr  of  all  the  tools  available  to  the  aerodynamlclst: 
historical  data,  empirical  factors,  wind  tunnel  data,  and  theoretical  analyses.  The 
manner  In  which  these  resources  are  used  to  blend  together  Into  a  prediction  Is  sub¬ 
ject  to  the  experience  of  the  design  team,  the  degree  to  which  the  configuration  resem¬ 
bles  previous  models,  and  the  amount  of  proprietary  experimental  data  available  to  the 
engineer.  Morton  (Reference  6)  discussed  the  application  of  this  traditional  approach 
to  the  estimation  and  analysis  of  airplane  drag.  Concern  was  expressed  for  the  heavy 
reliance  of  the  methodology  upon  "empirical  data  or  empirical  explanation  of  flow  pro¬ 
cesses."  This  concern  Is  still  valid. 

ESTIMATION  ACCURACY 

Each  manufacturer  has  a  methodology  by  which  a  thorough  drag  estimate  Is  made. 

The  state-of-the-art  Is  a  dynamic  one,  and  Improvements  and  additions  to  the  method¬ 
ology  are  constantly  being  made.  There  Is  no  single.  Industry-wide  nandbook  for  such 
predictions,  and  any  attempt  to  produce  a  universal  process  would  require  flexibility 
and  provision  for  updatlnq.  However,  there  are  several  basic  sources  of  fundamental 
Information  on  component  drag  levels  and  estimation  processes  such  as  Hoerner  (Refer¬ 
ence  9),  the  Royal  Aeronautical  Society  Data  Sheets  (Reference  10)  and  the  USAF  DATCOM 
(Reference  11).  The  proof  of  these  methods  lies  In  analysis  of  flight  data.  In  which 
comparisons  against  the  estimates  are  cade  and  further  refinements  to  the  estimation 
elements  are  developed.  Very  few  reports  are  published  which  attempt  to  reflect  the 
total  comparison  between  prediction  and  test.  One  reason  Is  that  such  an  effort  must 
be  done  In  considerable  detail  to  be  worthwhile,  and  this  requl-es  adequate  flight  data 
and  expert  technical  attention.  The  results,  whether  good  or  bad,  are  highly  proprie¬ 
tary  andbecome  a  significant  part  of  a  company's  "know  how". 

A  chart  Is  shown  on  Figure  5  showlnq  components  of  a  drag  polar  for  which  a  rela¬ 
tively  high  degree  of  prediction  confidence  Is  believed  to  exist,  and  also  components 
for  which  the  drag  estimation  process  has  proven  to  show  a  higher  degree  of  uncer¬ 
tainty.  Confidence  In  the  estimated  drag  polar  will  therefore  vary  for  different 
flight  speeds,  l.e.,  the  profile  drag  level  Is  usually  predictable  with  much  more 
accuracy  than  Is  the  drag  rise.  Experience  has  shown  that  of  all  the  configuration 
Items,  the  propulsion  system  Installation  can  be  the  most  troublesome  and  Is  the  source 
of  large  errors  In  drag  estimation.  Particular  care  must  be  taken  In  identifying  the 
potential  Interference  effects  due  to  the  engine  Installation  and  the  associated  thrust 
effects . 

Several  reports  recently  published  have  discussed  the  ability  to  assess  full  scale 
drag  components,  particularly  profile  drag.  References  12,  13  and  14  provide  compari¬ 
sons  between  flight  test  and  predictions,  and  provide  supporting  evidence  for  the  data 
shown  on  Figure  S.  A  more  detailed  discussion  of  estimation  accuracy  Is  provided  In 
the  concluding  section  of  this  pcper. 


THEORETICAL  METHODS 

Theoretical  programs  are  avallab'e  to  calculate  the  subcrltlcal  lift  and  drag, 
based  upon  potential  flow  theory  applied  to  a  given  geometry  of  a  wing  or  other  air¬ 
plane  components.  However,  these  programs  will  not  account  for  the  Interaction  In  the 
boundary  layer  with  Intersections  such  as  at  the  wing-body  juncture  or  w<th  local  flow 
changes  such  as  produced  by  body  upsweep.  These  programs  can  compute  subcrltlcal  wing 
or  body  pressure  distributions,  and  methods  are  emerging  which  will  Improve  on  the 
present  process  of  empirical  adjustment  to  these  pressures  for  the  supercritical  case. 
This  Is  discussed  In  detail  In  a  later  section  of  this  paper.  In  the  main,  the  role 
of  theoretical  programs  to  date  has  been  to  provide  valuable  data  on  subcrltlcal  flow 
pressure  fields  and  gradients,  which,  when  tempered  with  corrections  derived  from  ex¬ 
perience,  result  In  a  more  rapid  convergence  of  the  best  aerodynamic  design. 
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Figure  3:  DRAG  SOURCE  AND  ESTIMATION  ACCURACY 
(LONG  RANGE  TRANSPORTS) 


At  this  point,  the  use  of  Integrated  computerized  design  programs  for  more  rapid 
analysis  might  be  proposed.  The  computer  Is  very  helpful  In  comparing  designs,  ana¬ 
lyzing  missions,  and  providing  comparative  performance  data  which  suggest  optimum 
trends.  However,  there  are  no  computer  programs  which  can  accurately  construct  the 
total  airplane  subcrltlcal  (not  to  mention  transonic)  polar  based  only  upon  a  geometry 
definition,  nor  can  the  computer  optimize  the  geometry  to  correct  "deficiencies"  which 
It  might  discover.  As  stated  In  Reference  15,  "a  comprehensive  general  theoretical 
drag  prediction  framework  suitable  for  all  the  main  current  classes  of  military  ana 
civil  aircraft  Is  certainly  not  likely  to  be  feasible  for  some  time  to  come."  Neither 
does  an  adequate  empirical  base  exist  for  the  computerized  construction  of  a  drag  polar. 
Hodges  In  Reference  16  recognizes  the  need  for  additional  data  to  establish  generalized 
but  accurate  predictions  for  some  configuration  Items.  Also,  there  Is  a  lack  of  knowl¬ 
edge  on  the  way  to  sum  Individual  component  data  for  configuration  Items  which  are 
mounted  at  various  Incidence  angles  to  each  other,  or  which  may  Involve  Interaction 
effects,  or  which  Involve  significant  vortex  drag  at  zero  lift  such  as  a  cambered, 
twisted  wing. 


WIND  TUNNEL  DATA 

The  wind  tunnel  is  an  Indispensable  tool  *or  developing  forecasts  for  full  scale 
aerodynamic  characteristics  as  well  as  for  configuration  design  optimization.  Ideally, 
wind  tunnel  results  are  used  to  modify  previously  established  data  from  flight  tosts 
of  similar  configurations.  In  this  manner,  seme  of  the  more  obscure  sources  of  drag 
can  be  observed  directly  at  model  scale,  such  as  non-elllptlc  vortex  drag  which  may 
come  from  unsuspected  components  of  the  aircraft,  or  Interference  effects  due  to  the 
configuration  arrangement,  or  to  thrust  effects.  Decisions  uan  then  be  made  as  to  the 
full  scale  characteristics  which  should  be  predicted. 

The  wind  tunnel  is  the  only  experimental  way  In  which  the  dreg  "buildup"  can  be 
accomplished,  and  It  Is  thus  an  integral  part  of  the  eventual  analysis  of  the  fllqht 
polar.  The  effert  of  Mach  number  and  Reynolds  number  on  the  lift  and  drag,  and  In 
fact  most  if  not  all  of  the  configuration  items  which  have  an  Impact  on  the  relation¬ 
ship  between  lift,  drag,  and  angle  of  attack  are  most  easily  and  accurately  observed 
by  wind  tunnel  tests.  For  Instance,  the  effect  of  span  loading  changes  Jue  to  wing 
flexibility,  or  the  variation  and  level  of  trim  drag  at  various  Mach  numbers  or  air¬ 
plane  center  of  gravity  positions  is  usually  determined  In  the  wind  tunnel.  These 
comments  are  directed  strictly  at  the  question  of  drag  measurement,  and  do  not  credit 
the  major  effort  of  basic  configuration  development  and  refinement  for  which  the  wind 
tunnel  1$  also  extremely  valuable.  In  addition,  the  wind  tunnel  Is  applied  to  specific 
diagnostic  flow  studies  aimed  at  Improving  the  L/D  of  the  aircraft,  as  discussed  In  a 
later  section  of  this  paper.  Finally,  the  wind  tunnel  is  also  used  to  provide  flow 
visualization  studies  which  have  become  an  essential  part  of  the  airplane  deslqn 
effort  (particularly  the  wing)  and  the  concurrent  draq  analysis.  An  intelligent,  con¬ 
fident  forecast  of  the  airplane  performance  cannot  be  made  without  this  Integration  of 
Information  of  all  types  from  the  wind  tunnel  •  pressure  data,  force  data,  flow  visu¬ 
alization  studies  -  together  with  maximum  correlation  with  full  scale  results  on 
similar  configurations. 


4-7 


Results  from  the  wind  tunnel  ere  sometimes  applied  to  full  scale  predictions 
without  the  benefit  of  baseline  data  from  flight  tests  on  a  similar  model.  In  this 
case,  heavy  reliance  must  be  placed  on  the  corrections  which  must  be  applied  to  remove 
the  "tares”  from  the  wind  tunnel  data  due  to  tunnel  and  support  Interferences.  Greater 
risks  are  assumed  with  respect  to  polar  shape  and  drag  rise  characteristics  than  In 
the  case  where  the  ma.  -  scale  effect  can  be  attributed  largely  to  minimum  profile 
drag. 

THRUST  -  DRAG  BOOKKEEPING 


One  of  the  areas  of  drag  prediction  which  may  bring  a  large  amount  of  uncertainty 
Is  the  determination  of  the  contribution  of  the  propulsion  system  to  the  drag  of  the 
aircraft.  This  has  historically  been  a  cause  for  concern,  particularly  on  those  air¬ 
planes  with  a  close  coupled  or  highly  Integrated  propulsion  system.  Interactions  at 
the  Inlet  or  the  nettle  produced  by  the  changes  of  airflow  accompanying  thrust  changes 
require  careful  testing  In  the  wind  tunnel  In  order  to  predict  tne  proper  thrust  minus 
drag.  It  Is  necessary  that  a  clearly  defined  bookkeeplnq  system  be  established  In 
order  to  translate  the  Ideal  thrust  as  quoted  by  the  engine  manufacturer  and  the  “power 
off”  wind  tunnel  data  Into  accurate  flight  predictions.  The  first  requirement  Is  to 
establish  whlrn  terms  will  bf  Included  In  the  propulsion  system  definition  and  which 
will  be  class 'fled  as  drag.  One  approach  taken  by  The  Boeing  Company  for  sJbsonlc 
commercial  aircraft  In  which  thrust  Interaction  Is  a  significant  variable.  Is  to  con¬ 
struct  a  drag  40lar  at  a  given  Hach  number  In  accordance  with  the  following  equation. 
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J I NLET 
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“thrust 
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where 

r 

°REF  *  Full  scale  orojectlon  of  drag,  lift,  moments,  Including  corrections 

for  R„,  excrescences,  etc.  The  basis  Is  unpowered,  flow-nacelle  wind 
tunnel  model  tests. 

^C°INLET  *  Incremental  forces  due  to  variable  Inlet  velocity  ratio,  determined 
experimentally. 

^C°THRUST  *  Incremental  forces  due  to  fan  or  primary  exhaust  flow,  measured  In 
the  wind  tunnel  using  powered  nacelles. 

The  boundary  between  thrust  and  drag  Is  established  as  a  surface  occurring  oil  the 
wind  tunnel  model  mcelles  along  the  inlet  stream  tube,  around  the  fan  cowl  (If  a  short 
duct  Installation)  and  along  an  arbitrary  fan  or  primary  exhaust  stream  tube.  This  Is 
Illustrated  In  Figure  6  for  an  unde'wlng  ind  also  for  an  overwing  engine  Installation. 


Figure  6i  DRAG  AND  THRUST  INTERFACE 
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The  reference  configuration  for  the  polar  construction  Is  an  unpowered  model  with 
flow-through  nacelles.  Powered  nacelles  are  then  tested,  and  the  Incremental  exhaust 
thrust  effects  are  obtained  using  the  ram  pressure  ratio  of  the  flow-through  nacelles 
as  a  base.  These  results  are  shown  schematically  on  Figure  7  .  The  nacelles  may  be 
either  the  'blown*  type  or  the  fully  powered  engine  simulator  type  shown  on  Figure  8. 
If  blown  nacelles  are  used,  additional  tests  are  required  to  determine  the  effect  of 
mass  flow  on  the  Inlet  drag,  which  Is  assumed  to  be  Independent  of  the  exhaust  flow 
conditions.  The  engine  simulator  combines  the  Inlet  and  exhaust  thrust  effects  Into 
one  setup  and  more  correctly  simulates  the  boundary  layer  characteristics  between  the 
wing  and  nacelle.  A  detailed  description  of  testing  with  these  small,  high  speed 
turbines  Is  available  In  Reference  17. 
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Figure  7t  1HRUST  -  DRAG  BOOKKEEPING 


Figure  8;  ENGNE  SIMULATORS 


Force  accounting  using  this  logic  Is  summarized  on  Figure  9  which  shows  how  the 
unpowered  wind  tunnel  model  and  the  uninstalled  engine  data  are  modified  to  provide 
full  scale  performance  predictions  In  accordance  with  results  from  wind  tunnel  tests 
described  above.  Where  the  variation  of  thrust  level  Is  not  a  powerful  factor  In  the 
drag  level  at  a  given  Mach  number,  as  Is  the  case  with  most  of  today’s  transports, 
corrections  for  thrust  can  be  synthesized  Into  the  forcr  data  so  that  slightly  modified 
drag  rise  characteristics  are  developed,  i.e.,  8CDTHguST  Is  treated  as  a  function  only 

of  Mach  number.  However,  If  there  are  significant  thrust  effects  on  drag,  lift,  and 
other  forces  at  a  given  Mach  number,  the  eventual  data  presentation  Is  a  series  of 
curves  as  shown  on  Figure  10.  Other  components  of  the  force  data  are  also  Impacted 
by  thrust  effects  and  are  presented  as  shown  on  Figure  11  . 
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Figure  10:  DRAG  POLAR  BUILDUP  PROCEDURE 
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Figure  II:  THRUST  INTERACTION  ACCOUNTABILITY  ON  AIRPLANE  FORCE  DATA 


There  are  several  advantages  to  the  above  method  for  bookkeeping  thrust  and  drag. 


With  regard  to  the  engine  data,  the  method  minimizes  changes  to  the  performance  dev 
oped  by  the  engine  manufacturer,  p-lnclpally  translating  the  data  to  the  airplane 
Installed  nacelle  configuration.  The  method  puts  the  responsibility  for  designing  to 
minimize  thrust  Interference  effects  on  ‘he  aerodynamlclst ,  where  It  belongs;  and  It 
retains  a  large  degree  of  flexibility  for  performance  calculations  In  the  initial 
design  stages  when  the  engine  type,  size,  and  location  Is  In  a  study  phase  and  the 
degree  of  thrust  accountability  Is  only  veguely  known. 


The  above  paragraphs  offer  a  status  review  of  the  topic  of  drag  prediction  methods 
These  methods  have  been  well  documented  and  are  being  applied  Intensively.  What  Is  not 
easily  available  Is  an  Index  to  the  success  of  these  predictions.  The  answer  to  this 
question  Is  a  highly  qualified  one,  and  since  It  may  perhaps  Involve  a  legal  as  well 
as  a  technical  concern,  the  d«‘a  Is  understandably  hard  to  come  by.  However,  there  are 
occasional  press  reports  of  technical  problems  In  military  or  commercial  aircraft  which 
quote  large  deficiencies  In  range  or  speed.  The  claimed  performance  of  the  sales  bro¬ 
chures  Is  not  always  verifies,  when  actual  operating  performance  becomes  known.  There 
Is  little  argument  with  the  conclusion  that  continued  effort  and  better  results  for 
drag  prediction  Is  desirable.  However,  the  question  is  not  confined  to  lift  and  drag, 
since  the  ultimate  deficiency  Is  measured  In  range,  altitude,  or  speed.  This  brings 
the  engine  performance  and  technical  definition  clearly  into  the  equation,  and  leads 
to  a  logical  discussion  In  the  next  section  of  performance  assessment  In  flight. 


FLIGHT  TEST  PERFORMANCE  MEASUREMENTS 


in  the  end  result,  the  measure  of  drag  estimation  Is  reflected  In  the  performance 
of  the  aircraft  rather  than  by  agreement  with  predicted  coefficients.  The  operator 
observes  directly  the  range,  speed,  or  similar  Items  for  which  he  has  particular  re¬ 
quirements.  The  L/D  of  the  aircraft  Is  not  normally  listed  In  a  management  summary  of 
the  aircraft  when  i  competitive  evaluation  Is  being  made;  nor  Is  It  an  Item  for  which 
a  direct  reading  Is  acquired  In  flight  testing.  Instead,  the  observed  Items  consist 
of  terms  such  as  airspeed,  fuel  flow,  and  engine  parameters.  It  Is  Interesting  to  look 
at  the  basic  data  acquired  by  Charles  Lindbergh  In  his  flight  testing  of  the  Spirit  of 
St.  Louis,  In  preparation  for  the  first  nonstop  airplane  fllqht  between  the  continents 
of  America  and  Europe.  Basic  data  upon  which  his  fllqht  was  predicted  (Reference  18) 

Is  Illustrated  in  Figure  12  . 


*  ENGINE  SPEED 


•  MILES  PER  POUND  OF  FUEL 
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Figure  I2i  FLIGHT  TEST  DATA  (-SPIRIT  OF  ST.  LOUIS*) 


Lindbergh  was  not  concerned  so  much  with  the  drag  polar  as  with  the  miles  per 
pound  of  fuel,  the  speed  at  which  the  optimum  fuel  mileage  would  occur,  the  engine  rpm 
for  these  conditions,  and  of  course  the  total  fuel  available.  Test  data  were  obtained 
during  ‘acceptance1'  flights  In  San  Diego  and  the  transcontinental  ‘proving"  flights  to 
New  York  City.  The  fact  that  the  performance  confirmed  the  designer's  estimates  estab 
llshed  confidence  for  his  solo  flight  across  the  Atlantic.  The  record  Might  perform¬ 
ance  comfortably  exceeded  the  predictions  (the  airplane  landed  with  85  gallons  of 
gasoline  remaining  out  of  the  original  450  gallons,  enough  fuel  to  have  flown  another 
thousand  miles). 
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A  major  purpose  of  the  predictive  drag  polar  Is  Its  function  In  the  develorr«nt 
of  airplane  performance  charts  over  a  wide  range  of  flight  conditions.  In  dlseusslnq 
the  accuracy  with  which  such  predictions  can  be  made,  a  number  of  qualifications  must 
be  described.  For  this  part  of  the  discussion,  let  It  be  assumed  that  the  time  and 
activity  span  commences  with  the  date  of  first  flight  and  ends  with  airworthiness 
certification  of  the  airplane.  The  technical  p.oblem  is  clear  -  the  configuration  Is 
defined  and  built,  the  engineering  staff  presumably  has  the  full  knowledge  of  the 
Impact  on  performance  of  all  the  configuration  changes  which  have  been  made,  and  (at 
least  within  the  aircraft  company),  therefore  the  compliance  to  be  measured  refers 
to  a  carefully  developed  pre-.1t.t1on. 

Significant  events  which  take  place  In  this  time  period  are  shown  on  Fljure  13 
A  typical  flight  test  program  for  a  new  commercial  transport  in  the  United  States 
covers  a  period  of  nine  to  ten  months.  Involving  four  to  five  aircraft  with  a  total 
test  time  of  about  1500  flight  hours.  The  Initial  test  period  of  four  to  five  munths 
allows  for  basic  data  acquisition  on  the  various  systems  (Includliq  the  power  plant), 
plus  enough  performance  data  to  know  whether  the  airplane  and  Its  systems  are  operating 
close  to  ormfar  off  from  predictions,  and  whether  these  misses  are  positive  or  nega¬ 
tive.  On  a  successful  program,  enough  favorable  signals  on  the  aircraft  are  acquired. 
Including  substantiation  of  structural  Integrity  and  handling  quality  criteria,  to 
proceed  with  the  rigorous  certification  program  under  the  auspices  of  the  government 
airworthiness  aoency.  Meanwhile,  additional  aircraft  are  coming  down  the  procuction 
line  at  an  accelerating  rate.  Any  changes  found  necessary  in  the  test  airplanes  must 
be  Incorporated  In  the  certified  configuration  and  In  all  the  production  aircraft.  At 
the  time  of  certification,  as  many  as  25  to  30  airplanes  may  be  In  final  assembly  or 
on  the  field  waiting  for  delivery.  This  Is  not  the  time  period  when  the  aerodynamlcls t 
1i  writing  a  cceifirehemstve  on  coaler  Items  between  flight  test  end  wind  turret 
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Figure  I3i  FLIGHT  TEST  PROGRAM  MILESTONES 


FLIGHT  TEST  MEASUREMENT  ACCURACY 


The  performance  testing  for  which  the  basic  engine  and  airframe  characteristics 
are  defined  consist  of  about  70  to  80  hours  of  flight  time,  usually  concentrated  on 
one  alrplans  and  a  selected  set  of  calibrated  engines.  About  two-thirds  of  this  time 
Is  devoteo  to  cruise  performance,  and  the  remainder  on  the  takeoff  and  landing  config¬ 
uration.  These  data  will  be  used  to  modify  estimated  data  already  oublishid  In  the 
operator's  flight  handbook  and  to  establish  levels  used  In  showing  compliance  with 
guarantees,  and  to  provide  assurance  of  cllmbout  and  approach  performance  for  certifi¬ 
cation  purposes.  To  achieve  maximum  accuracy,  a  limited  amount  of  carefully  flown 
test  data  is  acquired  for  flight  conditions  considered  most  representative  or  critical. 
These  test  data  are  then  expanded  analytically  to  cover  the  entire  ranoe  of  conditions 
for  which  the  airplane  Is  to  be  used.  It  Is  Impossible  In  this  limited  time  period  to 
obtain  meaningful  flight  test  trends  over  a  sufficient  range  of  variables  such  as 
Reynolds  number,  altitude,  weight,  airplane  c.g.,  etc.,  as  the  sole  source  of  informa¬ 
tion  from  which  to  provide  corrective  trends.  Therefore,  wind  tunnel  data  and  theory 
are  used  to  modify  and  normalize  the  flight  data.  This  Is  necessary  because  In  some 
cases  of  testing  to  establish  trends,  the  experimental  scatter  with  limited  data  Is 
large  enough  to  obscure  the  trend,  and  there  Is  dubious  validity  to  a  literal  falrinq 
of  such  data. 
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Boeing  experience  shows  that  flight  testing  has  been  unrewarding  when  It  Involves 
Items  such  as  trim  drag  and  Reynolds  number  which  are  predicted  by  the  wind  tunnel  or 
theory  to  have  a  small  slope.  ?est  results  are  obtained  by  Identifying  the  normal 
operating  conditions,  testing  under  these  conditions,  and  then  reproducing  these  ob¬ 
servations  Into  the  flight  handbook  charts  with  a  minimum  of  correction.  Some  spot 
checking  of  extremes  In  the  operating  envelope  Is  necessary  In  order  to  provide  the 
widest  range  of  observations,  to  Insure  that  "flat"  trends  In  the  normal  operating 
environment  are  Innocuous,  and  to  prepare  for  later  development  of  the  aircraft  Into 
areas  originally  thought  unlikely. 

Any  generalized  statement  that  the  flight  test  has  confirmed  the  drag  prediction 
within  (  )  percent  needs  qualification  to  be  technically  meaningful;  furthermore,  to 

offer  evidence  as  to  the  degree  with  which  one  or  two  elements  of  the  drag  estimation 
process  agree  with  predictions  must  be  considered  within  the  context  of  the  total  alr- 
plane/englrc  performance  re. alts.  Such  an  analysis  must  also  develop  an  estimate  of 
drag  on  each  element  of  the  configuration  and  provide  an  assessment  of  all  portions  of 
the  aerodynamic  terms  entering  Into  the  construction  of  the  drag  polar. 

It  Is  believed  that  the  following  accuracies  In  measurement  important  to  fhe  defi¬ 
nition  of  performance  or'  several  variables  can  be  achieved: 

Table  1 :  FLIGHT  TEST  MEASUREMENT  ACCURACIES 


DATA  SOURCE 

•  One  F1 1 ght 

•  Several  Flights 

•  Several  A1 rplanes 


MEASUREMENT  ERROR 
Mil es/Lb Thrust 


±  1  .5* 

±  1 .0* 

±0.5  to  1  .OX 


±  2. OX 
±  1  .SX 
±  1  .OX 


T’e  results  of  tests  on  five  separate  Boeing  747 1  s  are  shown  on  Figure  14  .  It 
can  be  »en  that  the  maximum  deviation  of  data  from  faired  curves  on  a  given  airplane 
Is  ±  ,  and  that  the  majority  of  test  points  fall  within  0.5X  of  the  faired  curves. 
In  comparison,  data  acquired  In  1362  for  the  707  are  shown  on  Figure  15,  and  show  a 
scatter  of  ±  rX  for  a  given  airplane. 


o  AIRPLANE  *1 
A  AIRPLANE  * 2 


.76  .76  .60  .82  .84  .86  .88  .90 

MACH  NUMBER 


Figure  14:  BOEING  747  FLIGHT  TEST  DATA 


Figure  15:  BOEING  707  RIGHT  TEST  DATA 


These  data  show  the  progress  which  has  been  achieved  In  measurement  accuracy  due 
to  the  Introduction  of  better  recording  Instrumentation ,  new  techniques  for  onboard 
computing  and  analysis.  Improved  calculation  processes,  and  the  use  o  the  Inertial 
navigator  and  autopilot  for  Improved  steady  state  flight  test  conditions. 

In  addition  to  these  conclusions.  It  Is  believed  that,  by  extensive  testing  of 
calibrated  engines  and  flight  nuzzles,  the  enqine  performance  as  measured  In  a  test 
cell  u.;1ng  the  engine  manufacturer's  Inlet  and  nozzle  can  be  "tracked"  to  the  in¬ 
stalled  flight  test  performance  with  an  accuracy  of  ±  IX  of  thrust  and  fuel  flow 
using  level,  steady  flight  techniques. 
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METHODS  OF  PERFORMANCE  TESTING 

Flight  test  performance  measurements  may  be-obtalned  from  steady-state,  level 
flight  recordings  In  which  stabilized  levels  of  thrust,  fuel  flow,  airplane  speed  and 
altitude,  and  other  variables  are  obtained;  or  by  non-steady  maneuvers  which  rely  more 
-heavily  on  measurements  of  longitudinal  and  normal  acceleration  and  angle  of  attack 
to  compute  lift  and  drag.  Both  methods  require  the  determination  of  thrust  from 
engine  parameters.  The  steady-state  procedure  Is  more  time  consuming,  but  It  produces 
the  greatest  accuracy  (least  scatter)  and  most  correctly  simulates  the  actual  operat¬ 
ing  conditions  of  a  long  range  transport.  This  method  develops  the  best  data  to 
correlate  predictions  from  wind  tunnel  llft/drag  polars  and  establishes  a  solid  basis 
for  resolving  the  basic  range  parameter  -  miles  per  pound  -  Into  the  components  of 
airframe  drag  and  engine  thrust/fuel  flow.  On  the  other  hand,  a  greater  volume  of 
llft/drag  data  can  be  acquired  from  acceleration  or  deceleration  tests,  or  in  care¬ 
fully  flown  wind-up  turns  or  roller  coaster  maneuvers.  These  data  provide  a  statisti¬ 
cal  quantity  which  tends  to  offset  the  slightly  greater  Inaccuracy  of  a  given  point. 
The  non-steady  maneuvers  may  be  used  to  supplement  steady  state  base  points  In  some 
cases,  or  can  be  used  as  Incremental  data  from  the  baseline  conditions,  and  thereby 
efficiently  fill  In  the  §r 1 d  of  llft/drag  characteristics.  This  Is  particularly  true 
early  In  a  flight  test  program  where  It  Is  desirable  to  establish  Firmly  and  confi¬ 
dently  the  engine  and  airframe  performance,  but  where  this  Item  Is  only  one  of  many 
essential  tests  competing  for  priority. 

Whatever  method  or  combinations  of  methods  employed.  It  Is  mandatory  that  the 
Inflight,  Installed  engine  performance  be  determined  and  reconciled  with  the  engine 
manufacturer's  data,  and  with  the  drag  polar  established  for  the  airplane.  This  may 
seem  so  obvious  and  elementary  that  It  need  not  be  mentioned;  but  when  It  Is  necessary 
to  commit  to  and  verify  guaranteed  performance  to  levels  within  5X,  a  one  or  two 
percent  vagueness  In  specific  fuel  consumption  or  drag  Is  Intolerable.  Furthermore, 
as  a  production  program  matures,  and  later  Improved  versions  of  the  engine  are  made 
available,  the  proof  of  or  two  percent  gains  In  s.f.c.  must  be  measured  In  flight 
test.  This  requirement  rur  careful  resolution  of  fuel  mileage  data  emphasizes  the 
value  of  steady  tests  In  the  cruise  configuration,  since  these  tests  provide  the  best 
concurrent  measurement  of  drag  and  fuel  flow. 


The  accuracy  of  representative  performance  data  from  Boeing  steady-state  tests 
was  summarized  on  Table  1  and  In  Figure  14  .  An  example  of  data  acquired  on  the 
B737  airplane  by  the  non-steady  acceleration  technique  Is  shown  on  Figure  16  .  A  com¬ 
prehensive  description  of  these  methods  applied  to  a  Grumman  F-14  fighter  was  recently 
presented  (Reference  14)  and  this  paper  suggested  that  the  following  accuracies  on 
thrust  (drag)  have  been  achieved: 

Type  of  Testing  Oata  Scatter-Oraq  Definition 

•  Steady  State  Level  Flight  ±  IX  (concurs  with  Boeing  experience) 

•  Quasi -steady  ± 4X  subsonic,  ±  2X  H  »  2.0 


•  dynamic 


±4X  subsonic,  t  2X  M  •  2.0 


•  FLIGHT  TESTS  ON  1737 

•  FLAW  S° 


9 

e 


■  STABILIZED 
O  ACCELERATION 
o  DECELERATION 


Figure  !6i  COMPARISON  OF  FLIGHT  TEST  TECHNIQUES 
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In  order  to  achieve  this  level  of  accuracy  and  minimum  random  data  scatter,  the 
flight  test  technique  at  The  8oe1ng  Company  requires  onboard  real-time  monitoring  of 
the  data.  Sensitive  Instrumentation  of  engine  and  airframe  parameters  Is  required. 

A  trailing  cone  Is  used  for  the  reference  static  pressure,  which  Is  recorded  on  a  quick 
developing  direct  readout  oscillograph  along  with  airspeed,  total  air  temperature,  and 

?  round  speed  from  the  Inertial  Navigation  System  (INS),  Tests  are  flown  at  several 
evels  of  weight  and  altitude  (W/6)  with  the  pilot  adjusting  the  thrust  to  an  estimated 
level  for  the  condition,  and  holding  altitude  with  the  autopilot.  Both  the  pilot  and 
the  engineers  monitor  critical  Items  such  as  speed,  acceleration,  or  engine  parameters. 
Data  samples  are  taken  during  the  test  condition.  A  successful  test  Including  stab¬ 
ilized  fuel  flow  readings  Is  held  "on  condition"  for  about  five  minutes.  Several 
sample  calculations  of  Ci  and  Cq  are  made,  providing  confidence  that  the  eventual 
final  reduced  data  will  be  satisfactory.  A  recent  Improvement  to  data  reduction  has 
been  to  utilize  the  INS  ground  speed  as  the  source  of  the  energy  correction  rather 
than  the  true  airspeed.  In  this  manner,  accelerations  caused  by  chanqes  In  the 
velocity  of  the  air  mass  are  accounted  for. 

These  tests  are  performed  early  In  the  flight  test  program,  and  as  mentioned 
previously  are  used  to  support  guarantee  compliance  or  for  airworthiness  certification. 
At  times  these  comprehensive  tests  are  supplemented  by  additional  flights  on  later  pro¬ 
duction  models.  A  recent  description  of  DC-10  flight  testing  of  this  nature  was  pub¬ 
lished  In  Reference  19  and  Is  partially  quoted  below: 

"...before  production  deliveries  begin,  all  airlines  flv  one  aircraft  to  check 
cruise  per  ormance  at  a  number  of  points  (altitude  and  speed)  selected  by  the  carrier. 

"ZK-NZL  had  a  ramp  weight  of  208,480  -kg  (459,700  pounds)  for  Its  performance 
flight.  The  takeoff-center  of  gravity  was  at  25  percent  chord.  Usable  fuel  was  63,000 
kg  (138,915  pounds).  Zero  fuel  weight  for  the  flight  was  66,000  kg  (147,700  pounds). 
8ecause  the  aircraft  was  empty,  except  for  a  small  Instrument  package  and  several 
temporary  seats  for  the  flight  observers,  a  large  amount  of  ballast,  weighing  28,200 
kg  (62,181  pounds)  had  to  be  carried  In  the  hold  to  bring  the  weight  to  a  high  M/delta 
value. 

“The  points  to  be  checked  on  the  ANZ  DC-10  were  as  follows: 

Altitude  (Ft)  Mach  No.  H/delta  (Millions) 

•  33,000  0.82  1.2 

0.83 
0.84 


•  35.000  0.82  1.8 

0.83 
0.84 


•  37,000  0.82  .9 

0.83 
0.84 

"The  aircraft  sailed  easily  up  to  the  test  altitude  out  of  Long  Beach,  California, 
with  the  characteristic  smoothness  and  low  noise  level  of  the  wide-bodied  jets,  to 
look  for  the  smooth  air  that  Is  essential  for  accurate  plots.  With  the  correct  alti¬ 
tude  and  Mach  number  reading  on  the  normal  flight  Instruments,  the  aircraft  was  placed 
In  the  hands  of  the  autopilot  for  a  straight  and  level  run  lasting  for  a  minimum  of 
three  minutes  for  each  run.  The  small  onboard  digital  recorder  was  activated  fcr  each 
run.  The  package  had  a  125-channel  capacity  but  only  a  fraction  was  used  to  record 
the  full  data  required.  Including  N1  rpm  and  f  “1  flow  on  all  three  engines,  plus 
altitude,  airspeed  and  air  temperatures.  Data  iuctlon  Is  performed  on  the  ground 
In  Long  Beach  In  the  elaborate  computer  facility  jilt  for  0C-10  flight  test,  where 
results  can  be  rapidly  machine-processed  for  exa  nation  on  large  cathode  ray  tube 
displays.  As  a  double  check  on  fuel  usage,  the  fu  tanks  are  dipped  for  their  con¬ 
tents  after  the  flight  Is  over. 

“Flying  the  nine  points  as  tabled  was  predicted  to  take  about  four  hours..." 


DRAG  REDUCTION  AND  PERFORMANCE  IMPROVEMENT 

Almost  every  airplane  program  Is  subjected.  In  respective  order,  to  three  major 
drives:  weight  reduction,  drag  "clean-up",  and  cost  reduction.  In  addition,  there 
of  course  Is  a  program  for  obtaining  more  thrust  and  less  fuel  flow  from  the  engine. 

The  Initiation  of  these  Improvements  suggests  that  most  manufacturers  Instill  an 
optimistic  and  positive  approach  Into  their  engineering  staffs.  In  any  event,  the 
weight  reduction  program  is  Initiated  during  the  final' stages  of  Leslgn  and  Initial 
assembly,  at  a  time  when  It  Is  obvious  as  to  the  first  airplane's  weight  status.  The 
drag  clean-up  starts  shortly  after  the  performance  flight  tests  produce  data  In  which 
all  of  the  answers  on  range  appear  to  be  on  the  low  side  of  the  prediction.  The  cost 
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reduction  program  Is  Initiated  when  the  corrective  action  from  the  weight  and  drag 
reduction  programs  become  apparent.  The  drag  clean-up  may  be  Inspired  by  a  failure 
to  meet  predicted  performance  levels  (regardless  of  the  engine  performance)  or  by  a 
demand  to  Improve  performance  In  order  to  achieve  further  competitive  advantages. 

A  listing  of  Items  which  are  normally  Inspected  and  sometimes  modified  In  a 
clean-up  campaign  are: 

•  Seals  -  Leading  edge  devices 

-  Controls 

-  Landing  gear  doors 

•  Skin  Joints  -  Steps,  chamfering,  gaps 

•  Rivets  -  Properly  Installed  In  critical  areas 

•  '•Holes"  -  Correct  manufacture  and  operation  of  valves.  Inlets,  exhausts, 

vents,  etc. 

•  Rigging  -  All  movable  surfaces  checked,  especially  on  the  wing 

•  Faired 

Surfaces  -  Nacelle  struts,  wing-body  Joints,  stabilizer  "elephant  ears" 

These  Items,  If  not  designed  or  Installed  correctly,  can  easily  account  for  a 
degradation  of  5t  of  the  airplane  drag.  Large  losses  can  occur  in  critical  areas  such 
as  the  vlng  leading  edge,  where  all  movable  devices  must  be  carefully  faired  and  sealed. 
Pumping  of  air  through  wing,  body,  an'  empennage  cavities  can  also  cause  measurable 
losses. 

Not  listed  above  was  the  propulsion  system,  which  Includes  the  Inlet,  thrust  re- 
verser,  and  sound  suppressor.  Experience  has  shown  that  losses  due  to  leakage  through 
seals  In  these  systems,  or  by  poor  model  sceie  measurement  of  drag  around  the  nacelle 
afterbody,  can  cause  significant  errors  In  prediction  of  airplane  profile  draq  or  drag 
rise.  For  Instance,  on  the  707  Intercontinental  airplanes  with  the  P&W  JT4A  or  JT3C 
engines,  a  major  effort  was  expended  to  measure  the  drag  In  flight  tests  on  several 
configurations  of  the  sound  suppressor/thrust  reverser.  The  basic  propulsion  pod  drag 
without  SS/TR  devices  had  been  well  established  by  analysis  of  the  military  KC- 135  air¬ 
plane  performance.  It  was  determined  that  the  707  drag  could  be  Improved  by  as  much 
as  3t  by  covering  and  sealing  the  reverser  cascades,  and  that  Improvements  In  the 
tubular  sound  suppressor  could  offer  another  1  .5*  drag  reduction.  In  a  later  Investi¬ 
gation,  modification  of  the  fuselage  contours  above  and  aft  of  the  pilot’s  windows, 
and  Improvement  of  the  air  conditioning  Inlet  and  exhaust  controls,  were  tested. 

These  Items  were  thought  to  afford  a  potential  cf  one  to  three  percent  reduction  In 
drag,  but  It  proved  difficult  to  record  significant  differences  consistently,  and  It 
was  concluded  that  tlie  changes  would  be  of  relatively  small  benefit  and  could  only  be 
made  at  considerable  cost.  An  Improved  scheduling  of  the  Inlet  and  exhaust  controls 
for  the  air  conditioning  system  was  developed. 

In  cases  where  a  drag  clean-up  of  relatively  minor  Items  Is  unnecessary  or  of 
minimum  benefit,  more  major  configuration  changes  of  benefit  to  cruise  L/D  can  be 
applied  to  the  aircraft.  These  are  sometimes  Incorporated  Into  a  model  Improvement 
program.  Some  examples  of  these  changes  as  applied  to  commercial  transports  Include: 

•Revised  wing  tips 

•Revised  wing  leading  edges 

•  Revised  nacelle  or  nacelle  strut  lines 

This  type  of  modification  usually  ccmes  after  the  Initial  design  Is  well  under¬ 
stood  and  In  some  cases  when  a  new  set  of  goals  for  the  design  Is  established.  Re¬ 
sponse  to  these  opportunities  by  such  med 1 f lea t 1 ons  has  allowed  the  original  aircraft 
to  grow  In  performance  capability  and  thereby  achieve  a  level  of  efficiency  far  sur¬ 
passing  the  original  point  designs. 

A  brief  look  at  the  history  of  the  range  performance  levels  cn  the  707  and  OC-8 
series  of  aircraft  Is  Interesting  In  this  regard.  These  models  furnished  the  first 
major  competitive  efforts  In  the  long  range  subsonic  Jet  class;  the  original  versions 
barely  met  the  goal  of  transatlantic  operation.  With  help  from  the  engine  manufac¬ 
turers,  and  with  aerodynamic  development,  these  aircraft  rather  quickly  met  demands 
for  range  and  payload  satisfactory  for  nonstop  operation  between  the  U.S.  and  the 
Orient,  and  from  Interior  Europe  to  the  U.S.  West  Coast.  A  comparison  of  the  range 
factor  levels  achieved  by  these  series  Is  shown  on  Figure  17  ,  derived  from  published 
airline  data,  company  technical  papers,  and  news  releases  such  as  that  In  References  20 
and  21.  The  total  Improvement  from  tne  Initial  707-120  -iodel  to  the  current  707-320B 
Advanced  model  is  35t,  of  which  approximately  19t  was  due  to  changes  to  the  engine  and 
the  remainder,  16X,  Is  credited  to  the  airframe.  Likewise,  vi  the  0C-8,  a  gain  of  about 
20t  In  aerodynamic  efficiency  between  the  Initial  and  final  series  aircraft  can  be 
attributed  to  aerodynamic  changes. 
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Figure  17 1  PRODUCT  DEVELOPMENT 


Configuration  changes  are  also  developed  In  flight  tests  In  order  to  correct  aero¬ 
dynamic  characteristics  affecting  stability,  control,  or  buffet  limits.  These  changes 
may  bring  an  accompanying  drag  reduction  as  a  side  benefit.  For  example,  the  use  of 
vortex  generators  to  eliminate  a  premature  localized  separation  dje  to  boundary. layer 
thickening  In  either  subcrltlcal  or  supercritical  flow  conditions  may  result  In  a  lower 
drag  level  and/or  a  higher  airplane  critical  Hach  number  as  well  as  Improved  buffeting 
or  stability  characteristics. 

In  summary,  drag  Improvement  efforts  on  long  range  subsonic  aircraft  can  offer 
potenti  i  benefits  as  follows: 

•  Cleanup  -  5* 

•  Propulsion  Installation  changes.  Including  struts,  sound 

suppressor,  and  thrust  reverser  and  nacelle  lines -  5t 

•  Wing  leading  edge  and  tip -  101 

•  Miscellaneous  -  cab  contours,  fairings,  body  changes -  3* 


FLOW  DIAGNOSTIC  STUDIES  IN  FLIGHT 

Flow  diagnostic  studies  riay  an  Important  role  In  the  determination  of  flow  con¬ 
ditions  In  localized  areas  on  the  airplane,  and  In  understanding  the  fundanentzl  aero¬ 
dynamic  properties  of  the  alrplme.  If  problems  are  believed  to  exist,  the  objectives 
of  such  studies  are  to  examine  the  flow  conditions  at  certain  critical  points  of  the 
airplane.  Identify  problem  areas  where  Improvements  can  be  made,  and  then  to  evaluate 
the  effecllveness  of  fixes  or  refinements  designed  to  resolve  the  problems.  The  flow 
diagnostic  studies  are  also  useful  foi  checking  the  validity  of  theoretical  or  experi¬ 
mental  drag  prediction  methods  which,  'n  turn,  benefits  the  design  of  future  airplanes. 

The  techniques  of  In-flight  flow  diagnostic  work  are  similar  to  those  used  in  the 
wind  tunnel.  Thes-!  Include  surface  static  pressure  surveys  and  wake  or  boundary  layer 
total  pressure  surveys  as  well  as  flow  visualization. 


Static  pressure  surveys  are  often  made  with  a  multi-tube  plastic  belt  which  Is 
temporarily  attached  to  the  airframe  by  an  adhesive.  This  approach  eliminates  the 
necessity  of  making  pressure  taps  In  the  airframe,  which  Is  not  only  expensive  and 
undes 1 -abl e ,  but  simply  Inadmissible  In  some  areas  (such  as  the  spar  box).  Total 
pressure  surveys  are  performed  with  the  aid  of  fixed  oltoi  rakes  or  remote  controlled 
traversing  pitot  probes.  Flow  visualization  Is  most  often  done  by  tufts,  but  other 
techniques  based  on  dye  Injection,  or  sublimation,  have  also  been  successfully  applied. 

The  Boeing  Company  has  developed  a  new  and  unique  precision  flow  measuring  Instru¬ 
ment  for  diagnostic  studies  on  aircraft  In  flight  (References  22  and  23).  The  Boeing 
Airborne  Traversing  Probe  acquires  data  In  two  or  three  dimensional  flow  fields  with 
far  greater  accuracy  and  detail  than  possible  with  conventional  fixed  probes  or  pitot 
rakes . 


COVERED  AREA 


BOUNDARY  LAYER 


MOUNTING 


A  flight  test  program  was  carried  out  on  the  Boeing  7Z7  airplane  to  determine  the 
drag  characteristics  of  the  outboard  wing  airfoil  section.  The  purpose  of  obtaining 
these  data  was  to  compare  the  actual  full  scale  flight  drag  of  a  wing  section  with  p  e 
dictions  extrapolated  from  wind  tunnel  data  or  from  theoretical  methods.  The  tests 
Includd  wake,  boundary  layer  and  pressure  distraction  measurements  at  the  62  percent 
semi-span  location  (see  Figure  19  ). 


Figure  19:  TRAVERSING  PROBE  INSTALLATION  ON  THE  BOEING  727 


The  concept  of  ‘his  Instrument  and  Its  three  principal  modes  of  operation  are 
shown  In  Figure  IS  .  The  probe  consists  of  four  main  components:  1)  flow  sensors, 

2)  rotating  arm,  3)  drive  unit,  and  4)  mounting  base.  The  flow  sensors  are  mounted 
on  an  arm  attached  to  a  rotating  shaft  whose  axis  Is  approximately  parallel  with  the 
flow  direction.  During  operation  the  probe  travels  along  a  circular  arc  In  a  plane 
normal  to  the  flow.  The  probe  location  relative  to  the  airplane  Is  determined  from 
the  measurement  of  the  angular  position  of  the  shaft  by  a  hlqh  precision  photoelectric 
encoder.  A  single  probe  with  pitot-static  and  flow  direction  sensors  may  be  used  for 
surveying  boundary  layers  and  wakes  In  quasi  two  dimensional  flows  such  as  on  wings, 
tall  surfaces,  etc.  A  multiple  probe  rake  may  be  usad  In  three  dimensional  flows  that 
are  typical  at  Intersections,  jet  mixing  regions,  etc.  Several  mounting  options  and 
adjustment  provisions  permit  the  installation  of  the  Instrument  at  practically  any 
part  of  an  airplane.  A  wide  variety  of  sensor  systems  may  be  used,  which  gives  a 
great  versatility  to  the  instrument. 


A  specific  application  of  the  Boeing  Airborne  Traversing  Probe  Is  described  In 
the  next  paragraphs.  This  1$  a  typical  example  of  how  flow  diagnostic  studies  may  aid 
In  the  verification  of  drag  methodology. 


Figure  IS:  ARBOR NE  TRAVERSING  PROBE  CONCEPT  AND  CONFIGURATIONS 


WING  SECTION  PROFILE  DRAG  MEASUREMENTS  ON  THE  BOEING  727 
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The  principal  results  of  these  tests  were  the  following: 

•  The  section  drag  characteristics,  derived  from  wake  survey  data,  showed 
close  resemblance  to  the  complete  airplane's  drag  characteristics.  The 
variation  of  section  drag  with  C,  ,  for  example,  was  nearly  the  same  as 
Co  *  £01  *  f ( C L )  for  the  airplane.  Also,  the  drag  divergence  points 

(M  at  d(;D  •  .10)  for  the  airfoil  section  and  for  the  airplane  were  very 

close,  although  the  airplane's  drag  rise  curve  had  somewhat  more  creep 
(see  Figure  20  ).  This  Indicates  that  the  airplane's  drag  characteristics 
In  this  particular  case  are  dominated  by  the  behavior  of  the  outboard  wing. 
Thus,  using  the  outboard  wing  section  for  checking  out  the  validity  of 
prediction  techniques  may  be  regarded  as  a  viable  approach. 


•  The  measured  minimum  section  profile  drag  at  M  ■  .73  was  about  15  percent 
higher  than  predicted  from  wind  tunnel  test  data  for  a  smooth  airfoil.  The 
wind  tunnel  data  used  In  this  correlation  were  also  from  wake  surveys  on 
the  727  wing.  The  data  were  adjusted  to  fully  turbulent  flow  and  extrapol¬ 
ated  to  flight  Reynolds  numbers.  This  quite  sizeable  difference  between 
the  measured  and  extrapolated  values  of  £da1n  has  been  attributed  to  surface 

roughness  and  excrescences  on  the  airplane  wing,  although  the  15  percent 
Increase  In  wing  section  profile  drag  Is  larger  than  traditionally  allotted 
in  airplane  drag  estimates.  The  wing  section  where  this  survey  was  per¬ 
formed  was  Inspected  and  had  numerous  steps  and  bumps  due  to  control  devices 
and  manufacturing  tolerances  which  would  account  for  this  local  level  0f 
excrescence  drag.  This  Is  not  representative  of  the  entire  wing  surface. 


•  Correlations  between  flight  test  and  predictions  based  on  wind  tunnel  data 
are  shown  In  Figure  21  showing  the  wing  section  drag  polar  at  N  *  .73  and 
section  drag  rise  at  Ci  ■  .3.  The  predictions  represent  the  traditional 
approach:  the  lift  dependent  part  of  the  section  profile  drag,  ACg  , 
and  compressibility  drag  Increment,  A  CpM  measured  1  r.  the  wind  p 

tunnel  were  added  to  the  minimum  section  profile  drag  at  full  scale  Reynolds 
number.  Since  the  flight  test  data  covering  the  M  •  .73  draq  polar  does  not 
correspond  to  a  constant  Reynolds  number,  an  adjustment  of  these  data  Is 
necessary  to  make  a  valid  comparison  with  wind  tunnel  results. 


This  adjustment  results  In  a  rotation,  l.e.,  an  opening,  of  the  flight 
polar,  which  now  shows  clearly  lower  ACqp  values  than  the  prediction  from 

wind  tunnel  data.  The  different  polar  shapes,  however,  can  be  explained 
by  the  relatively  thicker  boundary  layer  on  the  wind  tunnel  model  which 
results  In  an  apparent  increase  of  the  form  drag.  This  example  Illustrates 
the  dependence  of  the  ACp  term  on  Reynolds  number. 

P 

The  correlation  between  the  measured  and  predicted  section  drag  rise  char¬ 
acteristics  as  shown  In  Figure  21  Is  considered  quite  good,  although  the 
prediction  Is  somewhat  optimistic.  There  could  be  several  reasons  for  this, 
such  as:  1)  Reynolds' number  effects  on  AC<jn  (rearward  shift  of  transition 

on  the  model  with  increasing  Mach  number,  more  favorable  shock/boundary 
layer  Interaction  on  the  model,  etc.),  2)  Increase  of  excrescence  drag  with 
Increasing  Mach  number,  or  3)  differences  In  local  loading  between  the  air¬ 
plane  and  the  model  due  to  aeroelastlc  effects. 


Flgurm  20:  WING  SECTION  AND  AKFIANE  DRAG  RISE  COMPARISON 
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Figure  21:  FUGHT  VS.  PREDICTED  SECTION  PROFILE  DRAG 


MEASUREMENT  OF  SPECIFIC  RANGE 

In  the  opening  paragraphs  of  this  section,  an  emphasis  Mas  placed  upon  the  Impor¬ 
tance  of  the  primary  variables  measured  In  performance,  particularly  miles  per  pound 
of  fuel.  Nost  of  the  above  discussions  have  been  concerned  with  drag,  an  inferred 
quantity,  and  It  Is  usually  assumed  that  accuracy  In  the  determination  of  this  Item 
Is  equivalent  to  a  corresponding  accuracy  In  range  performance.  This  Is  only  true  If 
a  Conscious  effort  Is  made  to  'close  the  loop”  and  reduce  a  given  set  of  data  simul¬ 
taneously  for  both  airframe  and  engine  performance.  In  this  era  of  specialists, 
attention  Is  sometimes  focussed  on  separate.  Isolated  studies  of  Interesting  flight 
data.  This  may  occur  easily  If  the  comparison  models  for  engine  and  airframe  are 
different,  and  Independent  efforts  for  correlation  of  flight  data  with  "mind  tunnel” 
or  "engine  specification”  are  undertaken.  The  resolution  of  total  thrust  minus  drag 
and  specific  range  must  be  a  coordinated  effort  and  Is  successfully  completed  only 
when  both  the  airframe  and  propulsion  system  performance  levels  are  established. 

This  process,  as  pursued  by  The  Boeing  Company,  Is  Illustrated  by  the  diagram 
on  Figure  22  .  The  first  comparison  to  be  made  Involves  a  look  at  several  Items  - 
the  specific  range  as  measured  directly  -  and  also  the  component  elements  of  airframe 
in'J  engine  performance.  The  result  of  the  Independent  airframe  and  engine  performance 
dialyses  will  ptoduce  a  set  of  curves  which,  when  re-combined,  will  usually  offer  a 
slightly  different  grid  of  specific  range  than  obtained  directly  from  the  flight  data 
points.  Iterative  adjustments  to  all  of  the  curve  fairings  are  then  applied  In  order 
to  arrive  at  the  most  acceptable  final  performance  levels. 
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WIND  TUNNEL  TECHNIQUES 


The  wind  tunnel  can  be  considered  an  analog  computer  designed  to  simulate  the 
flow  field  about  an  airplane  In  free  flight.  Actually,  since  many  large  wind  tunnels 
are  directly  connected  to  a  digital  computer,  such  an  Installation  represents  a  hybrid 
computer  system.  The  digital  portion  of  this  system  controls  tunnel  conditions  and 
data  acgulsltlon.  It  also  reduces  the  data  and  corrects  them  for  Imperfections  In 
simulation  of  the  airplane  flow  field  In  the  wind  tunnel.  At  the  same  time,  the  com¬ 
puter  provides  a  real  time  display  of  the  test  results,  a  capability  which  greatly 
enhances  the  decision  making  process  of  the  aerodynomlclst.  The  reduction  of  the 
data  acgulred  in  the  tunnel  consists  of  the  following  three  steps: 

(1)  Processing  of  the  signal  output  of  balances,  pressure  transducers,  thermocouples, 
etc.,  to  obtain  the  true  forces  and  pressures  acting  at  the  model. 

(2)  Correction  of  the  forces  measured  to  account  for  the  differences  between  the  flow 
field  In  the  tunn«l  and  the  flow  field  In  free  flight. 

(3)  Extrapolation  of  the  free  air  model  data  to  the  flight  regime  of  the  full  scale 
airplane. 

Signal  processing  needs  no  discussion  here,  although  the  Importance  of  on-line 
data  reduction  and  display  Is  sometimes  overlooked.  Development  testing  In  the  ulti¬ 
mate  sense  consists  of  a  series  of  rejections  and  refinements  until  either  the  optimum 
design  Is  determined  or  a  time-limited  selection  Is  made. 

With  respect  to  Item  (2)  above,  three  types  of  corrections  are  regulred:  a) 
corrections  to  account  for  Imperfections  of  the  flow  In  the  test  section,  b)  correc¬ 
tions  to  account  for  the  effect  of  the  limited  size  of  the  test  section  (tunnel  wall 
corrections),  and,  (c)  corrections  to  account  for  the  effects  of  the  model  suspension 
system  (aerodynamic  Interference,  elastic  deflections).  The  first  correction  Includes 
the  static  pressure  calibration,  tunnel. bouyancy ,  and  upflow;  the  second  Item  includes 
the  effect  of  the  tunnel  velocity  profile  and  tunnel  porosity.  The  third  Item  pre¬ 
sents  the  more  difficult  problem,  that  of  Identifying  and  adjusting  for  the  effects 
of  the  model  suspension  system. 


MODEL  SUSPENSION  EFFECTS 

A  significant  amount  of  uncertainty  of  the  drag  measurements  Is  Introduced  by  the 
model  suspension  system.  Some  of  the  more  common  suspension  methods  are  shown  In  Fig¬ 
ure  23  .  Each  of  the  different  mounting  systems  Introduces  a  different  set  of  upflow 
and  buoyancy  corrections  due  to  Its  own  pressure  field  and  due  to  obstruction  of  part 
of  the  wind  tunnel  cross-section.  In  addition,  viscous  drag  Is  generated  at  the  Inter 
section  between  the  model  and  Its  mounting.  At  higher  Mach  numbers  the  Interference 
between  the  model  and  Its  mounting  system  can  lead  to  large  errors  In  the  determlnatlo 
of  drag  divergence  Mach  number  If  appropriate  corrections  are  not  applied. 


Fl0urm23-  TYPICAL  MOOEL  SUSPENSION  SYSTEMS 
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Some  special  problems  require  unique  nountlnq  systems.  For  example,  a  double 
sting.  If  the  flow  properties  at  the  fuselage  aft  end  have  to  be  Investigated,  or  a 
floor-mounted  half  model  for  large  stale  wing-nacelle  Installation  evaluation.  A 
frlrly  recent  development  Is  the  use  of  a  magnetic  suspension  system.  The  model  Is 
held  and  stabilized  by  a  strong  magnetic  field  without  any  mechanical  connections. 

This  promising  method,  however.  Is  still  In  the  developmental  stage  and  has  not  been 
used  In  airplane  configuration  development. 

Support  system  Interference  effects  can  be  determined  by  flying  various  combina¬ 
tions  of  model  supports  and  dummy  struts  with  the  model  upright  and  Inverted  (Reference 
24).  However,  there  always  exists  some  uncertainty  since  the  support  corrections  have 
to  be  determined  as  the  small  difference  between  two  large  numbers.  These  corrections 
may  noticeably  change  both  the  Incompressible  polar  shape  and  the  compressibility  drag 
Increments. 


TRIP  STRIP  APPLICATION 

Oue  to  the  large  difference  In  Reynolds  number  between  wind  tunnel  and  flight, 
there  Is  a  considerable  difference  In  the  boundary  layer  development  on  the  model  com¬ 
ponents,  thereby  creating  some  obvious  variations  In  aerodynamic  forces.  Most  notice¬ 
able  Is  a  change  In  drag  level  and  a  significantly  higher  maximum  lift  coefficient 
achievable  In  the  case  of  the  full  scale  airplane.  While  the  boundary  layer  on  a  large 
aircraft  Is  nearly  always  fully  turbulent,  extensive  regions  of  laminar  flow  may  exist 
on  a  wind  tunnel  model  flown  at  low  Reynolds  numbers.  The  size  of  the  laminar  flow 
regions  depend  on  many  factors  such  as  streamwlse  pressure  distribution,  the  surface 
quality  of  the  model  and  the  free  stream  turbulence  In  the  tunnel  flow.  Small  changes 
In  any  of  these  Items  can  significantly  affect  the  size  of  areas  with  laminar  boundary 
layer  flow,  and  thus  model  drag. 

Standard  practice  In  the  past  has  been  to  use  a  forward  trip  at  5X  to  10X  chord 
In  order  to  simulate  full  scale  turbulent  flow  and  thereby  more  confidently  adjust  the 
wind  tunnel  profile  drag  data  for  Reynolds  number.  Wing  pressure  distributions  so 
obtained  matched  flight  observations  and  theory,  particularly  for  subcrltlcal  flow 
conditions.  Furthermore,  data  repeatability  Is  greatly  Improved  when  the  point  of 
transition  Is  fixed  by  a  forward  trip  strip  on  all  model  components. 

The  most  widely  used  trip  strip  consists  of  a  narrow  band  of  carborundum  grit. 
Based  on  data  of  Braslow  (Reference  25),  the  grit  size  should  be  selected  such  that 
the  Reynolds  number  based  on  local  flow  conditions  and  nominal  grit  height  Is  greater 
than  S00.  Excessive  grit  size  should  be  avoided  to  minimize  the  drag  created  by  the 
trip  strip  Itself.  r>  trip  strip  can  only  be  fully  effective  when  It  Is  placed  In  an 
area  where  the  stability  of  the  laminar  boundary  lryer  Is  already  low  enough  so  that 
the  perturbations  Introduced  by  the  trip  can  trigger  transition.  This  condition  Is 
usually  reached  when  the  Reynolds  number  based  on  the  length  between  the  stagnation 
point  and  the  trip  location  Is  greater  than  1  x  1 0 5 .  This  condition  determines  the 
most  forward  trip  location. 

The  spanwlse  flow  component  In  the  case  of  tapered  swept  wings  causes  the  accumu¬ 
lation  of  boundary  layer  material  towards  the  wing  tip.  Under  those  conditions,  the 
thickness  o'  the  laminar  boundary  layer  can  locally  be  much  larger  than  Indicated  by 
simple-  two-dimensional  boundary  layer  theory.  In  fact,  the  boundary  layer  can  become 
thick  enough,  that  a  trip  sized  according  to  Reference  25  Is  below  the  critical  rough¬ 
ness  and  cannot  trigger  transition.  The  limited  amount  of  experimental  aata  available 
on  this  subject  suggests  an  Increase  In  trip  size  toward  the  tip  of  a  swept  wing  as 
shown  In  Figure  24  .  The  effectiveness  of  a  trip  strip  should  always  be  verified  by 
some  flow  visualization  technique. 
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Figure  24:  ROUGHNESS  REYNOLDS'  NUMBER  FOR  TRANSITION 
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Unlike  the  turbulent  boundary  layer,  laminar  boundary  layers  can  negotiate  only 
very  weak  adverse  pressure  gradients  without  separation.  Therefore,  It  is  essential 
that  the  boundary  layer  be  fully  turbulent  at  the  location  of  shock  wave.  But  on  the 
other  hand,  tripping  the  boundary  layer  at  a  forward  location  will  lead  to  unrealistic¬ 
ally  thick  boundary  layer  at  the  shock  which  may  result  In  a  shift  In  the  shock  posi¬ 
tion  or  In  a  premature  shock  Induced  separation  (Reference  26).  By  properly  fixing 
the  boundary  layer  transition  point  on  the  wind  tunnel  model,  full  scale  conditions 
can  be  quite  closely  simulated  at  the  usual  wind  tunnel  Reynolds  numbers.  The  required 
location  of  the  trip  strip  can  be  predicted  theoretically  with  acceptable  accuracy  by 
simulating  the  boundary  layer  characteristics  at  thr  airfoil  trailing  edge.  A  more 
expedient  and  practical  approach  for  determining  the  location  of  the  trip  strip  on  a 
three-dimensional  wing  Is  to  observe  the  shock  pattern  without  tripping,  and  thereby 
select  the  desired  location  at  the  chosen  test  Mach  number  and  angle  of  attack. 

In  summary,  trip  strips  are  essential  for  the  proper  simulation  of  full  scale  con¬ 
ditions  on  a  wind  tunnel  model,  but  they  must  be  carefully  placed,  considering  the 
pressure  distribution  about  the  Individual  components,  free  stream  Mach  number,  and 
the  purpose  of  the  test.  Flow  visualization  of  the  wing  upper  surface  with  no  trip, 
and  with  an  aft  trip  Is  desirable  for  the  determination  of  the  extent  and  Intensity 
of  the  shock  under  varying  conditions  of  Mach  number  and  angle  of  attack.  Visual 
inspection  of  the  shock  patterns  thus  obtained  can  be  a  primary  guide  to  the  use  of 
the  force  and  pressure  data.  Philosophically,  the  data  developed  from  the  wind  tunnel 
tests  for  prediction  must  be  synthesized  from  forward  and  aft  trip  results,  and  this 
synthesis  encompasses  all  speeds  and  lift  loading  conditions.  Practically,  a  judgment 
must  be  made  from  limited  and  specific  sets  of  data,  usually  selected  to  represent  the 
normal,  typical  operating  conditions. 


EXTRAPOLATION  OF  WIND  TUNNEL  RESULTS  TO  THE  FULL  SCALE  AIRPLANES 

Several  operations  are  necessary  to  arrive  at  the  full  scale  airplane  drag  using 
corrected  model  data  as  a  starting  oolnt.  (1)  The  model  data  must  be  corrected  for 
scale  effects  due  to  the  one  or  two  orders  of  magnitude  difference  In  Reynolds  numbers 
between  the  model  and  the  airplane.  (2)  The  drag  of  items  which  cannot  be  simulated 
In  model  test  has  to  be  assessed.  These  Items  Include  surface  roughness,  excrescences, 
leakage  and  Icsses  due  to  the  air  conditioning  system.  (3)  The  impact  of  scale  effect 
on  polar  shape  and  drag  rise  must  be  decided.  (4)  Corrections  for  thrust  effects,  if 
any,  must  be  applied. 

Prediction  of  the  full  scale  airplane  drag  at  hlqh  subsonic  Mach  numbers  Is  pres¬ 
ently  based  entirely  on  the  wind  tunnel  measurements  of  the  drag  increments  due  to 
compressibility.  There  Is  a  definite  lack  of  theoretical  methods  to  reliably  assess 
the  drag  rise  characteristics  of  a  complete  airplane  configuration,  and  In  particular, 
the  effects  of  Reynolds  number  on  the  drag  rise. 


REYNOLDS  NUMBER  EFFECTS 

For  most  of  the  transport  aircraft  now  flying,  the  effects  of  Reynolds  number  upon 
performance  in  the  cruise  configuration  has  been  predicted  with  a  reasonable  degree  of 
accuracy  on  the  basis  of  low  Reynolds  number  wind  tunnel  data.  The  new  generation  of 
supercritical,  aft  loaded  airfoil  sections,  however,  are  more  sensitive  to  scale  effects 
than  earlier  airfoils.  Small  changes  In  boundary  layer  displacement  thickness  can 
cause  a  large  shift  of  the  wing  upper  surface  shock  location,  affecting  both  airplane 
drag  and  stability.  Thus,  more  emphasis  1*  now  being  placed  on  high  Reynolds  number 
wind  tunnel  testing.  The  development  and  application  of  advanced  aerodynamic  configu¬ 
ration  features  Is  difficult  to  achieve  1<  the  experiments  do  not  closely  simulate  full 
scale  boundary  layer  conditions. 


FLOW  DIAGNOSTIC  STUDIES  IN  WIND  TUNNEL 

The  most  common  of  the  flow  diagnostic  type  of  tests  Is  the  measurement  of  the  sur¬ 
face  static  pressure  distributions.  This  not  only  gives  a  very  good  Insight  into  the 
probable  behavior  of  the  model  boundary  layer  flow,  but  also  often  permits  the  Integra¬ 
tion  of  static  pressure  along  model  components  from  which  the  acting  pressure  drag  may 
be  estimated. 

Total  pressure  surveys,  either  In  the  form  of  boundary  layer  measurements  on  the 
surface  of  the  models  or  In  the  form  of  wake  surveys  downstream  of  the  model,  also  play 
an  Important  role  in  flow  diagnostic  work.  Several  ways  of  measuring  boundary  layer 
characteristics  are  shown  In  Figure  25  .  Because  of  the  relatively  thin  boundary  lay¬ 
ers  on  wind  tunnel  models,  a  very  high  precision  Is  required  In  measuring  the  probe 
position  from  the  surface.  Compactness  is  another  very  stringent  requirement  to  elimi¬ 
nate  unwanted  Interference  effects  due  to  the  survey  apparatus.  Traversinq  probes  are, 
In  general,  preferable  over  fixed  pitot-rakes  because  of  their  greater  data  resolution 
capability  and  compactness. 
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•  PITOT  RAKE 


•  IMMERSION  PROBE 


Figure  25:  VARIOUS  BOUNDARY  LAYER  SENSING  DEVICES 


Flow  visualization  techniques  are  of  two  basic  kinds,  such  as  surface  flow  Indi¬ 
cators  and  flow  field  Indicators.  The  first  category  Includes  the  various  evaporation, 
oil  flow  (See  Figure  26  )  and  tuft  techniques,  while  the  second  class  constitutes  the 
shadowgraph  and  Schlleren  type  of  flow  visualization. 

A  few  typical  examples  of  flow  diagnostic  type  wind  tunnel  tests  will  be  briefly 
described  In  the  forthcoming  sections. 


Figure  26:  FLOW  VISUALIZATION  -  OIL  FLOW 


FLOW  STUDIES  ON  A  JET  TRANSPORT  CAB 

A  comprehensive  Investigation  of  the  flow  characteristics  around  the  pilot  cab  of 
contemporary  Jet  transports  was  made  In  a  wind  tunnel  test  using  the  Boeing  737  model 
(Reference  27),  The  purpose  of  the  study  was  to  broaden  the  understanding  of  the 
nature  of  flow' perturbances  and  associated  drag  penalties  caused  by  the  conventional 
cab  designs.  It  was  hoped  that  this  knowledge  would  lead  to  Improved  cab  designs  on 
future  airplanes.  The  test  program  Included  static  pressure  surveys,  boundary  layer 
surveys  and  flow  visualization  beside  the  standard  force  balance  data.  A  faired  nose 
configuration  was  also  tested  after  the  basic  cab  for  comparison  purooses.  The  static 
pressure  survey  Indicated  that  a  sharp  negative  pressure  peak  with  locally  supersonic 
flow  above  M  ■  .75  develops  at  the  side  corner  post  of  the  windshield,  and  high  posl- 
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tlve  Cp's  prevail  over  a  large  portion  of  the  windshield  and  nose  cone  (see  Figure  27). 
Oil  flow  studies  showed  that  a  strong  crossflow  forms  ahead  of  the  windshield  which 
leads  to  flow  separation  and  vortex  shedding  at  the  side  posts  of  the  windshield.  The 
boundary  layer  surveys  revealed  that  the  momentum  thickness  was  significantly  Increased 
In  comparison  with  the  smooth  nose  In  the  region  affected  by  the  cab,  especially  In  the 
vicinity  of  the  vortex  trails  shedding  from  the  windshield  (see  Figure  28  ).  The  force 
balance  data  showed  that  the  drag  Increment  due  to  the  cab  was  about  It  of  the  total 
drag  at  M  *  .7  and  about  2.5t  of  that  at  M  •  .85. 

On  the  basis  of  these  results  It  was  recommended  that  future  airplanes  should  be 
designed  with  smoother  cab  contours  and  this  Inspired  the  development  of  the  747  cab, 
which  represents  a  considerable  Improvement  over  the  classical  707  design. 
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Figure  27:  CAB  FLOW  STUDY  IN  WIND  TUNNEL 


•  M  ■  0.85 

•  0-4  DEGREES 


FAIRED  CAB 


FAIRED  CAB 


ORIGINAL  CAB 


0  .005  .010  .015 

MOMENTUM  THICKNESS ,  *  (  IN.) 


Figure  28:  EFFECT  OF  CAB  FAIRING  ON  THE  BOUNDARY  LAYER  MOMENTUM  THICKNESS 


WING  PROFILE  DRAG  MEASUREMENTS  ON  THE  BOEING  727 

A  typical  example  of  flow  studies  to  analyze  a  wing  design  Is  demonstrated  by 
tests  of  the  Boeing  727  model.  Measurements  Included  wake  traverses  at  nineteen  loca¬ 
tions  along  the  span  and  supplementary  static  pressure  surveys  and  flow  visualization. 
The  test  setup  Is  shown  on  Figure  29  .  The  main  objective  of  the  test  was  to  deter¬ 
mine  the  spanwlse  variation  of  profile  drag  as  represented  by  the  wake  momentum  loss. 
The  results  then  were  correlated  on  the  one  hand  with  theoretical  calculations  to 
verify  such  computation  methods  and,  on  the  other  hand  with  fliqht  test  wake  drag 
measurements  which  In  turn  were  Intended  to  check  the  validity  of  scaling  techniques, 
including  the  estimation  of  surface  roughness  and  excrescences  on  the  real  wing.  These 
correlations  were  described  In  a  previous  section  of  this  paper. 
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Figure  33:  EFFECT  OF  NOZZUE  PRESSURE  RATIO  ON  STRUT  PRESSURES 


Figure  34:  PEAK  MACH  NUMBER  ON  THE  PYLON 

ADVANCES  IN  TECHNIQUES  FOR 
ANALYTICAL  LIFT  AND  DRAG  PREDICTION 


The  contemporary  aerodynaml c 1 s t  has  a  variety  of  powerful  analysis  tools  available 
to  him,  which  have  altered  the  focus  of  the  eerodynamlclst's  activity.  With  the  tradi¬ 
tional  drag  methods,  the  technical  challenge  was  mainly  to  estimate  the  drag  of  a  given 
configuration.  But  the  current  focus  and  use  of  the  emerging  analytical  methods  Is 
more  to  design  the  configuration  to  produce  the  desired  lift  while  controlling  the 
sources  of  unnecessary  drag.  The  visibility  provided  by  modern  analytical  methods 
whlcn  permits  the  Identification  and  elimination  of  unnecessary  drag  sources  serves 
to  'ncrease  the  reliability  of  drag  prediction  methods.  The  modern  analytical  methods 
also  provide  a  greatly  expanded  opportunity  for  the  design  of  radically  new  configura¬ 
tion;,  with  Increased  confidence  In  the  prediction  of  their  drag  and  with  the  need  for 
less  exploratory  testing  to  establish  Initial  feasibility  and  later  design  refinement. 

In  tho  following  discussion,  the  components  of  a  complete  airplane  will  be  considered 
In  turn:  airfoils,  wings,  and  bodies,  empennages,  nacelles,  and  finally  special  aspects 
of  configuration  analysis. 

pages  4-25-4-26  are  blank 
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AIRFOILS 

Current  practice  for  the  design  of  subsonic  wings  typically  uses  the  outboard  wing 
section  as  the  basis  for  the  performance  characteristics  of  the  complete  wing.  The 
sectional  load  and  Isobar  pattern  of  the  outboard  wing  are  generally  chosen  to  reflect 
known  aerodynamic  characteristics  of  associated  two-dimensional  airfoil  sections.  The 
outboard  upper  surface  Isobar  distribution  Is  generally  embodied  In  the  wing  root  region 
as  well,  and  serves  as  a  basis  for  tailoring  the  wing  root  geometry.  Consequently,  the 
design  of  an  efficient  subsonic  wing  begins  with  the  development  of  suitable  two- 
dimensional  airfoil  sections. 

The  design  of  two-dimensional  sections  In  the  recent  past  was  largely  based  on 
the  theoretical  calculation  of  their  oressure  distributions  at  subcrltlcal  Mach  numbers, 
a  capability  that  Is  now  routine  with  modern  computers.  Figure  35  shows  a  typical 
calculated  result  for  an  advanced,  rear-loaded  section.  The  experimental  pressures 
are  shown  for  comparison.  The  effect  of  the  boundary  layer  on  the  pressures  may  also 
be  Included  In  such  calculations,  although  this  was  not  done  for  Figure  35  .  While 

being  very  accurate  at  low  speeds,  these  basically  linear  computational  methods  cannot 
calculate  the  transonic  pressure  distribution  cf  the  airfoil  at  Its  cruise  condition. 
Consequently,  a  design  process  evolved  based  on  empirical  extrapolation  of  subcrltlcal 
potential  flow  characteristics  Into  the  transonic  regime  to  allow  aerodynamlclsts  to 
design  airfoils  posesslng  good  transonic  characteristics  which  could  be  applied  to  the 
outboard  portion  of  a  wing.  However,  the  transonic  lift  and  drag  cannot  be  calculated 
directly  by  this  process,  since  accurate  theoretical  transonic  pressure  distributions 
are  ordinarily  not  available.  Consequently,  those  needed  performance  characteristics 
are  obtained  through  experimental  testing  of  the  sections  designed  by  the  theoretical/ 
empirical  approach. 


Figure  35i  THEORETICAL  PREDICTION  OF  SUBCRITICAL 

PRESSURES  ON  A  TWO-DIMENSIONAL  AIRFOIL 


Other  empirical  methods  have  been  devised  that  are  aimed  at  obtaining  a  direct 
prediction  of  the  transonic  potential  flow  pressure  distribution.  An  example  Is  the 
procedure  of  Slnnott  (Reference  28).  Figure  36  shows  the  predicted  transonic  press¬ 
ure  distribution  by  a  method  similar  to  that  of  Slnnott,  for  the  same  airfoil  as  on 
Figure  35  It  Is  seen  that  the  method  predicts  the  supersonic  region  quite  accu¬ 
rately,  up  to  the  point  of  shock  Impingement.  Whereas  the  boundary  layer  calculation 

for  the  predicted  pressures  might  produce  an  accurate  estimate  of  skin  friction,  the 

pressure  drag  and  lift  components  would  be  In  error  by  a  sizeable  amount  because  of 

the  error  In  shock  location.  Consequently  this  approach  was  generally  not  successful 
In  eliminating  the  requirement  for  extensive  experimental  testing  of  two-dimensional 
airfoil  sections. 

The  obvious  need  was  for  a  computational  procedure  capable  of  accurately  predict¬ 
ing  the  nonlinear  transonic  flow  about  an  airfoil  section,  and  there  has  been  extensive 
progress  In  this  area  In  recent  years  emanating  from  the  work  of  many  Investigators. 
Developments  have  now  reached  the  point  where  the  aeroriynamlclst  can  calculate,  rather 
routinely,  the  invlscld  transonic  pressures  for  an  airfoil,  albeit  at  considerable  com¬ 
putational  expense  on  a  large  computor.  Figure  37  gives  the  predicted  pressures  for 
the  same  airfoil  as  on  Figures  35  and  36  ,  as  calculated  by  the  method  of  Gara 

bedlan  and  Korn  (Reference  29 ) ,  only  one  of  several  currently  in  use.  It  Is  seen  that 
the  agreement  between  theory  and  experiment  Is  excellent  when  proper  account  Is  taken 
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of  the  boundary  layer.  It  Is  also  apparent  that  proper  representation  of  the  boundary 
layer  and  Its  Interaction  with  the  Invlscld  flow  Is  essential  In  the  theoretical 
analysis.  This  further  capability  Is  still  In  the  developmental  stage  and  cannot  yet 
be  classed  as  routine.  Nevertheless,  developmental  computations,  for  the  example  shown, 
predict  a  drag  of  100  counts,  whereas  the  measured  drag  Is  97  counts.  The  predicted 
drag  Is  composed  of  skin  friction  and  pressure  drag,  with  the  skin  friction  found  from 
an  Integral  boundary  layer  solution  scheme  with  an  empirical  step  thru  the  shock,  and 
the  pressure  drag  found  by  Integrating  the  calculated  pressure  forces.  As  developments 
proceed,  a  routine  analytical  capability  will  become  available  to  the  aerodynamlclst 
for  reliably  predicting  the  lift  and  drag  of  new  transonic  airfoils,  and  this  will  lead 
to  more  rapid  exploration  for  advanced  airfoil  designs  without  the  need  for  a  compre¬ 
hensive  parallel  testing  program. 


Figure  36s  EMPIRICAL  PREDICTION  OF  TRANSONIC 

PRESSURES  ON  A  TWO-DIMENSIONAL  AIRFOIL 


Figure  37:  ANALYPCAL  PREDICTION  OF  TRANSONIC 

PRESSURES  ON  A  TWO-DIMENSIONAL  AIRFOIL 
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WINGS  AND  BODIES 

With  known  transonic  lift  and  drag  characteristics  of  the  alrfol1  as  a  base,  and 
with  the  rules  of  simple  sweep  theory  as  a  moderator,  the  aerodynamlclst  can  approach 
the  design  of  the  wing  and  the  estimation  of  Its  lift  and  drag  with  Increased  confidence 
One  procedure  Is  as  follows:  the  designer  begins  with  the  selection  of  an  airfoil  sec¬ 
tion  that  will  provide  the  desired  performance,  at  specified  values  of  sweep  and  wing 
thickness  based  on  simple  sweep  theory  considerations.  The  subcrltlcal  design  condition 
pressures  (l.e.,  aralagous  to  those  of  Figure  35  of  the  airfoil)  are  corrected  by 
simple  sweep  theory  to  become  the  upper  and  lower  Isobar  design  goals  for  the  wing  In 
the  presence  oi  the  body.  The  governing  assumption  Is  that  these  subcrltlcal  Isobars 
will  develop  Into  the  same  transonic  pressures  that  were  observed  for  the  basic  two- 
dimensional  airfoil,  l.e.,  analagous  to  those  of  Figure  36  ,  thus  reproducing  for  the 

wing  the  transonic  performance  observed  for  the  airfoil.  Theoretical  analysis  and 
design  methods  are  currently  available  for  the  wing-body  configurations  that  routinely 
produce  essentially  exact  solutions  for  subsonic  Invlscld  flows,  but  with  the  limit 
that  the  supercritical  flow  regions  are  not  correctly  predicted.  Figure  38  Illustrates 
the  representation  provided  by  a  theoretical  analysis  method  typical  of  those  In  routine 
use,  which  Involve  surface  distributions  of  source  panels. 


Flgufw  38:  POTENTIAL  FLOW  SOURCE  PANELS  FOR  WING- BODY  SOLUTION 


The  first  order  of  business  for  the  aerodynamlclst  Is  to  tailor  the  wing's  twist, 
camber  and  thickness  forms  to  achieve  a  good  root  Isobar  pattern  that  blends  Into  the 
Intended  outboard  isobar  pattern,  while  producing  favorable  span  loading  distribution. 
This  process  usually  Involves  Iterative  use  of  the  theoretical  design  and  analysis 
tools  and  leads  to  trades  and  compromises  of  various  detailed  objectives,  a  prime 
underlying  objective  being  to  prevent  unwanted  drag  while  providing  the  Intended  lift 
at  the  cruise  condition  and  maximizing  structural  efficiency. 

It  should  be  pointed  out  that  this  design  produces  the  shape  of  the  wing  at  the 
1-g  load  condition.  Further  steps  are  required  to  determine  the  required  jig  shape  or 
for  other  flight  loadings.  The  same  analysis  methods  used  to  design  the  wing  can  be 
used  to  formulate  an  aerodynamic  Influence  coefficient  matrix,  which,  when  coupled  to 
the  structural  flexibility  matrix,  allows  determination  of  the  :’g  shape.  In  this  way, 
the  aeroelastlc  design  cycle  and  the  airplane  performance  can  be  controlled  In  a  dis¬ 
ciplined  framework  common  to  each  technical  area  -  performance,  structures,  and  flight 
dynamics.  The  timing  of  the  preliminary  design  cycle  as  expressed  In  Reference  30  can 
be  considerably  compress'd  with  today's  analytical  capabilities. 

Figure  39  compares  various  analytical  and  experimental  results  for  a  30°  sweep 
wing  and  body.  Two  wing  -actions  arc  shown,  one  near  the  side  of  the  body,  and  one 
outboard  In  the  region  cr  Infinite  yawed  wing  flow.  The  experimental  pressures  are 
predicted  very  well  at  this  subcrltlcal  Mach  number.  The  outboard  section  at  this 
Mach  number  Is  also  compared  with  the  subcrltlcal  pressures  for  the  base  airfoil,  after 
the  simple  sweep  correction  has  been  applied.  It  Is  seen  that  the  wing  design  process 
has  duplicated  the  essential  features  of  the  airfoil  section  on  the  outboard  wing. 

Also  shown  Is  the  experimental  result  for  th .  wing  at  Its  cruise  Mach  number  and  the 
experimental  result  for  the  two-dimensional  airfoil,  corrected  by  simple  sweep  (Figure 
40  ,  end  It  is  seen  that  the  Intended  cruise  pressure  distribution  has  Indeed  been 

achieved  on  the  wing.  Finally,  th<  experimental  and  analytical  span  loads  for  this 
wing  are  given  on  Figure  41  ,  showing  the  degree  of  support  the  designer  receives  from 
current  wing-body  analysis  methods. 
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Flgur.  XOi  COMPARISON  OF  THEORY  &  EXPERIMENT  FOR  WING- BODY  GEOMETRY 

(SECTION  B-B) 


Flgurt  41:  POTENTIAL  FLOW  AND  EXPERIMENTAL  SPAN  LOADING  COMPARISONS 
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The  desln-  and  lift  prediction  for  aircraft  Intended  to  cruise  In  the  near-sonic 
speed  regime  pose  special  problems  to  the  configurator,  but  can  be  analyzed  by  the 
aerodynamlcist  with  the  same  potential  flow  techniques  as  were  presented  above.  The 
special  configuration  problems  are  concerned  with  satisfying  the  requirements  nf  sonic 
area  ruling,  including  the  effect  of  "1ft  compensation.  These  will  determine  a  body 
area  distribution  that  will  be  consistent  with  the  wing's  thickness  distribution  and 
planform.  Once  the  body  is  specified,  the  task  of  the  aerodynamlcist  becomes  as  rou¬ 
tine  as  for  conventional  subsonic  transports,  that  is  to  determine  the  wing's  twist, 
camber  and  resulting  chordwise  and  spanwise  lift  distribution.  Figure  <2  illustrates 
the  drag  rise  performance  of  a  wing-body  that  was  ana lyti ca1 :y  designed  for  near-sonic 
speeds . 


Figure  42:  PERFORMANCE  OF  TRANSONIC  WING- BODY  DESIGNED  WITH  POTENTIAL  FLOW  METHODS 


Taken  together.  Figures  39,  40  and  41  are  proof  that  the  pressures  on  a  wing  and 
body,  and  consequently  the  lift,  can  be  calculated  with  a  high  degree  of  accuracy. 
This  allows  the  drag  of  the  wing  to  be  approached  analytically  as  well.  With  the  Cp 
drag  method,  the  wing  drag  may  be  expressed  as:  " 


c0w1ng  ■  c0p  +  cDi  +  icDin  terference  +  ACdK  ^ 

where  CDp  *  CDpmin  +  A CDp  ^  ? 

Cpi  *  induced  drag,  (  — ^nnr  ) 

A  interference  *  ^rag  due  to  corner  f1ows  1n  intersection  regions 
ACdh  *  drag  rise  effect 


On  a  component  basis,  the  profile  drag,  ^Dp,  is  made  of  skin  friction  and  pressure 
drag  due  to  the  boundary  layer.  These  are  both  predicted  by  obtaining  a  boundary  layer 
solution  on  a  strip  basis  for  the  wing,  usinq  the  analytical  pressures,  and  applying 
the  well-known  Squire-Young  drag  formula.  The  deviation  of  induced  draq  from  the  ellip¬ 
tic  ideal  can  be  calculated  from  Trefftz  plane  methods,  usinq  theoretical  spanwise  load 
distributions.  Figure  43  demonstrates  that  this  procedure  can  accurately  provide  these 
components  of  the  wing  drag.  The  remaining  components,  ^^interferenceand 

must  still  be  provided  empirically.  Being  able  to  calculate  analytically  the  major 
portion  of  the  wing  drag  allows  the  aerodynamicist  to  more  accurately  estimate  the 
lift  and  drag  while  reducing  the  dependence  on  empiricism,  a  particularly  valuable 
capability  when  dealing  with  new  or  unusual  configuration  for  which  an  experimental 
data  base  may  nut  be  available. 


The  pressures  on  the  body  are  provided  along  with  those  for  the  wing  by  most  of 
the  present  potential  flow  analytical  methods.  Local  body  problem  areas  such  as  aft 
body  closure  or  upsweep  may  be  evaluated  on  a  pressure  gradient  criterion,  but  the 
state-of-tne-art  cu-rently  prohibits  bourdary  layer  calculations  for  a  realistic  body 
with  crossflows  arising  from  wing  and  local  body  effects.  Consequently,  evaluation 
of  the  total  drag  of  the  wing-body  combination  must  still  involve  the  application  of 
empirical  factors,  with  confirmation  by  wind  tunnel  tests. 
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Figure  43:  ANALYTICAL  CALCULATION  OF  WING  DRAG 


EMPENNAGES 

The  design  and  analysis  of  the  empennage  can  be  approached  with  these  same  three- 
dimensional  potential  flow  analysis  methods.  The  approach  Involves  the  theoretical 
design  of  the  horizontal  tall  In  the  presence  of  the  body,  the  vertical  tall  and  the 
wing's  downwash  field.  The  objective  Is  to  achieve  a  camber,  twist  and  thickness  dis¬ 
tribution  that  provide  an  efficient  tall  loading  within  the  context  of  preventing 
undue  drag  while  providing  the  required  lift.  Figure  44  shows  examples  of  the  twist 
distribution  for  a  T-tall  and  a  low  horizontal  tall  both  designed  to  have  the  same 
spanwlse  loading  (elliptic  In  this  example).  It  Is  noticed  that  an  elllptlcally  loaded 
tall  can  be  far  from  flat,  and  that  the  twist  near  the  fin  or  body  Is  of  opposite  sign, 
depending  on  whether  the  tall  Is  a  T-tall  or  a  low  tall. 

The  analysis  techniques  used  for  this  design  provide  pressures  on  both  the  vertical 
and  horizontal  tall.  The  boundary  layer  car.  thus  be  calculated  and  the  skin  friction 
and  pressure  drag  obtained  In  a  manner  similar  to  that  for  the  wing.  Total  airplane 
Induced  drag  can  be  calculated  from  a  Trefftz  plane  analysis.  The  Interference  com¬ 
ponent  and  drag  rise  component  of  tall  drag  must  still  be  obtained  by  comparisons  with 
previous  designs  and  the  application  of  empirical  factors. 
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Figure  44:  HORIZONTAL  TAIL  TWIST  FOR  ELLIPTICAL  TAIL  LOAD 
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NACELLES 

The  remaining  principal  airplane  component  to  be  considered  Is  the  power  plant 
Installation.  Traditionally  nacelles  are  first  optimized  In  Isolation  ( ax  1 symmetr 1c 
flow)  and  then  Installed  on  an  airplane  In  such  a  way  that  Interference  effects  are 
minimized.  Accordingly  we  first  considered  Isolated  techniques  and  then  Installation 
effects  separately. 

Isolated  Design 

Typically  nacelle  design  Is  divided  Into  two  disciplines.  The  first  encompasses 
the  Inlet  and  the  second  the  exhaust  system  (afterbody  and  plug).  The  inlet  will  be 
considered  first.  The  Inlet  must  perform  well  over  a  wide  range  of  mass  flows  and 
Mach  numbers;  It  must  provide  clean  airflow  to  the  engine  while  preserving  good  exter¬ 
nal  drag  characteristics.  In  recent  years,  inlet  design  has  been  approached  In  the 
same  manner  as  airfoil  design.  An  empirical  process  has  evolved  for  designing  inlet 
shapes  at  subcrltlcal  Mach  numbers  so  as  to  have  desirable  characteristics  at  the 
cruise  Mach  number.  The  inlet  wall  pressure  distribution  can  be  calculated  at  the 
subcritlcal  case  and  the  boundary  layer  can  be  predicted.  These  calculations  can 
provide  an  assessment  of  the  external  Inlet  forces  for  the  design  airflow  condition. 

More  recently  finite  difference  techniques  have  been  developed  which  can  accurately 
predict  the  Invlscld  transonic  Inlet  flow.  Shock  waves  are  predicted  and  losses  can 
be  Integrated  to  compute  the  nacelle  drag  rise.  These  methods,  coupled  with  a  boundary 
layer  analysis,  will  soon  reduce  considerably  the  amount  of  Isolated  wind  tunnel  test¬ 
ing  required. 

The  exhaust  system  design  Is  perhaps  harder  to  approach  analytically  and  engineers 
have  generally  relied  on  an  empirical  approach.  Some  success  however  has  been  reported 
using  an  axlsymmetrlc  method  of  characteristics  for  the  supersonic  jet  coupled  to  a  sub¬ 
sonic  potential  flow  analysis  exterior  to  the  jet  boundary.  Generally,  however,  the 
jet  flow  becomes  subsonic  and  the  method  of  characteristic  marching  procedure  falls. 
Fully  transonic  jet  computer  programs  are  currently  under  development,  using  many  of 
the  Ideas  of  the  transonic  Inlet  and  airfoil  methods,  and  should  provide  a  valuable 
tool  for  afterbody  design. 

Installed  Design 

Many  a  good  Isolated  nacelle  design  nas  proven  less  than  satisfactory  when  In¬ 
stalled  on  a  wing  with  a  strut.  This  can  be  due  to  shock  waves  Induced  by  wing,  strut 
and  nacelle  Interference  as  well  as  wlng/strut/naeelle  flow  field  effects  or.  nacelle 
jet. 

A  traditional  tool  for  assessing  these  effects  is  a  cross  sectional  area  plot 
encompassing  portions  of  wing,  strut,  and  nacelle.  The  designer  tries  to  achieve 
as  smooth  an  area  distribution  as  possible  consistent  with  the  design  constraints 
(e.g.  flutter). 

Currently  more  sophisticated  techniques  than  simple  area  plots  are  available  to 
predict  Interference  effects.  This  Is  possible  using  subsonic  three  dimensional  poten¬ 
tial  flow  computer  programs  wherein  usually  some  simplifying  assumption  Is  required 
regarding  the  jet  boundary.  Using  such  a  program,  one  can  examine  the  Influence  of  the 
Installation  on  the  Inlet  pressure  distribution  as  well  as  pressure  loads  likely  to  be 
Imposed  on  jet  exhaust  boundary.  These  data  coupled  with  previous  experience  provide 
the  designer  with  a  good  assessment  of  expected  Interference  effects. 

Three  dimensional  potential  flow  programs  also  allow  the  designer  to  predict  the 
effects  of  the  nacelle  and  strut  on  the  wing  load  and  pressure  distributions  arid  pro¬ 
vide  an  opportunity  for  designing  the  wing  In  the  presence  of  nacelles  and  struts. 

Figure  45  gives  an  example  of  the  wing  twist  modification  required  to  preserve  the 
Isolated  wing/body  span  load  In  the  presence  of  nacelles  and  struts.  The  experimental 
data  confirms  that  the  twist  change  produced  the  desired  effect. 

The  ability  to  predict  the  subcrltlcal  load  for  the  entire  geometry  allows  for 
drag  Improvements  that  would  be  difficult  to  achieve  purely  on  an  experimental  basis. 

For  Instance,  Figure  4£  presents  the  span  load  for  a  wing/body  with  four  nacelles  and 
struts  designed  for  minimum  Induced  drag,  which  leads  to  side  loading  on  the  struts 
and  corresponding  small  spanwlse  discontinuities  In  the  load  distribution  on  the  wing. 
Such  a  design  has  about  It  less  Induced  drag  than  an  elllptlcally  loaded  wing  with 
unloaded  struts  while  preserving  the  same  lift. 

A  second  and  distinctly  different  nacelle  Integration  problem  Is  the  close-coupled 
Installation.  This  denotes  an  arrangement  where  the  nacelle  produces  a  major  perturba¬ 
tion  on  the  local  forces  of  the  configuration.  The  production  B737  nacelle  and  strut 
Is  an  example  of  this  type  of  Installation,  and  the  analytic  potential  flow  solution 
Is  a  valuable  tool  for  giving  the  aerodynaml cl s t  a  picture  of  the  distribution  of  the 
total  forces  on  the  configuration.  For  example.  Figure  47  presents  the  calculated 
velocity  vectors  for  the  B737  nacelle  strut.  In  the  presence  of  the  nacelle,  wing  and 
body.  The  flow  Is  seen  to  be  very  orderly  on  the  strut,  with  no  large  changes  in  flow 
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Figure  45:  AERODYNAMIC  EFFECT  OF  WING-MOUNTED  NACELLES  ON  WING  TWIST 
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Figure  47:  POTENTIAL  FLOW  VELOCITY  VECTORS  FOR  E-737  NACELLE  STRUTS 
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direction,  which  would  suggest  large  local  pressure  gradients.  However,  Figure  48 
shows  the  analytical  prediction  of  span  load  for  the  wing-body  and  for  the  complete 
configuration,  and  a  large  effect  of  the  nacelle  Installation  on  the  wing  as  Indicated. 
These  figures  serve  to  Illustrate  that  successful  Integration  of  a  close-coupled 
nacelle  arrangement  can  be  assisted  by  these  analytical  solutions,  by  giving  the  aero- 
dynamlclst  details  about  the  flow  field  that  are  difficult  to  achieve  experimentally. 

The  local  pressures  can  be  adequately  predicted  for  all  these  kinds  of  nacelle 
Installations,  and  a  good  estimate  of  the  lift  can  be  made.  In  principle.  It  Is  also 
possible  to  calculate  the  boundary  layer  for  the  wing,  strut  and  nacelles,  then  esti¬ 
mate  the  skin  friction  and  pressure  drag  terms  and  calculate  the  Induced  drag,  to  get 
a  result  similar  to  that  of  Figure  43.  However,  for  the  nacelles  and  struts,  the 
possibility  of  large  crossflows  Is  high,  so  that  the  drag  Is  best  calculated  by  hand¬ 
book  methods,  using  the  predicted  lift  as  a  guide  for  the  calculations 
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Figure  48:  ANALYTICAL  SPAN  LOAD  EFFECT  OF  CLOSE-COUPLED  NACELLE 


APPLICATION  Oh-  THEORETICAL  ANALYSIS  TO  CONFIGURATION  DETAILS 

The  above  discussions  Illustrate  the  manner  In  which  theoretical  design  methods 
are  being  used  to  assist  In  developing  a  configuration.  Emphasis  has  been  placed  on 
the  Insight  which  the  current  analytical  techniques  provide  Into  wing  design,  particu¬ 
larly  the  chordwlse  and  spanwlse  loading  under  cruise  conditions.  The  methods  are  not 
adequate  to  displace  either  experimental  methods  or  data  banks  of  historical  Informa¬ 
tion.  However,  they  can  provide  valuable  support  In  preventing  the  occurrence  of 
unnecessary  drag.  Two  representative  examples  are  give.:: 

The  first  of  these  examples  Is  the  design  and  analysis  of  the  shape  of  the  pilot 
cabin.  The  exoerlmontal  part  of  this  paper  shows  that  a  flat-paned  cab  with  sharp 
corners  can  produce  one  to  two  percent  additional  airplane  drag,  as  compared  to  a 
smoother  cab  design.  While  the  analytical  method  cannot  predict  the  drag  difference 
between  the  two  designs.  Figure  49  shows  that  the  analysis  process  can  provide  guidance 
In  the  design  and  selection  of  a  good  cab.  The  figure  shows  a  flat-paned  cab  to  have 
high  local  pressures,  sharp  gradients,  and  extensive  local  supersonic  flow.  The  curved 
pane  cab  Is  shown  by  analysis  to  be  considerably  more  moderate  In  terms  of  Its  pressures. 
Intuitively,  the  curved-panel  cab  would  be  preferred  from  Its  potential  lower  drag  (and 
lower  cockpit  noise  levels)  based  on  the  calculated  pressures. 

The  second  example  concerns  the  wing-body  Intersection,  and  In  particular  the  wing 
rot-,  'eadlng  edge  fairing  Into  the  body.  Figure  50  presents  the  experimental  result 
of  a  fairing  designed  with  a  three-dimensional  potential  flow  analysis  method  (Reference 
31).  The  objective  of  the  design  was  to  reduce  the  wing-body  Interference  by  preventing 
corner  separation,  and  the  analytically  designed  fairing  Is  seen  to  prevent  this  separa¬ 
tion.  Again,  the  analysis  cannot  predict  the  drag,  but  Instead  can  be  used  to  prevent 
drag . 


In  review,  the  potential  flow  and  boundary  layer  analysis  methods  available  to  the 
contemporary  aerodynaml cl s t  can  greatly  enhance  his  ability  to  design  efficient  lifting 
geomatrles.  In  most  cases,  the  design/analysis  process  provides  Information  to  help 
prevent  excessive  drag,  and  In  some  cases-  the  actual  drag  can  be  calculated. 
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Figur*  50:  DESIGN  OF  WING-BOOY  INTERSECTION  FAIRING 


NEAR-TERM  DEVELOPMENTS  IN  LIFT  AND  DRAG  PREDICTION 

The  limitations  of  current  three-dimensional  theoretical  analysis  methods  now  In 
dally  use  restrict  their  application  to  Mach  numbers  that  are  low  enough  to  exclude 
locally  supersonic  flow,  and  to  geometries  which  have  negligible  crossflows  for  boun¬ 
dary  layer  predictions.  In  the  near  term,  advances  In  analytical  methods  promise  to 
place  in  the  hands  of  the  a erodynamlcl st  the  ability  to  calculate  the  invlscld  cruise 
Mach  number  pressure  distributions,  and  to  provide  limited  capability  for  the  analysis 
of  certain  classes  of  three-dimensional  boundary  layer  flows.  There  are  three  distinct 
areas  where  useful  near-term  development  is  anticipated: 

First,  the  three-dimensional  mixed  supersonic-subsonic  pressure  calculation  by 
analysis  will  be  a  major  advance  In  the  field  of  wing  design.  Floure  51  presents  a 
truly  significant  result  In  this  direction:  the  first  calculation  of  the  flow  about 
a  three-dimensional  wing  at  transonic  speeds  with  an  Imbedded  shock  wave  (Reference  32) 
The  solution  shown  Is  for  a  wing  with  biconvex  section,  but  the  analysis  method  Is  not 
Inherently  prevented  from  handling  the  case  of  lifting  winq  with  a  round  leadino  edge. 
In  fact,  Steger  and  Bally  have  calculated  results  for  the  lifting  case.  In  addition, 
Jameson  has  recently  shown  a  similar  result  for  a  yawed  wino  (Reference  33).  Using 
past  experience,  these  methods  in  Improved  form  will  be  available  for  oeneral  use  by 
the  aerodynamlcl  st  within  the  next  few  years. 
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Figure  51:  ISOBARS  ON  TRANSOI IIC,  NON  LIFTING  SWEPT  WING  WITH  EMBEDDED  SHOCK 


The  second  area  of  Improvement  will  hopefully  be  In  the  prediction  of  the  occur¬ 
rence  and  location  of  off-body  vortices.  In  particular,  the  vortices  off  a  nacelle 
forebody  or  the  forward  fuselage  have  particular  significance  In  regard  to  stability; 
the  ability  to  calculate  these  vortices  will  allow  designs  that  prevent  or  control 
their  formation  without  unduly  penalizing  the  lift. 

A  third  area  of  significant  payoff  will  be  an  Improved  capability  for  modeling 
jet  effects  and  the  Interaction  of  a  jet  with  the  external  flow  about  the  airframe. 
This  Is  becoming  Increasingly  Important  In  view  of  the  trend  toward  close-coupled 
nacelle  Installations  and  the  Increasing  dependence  on  theoretical  analysis  tools 
for  aerodynamic  design. 

These  added  analytical  capabilities  will  all  be  valuable  to  the  aerodynamlclst, 
and  will  be  used  as  toon  as  they  become  reliable.  It  Is  difficult  to  guess  the  order 
of  their  appearance,  but  the  calculation  of  surface  pressures  at  the  cruise  Mach 
number  will  probably  be  In  wide  usage  first,  and  Is  the  one  that  Is  most  needed. 
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SUMMARY 


Drag  estimation  procedures  are  not  exact.  Inaccuracies  and  uncertainties  have 
been  present  In  the  past,  and  are  still  with  us.  There  Is  no  room  for  smugness  on  the 
part  of  any  design  team  with  regard  to  superior  capabilities  In  this  field  of  lift/drag 
estimation  and  prediction,  for  the  record  clearly  shows  that  each  configuration  entails 
a  risk.  This  Is  true  not  only  with  older  designs  but  also  with  the  advanced  double- 
aisle  planes  now  In  service.  Most  aircraft  have  had  their  In-house  program  of  review 
and  Improvement,  with  resultant  changes  not  necessarily  publicized  broadly.  A  bit 
of  wing  tip  here,  a  change  In  nacelle  fairing  there,  a  few  seals  In  the  slats  -  there 
Is  always  a  need  for  such  corrective  action. 

It  Is  difficult  to  offer  a  simple  arithmetical  statement  as  to  the  degree  of  suc¬ 
cess  which  an  aeronautical  engineer  can  expect  relative  to  his  prediction  of  drag  level. 
In  the  broadest  sense,  the  term  "accuracy"  must  encompass  all  of  the  errors  from  the 
point  when  the  design  cycle  has  reached  a  serious  status  until  the  airplane  has  been 
flight  tested  and  proven.  The  preliminary  design  study  must  be  considered  as  the 
reference  point  for  eventual  judgement  on  program  success.  The  Initial  decisions  on 
wing  area,  aspect  ratio,  thickness  ratio  and  the  matching  engine  cycle  and  thrust  re¬ 
quirements  are  determined  based  upon  these  early  L/D  estimates.  In  order  to  assure 
that  the  chosen  propulsion  system  will  In  fact  fly  the  airplane  at  Its  critical  flight 
condition,  an  early  judgement  has  to  be  made  as  to  the  lower  bound  of  cruise  L/D.  On 
the  other  hand,  too  much  conservatism  will  result  In  an  Inefficient  engine/airplane 
which  Is  not  competitive. 

In  considering  this  long  term  overview,  the  designer  Is  really  faced  with  perform¬ 
ance  predictions  which  Include  errors  from  two  sources: 

•  Errors  due  to  lack  of  configuration  definition 

•  Errors  due  to  Inaccurate  methods 

The  prediction  Inaccuracies  early  In  the  program  due  to  Inadequate  geometry  defini¬ 
tion  are  greater  than  Inaccuracies  due  to  methodology.  An  example  o,'  the  progress  of 
an  airplane  development  and  the  associated  trends  In  drag  accuracy  Is  given  on  Figure  52 
As  the  design  progresses,  the  geometry  definition  error  washes  out,  and  methodology 
error  becomes  most  Important. 
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Figure  52:  AIRPLANE  DEVELOPMENT  SCHEDULE 


Some  allowance  has  to  be  made  by  the  design  team  manager  and  the  aerodynamics 
engineer  for  the  ability  of  the  airplane  to  eventually  reflect  the  configuration  upon 
which  the  early  performance  estimations  are  made.  If  It  becomes  clear  that  there  are 
two  non-converging  designs  -  one  on  the  drawing  board  and  a  different  one  In  the  books 
and  wind  tunnel  models  of  the  aerodynamlclst.  It  Is  time  for  a  new  understanding. 
Therefore,  the  falsest  evaluation  of  the  lift/drag  prediction  capability  should  logi¬ 
cally  commence  when  the  configuration  Is  well  defined  and  after  the  aerodynamlclst  has 
been  able  to  use  all  of  the  tools  described  In  this  paper.  This  leads  to  the  develop¬ 
ment  of  a  “best  guess"  drag  polar  at  the  time  of  roll-out.  This  polar  may  not  be  the 
performance  level  used  In  brochures,  but  It  represents  the  true  basis  upon  which  flight 
tests  will  later  be  compared.  At  this  time,  a  complete  drag  analysis  Is  available, 
with  an  account  given  for  each  part  of  the  configuration  and  an  estimate  made  for 
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friction  drag,  Induced  drag,  trim  drag,  and  compressibility  drag.  As  Butler  has  noted 
{Reference  15),  "Before  the  first  flight  of  the  prototype,  the  spread  of  the  bounds 
of  the  drag  estimates  should  have  been  reduced  to  that  associated  with  residual  un¬ 
certainties  In  the  Interpretation  or  extrapolation  of  test  data  on  specific  experi¬ 
mental  models,  and  second-order  doubts  about  the  application  of  prediction  methods". 
The  result  Is  a  potential  error  around  the  best  guess  levels  which  varies  with  Mach 
number  as  shown  on  Figure  53  .  This  curve  Illustrates  the  probability  of  estimating 
drag  more  accurately  at  the  subcrltlcal  flight  speeds  where  higher  confidence  exists 
In  the  ability  to  predict  the  drag  components.  At  cruise  speeds,  the  Mach  dependent 
drag  assumes  a  greater  significance.  The  confidence  band  Includes  an  allowance  for 
errors  associated  not  only  with  the  prediction  of  the  drag  Increment  for  a  particular 
critical  Mach  number,  but  also  with  the  prediction  of  the  critical  Mach  number  itself. 
The  level  of  probable  error  Is  discussed  In  the  final  remarks. 
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Figure  53.  POSSIBLE  ERROR  IN  PREDICTED  l/D 
(LONG  RANGE  TRANSPORT) 


Attention  has  been  directed  throughout  this  paper  to  the  Impact  of  the  propulsion 
system  on  estimation  and  de;1gn  studies.  This  Item  Is  perhaps  the  single  factor  of 
most  concern  because  of  It'  obvious  Impact  upon  thrust/drag  accountability  and  also 
due  to  the  Influence  of  thi  propulsion  Installation  upon  the  wing-body  drag  level  and 
drag  rise.  Examples  of  airplanes  for  which  significant  improvements  in  nacelle  or 
mounting  strut  lines  were  made  after  Initial  production  models  were  developed  Include 
the  B737,  the  DC-8,  the  Super  VC-’O,  and  the  Convalr  990.  A  classic  description  of 
the  approach  to  Improving  the  latter  airplane  Is  reported  In  Reference  34  and  Is 
partially  guoted  as  follows,  "An  extensive  drag  reduction  program  un  the  990  was 
initiated  ....  consisting  of  three  general  phases:  (1)  exploratory  flight  tests, 

(2)  an  extensive  engine  nacelle  wind  tunnel  Investigation,  and  (3)  development  flight 
tests.  Modifications  of  the  following  nature  were  established:  (1)  a  sharper,  less 
drooped  wing  leading  edge,  (2)  a  nacelle  afterbody  extension,  (3)  a  wing-fuselage  aft 
fillet  redesign  to  more  generous  lines,  and  (4)  the  addition  of  engine  nacelle  and  pylon 
fairings.  The  Incorporation  of  these  modifications  has  resulted  In  the  achievement  of 
cruise  performance  In  excess  of  the  original  guarantees." 

One  Illustration  of  further  variations  In  performance  levels  -  those  determined 
from  different  series  of  flight  tests  -  was  presented  for  the  DC-10  In  reference  19, 
which  was  previously  quoted  In  the  Flight  Test  section  of  this  paper.  The  range  factor 
comparisons  are  shown  on  Figure  54  ,  and  these  provide  an  Insight  Into  the  differences 
between  an  estimated  performance  level,  prior  to  flight,  and  results  obtained  during 
Initial  flight  tests.  Flight  results  at  relatively  low  Mach  numbers  were  3%X  below 
predictions,  and  results  at  higher  speeds  exceeded  predictions  by  a  similar  amount. 

At  top  speeds,  there  was  little  difference.  Later  tests,  with  a  small  wing  tip  exten¬ 
sion,  showed  a  benefit  from  this  change  at  speeds  below  Mach  0.83.  These  data  Illus¬ 
trate  same  of  the  differences  In  performance  levels  which,  although  small,  must  be 
measured,  analyzed,  and  reconciled  In  establishing  a  final  level  for  accuracy  compari¬ 
sons. 


0,‘talled,  thorough  flight  tests  from  which  the  desirable  analyses  can  be  made  for 
comparison  with  predictions  are  expensive,  time  consuming  and  difficult  to  obtain.  Some 
of  the  illustrations  given  in  this  paper  have  resulted  from  cases  where  an  obvious  dis¬ 
crepancy  in  performance  was  evident,  demanding  corrective  action.  There  are  fortunately 
other  cases  In  which  Interesting  research  has  been  undertaken  which  permitted  compre¬ 
hensive  correlation  between  flight  and  predictions.  Two  such  studies  were  presented  In 
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References  12  end  14.  The  first  of  these  Involved  extensive  tests  and  analyses  on  the 
Lockheed  C-141  and  C5A,  supported  by  both  company  and  NASA  research  efforts.  This 
paper  describes  In  detail  the  prediction  procesr  as  employed  by  Lockheed,  emphasizes 
the  Importance  of  profile  drag  estimation,  and  reflects  a  design  philosophy  which  mini¬ 
mizes  Interference  effects  by  designing  for  smooth  area  distributions.  The  second 
reference  summarizes  results  of  correlation  studies  on  the  Grumman  F-14  fighter.  This 
study  likewise  shows  good  agreement  and  correlation  In  prediction  of  subsonic  skin 
friction  and  profile  drag  and  drag  rise.  However,  It  Is  difficult  to  determine  from 
these  studies  what  the  pre-flight  prediction  levels  of  either  component  or  total  air¬ 
plane  drag  were. 

With  regards  to  the  status  of  drag  prediction  methodology,  Butler  (Reference  15) 
has  recommended  "a  more  enlightened  approach  In  which  the  synthesis  of  drag  Is  achieved 
by  compounding  elements  arising  from  different  basic  causes,  associated  more  directly 
with  the  nature  of  the  fluid  dynamics."  Butler's  review  also  emphasizes  the  need  for 
flight  test  anchor  points  fur  drag  prediction  models,  discusses  the  potential  for  pre¬ 
dictive  errors  even  with  "closely  related  members  of  a  given  aircraft  family",  and 
mentioned  the  Inadequacies  of  analysis  efforts  of  "prototype"  flight  drag  data  If  test¬ 
ing  Is  compromised  by  schedules  and  budgets.  These  are  real  concerns  and  apply  to 
early  production  tests  as  well. 

Theoretical  methods  for  drag  estimation  are  not  available  at  this  time  as  a  re¬ 
placement  for  experimental  studies.  Theoretical  design  methods,  however,  are  essential 
to  the  development  of  a  configuration  and  to  the  compression  of  the  design  cycle  time 
span.  The  "synthesis"  approach  to  drag  estimation  recommended  by  Butler  will  provide 
a  framework  for  the  Introduction  of  advances  In  theoretical  methods  as  they  occur. 

In  conclusion,  I  would  like  to  offer  a  rating  for  comment  which  represents  a 
purely  personal  opinion  as  to  accuracy  levels  which  might  be  expected  on  a  subsonic, 
swept  wing  commercial  transport  design.  These  figures  represent  the  accuracy  with 
which  an  aerodynamlcl s t  can  estimate  the  I/O  for  use  In  a  performance  document,  and 
assume  he  has  for  his  beneficial  use  a  series  of  wind  tunnel  tests  which  accurately 
Incorporate  the  specific  shapes  of  wing,  body,  empennage  and  propulsion  system  of  the 
proposed  design.  I  would  suggest  that,  at  cruise  conditions,  the  following  score 
should  be  assigned,  based  upon  flight  test  results: 


L/D  Level  Achieved 

Mod 

Ratinq 

±  3* 

±  .002 

Amazing 

±  5* 

t  .  004 

Very  Good 

±  7* 

±  .006 

Average 

±10* 

±  .010 

Below  Average 

This  table  Is  strictly  the  product  of  the  author,  and  does  not  represent  any 
official  position  of  the  Boeing  Company  or  the  Industry.  While  offered  seriously. 

It  must  be  taken  with  considerable  reservations  and  qualifications.  One  would  cer¬ 
tainly  expect  a  derivative  model  to  produce  a  rating  much  higher  than  a  new,  novel, 
configuration.  Most  of  the  commercial  aircraft  flying  fit  within  this  table,  it  Is 
believed.  Military  programs  in  general  have  been  far  less  successful  in  achieving 
these  accuracy  levels.  One  is  loath  to  discuss  cases  which  have  rated  poorly;  an 
example  whlcn  has  been  well  proven  on  the  good  side  Is  the  Boeing  727.  This  airplane 
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demonstrated  between  8  to  101  better  than  the  best  guess  levels  of  range  performance 
when  first  flown,  so  the  airplane  earns  high  marks,  but  the  aerodynamlclst's  drag 
prediction  rating  Is  mediocre.  As  a  matter  of  fact,  a  bias  Is  generally  worked  into 
the  performance  quotes  such  that  the  negative  signs  on  the  error  bands  are  most  often 
encountered. 

An  observer  of  these  thoughts  on  drag  prediction  risks  might  conclude  that  the 
likelihood  for  success  on  a  new  airplane  program  Is  very  ;mall.  There  Is  no  doubt  as 
to  the  large  measure  of  risk  Involved,  and  It  Is  true  that  many  aircraft  have  performed 
somewhat  poorly  when  first  flown.  The  track  record  of  the  flial  product  Is  very  good, 
however,  as  described  In  reviewing  the  historical  trends  presented  In  the  Introduction. 
The  goals  have  been  high,  and  achieving  these  goals  requires  a  clear  understanding  of 
the  design  which  can  only  be  acquired  by  In-depth  analytical  and  theoretical  studies. 
Continued  Improvements  In  subsonic  aerodynamic  efficiency  have  resulted  from  better 
understanding  of  the  fundamental  nature  of  the  fluid  dynamics  In  the  transonic  speed 
regime.  Concurrently,  the  task  of  configuration  definition  and  drag  estimation  has 
grown  more  difficult,  even  though  the  tools  available  for  analysis  offer  more  capabil¬ 
ity  -  the  computers,  better  wind  tunnels,  and  advanced  theoretical  approaches.  Finally, 
there  is  no  substitute  for  large  scale  flight  data.  Any  program  which  seeks  an  advan¬ 
tage  from  novel  configuration  features  without  provision  for  appropriate  flight  tests 
of  components,  prototype  models,  or  development  time  on  a  first  flight  model  Is  assum¬ 
ing  a  considerable  additional  risk. 
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SUMMART 

The  paper  reviews  the  methods  currently  available  for  the  prediction  of  the  aerodynamic 
characteristics  of  supersonic  aircraft  as  they  affect  performance. 

The  particular  problems  of  supersonic  aircraft  design  are  illustrated  by  consideration  of 
hypothetical  transport  and  fighter  aircraft. 


INTROniCTICK 


The  object  of  this  paper  is  to  present  a  review  of  methods  in  current  use  for  the  prediction  of 
the  aerodynamic  characteristics  of  supersonic  aircraft. 

"Aerodynamic  characteristics"  in  this  context  is  taken  to  be  that  collection  of  data  which  is 
necessary  to  permit  the  calculation  of  aircraft  performance {that  i$  to  aay  the  establishment  of  the 
thrust/orag  balance  equations. 

Because  of  the  authors'  background,  the  paper  is  necessarily  biased  towards  those  methods  which 
have  been  successfully  used  to  predict  tha  performance  of  Concorde.  This  is  deliberate,  since  the 
production  of  accurate  performance  estimates  for  a  long  range  commercial  supersonic  aircraft  is 
probably  tha  mast  demanding  in  tarns  of  precision  and  teohnique  of  prediction.  In  addition,  the 
methods  used  ere  now  thoroughly  understand  by  four  firms  and  two  MATO  governmental  agencies  -  idiich 
of  itself  must  be  something  or  a  record! 

The  paper  itself  is  divided  Into  six  parts.  Firstly  the  aerodynamic  principles  which  result  in 
the  particular  characteristics  which  make  supersonic  aircraft  different  from  subsonic  designs  are 
briefly  reviewed. 

Next  the  available  design  methods  are  reviewed  together  with  a  consideration  of  their  accuracy  and 
suitability  for  the  various  stages  of  design. 

The  third  section  describes  the  state  of  the  art  in  the  estimation  of  parasitic  drag  and  thrust 
loss  due  to  air  leakage. 

The  fourth  section  discusses  the  problems  of  estimating  the  installed  powerplant  performance. 

The  fifth  section  gives  a  set  of  consistent  definitions  of  thrust  and  drag  and  discusses  the  techniques. 

The  final  section  deals  with  the  effect  of  the  design  ndasioa  on  tha  design  philosophy. 
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SECTION  1 


1.1 


DRAG  a  SUPERS  one  flow 


In  eupereonic  How  than  are  threw  basic  mechanisms  whereby  dreg  la  created, 
are  essentially  the  sane  as  In  subsonic  flow  naaely  eJdn  friction  and  vortex  dreg, 
unique  to  supersonic  flow,  la  ware  drag. 

A  convenient  breakdown  of  dreg 
froa  a  fluid  mechanics  standpoint  is  set 
out  in  Figure  1.1.  Skin  friction 
dreg,  trla  dreg  and  fora  irag  which 
are  coma  on  to  jubsanic  and  eupereonic 
flow  are  aanifested  by  >  reduction  of 
atreaawlse  momentum  in  the  wake, 
whereas  vortex  dreg  is  associated  with 
tranererse  components  of  momentum  in 
the  wake  flow.  Cta  physical  grounds 
ware  drag  is  aost  satisfactorily 
associated  with  the  entropy  rise 
across  the  shock  wares,  but  this  is  not 
rery  useful  in  practice.  Within  the 
linearised  theory  one  can  calculate 
ware  d'ag  by  considering  tbs  lateral 
c direction  of  straaawiee  aoaantua. 

Bowerer  neglecting  fare  dreg  (i.s.  the 
effects  of  boundary  layer  displaoaaent 
ih^ckness  on  ths  pressure  drag)  and 
assuming  small  lift  forces  we  can 
identify  ware  drag  with  pressure  drag 
(approximately)  -  a  coaaon  assumption 
in  the  analysis  of  experiments . 


The  first  two 
The  third. 


1.2 


WAVS  DRAG 


The  distinction  between  were  dreg  and  rortex  dreg  becomes  clearer  when  we  attempt  to  calculate 
the  drag  froa  moasntum  considerations. 

We  surround  the  vehicle  by  a  oontrol  surface  (as  show  in  Figure  1.2)  consisting  of  a 
cylindrical  surface,  5 1  ,  of  radius  R  closed  by  two  end  planes  S,  ,  S.  ■  It  should  be  noted 
that  we  are  using  wind  ana  (as  we  will  do  throughout).  * 

For  present  purposes  we  assume  that  ths  radius,  R  ,  la  rery  large  compared  with  a  typical 
dimension  of  ths  aircraft.  We  also  assume  5,  and  Sj ,  the  end  surfaces,  to  be  plaoed  well  away 
froa  the  vehicle,  which,  in  turn,  is  assumed  to  have  negligible  base  area. 


where  r*(y) 


is  the  span  loading 


Bm  first  tan  U  t he  an  drag,  which  is  the  vbasnca  of  a ry  trailing  vortieity,  Mill  ba 
equal  to  the  pressure  drag. 

la  lsdleatad  in  Figure  1.1  the  pradaa  breakdown  of  the  praaaora  drag  nay  ba  achieved  1_> 
different  aaya  and  Me  aball  find,  breakdown  into 

Total  Pressure  Drag  *  Warn  Drag  due  to  Tolune 

♦  Pressure  drag  due  to  lift 
the  aost  convenient  in  practice. 


B-owledge  of  aids  friction  is  needed  for  three  separata  reasons  during  the  cycle  of  da sign 
aud  testing  «• 

(i)  Prediction  of  basic  full  scale  skis  friction  during  initial  design. 

(ii)  Correction  from  Mind  tunnel  nodal  to  full  seals  friction. 

(ill)  Analysis  of  flight  test  results  in  order  to  properly  define  drag  as  function  of 
Mach  nsnber,  altitude,  aebient  temperature,  lift  coefficient. 

(i)  requires  accurate  full  soils  friction  at  the  lay  dr  sign  points. 

(ii)  requires  the  correct  variation  of  friction  with  Reynolds  nueber  Dear  the  relatively  large 
range  free  nodal  to  full  scale  conditions. 

(ill)  requires  the  correct  variation  of  friction  ulth  Reynolds  i unbar  over  the  relatively  sn.il 
range  of  full  seals  Reynolds  nueber  covered  at  any  one  Mach  uunber. 

Overall  in  order  to  achieve  cons latency,  the  ease  theory  should  be  used  for  all  estlaatea. 

On  a  supcraonlo  transport  the  Mach  nueber  range  la  up  to  2.2M  and  the  Reynolds  nuaber  range 
froa  less  than  10°  on  the  fit  of  a  1/30th  scale  nodal  to  greater  than  5  z  10s  on  the  fuselage  during 
initial  cruise. 
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A  method  to  cover  a  Mach  range  fron  0  to  2.2  and  a  Reynolds  nuaber  range  up  to  10  is 
therefore  required. 

Onlike  many  other  parts  of  theoretical  aerodynamics  turbulent  boundary  layer  theory  has  no 
simple  linear  theory  ..enavork  on  which  to  baas  an  approach.  In  fact  since  the  subject  is  e  mixture 
of  theory  and  axperlnent  linked  through  anpirlcal  relationships  there  is  free  doe  In  the  approach  to 
be  used  end  a  casual  reader  of  the  literature  night  be  forgiven  for  believing  that  the  number  of 
solutions  is  roughly  proportional  to  the  square  of  the  nuaber  of  workers  in  the  field. 

Die  method  given  below  is  that  which  was  used  In  the  design  of  Concords.  Subsequent  work 
has  suggested  that  a  marginally  non  correct  result  can  be  ob*_ined  by  using  the  methods  of  references 
2,  3  and  U  rather  than  ref.  1. 

Turbulent  Prietioo  with  Zero  Heat  Transfer 

At  the  tine  of  the  initial  design  work  (1961)  there  was  no  clear  'best  nethod'  and  for 
ooovenlenoe  we  chose  the  nethod  described  by  Michel  (ref.  1).  Brie  had  the  advantage  that  besides 
fitting  the  available  data  reasonably  well  it  also  split  conveniently  into  two  parts  the  one  e  function 
of  aircraft  geonatry  the  other  a  function  of  the  flight  condition. 

Reference  1  covers  laminar  and  nlzed  flows  but  in  this  paper  fully  turbulent  flow  will  be 

aasunad. 

Mean  friction  Coefficient 


s  /  ♦  0S4  \Z£  -il  +O  I6\Zf-l] 

Tt  ‘  Te  /  l  Te  j 

1  :/vO'3  1t'Ml:/+0'/8N2 

r«  2 


fears 


T*  aabiant  tM^eratora 


referenoe  tanpereture 
T"r  akin  taa^eratura 

Tf  sHn  taaparature  for  uro  heat  transfer 

5  Sutherland  Oonstant  110,U°I 


Banos  tha  effects  of  (aoaat rjr  and  flight  oooditicns  have  baan  aa  para  tad  and  the  a  inputted 
calculation  procedure  aantiooed  aboaa  ia  daaonatratad. 

Tha  variation  of  t/t)i  &»>  with  altituda  and  Mach  mater  for  an  ISA  ataoapbara 

and  taro  haat  transfer  ia  afamas  on  figure  2.1 . 


Correctlona  for  tha  affact  of  haat  transfer 


for  tha  Mach  maters  radar  cons Ida ration  tha  affact  of  akin  taaparatura  away  froa  tha  »aro  beat 
transfer  case  can  be  treated  relatively  crude 1/  since  the  total  affects  of  beat  transfer  are  relatively 
low. 


At  2.0M  haat  transfer  causes  an  increase  of  about  1 S  in  friction  drag  which  is  about  0.3<  in 
total  drag. 

The  netbod  used  has  been  to  fora  c  r  'Cr  .  C  (m)  .  ft*)  .  as  a  function  of  It 

-  fix.  2.2.  -  -  Hi  - T  v"r  T/ 


and  M  -  fig 


cfu. 


L 


to*  MMtlflB  is  oarrlftd  oat  onr  a 
ralativalj  ootm  mabtr  of 


4<V  =  ££'•  C r 

C*  ur 

-  Cf  z  tc? 


tbs  result* 


Since  rsrsrsDOS  1  vs*  pub listed  mors  writ,  both  experimental  and  tteoratical,  has  bean  carried 

out. 

In  particular  Spalding  and  Chi  (rafsrsnoa  2,  196k)  reviewed  the  available  experimental  results 
and  theories. 

ill  available  aeoeptable  evidence  was  used  to  compare  with  twenty  available  turbulent  boundary 
layer  skin  friction  laws. 

The  KJ1.S.  error  in  friction  coefficient  ranged  from  11.0$  to  32.3$.  A  new  calculation 
procedure  was  then  developed  based  on  the  postulate  that  a  unique  relation  exists  between  C,  Fq  end 
A  FR  where  Cf  le  the  dreg  coefficient,  K  is  the  Reynolds  number,  and  Pc  and  FR  are  functions  cf  Mach 
ranter  end  temperature  ratio  alcos. 

This  new  prooedure  then  gave  an  S.M.S.  error  of  9.9$. 

Winter  and  Qendet  (reference  3,  1970  )  report  e  series  of  skin  friction  aaasureaents  in  the 
R.A.I.  8  ft.  tunnel.  They  concluded  from  these  and  otter  results  that  for  turbulent  flow  the  man 
friction  ooeffldant  on  e  flat  plata  with  aero  heat  transfsr  could  ba  written  i- 

l .  •  i 

Incompre.elble  for-  c*  *  l+U(Cf)  ]  t  ^ 


Cr  Rts  } 


I 


With  oompre  ssi.  ility  factors 


f*e  ?  t  £r  r^z+ozM*] 

Cf  CF 

*±  5 


O  OS’6  fl  ‘ 


It  wee  shown  that  the  results  from  this  wsrs  very  similar  to  those  of  Somer  and  Short  (ref.  k) 
A  useful  approximation  to  tte  above  expression  is 


CF  w 


i 
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ft*  r* suits  from  m.cn*l  (r*f.  1),  Spalding  and  Chi  (r*f.  2),  and  Winter  and  Gaudet  (ref.  3) 
are  compared  on  figure  2.3  at  both  Mro  and  2.0M. 


Concentrating  on  2. OH  it  is  aaan  that  at  Hid  cruise  compared  with  reference  3  Kichel  under¬ 
estimates  friction  drag  by  about  2jl  Cf  (0.6%  total  drag). 

ft*  aircraft  drag  prediction  is  baaed  mainly  on  1/US  scale  models  tested  at  N.L.R.  For  this 
Reynold*  number  Kichel  over-estimates  by  about  2jl  of  full  seal*  drag. 

It  may  be  concluded  that  compared  with  reference  3,  reference  1  as  used  for  Concorde  estimates, 
predicted  i- 

(i)  lower  aircraft  drag  directly  by  2jl  Op  (0.81  Total  drag) 

(ii)  lower  aircraft  drag  from  model  data  by  SI  Cf  (1.51  Total  drag) 

Taking  into  account  the  R.M.S  scatter  of  about  101  Cf  mentioned  above  and  the  availability 
of  estimates,  computer  programmes  and  Flight  Test  results,  it  was  never  felt  Justifiable  to  change  fren 
the  methods  of  reference  1 . 

Heat  Transfer 


Although  a  number  of  methods  have  beet;  used  the  one  most  soundly  based  and  giving  best  agreement 
with  flight  test  measurements  is  based  on  the  work  of  Spalding  and  Chi  (ref.  2). 

The  friction  coefficients  discussed  above  have  been  related  to  the  heat  transfer  by  means  of 
th*  following  relationships  i-  ^ 

Colburn's  modified  Reynolds  analogy  <5^  "  ^  ^ 


where  S.  *  / 

C,fV 

cjl£ 

k 


Stanton  Number 


Praadtl  Number 
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*"f  •  local  aids  friction  coefficient 

WC  ■  heat  transfer  coefficient 

K  •  Conductivity  of  air 

JbiwJJraj 

Qo  aobacnlo  aircraft  a  great  deal  of  useful  work  la  being  done  on  the  Interaction  between  the 
pressure  drag  and  viscous  drag  tens.  That  is  to  say  the  effect  of  the  real  three-dimensional  flow 
an  skin  friction  and  the  effect  of  the  boundary  layer  dlsplaoeeent  thickness  on  the  pressure  drag  and 
lift  terse  is  beginning  to  be  taken  Into  account.  During  initial  design  on  Concorde  In  subsonic  flow 
slapls  BiaS  data  sheet  corrections  were  eade  in  the  traditional  Banner  and  in  supersonic  flow  the 
staple  addition  of  wave  drag  and  sldn  friction  drag  was  used  i.a.  form  drag  waa  not  directly  estimated. 

Choe  wind  tunnel  eridenoe  wee  a reliable  this  wee  the  prlns  souroo  of  dreg  prediction  and  it  was 
aesuaad  that  Interaction  affects  were  ooason  to  the  aodsls  end  the  aircraft,  that  la  to  say  anything 
above  the  suanatian  of  ware  and  friction  drag  was  obtained  froa  tunnel  tests. 

Cta  a  leas  slander  aircraft  than  Concords ,  say  a  Superscnio  Strike  fighter,  these  effects  could 
be  well  worth  investigating. 

Trie  Dreg 

Trie  drag  is  of  course  ooeeon  to  both  sub  and  supersonic  aircraft  However  on  supersonic 
aircraft  the  esrodynaele  oentre  moves  aft  as  Mach  number  Increases  -  very  crudely  this  can  be 
associated  with  e  transfer  at  the  lift  oentre  from  the  quarter  chord  point  to  the  centre  of  area. 

Bile  eeans  that  unless  special  eaasures  era  taken  to  re  duos  the  out  of  balanoe  pitching  mount  the 
trim  drag  can  be  very  significant.  Suitable  msans  of  reducing  trim  drag  could  be  wing  camber  to 
produoe  e  no  as  up  aero  lift  pitching  mount  and/or  moveunt  of  the  oentre  of  gravity  by  fual  transfer. 

There  la  no  generally  valid  uthod  of  estimating  trim  drag  as  it  will  vary  significantly  with 
the  configuration  being  studied.  Squally  there  are  no  features  of  supersonic  flight  which  require 
special  technique  for  the  estlnatian  of  trim  dreg. 

2.2  WAVE  DRAG 

Slender  Body  Theory 

Although  most  practical  supersonic  aircraft  configurations  (including  Concords)  cannot  be 
regarded  aa  slender  In  the  strict  mathematical  sense,  i*iich  requires  that  all  surfaces.  Including 
the  wing  leading  edges  mmlrm  an  angle  with  the  freestream  much  less  then  the  Mach  angle,  slender  body 
theory  proves  tc  be  e  very  useful  tool  In  practice. 

Indeed,  the  design  studies  that  led  to  the  Ccncorda  configuration  owe  much  to  this  relatively 
simple  theory.  In  the  sau  way  that  high  aspect  ratio  subsonic  aircraft  rely  on  the  mathematically 
similar  lifting  line  theory. 


flow 


If  we  consider  the  linearised  equation  for  the  perturbation  velocity  potential  In  supersonic 


-/»" K*  '  *ri  * 


and  consider  the  flow  about  a  body  which  lies  wall  Inside  the  Mach  cone  from  Its  nose,  so  that  near 
Its  surfaoe 


■+  ZX  s  r1-  «  x 


>>l 


then,  in  general,  tho  variation  of  tha  potential  in  the  *■  direction  will  be  negligible  compared  to 
those  In  directions  normal  to  the  freestream.  The  potential  equation  then  reduces  to  the  two- 
dimensional  'cross  flow*  equation 


*»*♦> 


u 


*o 


The  solution  to  this  problem  will  be  of  the  form 

*(*, y.o  .  4,  (**•;*)  4  M*0 


where  6  Is  a  solution  of  the  cross  flow  equation  with  *  entering  only  as  a  parameter.  The  second 
term,  T'^,,  has  to  be  found  by  matching  with  a  solution  of  the  full  potential  equation.  It  turns  out 

that  the  major  affect  away  from  tha  tmediate  vicinity  of  the  body  is  the  source  like  flow  induced 
by  the  rate  of  change  of  its  cross-sectional  area  along  its  length.  At  a  distance,  then,  the  body 
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looks  Ufa  a  lino  souroa  of  varying  strength 

sU)  S  £££> 
c4jo 


thare  S’  is  ths  body  cross-eeetlonil  srsi  iu.Btribtttl.cn. 

Dm  Telocity  potential  duo  to  this  11ns  sourer  Is 

*(’r> 

in  ths  vicinity  of  ths  body  we  tate  the  Unit  of  this  solution  ai  f  O  O  to  obtain 

<p  ~  sUl  ur  *  $,(*■) 

T  IT  71 


whs  re 


sc 

^tW  *  "iT  f  U  sfo><ix 

o  5® 


Not*  that  tha  first  tern  corresponds  to  4,  (  b  1 1  i  *■)  for  a  body  of  resolution,  being  a  two- 
dimensional  souroa  flow.  Any  deviation  fro a  a  circular  cross-section  is  date rained  solely  in  the 
cross  flow  plane. 

A  careful  application  of  this  to  tha  calculation  of  drag  leads  to  tha  faailiar  formula  for 

Codies 

X>  - 


5.  s  -  J J  U  (*•-*,)  S  (W  S  ¥d  A*  **, 

o 
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wherw  9V  is  the  normal  to  body  contour  at  tha  base,  and  ^  is  the  drag  due  to  base  pressure* 

If  the  body  is  pointed  at  its  base,  or  ends  in  a  parallel  section  such  that  S(t)-  0 
then  we  obtain,  assuming  zero  lift  and  excluding  the  base  dreg  term 

SA 


J  j  U  j*-*  ij  S"( *■)  S  (*,)  d.%  d.%, 


The  similarity  of  this  equation  with  that  for  the  Induced  dreg  of  a  lifting  line  me.'ns  that. 
Just  as  we  can  calculate  wing  loadings  for  minimum  induced  drag,  so  can  we  determine  supersonic  area 
distributions  for  minimum  wave  drag, 

A  particularly  useful  one  is  the  Saars-Haack  distribution 

sw  =  'Z«Vfm  .  **  f1 

nr  f  1 7  r-  J  ' 

giving  minimum  wave  drag,  for  a  slender  body  of  volume  V  and  length  ^  with  SW  zero,  equal  to 

£  =  ,L*  V.* 

V  -r  e  + 

This  is  often  taken  as  a  standard  value  for  such  bodies  to  which  observed  values  can  be 
compared. 


We  shall  be  returning  to  the  question  of  optima  bodits  of  revolution  whan  we  diacua* 
numerical' methods.  MaamWi-Pa,  we  note  LlghthPla  result  (raf.  5)  for  a  body  with  a  wing 
terminating  in  a  trailing  adga  of  finite  span,  ?*, 


s. 


s  *5. J7  sUjS^)Al^=rl d*  **• 

©  o 


idiare  AT  is  a  constant  dependant  an  the  spenwise  distribution  of  trailing  edge  angle.  A  typical 
value  of  k  is  1.5  (uniform  distribution). 

The  importance  of  this  result  is  that  by  terminating  the  body  with  a  finite  span  trailing  edge 
we  can  achieve  non-tero  values  of  Stt)  idiila  still  aaintaining  zero  base  area.  In  this  my  m 
can  actually  achieve  lower  drags  than  that  far  the  Sears-ifeack  body. 


figure  2.1a  illustrates  the  gains  achieved 
for  a  delta  wing  with  an  area  distribution  of 
Lord  V  type.  The  abscissa  is  the 
"Slenderness  peramter",  and  the 

ordinate,  *.  ,  is  the  ratio  of  the  drag  to 
that  of  the  Sears-Haack  body  of  the  sane  volume 
and  length. 

l.e.  £  «  kt  IJ. fVV 

%  ITT* 

The  importance  of  this  result  is,  of 
course,  that  m  can  achiave  a  lcrwvr  drag  for  a 
given  volume  by  using  a  wing-body  than  by  using 
a  body  of  revolution  -  which  is  rather  a  nice 
result  for  the  da signer! 

When  using  this  result  the  limitations  of 
slander  body  theory  should  be  borne  in  mind. 
Mathematically,  this  requires 

pj.  «i 

i 


l.e.  that  the  configuration  lies  well  inside  the 
Mach  cone  from  the  rose.  In  practice,  nowever, 
it  appears  that  the  method  works  quite  well  for 
r i  quite  close  to  unity. 

Whereas  slender  body  theory  has  pointed  the  way  in  the  development  of  Concorde  it  hac  bean 
necessary  to  employ  the  full  linear  theory  to  get  sensible  results;  the  configuration  is  not  slander 
at  cruise  Mach  numbers. 

Obviously,  very  few  fighter  configurations  can  ba  regarded  as  slender  in  any  sense. 

For  wave  drag  due  bo  volume  however  we  can  turn  .o  the  supersonic  ares  rule  which  we  discuss 

next. 


%  im* 


FOR  DELTA  WING 

Fit. 2.4 


Supersonic  Area  Rule 

Tne  results  we  have  derived  for  Ijhe  wave  drag  so  far  have  been  restricted  to  slender 
configurations.  We  shall  now  discuss,  brisfly,  the  calculation  of  the  wave  drag  of  non-slender 
configurations. 


To  do  this  we  must  return  to  the  ’far-field'  approach  we  used  earlier  to  derive  the  drag 
components  from  momentum  considerations. 


The  wave  drag  was  shown  to  be  given  by 


tTf 


f  wav*  =  '  Zj  ^ 


vhare  R  is  the  radius  of  the  cylinder  S  ^  ,  taken  to  be  very  large. 
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The  velocity  components  and  <p  f  are  to  be  date  rained  for 

Starting  with  Voltem's  ablation  to  the  linearised  equation  for  4> 


f  -.R'eod 


<f>  (*,Y,r)=  -.L  l  ((  (*J  -  6  l  )  * 

'  2tv  -axJV  — V|  t  >V| J 

X  4J  x-at,  •>  f  «£$ 

1 


whare 


and 


♦»* 5 

5  is  an  eleoent  of  the  aircraft  surfaoe  area 
V,  is  known  as  the  'co-noraal1 


The  co-noraal  derivative  is  defined  by 


a.  ^ 

'6V'  J  n.'-p'  *  >»iv  ♦  «, 1 

where  (  v»(  ,  nv  ,  )  are  the  components  of  the  unit  normal  to  the  surfaoe. 

loaax  has  shown  (ref.  6)  by  carefully  extracting  the  limiting  values  of  i  ,  i  and  f  for 
large  radius,  that  the  wave  drag  for  a  general  configuration  is  given  by  r  *.  t 


JD 

\ 


* 


f  d*J( “*"(*;*)  fit  (*,  ;*)  £-/x-x, I dx.eC*., 

5  -  *0  -M 


fl'V *;  *)  5  s"(x.;fi)  -  ^  i7x ;  a) 

S*(X  ;  S(x;9) 

L  (x;  fi)  s  £  L(x ;  O) 


The  quantities  S  (>•  1  *)  and  i/*,  6) 
are  eleaental  area  and  force 
distributions  determined  by  cutting  through  the 
configuration  by  u  series  of  parallel  'Mach*  planes 
tangent  to  the  set  of  ocnes  those  semi-included 
angle,  with  respect  to  the  3*-  axis,  is  the  Mach 
angle  u.  -  S<Vi"‘_L  (Fig.  2.5). 

'  n 

The  area  S  (*i »  ^ )  is  that  part  of 
the  Hach  plane  enclosed  by  the  body  projected  onto 
a  plane  normal  to  the  freestream,  the  plane 
itself  cutting  the  axis  at  "X.  *  X  , 

The  force  L  (*•»  is  the  component 
of  the  resultant  force  on  the  cut  (found  by  inte¬ 
grating  pressures  around  the  cut)  thich  acts  in 
the  plane  ®  •  const  ind  is  normal  to  the 
freestream. 

Ihis  equation  gives  the  wave  drag  of  a^r 
lifting  or  non-lifting  aircraft  in  supersonic 
flow  the  only  approximations  being  those  basic  to 
linearised  theory. 


Obviously  the  application  of  this  result  requires  a  detailed  knowledge  of  the  disturbing 
object  and  its  surface  pressure  distribution.  If  this  is  known  then,  rather  than  calculate 
the  wave  drag  and  vortex  drag  separately,  ve  would  simply  Integrate  the  known  loading  tines  surface 
slope  to  obtain  the  total  pressure  drag.  However  in  certain  applications  we  may  be  able  to 
neglect  (say)  the  force  terms  In  relation  to  the  area  terms.  For  example,  if  one  wishes  to  find 
the  wave  drag  of  a  wing  body  combination  which  is  sjssmtrleal  about  the  horizontal  plane  (e.g.  a 
thin  non-lifting  wing  mounted  centrally  an  a  body  of  revolution),  it  is  not  nscessary  to  know  the 
pressures  on  the  wing  since  their  contributions  to  the  resultant  forces  on  the  cuts  are  negligible. 
Hence  we  would  only  require  the  pressures  on  the  body,  and  in  fact  only  the  asymmetry  of  these 
pressures  in  the  oblique  planes.  If  the  body  Is  slender  the  latter  effect  may  be  assumed 
negligible  compared  to  the  cut  area  gradient  and  the  drag  equation  ie  reduced  to 


IT 


£ 

l 


vr 


where 

the  Unite  of  the  integration 


/  f<« 


/a 


^(a)  *  -jL  j  J  S  7*;  *)  $( dx  d.*, 
e,  /. 


defin.  >ig  the  extent  of  the  elemental  area  distribution  . 

Co  comparison  with  our  slander  body  results  we  see  that  the  wave  drag  may  be  regarded  as  the 
average  drag  of  a  series  of  equivalent  bodies  of  revolution  defined  by  the  cut  area  distributions 

5  (*;»)• 

This  technique  is  known  ea  the  supersonic  area  rule. 

Transferred  Area  Buie 

He  have  already  indicated  that  the  calculation  of  the  wave  drag  of  a  wing-body  combination  by 
th>  supersonic  area  rule  requires  the  body  to  be  slender.  If  the  body  ie  slander  enough  for  each 
of  its  cut  area  distributions  to  be  considered  the  seme  as  its  normal  cross-sectional  area 
distribution  then  we  can  neks  a  further  simplification  by  writing  the  elemental  area  distribution  as 


5*(si,  9)  a  0)  +  Sy,  (x,*) 

Z,  S /  (*1+) 


Placing  this  in  the  drag  formula  there  obtains,  after  some  manipulation,  the  result 


where 


M  * 

% 

la  the  dreg  of  e  body  with  the  area  distribution  equal  to  the  sum  of  the 
fuselage  plus  the  'transferred'  wing 


and 


$  {SwJ 

Afxla  -1-  K  ixSlcH  18  transferred  wing  area  defined  ee  the  average  of  the  cut 
'  ’  itJL  "*  ’  1  distributions. 


is  the  dreg  of  the  transferred  wing 
is  the  wavs  dreg  of  the  exposed  wing 


It  should  be  noted  that  we  may  replaoe  the  eupereanio  ares  rula  calculation  for  the  exposed 
wing  alone  (the  last  term  above)  by  any  othar  suitable  method. 

The  beauty  of  the  transferred  area  rule  ie  that  the  wing-body  Interference  ie  contained  in  the 
first  term  and  involves  only  the  drag  of  a  single  equivalent  body. 

« 

Thie  means  that  for  a  given  wing  we  can  determine  the  optimum  body  area  distribution  for  a 
minimum  dreg  combination  in  the  same  manner  ee  that  used  for  slender  bodies,  subject,  of  course,  to 
the  slenderness  restrictions  noted  above.  The  letter  will  become  more  important  at  the  higher 
suparsenio  Mach  numbers. 

While  wa  are  discussing  the  drag  of  bodies  we  consider  one  other  development  for  bodies  of 
revolution.  This  m ie  capable  of  dealing  with  non-elandar  (i.e.  non  smooth)  bodies  that  have 
discontinuous  surface  elopes. 

Warren  rnd  Freenkal'e  Combined  Quasl-Crllnder  Slender  Body  Theory 

The  quemi -cylinder  theory  was  devised  to  deal  with  bodies  whose  surface  lies  close  to  a 
circular  cylinder  with  its  generators  pmrallel'to  the  freestream.  Specifically  it  wee  aimed  at  the 
problem  of  calculating  the  euparscnlo  flow  over  open  nosed  bodies  suen  as  engine  naosllee  and  bodies 
with  discontinuities  in  the  surface  slope. 
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The  theory  (ref.  7)  relies  on  the  development  of  some  special  quasi-cy Under  functions 
with  rather  complex  definitions.  Specifically,  the  particular  function  of  interest  for  axi- 


symmetric  bodies  is 


.1 


u,(%)  *  o£  [  j 


where  £  denotes  the  inverse  Laplace  transform  and  k%(*)  ,  (*■)  are  nodified 

Bessel  functions  of  the  second  kind. 

Now,  for  large  Jt 

U,bO  ~  ** 

and  by  coeparisc  u  of  the  equation  for  the  potential  on  a  quasi-cylinder  of  sean  radius  R 


with  the  slender  body  result 


.  -  *f  v,  (llI)  mt) 

•  *  f* 


Warren  and  Fraenfcel  arrived  at  the  combined  result  for  the  perturbation  velocity 

* 


U>)  *ifr) 


where 


lit*)  *  £  u,(*> 

d*  , 

The  Integrals  are  expressed  in  Stieltjea  form  to  allow  for  discontinuities  in  S  (*)  . 

Trf  pressure  cceffident  is  given  by  the  srune  non-linear  formula  as  that  of  slender  body  theory, 
namely, 

cr  »  -f*‘J4 

and  the  drag  may  be  obtained  by  direct^  integration,  that  is  ^ 

_2  -.j cr  s'(*>  d*  =  -  J(ift  *[*']  )  s'c *)  d*. 

By  way  of  example  we  show  the  results  for  the  pressure  dietribution  over  an  afterbody  compared 
with  those  according  to  slender  body  theory  and  the  method  of  characteristics  in  Figure  2.6. 


5-13 


Application  of  Methods  -  Accuracy 


Hart  va  arc  not  concerned  with  tha  accuracy  of  mum  ri  cal  techniques,  but  of  tha  basic  theories 
Ih  order  to  investigate  this  an  extensive  set  of  test  cases  were  set  up  to  which  the 
slennvr  body  and  supersonic  area  rule  methods  were  applied  (Ref.  8). 


.Tie  bodies  used  were  all  bodies  of 
revolution  enabling  the  results  to  be  checked 
against  the  method  of  characteristics. 


The  results  are  summarised  in 
2.7,  2.8  for  smooth  bodies. 


“gures 


Of  these  methods  slender  body  theory 
showj  no  dependence  of  the  drag  upon  Mach 
number  as  all  the  bodies  had  S'(t)  zero. 


Supersonic  area  rule  has  Mach  number 
dependence  as  this  effects  the  angle  of  the 
oblique  cutting  planes.  Warren  and 
Frasnkel's  method  incorporates  the  Mach 
number  effects  explicitly.  Of  the  three 
only  the  Warren  and  Fraenkel  method  is 
expressly  designed  to  cater  for  open  nosed 
bodies  and  bodies  with  discontinuous 
surface  slope,  although  the  supersonic  area 
rule  does  appear  capable  of  handling  these 
with  reasonable  accuracy  (fig.  2.9). 

Slender  body  theory  implies  that  the  bodies 
must  be  smooth,  i.e.  S'  continuous. 


Tile  results  of  this  exercise 
indicate  that  if  slender  body  theory  is  to 
be  used  then  the  body  must  indeed  be  very 
slender  for  it  to  be  valid.  This  in  turn 
implies  that  the  transfer  rule  may  only  be 
used  on  configurations  with  very  slender 
bo  lea.  The  improvement  in  the  estimates 
afforded  by  tha  supersonic  area  rule  is 


considerable,  although  the  errors  might  still  be  regarded  as  too  high  when  dealing  with  fighter 
aircraft. 


For  .-eneral  bodies  of  revolution  it  is  the  combined  theory  of  Warren  and  Fraenkel  that  on  the 
whole  gives  the  beat  results. 


Evaluation  of  tha  Double  Integral 


So  far  we  have  not  considered  by  what  process  we  shall  numerically  evaluate  the  basic  double 
integral  that  pervades  our  analysis,  namely, 

f  5  -ir  j[ j (V<S>  -5 X>  4/*-*,/ 
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There  ere  two  methods  cmnnljr  ueed  In  the  svaluation  ox  thle  integral,  that  due  to 
Cahn  and  (Ustad  and  that  due  to  Sainton. 

Before  exeat ning  the  re suite  obtained  by  these  two  methods,  we  win  outline  briefly  the  basic 
formulae  involved. 


Cahn  end  Olstad 

the  first  step  is  to  re-write  the  double  integral  in  the  alternative  font 

L 


£  =  fe?/s’(sO  Afr-*,)  d.+,d* 

l  a  • 

which,  on  dunging  the  order  of  integration,  becomes 

l  t 

f  5  'if j sK)  s’Vx.-x)  <Lx 


This  integral  ie  then  approximated  by  the  sussaation 


_w  H-l  f-*  *''»  « 

4  s  ~£t  S  £  \  Si  Siy 

S.*.  S-ff(-i)] 

Li  *  ;  i*° 

t-o  •  4.  a 

They  also  suggest  that  S  be  calculated  using  the  finite  difference  formula 

Si  «  -2.  Si  *  Si., 

WV - 

s,-  S[i<l‘V] 

Minimal  Drag  Bodies  and  Enlntons  Method 

Noting  the  eimilarity  between  the  wave  drag  integral  and  the  vortex  drag  integral  suggests 
that  we  use  a  'classical'  Fourier  series  approach . 

Introducing  the  variable  $  (not  to  be  confused  with  earlier  usage)  defined  by 

x  t  it 

the  nose  is  lepreeented  by  8  -  0  and  the  base  by  8  m  X.  Assuming  that  *6>; .  s'U)  .  o, « 
express  £(fc)by  the  Fourier  sine  series 

— 

s'(x)  s  l  £  A.  nB 


where 


and 


where 


the  dreg  integral  reduces  to 


£  :  J  £  <  n  a  *■ 

%  *  W  " 


The  corresponding  area  distribution  is  found  by  integrating  the  Fourier  series  over  X  * 


t 

SWs  l  fa.  (8  --if*.  Z0  )  *  £  Ci  (  fr(r>-O0  .  Cm 

<T  *  rut  '  n~'  **' 

£1*1,6  +^±(o.^ra.n.,)s»iLo} 


where  <X&  ie  defined  to  be  xero  in  the  last  expression, 
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A  further  integration  gives  the  total  volume 

V  =  <*) 

8  v  *  ' 

and  froa  the  expression  for  with  &  %  V"  wo  have  the  base  area 

S_  -.S(l)  =  tj  a., 

8  4 


Consider  the  problem  of  finding  the  area  distribution  with  minimum  drag  and  given  base  area. 
Since  all  the  Fourier  components  contribute  to  the  drag  the  solution  is  given  by  setting  9> •  *  O  , 
h  $  1 ,  and  the  drag  is 


£,4_ 
%  *1 


1 


The  area  distribution  is 

S  z  Sj  (&-£  fin  tfi)  z  is  ().  I**)  *  (l-  )  ’■J 

which  is  the  von  Karman  ogive.  w  yrt 


For  a  body  which  is  pointed  at  both  ends 
Sears-Haack  distribution 

f(*)  •  (fin  8 
IT  l 


(  SaM  0)  and  has  a  given  volume  we  obtain  the 


fin  3 a)  : 


U2V( 

sit  Z  v 


s 

6 


T2- ) 


with  the  drag 


n  z  m 
\  wl* 


^y  considering  more  general  mdmima,  oonstralned  to  have  given  areas  at  N  points  £  tf. 

Emintcn  has  derived  the  formula  g 

£  .  +  S.'  +  Tr/'2Ed£  !•) 

%  Tf ‘  6  it!  j»*  1 

hi 

where  the  equations  g'htCn.T,)*  ;  ( s  i,  t  ■  ■  •  m 

give  the  X-  .  The  functions  U(fi)  and  are  defined  by 

a\ro  (i-zr.-)-*('-Mi)Jr if'-S)  J 

“d  ♦I'f  n,  ut,.f.\xLiU-fi  -*r.t, 

f‘ "*■ c  5  *lJtTj«-ri)(i-ri) 

...UHwu.aw.  *  2  Cr.-^  -an SlMt  w«> 

st-> 


This  approach  is  useful  in  that  minimum  drag  bodies  may  be  designed  to  satisfy  certain  area 
constraints  (and  with  a  slight  modification  a  volume  constraint)  as  required.  Alternatively,  by 
specifying  the  area  distribution  of  a  given  body  at  a  suitably  large  number  of  points  the  above 
formulae  give  a  a  technique  for  the  numerical  evaluation  of  the  integral.  Since  the  method  is  based 
on  a  minimisation  process  the  drag  values  obtained  for  increasing  numbers  of  points  will  approach 
the  true  value  from  below. 
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Comparison  of  the  t  *>  Methods 


Both  of  the  above  methods  have  been  used  to  estimate  the  value  of  the  wave  drag  integral  for 
both  smooth  and  bumpy  bodies.  The  bodies  were  defined  analytically  and  the  numerical  results  have 
been  compared  with  the  exact  analytic  result  in  figure  2.10. 


Eiiintons  method  stands  out  as  being  the 
more  reliable  of  the  two  raetnods  converging  more 
rapidly  and  consistently  with  increasing  number 
of  points  used.  However,  it  should  be  said  that 
much  depends  on  the  positioning  of  the  points 
especially  with  regard  to  the  rounded  noses  of 
wing-like  surfaces. 

When  computing  the  dvag  of  a  general 
configuration  using  the  supersonic  area  rule 
there  is  the  additional  problem  of  what 
interval  A  9  one  should  use  to  determine  the 
elemental  drags.  Figure  2.11  shows  a  plot 
of  versus  9  for  a  wing  body  combination 

at  K  *  1  .It.  The  value  of  0  at  which  the  Mach 
plane  lies  along  the  wing  leading  edge  is 
marked;  linear  theory  would  suggest  an  infinite 
value  and  the  calculation  results  in  a  peak 
value.  When  the  Mach  plane  cuts  through  the 
wing  so  that  the  wing  croes  eectional^area  is 
found  there  is  another  peak  (  6  -  90  ). 

The  saccnd  plot  in  figure  2.11  shows  how 
the  drag  value  vanes  with  the  choice  of  AO  . 

The  percentage  error  bears  little  relation  to 
AO  (these  results  were  obtained  by  simply 
averaging  the  drags  of  the  equivalent  bodies). 

In  this  particular  example  AO  must  be  less 
than  5°  to  achieve  less  than  1  %  error. 

Geometric  Considerations 


r 


SMOOTH 

100'CS 


COMPARISON  0r  TWO  METHODS  TO 


COMPUTE  THE  ORaG  INTEGRAL  NUMERICALLY 


Pit.  2. 10 


The  practical  application  of  the  fore¬ 
going  methods  to  general  aircraft  configurations 
presents  us  with  the  formidable  task  of 
determining  the  area  distributions.  While  the 
numerical  determination  of  the  drag  of  a  given 
area  distribution  is  readily  programmed  for  the 
computor,  the  development  of  numerical 
techniques  to  evaluate  the  cut  areas  is  not  so 
obvious.  Oraughting  techniques  whereby  plane 
sections  of  a  general  body  may  be  produced  are 

well  known.  However,  attempts  to  reproduce  these  methods  in  a  digital  computer  program  rapidly  lead 
to  difficulties  which  may  be  attributed  to  the  tse  of  the  cartesian  coordinate  system  as  a  basis. 

It  ie  necessary  therefore  to  find  a  system  which  is  both  simple  and  yet  flexible  and  which  is 
amenable  to  digital  computation. 
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SENSITIVITY  OF  NUMERICAL  INTEGRATION  PROCESS 
TO  ANGULAR  INTERVAL 


FIG  2.11 


5-17 


ft*  representation  chosen  is  completely  compatible  with  the  Numerical  Master  Geometry 
srsteas  used  in  our  organisation.  This  Beans  that  surfaces  designed  using  this  representation 
will  reaain  unchanged  through  to  nodel  or  even  full  si«»  aircraft  aamifacture. 


The  eethod  is  bi-paraBstrtc;  that  -s  the  surface  is  described  in  the  surface  coordinates 
(paraaeter  ./  a  and  V  > 


3c. 

<i  -  h  («>,*; 

2  .  Z  (u,v) 

Such  a  surface  is  illustrated  in  fig. 

2.12. 


Just  as  a  point  on  the  earths  surface  is 
uniquely  defined  by  the  two  quantities 
latitude  and  longitude,  so  the  position  of  a 
point  on  a  general  surface  nay  be  defined  through 
the  valuea  tC  andV  .  The  use  of  a  paraaetrlc 
representation  also  enables  us  to  deal  easily  with 
regions  of  steep  slope.  For  exaaple  consider 
a  case  where  y  is  independent  of  U. 

i.s.  y  *  y  c  +) 

If  tbs  surface  is  th*t  of  a  wing  then  the 
curves  V  •  constant  represent  chordwlse  sections. 
We  then  have  the  streamri.se  slope 


dl 

z* 


V*  c*trm*r 


end  *  ao  corresponds  to  finite 

"7*  HL 

with  *  0.  We  can  therefore  handle  rounded  leading  edges  (for  exaaple)  without  special 

consideration. 


The  fitting  process  assuass  that  the  input  control  points,  at  which  values  of  are 

supplied,  correspond  to  integer  values  of  IL  and  V  (see  fig.  2.12).  Fitting  is  performed  first 
in  the  LL  direction,  then  in  the  V"  direction.  For  exaaple  teke  V  -  j  .  Then  the  curve  V  ,  j 
is  specified  by  the  points 

*(*.]>  ) 

y  (i,j)  U>  1,1,3 - >* 

2(ij)  J 

Each  of  these  sets  of  points  is  used  to  define  a  mathematical  spline.  That  is  each  arc 
from  *.(*■!)  to  *  is  represented  by  a  cubic  polynomial  in  It  ,  matching  its  neighbours 

in  ordinate  and  first  and  second  derivatives. 

Since  the  cubic  is  completely  determined  by  its  end  point  ordinates  and  slopss  the  fitting 
process  is  used  to  deduce  these  slopes  rather  than  the  coefficients  of  the  polynomial. 

By  repeating  the  process  in  the  V  direction  ue  now  have  a  schema  whereby  set  of  input  points 

l  **/>*<*  ,zu  ■  i  *  '<  •  *  '« 

is  used  to  define  a  complete  surface.  It  should  be  mentioned  at  this  point  that  some  cars  is 
necessary  in  the  choice  of  distribution  of  the  input  control  points. 

The  advantages  of  the  system  nay  be  susaarlsed  i 

(i)  The  coefficients  of  the  surface  fit  are  physically  meaningful  as  they  are  the 
surface  ordinates  and  slopes  at  the  control  points. 

(li)  The  surfeoes  are  invariant  under  all  linear  transformations  of  the  coordinate 
systea.  These  transformations  are  applied  directly  to  the  coefficients  and 
are  eeslly  executed  using  matrix  operations. 

The  resulting  geometry  systt  arkably  simple  involving,  as  it  dees,  only  one  type  of 

surfaoe  representation,  and  yet  capable  u*  representing  very  general  surface  geometries  accurately. 

Add  to  this  e  routine  capable  of  tracing  a  plant  section 

-  constant,  say 


5- IS 


then  we  can  determine  taj  pl/ne  section  0 f  Jt  V"J  +  tj  (tf,  V  ^  *  & jt.  :  rtwJWwr 

by  first  applying  the  transformation  i 

—  y  ^  QL  lj  4  Aj  3 

wd  determining  the  points  (u,yr  )  s\ich  that 

constant 

Che*  the  section  has  been  traced  in  terms  of  (tl,V  )  then  it  is  a  simple  natter  to  determine 
the  coordinates  at,  *j  ,  j  and  the  area,  centroid  etc. 


As  an  examole  of  the  application  of  the 
method  figure  2.13  illustrates  a  parabolic 
body  of  revolution  together  with  the  numerical 
results  for  the  area  distributions  at  M  *  1  and 
M  -  1.1*11*. 

Obviously  such  a  system  is  of  more 
general  use  than  that  of  determining  the  cut 
area  distributions  for  supersonic  area  rule 
calculations.  For  example  the  ability  to 
produce  oblique  plane  sections  will  help  in 
wind  tunnel  model  manufacture  as  well  as 
providing  surface  slopes  for  use  in  wing 
theories  etc. 


VsHU 


(k)  m*  otSTaieuTiows  »t  h.i,h.i<i« 
PARABOLIC  »00<  Of  REVOLUTION  -  GEOMETRY 

/  fie  ?  U 


2.3  PRESSURE  DRAG  DUE  TO  LIFT-WINGS 

Although  simplified  theories  exist  for  slender  and  not-so-slender  wings  (ref.  9)  and  have 
supplied  general  results  of  use  in  configuration  selection  studies,  practical  wings  cannot  be 
regarded  as  slender  in  general.  He  therefore  consider  the  full  linearised  equation  for  potential 


yfoarg  p  i  Jnv-f  .  The  associated  boundary  condition  for  tangential  flow  at  the  wing  surface  is, 
within  the  linearised  theory 


jj)<* 


diere  5  is  the  wing  surface.  In  addition  the 
flow  perturbations  must  vanish  forward  of  the 
Host  upstream  point  of  the  wing.  The  Kutta 
condition  need  not  be  specified  in  supersonic 
flow  unless  the  trailing  edge  has  a  svmep 
greater  than  that  of  the  Mach  1?'  vs.  In  this 
case  the  flow  velocity  component  normal  to  the 
edge  is  subsonic.  Such  an  edge  is  termed 
subsonic.  A  wing  with  all  edges  supersonic 
(i.e.  with  sweep  less  than  the  Mach  lines)  is 
said  to  have  e  'simple'  planform.  An  example 
is  sham  in  figure  2.11*. 
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A  solution  o f  the  potential  equation  suitable  for 
superposition  integral 

r 


in  thin  wing  probleas  is  the  souroe 


where  »(U)  -  on 

aad  the  pressure  coefficient  is  given  by  C^s  -2.^ 

The  region  of  integration,  t  ,  is  that 
portion  of  the  2,  -  0  plane  intercepted  by  the 
upstream  Mach  cone  fron  the  point  (x  ,  u  > 2  )  ‘ 
see  figure  2.15.  3 

Miile  the  source  superposition  Integral 
is  strictly  only  to  be  applied  to  the  syantric 
flows  due  to  thickness,  we  shall  see  that  in 
supersonic  flow  how  this  staple  formula  say  be 
urod  to  calculate  lifting  flows. 


for  wings  with  only  supersonic  edges  I 

there  is  no  interaction  between  the  flows  over  I 

the  upper  and  lower  surfaoes  of  the  wing. 

Hence  the  flow  above  the  wing,  will  be  the 

same  as  that  for  a  syanetrlc  wing  with  the  AEtlOS  Of  SPUME  CISTSIBUTKW 

sane  upper  surface  shape.  In  this  case  the  mfUIENCINS  THE  POWT  (W) 

source  auperpoeition  integral  may  be  applied  - — 

directly  to  obtain  the  flow  for  X >  0.  The  _ rlt-  *- 

flow  for  A<  0  is  obtained  fron  the  basic  '  ~  -  -  • 

anti iij iwia try  of  the  lifting  flow  with  respect 
to  Z  -  0. 

General  Planforma 

Whenaver  tin  wing  has  an  adga,  or  a  part 
of  one,  that  is  subscnlc,  the  problem  becomes 
■ore  co well cate d.  This  is  because  the  souroe 
integral  require!  that  uS  be  known  throughout 
the  whole  upstream  region  of  influence  from 

the  field  point.  la  the  non-lifting  case  the  symmetry  of  the  flow  about  X  *  0  leads  to  u)  .  0 
outside  the  wing  planform.  In  the  case  of  a  simple  planform  no  disturbance  can  propagate  ahead  of 
the  wing  leading  edge  and  thus  U  is  sero  ahead  of  the  leading  edge;  that  Is  cj  Is  known  within 
the  region  of  Influence  regardless  of  whether  the  wing  is  lifting  or  not.  In  the  case  of  a  wing  with 
a  subsonic  leading  edge  however  U-  is  not  zero  ahead  of  the  edge;  on  the  contrary  it  is,  in  general, 
singular  Just  ahead  of  the  edge. 

Fortunately,  in  supersonic  flow,  the  region  of  the  X  ■  0  plane  that  may  be  influenced  by  or 
that  may  influence  the  wing  is  finite  in  extent.  We  may  utilise  this  fact  by  extending  the  wing 
forward  fron  its  leading  edge  into  the  undisturbed  flow  by  a  flexible  diaphragm  that  is  to  carry  zero 
load  (see  figure  2.16). 

Due  to  antisymmetry  the  load  acting  on 

the  plane  Z  -  0  is  i - 1 


AC^.y)=  y,  o')  -  C.( *,  yj0*) 
:  -4  S,  0 

thus  the  zero  load  condition  becomes 

<Pxs  O 

which  may  be  integrated  to  give 

(p  -  0  (*,  1)  forward  of  the  leading  edge 

f  ‘  $n.  (*.l>  **  the  wakB 

The  problem  ia  now 

<p(*.y,  o)- 1 

where  W  is  known  on  the  wing  but  hac  to  be 
determined  from  the  conditions 


Ip  .  O 

4  *  *Tt 


on  tha  diaphragm 
on  the  wake 


r - -1 

\\  MAC*  urns 
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/I 
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Mumerloal  Procedures 

tail*  analytic  results  exist  for  a  rartrlctad  class  of  planforas  and  upwash  distributions 
practical  wings  have  to  be  treated  by  a  suitable  nuaarlcal  setbod.  Tbs  usual  procedure  ie  to 
subdivide  the  area  of  integration  into  suitable  elesents  assisting  \3  to  be  constant  within  each 
eleaentary  area.  Two  wain  types  of  eleaent  have  been  used  extensively  (fig.  2.17). 

(a)  the  "Mach  box"  where  the  elesents 
are  rectangles  having  their 
diagonals  parallel  to  the  Mach  r" 
lines 

and  (b)  the  "Mach  diaaond"  or  "Character¬ 
istic  box"  where  the  eleaent  is  a 

rhosbus  with  sides  parallel  tc  the  ’« 

Mach  lines.  '  VYYyYYYT 

Sinoe  the  elesents  are  of  oesurtant  site  Ly - WXXXXX/ 

the  integration  can  be  carried  out  in  advanoe  \  /  XXXXX  *  ' 

for  unit  w  and  tabulated  as  a  function  of  the  - ;  — 1  XXXX 

position  of  the  box  relative  to  the  pivotal  \  /  \XXa/ 

point  (x,  y  )  on  the  wing  or  diaphragm.  *“  “  “  ~  J  XX/ 

Assume  that  is  know  or  has  been  L  _  Li  yy 

calculated  for  all  the  boxes  influencing  the  <J  V 

pivotal  point,  r  .  Then  if  P  ie  cc  the  wing  I— 

taT  is  known  and  i  can  be  calculated  froa 

the  double  suiustlrn  11  N‘cl1  ***  w  K*CH  °  ‘M0IK> 

=  Z  if  ,i  .  ,i  SUBDIVISION  OF  INTECIATION  Mk 

■j  p.  C-i  • 

•  "  sai  utiaer  ■  sen  tbututr 


(k)  MACH  01  AMO  HO 


SUOOIVISION  OF  INTEGtiTIQH  AHA 
IN  NUMERICAL  SCHEMES 


where  W 


ie  the  influence  of  the 
elesent  (  )  on 

the  pivot  point  in  the 
elesent  (  i  , J  )  tor 
unit  t*T. 


If,  however,  P  ie  off  the  wing  then  ^ 
is  know  from  the  diaphragm  or  wake  condition. 
The  sunset ion  is  pow  written 


d>.. s  &  +£.  $  4*!i  f •  •  *  •  / 

Ti;  ro«*J  77,  J„  c  t  ‘ 

C‘*  z  f°  i’»‘  •**l'*J 

l"i'  '  L  I 


The  double  sub  now  excludes  the  effect  of  the  elesent  on  itself  and  we  have  the  solution  for 


By  starting  at  the  foremost  elesent  it  ie  always  possible  to  perform  the  calculations  in  such 
an  order  as  to  ensure  that  the  tafij  are  known  for  every  element  influencing  the  pivot  excepting, 
possibly,  the  pivot  elesent  itself.  The  solution  ie  therefore  easily  obtained  using  the  simple 
formulae  above. 

The  above  procedure  ie  crude  as  the  decision  as  to  whsther  an  element  lies  on  the  wing  or  not 
ie  determined  by  whether  the  pivot  point  itself  liee  on  the  wing  or  not.  Boxes  lying  partially 
on  the  wing  may  therefore  be  treated  as  being  wholly  on  or  wholly  off  ths  wing. 

A  simple  refinement  is  firstly  to  treat  the  box  as  wholly  off  the  wing  thus  giving  a  value 
for  the  upwaeh,  U1  ,  say.  The  upwash  on  that  part  of  the  element  covered  by  the  wing  is  known, 
however,  eo  we  combine  thie  with  w‘ according  to 


w.j  :  a.  Oil  +(!-*)  u' 


where  U>ij  is  a  'mean  value'  for  the  upwaeh  acting  on  the  element  and  CL  is  the  ratio  of  the  area 
of  element  covered  by  the  wing  to  the  area  of  the  element. 


Finally  ie  recomputed  using  Wt'j  in  place  of  (JV  , 


Thie  procedure,  known  as  'area  weighting',  results  in  a  significant  improvement  in  the 
computed  load  distribution  snd  overall  forces,  although  it  still  leaves  much  to  be  desired  near  the 
wing  leading  edges. 
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There  has  been  such  argument  lhauu  the  relative  merits  of  the  two  grid  systems  defined  by  ths 
Kech-box  and  Chirac terietic-bcx  methods  described  above.  Briefly,  we  may  say  that  ths  Kach  box 
is  better  for  treating  supersonic  edges  while  the  Characteristic  box  glees  better  results  for  wings 
with  sobscdc  edges. 

HoMeer,  as  M  shall  now  explain,  there  are  considerable  reductions  in  computing  time  to  be 
had  if  we  re-examine  the  problem  in  terms  of  characteristic  coordinates. 

A  fast  Method 

He  cannot  hope  to  explain  the  details  of  this  technique,  dus  to  Roberts  (ref.  10),  in  full. 
However  we  shall  endeavour  to  Indicate  the  more  important  features.  Ths  method  is  based  on  ths 
transformation  of  the  coordinates 

S  are  parallsl  to  ths  free  stream  Mach  lines.  The  source  superposition  Integral  now 


so  that  T  and 
becomes 


r  s 


<Ur.s.o*):-±  ((»">')**** 
iiu+-,Xs-o') 


i*is re  tha  wing  is  assumed  to  be  iholly  contained  in  ths  positive  quadrant  of  the  T-S  plane.  Ths 
relationship  between  the  coordinates  and  the  wing  is  illustrated  in  figure  2.13.  Ths  Integral  can 
now  be  factored  into  two  line  Integrals 


where 


•ITT 

Hsrain  lie's  ths  'secret'  of  tha  method, 
for  by  retaining  tha  intermediate  function,  )  , 
end  the  line  integral  format  in  our  numerical 
technique  we  can  organise  the  calculation  so  that 
the  conventional  double  suaekation  required  for 
each  pivotal  point  is  replaced  by  two  line  sums. 

Before  describing  the  method  consider  the 
11ns  integral 

•r 


/W  --  ±  (JLi  Hr) 

Lch  is  known  ss  Abel's  lntegr 
fficult  to  show  that  tha  inve 

tir)’-£  l  (JiL.  f(r) 


It  is  not 
is  given  by 


This  means  that  tha  condition 
tha  diaphragm  Implies 


0  on 


Jfr.x; 


:  O 


providing  that  the  characteristic  line  S -  const 
does  not  cross  the  planform  for  0<  f  <  “fj, 

Providing  ths  leading  sdga  is  not  swept  forward,  figure  2.18  indicates  that  this  holds  on  the 
starboard  diaphragm.  (From  this  we  can  determine  Ewards  well  known  reflection  principle  slnoe 
-  0  on  the  diaphragm  leads  to 

i,'1'  jrT 

with  f  defined  as  before). 

Hs  can  also  determine  tha  behaviour  of  the  ^  function  along  lines  S  -  const .as  we  cross  the 
.  leading  edge.  For  a  subeonio  sdge  }  is  i  step  function  with  a  jump  from  sere  to  some  finite  valus 
at  ths  sdge.  For  a  supersonic  sdge  J  behaves  locally  like 

Nov  assume  that  we  have  a  discrete  fore  for  ths  integral  with  f  -  1v>  A. 

■  Hr) 

where  J  /  and  £  is  a  constant  between  0  and  1. 


/(T)  •/(*.)*)  */[”']  *  ^ 


•AW  -  Hffl+'tl) 
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Ha  otn  rs-vrlts  this  a* 

—  _  ^  Ip  4 

//«7  -  A>£"7  *  Z^'1  *-/*  r* 


whsnoe 


fora  i 


aha  re 


Aw  ■  £  / //■»]  -  £~J 

By  applying  this  Xaat  relation  recursively  for  m  -  1,  2,  ...  ta  arrive  at  a  discrete  inverse 

B.  *  3* 

•  "•  m-/ 

8<*»  S  ,  V»t  f,l  •••• 

Iu  Roberts'  msthod  the  A  tad  B  coefficients  take  the  particularly  simple  forms 

/)„ r  M"Vl  s„ . 


where  is  the  w— 'il  coefficient.  In  this  case  the  constant  £  -  i  is  used.  Howver  our 
argument  still  holds  whatever  form  the  discretisation  takes  providing  it  is  based  on  equally  spaced 
samples  as  indicated  above. 


Ha  are  now  in  a  position  to  describe  the 
basic  computing  sequence •  Assume  that  the  /lev 
is  symmetric  about  the  vertical  plane  ‘i  •  *j, 
Cfcly  that  portion  of  the  port  wing  that 
Influences  the  starboard  wing  panel  need  then  be 
considered  (fig.  2.18). 

Referring  to  figure  2.19  we  assume  that 
f  is  known  for  f<m  and  that  4*  is  known 
within  the  Mach  forecone  from  f  -  S  »"-f  . 
The  calculation  for  V**>  is  then 


(1 )  Calculate  p  from  )  along  S -  n 
using 

4>C*,*h  ,^3,  "**'*"*' 

(i.e.  up  to  but  not  including  the 
point  on  the  wing  centre  line) 

Copy  4  from  the  starboard  to  the 
port  side 

P  f«r7  *  4  £’■’.’’-3 


and  calculate  j  using 

‘}W  1 3^tcr^ 

/Ml  r 

for  In  *  1  to  it  -1. 

Calculate  j  from  U  using  ^ 

}  C*,y«l  s  -B.ufu.vwJ 

for  ve  <  w  to  ’"a* 

Calculate  on  the  centre  line 

4M*  £a 

/U*>  ' 

This  proce sc  is  used  for  K  -1  to  nnax  such  that  the  whole  grid  is  covered.  Some  variations 
of  the  above  sequence  are  necessary  to  cater  for  trailing  edge  and  wake  effects  and  certain  types  of 
leading  edge* 

It  should  be  noted  that  the  order  of  calculation  can  be  arranged  such  that  U  ,  /  and  ^  nay  be 
stored  in  the  same  array  in  computer  core,  the  values  of  J  overwriting  those  of  W  and  being 
overwritten  in  turn  by  thoseof  ^ . 


(3) 


(It) 
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Given  a  knowledge  of  the  type  of  singularity  to  be  found  sear  the  leading  edge  together 
with  the  line  integral  format  it  ia  not  difficult  to  da  rise  suitable  t-chniq\*a  to  refine  the 
calculation  in  this  region.  However  as  the  for*  of  this  refinement  will  depend  on  the  nature  of 
the  discretisation  used  we  do  not  discuss  it  in  detail.  Suffice  it  to  state  that  Roberts  has 
achieved  a  very  high  degree  of  accuracy  by  fitting  a  function  exhibiting  the  correct  singularity 
to  the  y  values  close  to  the  leading  edge.  The  values  of  ^  in  this  region  are  then  obtained 
analytically.  For  calculations  away  from  the  edge  the  fitted  5.  values  are  modified  by  a  smoothing 
process  before  applying  his  discrete  formula.  ' 


Figure  2.20  presents  a  comparison 
of  a  numerical  calculation  using  a 
slightly  lsss  refined  method  than  that  of 
Roberts  with  exact  linear  theory  for  a 
cropped  delta  wing  at  incidence.  Had  the 
full  leading  edge  refinement  been 
alloyed  the  load  distribution  near  the 
leading  edge  would  have  been  even  closer 
to  the  exact  linear  theory. 

In  order  to  indicate  the  tine 
savings  made  we  note  that  in  the 
conventional  method  the  double  summation 
at  the  (  w  , » )  th  grid  point  (box) 
Involves  vnn  terms,  the  calculation  of 
each  tern  Involving  one  multiplication 
with  one  addition  to  add  the  term  into 
the  sum.  Taking  our  unit  as  the  time 
to  complete  one  addition  and  one 
multiplication,  the  total  time  for  the 
conventional  method  applied  to  an  H 
grid  is  jm 

Tc  1  £ 1  "•« 

HI*  nut 

s  £  mm  (m+i)(mm) 

For  the  fast  method  however  each 
grid  point  Involves  only  the  calculation 
of  two  line  Integrals.  The  time  is  then 
given  approximately  by 

TP  £  if***) 

P  Kut  »wt 

:  \  MM 

The  ratio  of  the  two  times  is  then 


2  .  (m*0(h+O 


Tp 


MU 

Lin-i) 


For  a  typical  grid  size  of,  say,  M  -  80 
then  1 1  i  to 

r. 

That  is  computing  times  of  the  order  of  1  minute  using  the  conventional  method  are  reduced  to 
e  few  seconds  using  the  fast  mothcd. 

This  reduction  in  computing  time  -  and  hence  cost  -  means  that  wing  calculations  of  this  type 
can  be  performed  at  an  early  stage  In  the  project  design  cycle. 

Overall  forces  and  Optimum  Camber  Design 

The  lift,  pitching  moment  and  pressure  drag  due  to  lift  acting  on  the  wing  are  given  by 

C‘:L 


1  If  &  Cf  ^)(  v  dx  Jy 

CD>  d*dy- 


where  ^ ntf  and  OC,  are  the  wing  reference  area,  reference  chord  and  pitching 

moment  reference  point  respectively. 
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Note  that  the  definition  given  for  does  not  include  the  edge  (action 

foroee  that  eriae  from  the  theoretical  laflnitiee  in  ACf  along  eobeonio  leading  edge*.  The  reason 
la  that  they  are  not  often  realised  in  practise.  It  is  further  found  that  oaebers  designed  without 
theee  suction  terns  are  sore  likely  to  eaintaln  attached  flow  near  the  design  lncidanoe  than  those 
designed  by  including  the  fall  theoretical  suction. 

In  order  to  derive  a  suitable  oaaber  surface  giving  low  drag  due  to  lift  at  a  design  lift 
and,  possibly,  pitching  aonent  we  aasune  that  the  oaaber  slope,  ur ,  aay  be  expressed  as  a  linear 
combination  of  a  set  of  H  oaaber  nodes 

tl 

£  l; 

there  *>li  (*t  y)  is  the  1th  caaber  node  shape  and  4, ,  is  the  ith  generalised  coordinate  or  'weighting 
coefficient'. 

The  load  distribution  say  then  be  jritten  as 

^rN)  - %.ri  (*i) 

it!  * 

where  is  the  load  distribution  due  to  the  ith  esaber  node. 

The  overall  forces  are  then  given  by 

cl  =  L \  f  :  £  I.* 

*  t  ‘ 


*1' 


ch:L\  t't 

i  i  \trut  i  L 


In  matrix  form  we  have 


We  write 


and 


?L  •  t** 

c-:  )c~ 

i  i"-i£.s] 

c.'t  iT»i 


We  wish  to  minimise  with  respect  to/lqj  subject  to  the  conditions  on  £».  and  .  This 
is  achieved  through  an  application  of  Lagrange s  method  of  undetermined  multipliers  giving  the  system 
of  linear  simultaneous  equations 

X>1  -  M  A  -  O 

m*  ** 

M”i  .£ 

where  /\  is  the  vector  containing  the  la grange  multipliers. 

The  solution  of  this  system  may  be  written  as 

%  ’ 


where 


A"1  c 


and 


A  ;  nr.  »".*  n 


From  this  solution  we  obtain  a  result  for  the  drag  in  terns  of  the  design  C  *nd  £ 

L  M 
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Tbis  result  constitutes  a  'design  carpet'  in  that  it  relates  the  change  in  drag  to  changes  in 
the  design  noint  for  a  given  set  of  camber  nodes.  Combined  with  speed  of  the  numerical  method 
outlined  previously  for  the  calculation  of  the  load  distributions  we  have  a  useful  tool  for  project 

work. 


To  demonstrate  the  application  of  the  method  we  give  an  example  of  soma  early  designs  for  the 
Concorde  pre -pro auction  aircraft  tip. 


WINS  PUMFORH  SHOWING  TIP  PIANFORM  MODIFICATION 

fit. z.zi 


In  order  to  Improve  the  aircraft's  low  speed  lifting  capability  the  pre-production  aircraft 
Incorporated  an  increase  in  the  area  of  the  outboard  wing  panels  (fig.  2.21)  relative  to  the  prototype. 
The  design  requirement  was  then  to  define  a  camber  surface  for  this  region  with  a  minimum  drag 
penalty  in  cruise.  To  provide  a  basis  for  the  work  a  'first  attempt'  was  made  by  stretching  the 
prototype  camber  to  match  the  new  planform. 


To  design  for  a  low  drag  this  camber 
surface  was  treated  as  a  'fixed'  mode 
(i.e.  its  coefficient  was  held  constant  at 
1).  Eight  additional  free  modes  were 
defined  to  have  zero  slope  over  the  inboard 
section.  Optimisation  was  then  carried  out 
at  the  design  cruise  Ck  and  Hach  number 
using  combinations  of  U.  6  and  9  free  modes. 
Figure  2.22  shows  the  resulting  drag  values 
relative  to  prototype  corrected  for  skin 
friction  and  volume  effects  at  the  cruise 
altitude.  The  curves  shown  give  the  drags 
obtained  by  designing  for  different  centre 
of  pressure  positions.  An  interesting 
point  is  that  the  drag  is  a  minimum  for  the 
c.p.  \t  of  the  reference  chord  forward  of 
the  prototype  position  for  all  combinations 
of  modes. 

Also  shown  in  the  figure  are  the 
theoretical  and  experimental  results  obtained 
for  the  'first  attempt'  indicating  the 
accuracy  of  the  basic  wing  method.  (The 
height  of  the  symool  for  the  experimental 
point  indicates  the  accuracy  of  the 
tunnel  result.) 


DRAi  Of  CAMBERS  OPTIMISED  AT  CRUISE  Ct 

Fit  l  ll 


NOTE  EXAGGERATED  VERTICAL 
SCALE. 


TIP  CAHBES  SURFACES 
DESIGNED  FOR  LOW  DRAG 
FORT  SIDE  SHOWN 


DFTIMIEED  CAMSER 
USING  S  MODES 


Figure  2.23  gives  two  examples  of  the  camber  surfaces  obtained.  Both  were  designed  for  the 
prototype  centre  of  pressure  position.  The  slightly  distorted  shape  obtained  by  using  8  nocks 

indicates  that  some  care  is  needed,  not  only  in  the  choice  of  camber  shapes  used  but  also  to  avoid 
specifying  too  large  a  number  of  degrees  of  freedom. 

However,  restricting  ourselves  to  6  nodes  we  obtain  a  quite  reasonable  camber  surface  with 
very  little  theoretical  Increase  in  dreg.  _ 

Ml  Z 

It  should  be  mentioned  at  these  results  Cl  / 

were  obtained  using  a  conventional  Character-  - / 

latic  box  method  rather  than  the  fast  method  we  RACELUS  OFF  / 

have  outlined  here,  and  that  neither  of  the  -  S 

designs  shown  have  actually  been  tested.  / 

As  a  final  example,  therefore,  figure  w  / 

2.2k  shears  a  comparison  of  results  using  the  fast  / 

method  for  the  lift,  drag  and  pitching  moment  of  y  °Eirw«xi 

the  Concorde  pre-production  wing  with  experiment.  y  —  aufucai 

Here  we  have  employed  a  crude  but  apparently  y 

effective  method  to  deal  with  the  wing-fuselage  / 

interference.  Slender  body  theory  is  used  to  y 

calculate  the  upMaah  field  due  to  the  fuselage  / 

at  Incidence  and  this  in  turn  is  canoe  lied  by  • - ^ - j - J - J - $ - ^ 

applying  a  suitable  twist  distribution  to  the  / 

wing  (for  the  calculation  of  the  load  * 

distribution  only). 

The  region  of  the  wing  covered  by  the 

fuselage  is  set  to  xero  incidence .  *  Jj  Jr 

*1 

As  the  fuselage  is  assumed  to  be  pointed  . 
at  each  end  the  only  direct  contribution  it  01  nTCH  mT 

makes  to  the  overall  forces  is  the  pitching  lecanen  din  ^ — .. 

moment  increment  due  to  volume  shown  in  the  0,  FwsiutE  volume 

figure.  It  is  obviously  a  very  important  term.  Cc 

The  lift  and  pitching  moment  curves  are  / 

shown  in  direct  comparison  with  the  experiment  / 

whereas  the  drag  polar  has  been  shifted  / 

vertically  to  coincide  with  the  experiment  at  / 

CL  -  0.  This  then  deoKnatrates  the  accuracy  / 

achieved  in  estimating  for  ainimum  drag  •**  / 

and  the  induced  drag  factor,  but  not  of  Cs  .  / 


COM  TAXI  SOW  OF  THEORT  WITH 
EX  FERINE  WT  FOR  A  CONCORDE  WlWt 


.  ,  ,w.._ 
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Obviously  there  srs  many  ways  of  estimating  the  parasitic  drag  of  aircraft,  and  each  Company 
has  its  oia  prafsrred  asthod. 

Ths  methods  dsserlbsd  below  are  those  used  by  BJL.C.  (C.A.D)  and  ara  based  both  on  theory  and 
an  empirical  data.  Because  the  parasitic  drag  Is  perhaps  of  the  order  ol'  21  of  total  aircraft 
drag  it  is  not  necessary  that  all  of  the  formulae  and  working  aathods  should  be  rigorously  Justified 
although  care  is  taken  to  use  best  available  data. 

Tbs  supersonic  cruise  case  being  dominant  for  transport  aircraft,  the  data  sheets  and  nost  of 
the  calculations  have  been  aade  for  this  case.  However,  baaed  upon  an  aeaessaent  of  the  proportions 
of  surfaoe  imperfections  such  as  steps,  gaps,  buaps,  fairings  holes  and  the  typical  sizes  of  each, 
factors  to  give  the  overall  parasitic  drag  at  other  altitudes  and  speeds  may  be  derived.  The  work  of 
Winter  and  Gaudet  for  gaps,  steps,  holes  etc.  covers  the  full  Mach  number  range  but  for  fairings 
shapes  etc.  the  data  of  Refs .  12  and  13  can  be  used. 

3.1  Baslo  Calculation  Methods 

Sldn  Friction  a-ag 

The  skin  friction  drag  in  cospressibla  turbulent  flow  can  be  estimated  using  Michel's  method 
(see  Section  2.1).  For  parasitic  drag  accounting  the  asthod  is  exu.llsnt  and  is  easy  to  estimate 
and  apply. 

The  method  of  Michel  is  strictly  applicable  to  two-dimensional  flow  and  in  applications  to  the 
fuselage  a  false  leading  edge  point  should  be  taken  soma  3  ft.  behind  the  true  leading  tip. 

fea-Enm 

Two-Dlnsnalonal  surface  deformations 

Where  ths  wave  length  of  a  surface  distortion  is  long  compared  with  the  boundary  layer 
thickness  (and  this  is  usual  for  many  types  of  distortion);  in  particular  if  the  surfaoe  slope 
deviation  dooe  not  axoeed  about  1-2  degrees;  than  theory  and  experiment  agree  quite  well  (see 
Hef.  11»). 

For  such  surface  distortions  linear  theory  predicts  Cf-  2  6/8  and  hence  drag  values  for 
osrtaln  distortion  profiles  may  be  estimated.  For  example  Cm  -  9.85  (t/c)1  for  sinusoidal 

distortions,  to  which  a  factor  nay  be  applied  (typically  x  1 .5)  to  account  for  the  departure  of  an 
actual  profile  from  sinusoidal. 

The  exact  two-dimensional  flow  diarecte rial tics  may  be  derived  from  flow  tables  such  as  those 
in  Ref.  15*  which  are  based  upon  Prandtl-Meyer  in  viscid  flows. 

Three -dimensional  surface  deformations 


is  for  two-d iaenrional  distortions,  slender  shapes  of  avail  surfaoe  slope  can  he  assumed 
(typloally  those  associated  with  wing  panels  deforming  due  to  fuel  tank  pressurisatlon. ) .  The  method 
used  for  Such  a  distortion  is  that  given  in  Ref.  Ih  by  K.G.  Smith,  which  is  In  turn  based  on  the 
linearised  theory  elaborated  by  J.W.  Nielsen  in  Ref.  16  for  a  particular  type  of  three-dimensional 
bump  and  for  a  finite  number  of  bumps  on  1  cylinder. 

For  axially  symmetric  fairing  shapes  having  profile  discontinuities  (actually  discontinuous 
variation  of  cross-sectional  area  with  distance)  the  quasi-cylinder  theory  of  Iighthill  as  developed 
by  L.  Oman  in  Ref.  17  can  be  used.  Simpler  shapes  (e.g.  cones)  can  be  handled  using  the  method 
given  by  L.K.  Fraenkel  in  Ref.  18. 

Although  in  practice  half -bodies  on  plane  surfaces  are  encountered,  the  calculations  can  be 
made  using  actual  areas  assuming  complete  bo  die...  It  can  also  be  assumed  further,  that  reflection 

effects  double  ths  drag  so  derived. 

Where  the  evolution  of  the  cross-sectional  area  of  a  body  meets  the  criterion  of  Lord  and 
Emlnton  (see  Journal  of  RJle.Soc.  Jan.  1956)  ths  wave  drag  of  slender  todies  (or  half-body  fairings) 
can  be  calculated.  In  actual  design  the  profile  of  such  a  fairing  can  b >■  optimised  using  their 
method.  However,  taking  account  of  skin-friction  and  fairing  weight  usually  gives  best  fairing 
lengths  aamwhat  shorter  than  the  "optimum''. 

When  a  fairing  such  as  that  over  the  AJF  and  radio  compass  aerials  is  considered  one  has  a 
thin  fairing  of  relatively  large  span.  For  such  a  fairing  the  linear  theory  method  due  to  Evvard 
has  been  used  to  derive  the  wave  drag  (see  "Aerodynamic  components  of  aircraft  at  high  speeds"  by 
A.  Donovan  and  H.  Laurence,  Princeton  Press). 

This  method  or  the  method  described  in  section  2.3  may  be  used  to  derive  the  farces  on  quite 
complex  shapes.  Those  tools  also  give  an  alternative  method  for  deriving  the  parasitic  drag  due  to 
panel  deformations  on  the  wing  arising  from  tank  pressures. 
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Interference  accounting 

When  long  fairings  ana  considered,  or  fairings  near  leading  nr  trailing  edges  of  fuselage, 
wing,  or  fin,  the  buoyancy  effects  due  to  the  basic  pressure  gradient  are  included.  For  fairings 
with  pointed  ends  (actually  aero  cross-sectional  areas  at  front  and  back)  isaarsed  in  a  constant 
pressure  gradient  the  drag  due  to  buoyancy  is  »  *  -  z  Voluee  of  fairing. 

%  JCJ 

The  interference  of  the  fairing  or  the  parent  surface  should  also  be  accounted  where  it  is 
appreciable.  Usually  an  approximation  to  the  fairing  pressure  distribution  is  good  enough  to 
estimate  this  effect. 

3.2  Calculation  of  Parasitic  Drag  for  Individual  Items 

Forward  and  Aft  facing  Steps 

Such  steps  nay  be  formed  by  ae chining  tolerances  on  rebated  lap  points  or  due  to  the  n&l-fit 
or  doors,  hatches,  etc. 

Che  useful  method  of  estimation  is  based  on  an  an.. ,  is  of  the  work  of  Gaudet  and  Winter 
reported  in  Ref.  11.  Figure  3.1  gives  a  data  sheet  prepared  for  forward  facing  steps  at  a  datum 
flight  condition j  that  for  aft  facing  steps  is  similar. 


Chamfered  Steps 

It  is  e  desirable  deaign  requirement  thet  ell  skin-joint  steps  be  chamfered  as  much  as 
possible.  Fig.  3.2  giver  an  estimate  of  the  effect  as  a  factor  on  the  drag  of  steps  as  derived 
above. 


Stream  wise  and  Swept  Steps 

The  drag  of  a  etreaiwiae  step  can  be  taken  as  being  due  to  the  extra  wetted  area  at  the 
local  akin  friction  coefficient. 


Swpt  step  values  are  derived  oy  resolution  into  spanvlse  and  streamwise  components. 

A  data  shaat.  Fig.  3.3,  for  the  special  cases  of  steps  with  elliptical  and  parabolic 
planforms  has  been  pre,  \red  on  the  same  basis. 

tytlmum  sweep  angles  for  steps  can  be  evaluated  taking  account  the  weight  penalty  of 
additional  surface  material  required  to  produce  the  configuretion. 

Spanwlee  Grooves 


The  daU  produoed  by  Gaudet  and  Winter  has  been  analysed  and  the  data  sheet  shown  ss 
Fig.  3.u  prepared  for  a  standard  flight  case.  It  should  be  noted  that  the  two  cases  of  relatively 
deep,  narrow  grooves  and  relatively  shallow  wide  grooves  are  covered  on  the  same  data  sheet  by 
using  either  the  width  or  the  depth  in  the  effective  ares  on  which  C  is  based. 

A 
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Inlets  and  Outlets  at  Zero  Flow 

Flush  holes,  such  as  are  used  for 
ventilating  unpressurised  compartments  and 
for  drainage,  have  drag  contents  which  are 
not  well  correlated  with  hole  geometry, 
boundary  layer  depth,  and  etc.  Source  data 
are  contained  in  Refs.  12,  19,  20  and  21  . 


These  suggest  that  the  drag  coeff¬ 
icients  are  a  minimum  for  ducted  exits 
inclined  at  about  30  degrees  and  take 
values  of  .0001,;  .012  and  .  025  based 
upon  exit  area  for  circular,  square  and 
high  aspect  ratio  (above  1»)  ejd.t  shapes. 


The  available  information  for 
inlets  is  inadequate  but  suggests  tint 
drag  coefficients  are  around  0.2  -  0.7 
for  NACA  inlets  at  subsonic  speeds  and  0.1  - 
O.L  for  aspect  ratio  *  U  rectangular 
inlets  at  up  to  1 .3M. 

Ventilating  Airflows 

In  general  small  ventilating  air 
flows  do  not  have  special  inlets  or 
outlets,  the  flow  being  induced  by 
siting  in  suitable  pressure  areas, 
larger  flows  such  as  the  cabin  discharge 
have  carefully  designed  variable  geometry 
exits. 

The  drag  due  to  the  airflow  is 
taken  to  be  r ,ual  to  the  freestream  momentum 
of  the  mass  flow.  No  exit  momentum  is 
credited  for  small  flows  but  the  larger 
discharge  nozzles  have  calibrated  thrusts 
which  are  credited. 

3.3  leakage  Drag 

Bitter  experience  has  taught  us  that  leakage  of  air  from  tho  aircraft,  and  in  particular  from 
the  powerplant  can  be  a  significant  source  of  loss  of  performance. 

Such  leakages  can  only  be  eliminated  by  meticulous  attention  to  detail  deeign  in  the  region 
of  hinges,  access  pare  is,,  fuel  drains  etc. 

Not  oil  of  the  momentum  is  lost  of  course.  In  general  some  of  the  air  at  least  will  be 
exhausted  in  a  more  or  less  aft  direction  although  it  will  be  found  very  difficult  to  quantify  the 
reliefs.  As  a  guide  based  on  flight  test  experience  a  momentum  recovery  factor  of  50%  should  be 
assumed. 


CHAMFERED  STEPS 
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This  section  discusses  some  aspects  of  supersonic  powerplant  design  which  have  an  influence  cn 
aircraft  performance  calculations. 

Design  Features  of  Supersonic  Powerplants 


ii.1  Intakes 

A  glance  through  publications  such  as  Janes  All  the  World's  Aircraft,  will  reveal  that  designers 
of  supersonic  aircraft  are  by  no  means  agreed  on  the  best  way  to  install  an  engine  into  an  airframe. 
Fig.  1».1. 

Fuselage  intakes  can  be  semi-circular, 
circular  (pitot),  two-dimensional  with  vertical 
compression  surfaces  or  two-dimensional  with  hori¬ 
zontal  compression  surfaces.  Underving  intakes  have 
been  podded,  axisymmetric  or  two-dimensional  mounted 
directly  under  the  wing. 

What  then  determines  the  choice  of  intake 
location  and  type?  Predominantly  of  course  the 
design  specification.  Fighters,  with  a  requirement 
for  high  manoeuvrability  at  subsonic  speeds  with 
supersonic  dash  capability  have  very  diffeient 
constraints  from  the  bomber  or  transport  which  needs 
to  fly  economically  for  long  periods  in  well 
defined  supersonic  conditions. 

The  former,  will  normally  have  fuselage 
mounted  engines  to  reduce  the  roll  inertia,  and 
the  intake  location  almost  inevitably  becomes  a 
fuselage  side  mounting.  The  intake  itself  may, 

depending  on  the  mission,  be  either  a  very  simple  fixed  geometry  design  or  at  the  most  a  scheduled 
or  simple  closed  loop  intake  control  system.  Maximum  intake  recovery  at  top  speed  will  be  sub¬ 
ordinated  to  the  provision  of  adequate  flow  qualities  at  the  extremes  of  attitude  encountered 
during  manoeuvres  :  -3g  to  +3g»  perhaps  in  combination  with  significant  sideslip. 

Transport  aircraft  on  the  other  hand  will  have  a  more  restricted  flight  envelope  -  typically 
0  to  2  g;  and  the  installation  must  be  designed  to  maxiiu.se  intake  recovery  and  minimise  dr  - 
whilst  providing  adequate  capability  to  deal  with  atmospheric  disturbances  etc.  In  this  case  the 
designer  can  invoke  the  aid  of  sophisticated  control  systems  if  necessary. 
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Underwing  versus  Fuselage  Mounting 

Mounting  the  intakes  under  the  wing  has  several  advantages  :- 

i)  The  underwing  Mach  number  is  less  than  freestream,  so  that  problems  of 
intake  design  are  lessened  and  the  potential  intake  recovery  increased. 

ii)  Incident  flow  angles  due  to  aircraft  incidence  changes  are  greatly  reduced, 
although  care  must  be  taken  to  ensure  that  changes  in  the  local  wing  flow 
field  with  incidence  do  not  provoke  a  growth  wing  boundary  layer  which  may 
be  ingested  by  the  intake.  This  may  be  accomplished  by  a  suitable  designed 
boundary  layer  bleed  (diverter). 

iii)  The  forces  associated  with  pre-entry’  spillage  and  flow  turning  in  the  compression 
process  (discussed  below)  may  be  used  to  give  lift  components  which  materially 
improve  the  overall  lift/drag  balance  of  the  installation. 

iv)  Access  to  the  powerplant  for  maintenance  is  straight  forward. 

Against  these  must  be  set  the  fact  that  the  intake  is  more  prone  tc  ingestion  of  water  and 
debris  from  the  runway,  and  that  there  is  no  possibility  of  shielding  of  noise  emanating  from  the 
intake.  The  intake  design  case  will  probably  be  sideslip  at  the  highest  <  xpected  Mach  number. 

With  a  fuselage  mounting,  the  intake  operates  at  close  to  freestream  Mach  number.  It  will  be 
necessary  for  the  intake  to  accept  a  wide  range  of  flow  angles  corresponding  to  the  required  aircraft 
manoeuvrability  limits.  Although  it  might  be  thought  that  there  was  at  least  protection  from  sideslip 
variations,  it  has  been  found  that  the  build  up  of  fuselage  boundary  layer  due  to  crossflow  effects 
can  produce  flow  conditions  which  adversely  affect  the  intake  operation.  For  this  reason  one  often 
sees  very  wide  boundary  layer  diverters  on  aircraft  with  fuselage  side  intakes. 

Water  ingestion  will  be  less  likely  than  is  the  case  with  underwing  installations,  although 
the  chances  of  debris  pick-up  will  be  very  similar. 

Characteristics  of  Supersonic  Intakes 


Supersonic  intakes  can  be  subdivided  into  two  basic  categories;  those  in  which  all  the 
supersonic  compression  is  carried  out  externally  and  those  in  which  some  of  the  supersonic  compression 
is  carried  out  inside  the  intake. 

Supersonic  compression  is  achieved  by  reducing  the  speed  of  the  air  through  a  shock  wave,  or 
system  of  shock  waves,  until  the  airstream  is  subsonic.  Having  reduced  the  Mach  number  to  less  than 
unity  the  air  is  then  further  compressed  in  a  subsonic  diffuser,  to  a  speed  acceptable  to  the  a.  „ine 
or  ram-jet. 


The  simplest  example  is  a  pitot-type  intake 
with  the  supersonic  compression  being  achieved 
through  a  single  normal  shock,  and  further 
compression  carried  out  in  a  simple  subsonic 
diffuser  (see  Fig.  lj.2).  There  is,  of  course, 

3ome  loss  in  total  pressure  at  the  shook  and 
further  skin  friction  losses  in  the  diffuser; 
typically,  2%  total  pressure. 


By  introducing  a  sloping  surface  in  fi’nt 
of  the  shock,  a  second,  oblique  shook  i:  produced 
which  reduces  the  strength  of  the  normal  shock. 
The  overall  losses  of  the  system  are  thereby 
reduced. 


Further  improvements  can  be  achieved  by 
maxing  use  of  more  sloping  surfaces,  but  in  so 
doing  certain  disadvantages  arc  introduced, 
which  will  be  discussed  later.  Fig.  h.2  shows 
the  maximum  shock  pressure  recoveries  which  can  be  achieved  using  various  geometries,  assuming  the 
optimum  geometry  at  each  speed. 

The  following  examples  relate  to  two-dimensional  intakes,  being  simpler  to  calculate  and 
understand,  but  the  general  conclusions  apply  to  both  rectangular  and  axi-synmetric  cases. 

Before  considering  the  effect  of  intakes  on  performance  calculations  we  must  understand  the 
behaviour  of  an  intake  under  various  mass  flow  conditions. 

The  efficiency  of  an  intake  is  given  by  the  ratio  of  the  mean  total  head  at  the  engine 
compressor  face  to  the  free-stream  total  head.  The  loss  in  total  head  is  comprised  of  losses 
through  the  shook  wave  system,  which  can  be  calculated,  and  losses  due  to  viscous  effects,  which 
include  skin  friction  and  shock  wave  -  boundary  layer  interference  effects. 
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Fig.  1*.3  shows  the  characteristic  curve 
of  the  simple  at  type  of  multi-shock  intake,  a 
single-wedge,  two  shock  system.  The  variation 
of  pressure  recovery  with  intake  mass  flow  is 
shown  with  the  intake  running  at  the  design 
condition,  that  is,  with  the  oblique  shock 
crossing  the  lip  of  .the  intake  at  the  design 
mass  flow.  In  the  section  on  test  techniques 
•first  wedge  spill’  is  mentioned.  This  is 
simply  a  variation  in  which  the  oblique  shock 
wave  from  the  first  wedge  passes  in  front  of 
the  cowl  lip,  thus  permitting  some  air 
deflected  by  the  wedge  to  escape  from  the 
intake.  At  the  optimum  pressure  recovery 
condition  the  normal  shock  is  at  the  throat 
of  the  diffuser  where  the  mass  flow  has  just 
reached  the  maximum  value.  At  low  mass  flow, 
such  as  point  'A',  the  normal  shock  is 
expelled  forward  to  enable  the  excess  air 
to  be  spilled  over  the  outside  of  the  lip. 

Some  of  the  air  entering  the  intake  in  this 
condition  passes  thorugh  the  single  shock  formed  by  the  fusion  of  the  normal  obliqi’e  shocks  and, 
therefore,  enters  the  diffuser  at  a  lower  total  pressure  than  that  nearer  the  wedge,  which  has  passed 
through  the  two  shocks.  There  is,  therefore,  a  lower  pressure  recovery  at  this  point.  In  such 
conditions  of  flow  ’spillage*  the  intake  is  said  to  be  "subcritical". 

As  the  mass  flow  is  increased  the  recovery  increases  lightly  and  reaches  a  maximum  as  the 
normal  shock  passes  into  the  throat  (point  B).  At  this  point  the  mass  flow  has  also  reached  a  maximum 

and  the  intake  is  said  to  be  running  "full"  or  "critical".  Any  further  increase  in  engine  speed  would 

only  decrease  the  back  pressure  in  the  diffuser  causing  the  normal  shock  to  move  into  the  diffuser, 
gaining  strength  as  the  Mach  Number  in  front  of  it  increases.  There  is  no  increase  in  mass  flow  as  the 

stream  tube,  now  at  the  lip,  is  not  influenced  by  further  changes  in  intake  condition.  The  net 

result  is  a  decrease  in  total  pressure  recovery  at  a  constant  mass  flow.  The  intake  is  now  said  to 
be  "supercritical". 

Performance  Aspects 

Having  explained  the  operation  of  an  intake  over  the  mass  flow  range  it* is  possible  to  examine 
the  main  performance  characteristics  of  the  intake,  the  first  of  which  is  to  supply  the  correct  mass 
flow  at  all  aircraft  speeds  with  high  efficiency  and  low  drag. 

The  drag  of  the  intake  includes  the  pressure  drag  on  the  incident  streamline  to  the  lip 
(ab.  Fig.  b.li),  also  the  external  pressure  drag  on  the  cowl  lip  (be),  both  of  which  are  governed  by 
the  strength  of  the  oblique  shock. 


There  is,  therefore,  a  wedge  angle  which 
will  gi-re  a  maximum  value  of  thrust  minus  drag  at 
each  Mach  number  and  a  corresponding  mass  flow 
for  this  position.  Th?s  mass  flow  character¬ 
istic  can  be  seen  in  Fig.  b.h,  on  which  the 
capture  area,  i.e.  the  area  of  the  stream  tube 
entering  the  intake  reduced  to  freestream 
conditions,  for  the  optimum  thrust  minus  drag 
is  plotted  against  Mach  number.  A  typical 
engine  requirement  is  also  shown,  to  which  thu 
intake  has  been  matched  at  the  design 
condition.  It  is  usual  to  match  near  the 
design  condition  if  the  aircraft  has  a 
prolonged  supersonic  cruise  since  the  volume 
of  air  tc  be  spilled,  hence  the  drag,  is  a 
minimum.  With  aircraft  having  a  short 
supersonic  duration  e.g.  fighters,  the  maximum 
speed  performance  is  not  so  critical  and  the 
emphasis  is  on  the  maximum  acceleration  in  the 
transonic  phase.  In  this  case  the  intake  is 
usually  matched  at  sonic  speeds  with  due  accounting  for  the  performance  requirement  during  sustained 
manoeuvres. 

AS  the  engine  will  accept  only  a  given  amount  of  air  the  excess  rtuiing  the  transonic  phase 
or  as  the  result  of  engine  throttling  must  be  diverted  back  to  the  freestream  as  efficiently  as 
possible.  To  do  this  it  is  necessary  to  vary  the  geometry  of  the  intake  still  further. 

If  the  ramp  angle  is  increased,  pushing  the  oblique  shook  forward  and  diverting  the  excess 
over ‘the  top  of  the  intake,  the  overall  thrust  minus  drag  of  the  system  is  reduced  because  the 
chosen  position  is  already  at  the  optimum. 
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If  the  excess  air  is  accepted  into  the  intake,  spill  vents  can  be  provided  in  the  diffuser 
which  must  allow  the  correct  mass  flow  to  be  expelled  efficiently  into  the  free  stream.  This  system 
will  produce  some  pressure  drag  on  the  spill  vents  and  exil  streamline  (de,  fig.  U.U)  and  drag  due  to 
the  loss  of  momentum  between  the  intake  fact  (b)  and  the  so' 11  vent  exit  (d). 

Cn  aircraft  like  the  Concorde  facilities  are  provided  for  both  methods  of  spillage  allowing  a 
choice  of  compromise  settings  which  result  in  a  minimum  of  drag  at  each  Mach  number. 

Variable  mass  flow  will,  of  course,  need  intake  control,  and  i  study  of  the  aircraft's 
performance  requirements  will  indicate  what  type  of  control  system  is  necessary. 

For  short-duration  aircraft  it  is  sufficient  to  move  either  the  wedge  or  the  spill  vents  and 
to  suffer  some  increase  in  spillage  drag.  In  longer  range  aircraft  it  is  necessary  to  adopt  a  full 
control  system  in  which  the  positions  of  the  wedge  and  the  spill  vents  are  varied  in  order  to  reduce 
the  excess  drag  to  a  minimum.  Changes  in  intake  mass  flow  due  to  changes  in  speed  can  usually  be 
sot  against  a  Mach  number  programme.  The  resulting  motions  required  by  these  changes  can  be 
relatively  slow.  Adjustments  in  mass  flow,  due  to  variations  in  engine  airflow  or  ambient  conditions, 
on  the  other  hand,  must  be  rapid. 

So  far  only  a  simple  two-shock  system  has  been  considered,  with  all  the  supersonic  compression 
carried  out  upstream  of  the  lip.  This  system  is  perfectly  adequate  for  speeds  below  a  Mach  number  of 
2,  but  at  higher  speeds  the  shock  losses  become  too  great  and  a  more  advanced  design  is  necessary. 

Fig.  Iw2  shows  the  maximum  shook  pressure  recovery  to  be  expected  from  various  geometries, 
assuming  the  optimum  geometry  at  each  speed.  The  simplest  system  is,  of  course,  the  pitot-type 
intake,  which  can  be  used  efficiently  up  to  Mach  numbers  of  1 .6.  Abvve  this  speed  the  normal  shock 
lasses  bexme  tea  -great,  -nd  a  sevor.i  oblique  tr.nsk  produced  by  a  wedge  Is  Intrcdutced  ta  reduae  it* 
Mach  number  in  front  of  the  normal  shook  and  increase  the  overall  efficiency. 

By  introducing  further  wedges  the  shook  losses  can  be  further  reduced,  the  optimum 
configuration  being,  of  course,  the  isentropic  intake,  a  curved  wedge  giving  an  infinite  number  of 
infinitely  small  shocks,  terminating  in  a  single  normal  shock. 

Ch  the  basis  of  Fig.  U.2  it  would  be  apparent  that  the  choice  would  automatically  go  to  the 
isentropic  intake.  However,  three  points  nust  be  considered. 

(i)  Cowl  lip  drag 

(ii)  Off-design  performance 

(iii)  Shock/boundary  layer  interactions 

An  increase  in  the  number  of  wedges  results  in  the  flow  being  turned  through  a  large  angle, 
relative  to  the  freestrean,  at  the  entry  and,  consequently,  the  lip  angles,  and  hence  the  cowl  drag, 
are  high.  This  factor  and  the  poor  off -design  performance  eliminates  the  isentropic  intake  for 
aircraft  such  as  a  supersonic  transport. 

Furthermore,  as  the  number  of  wedges  increases,  so  the  extra-to-shock  losses  increase.  These 
losses  are  in  part  due  to  the  interaction  of  the  shocks  rn  the  boundary  layer  of  the  wedge  and  the 
side  of  the  intake  and  (or  a  two-dimensional  intake)  can  quickly  become  of  such  an  order  as  to  over¬ 
come  the  benefit  of  the  increased  compression  efficiency. 

To  a  limited  extent  the  boundary  layers  before  the  shocks  can  be  led  away  by  discrete  bleeds 
or  perforations.  If  a  moderate  amount  of  bleed  is  found  to  improve  the  performance  it  should  be 
incorporated;  nevertheless  it  is  sonewhat  of  an  embarrassment  as  it  must  be  disposed  of  in  an 
efficient  manner,  otherwise  the  drag  losses  may  be  greater  than  the  improvement  of  thrust  obtained 
from  an  increased  pressure  recovery. 

With  the  multi-shock  systems  it  is  possible  to  reduce  the  lip  drag  of  i,ne  intake  by 
introducing  some  internal  compression  before  the  throat  of  the  diffuser. 

Fig.  U.2  shows  two  three-shock  intakes  which  have  the  sane  theoretical  performance.  The  first 
is  an  all-external  compression  type  which  has  a  high  lip  drag.  By  removing  the  second  wedge  from  the 
lower  surface  and  putting  the  same  compression  on  the  upper  surface,  as  shown  in  the  second 
illustration,  the  cowl  lip  angle  can  be  reduced  to  zero.  This  implies  no  external  drag  in  the  crui.se 
condition  but,  although  there  is  an  improvement  in  the  overall  performance,  it  has  to  be  gained  at  the 
expense  of  more  complication. 

With  sufficient  internal  compression  to  make  the  venture  worthwnile  the  shock  system  will  not 
establish  itself  unless  the  contraction  is  reduced  to  a  small  enough  value  to  enable  this  to  happen. 
Once  the  shock  system  is  established,  i.e.  the  intake  is  'started'  the  geometry  of  the  intake  is 
adjusted  until  the  required  optimum  compression  is  achieved.  Should  sone  disturbance,  such  as  gust 
or  engine  malfunction  push  the  normal  shock  forward  of  the  throat  it  will  immediately  more  to  a 
position  forward  of  the  intake  lip  and  remain  there  until  the  geometry  is  altered  in  the  manner 
just  described.  This  is  known  as  intake  unstart.  To  provide  the  necessary  adjustment,  de-vices 
must  bo  incorporated  to  override  the  sensing  mechanisms  controlling  the  mass  flow.  The  control 
nust  be  rapid,  but  nust  not  result  in  sudden  surges  in  mass  flow  which  may  upset  the  normal  operation 
of  the  engine. 
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1».2  Engines 

A  proper  treatment  of  the  characteristics  of  engine  design  for  supersonic  aircraft  is  really 
beyond  the  scone  of  this  paper.  Excellent  resumes  of  the  problem  can  be  found  elsewhere ,  e.g. 

Reis.  22,  23,  21». 

There  are  nevertheless  certain  features  of  the  engine  which  have  a  bearing  on  aircraft  design 
and  on  the  test  techniques  to  be  described  in  the  next  section  and  which  should  be  briefly  discussed 
beforehand. 

There  are  two  notable  differences  in  the  supersonic  operation  of  air  breathing  engines  in 
comparison  with  the  subsonic  ease 

(i)  At  high  Mach  numbers  a  dominant  portion  of  the  cycle  pressure  ratio  is 
generated  in  the  intake. 

(ii)  The  high  total  temperatures  reduce  the  cycle  temperature  ratio  since  the 
maximum  cycle  temperature  is  limited  by  availability  of  materials. 

The  former  dictates  that  much  attention  must  be  devoted  to  the  measurement  (and  improvement) 
of  intake  recovery. 

For  an  un-reheated  turbo  jet,  at  a  given  level  of  intake  total  temperature  and  T.E.T.,  an 
increase  in  pressure  ratio  will  reduce  the  amount  of  fuel  which  can  be  used  which  reduces  the  specific 
thrust  but  improves  the  specific  fuel  consumption  see  Fig.  h.S.For  aircraft  where  supersonic  economy 
is  unimportant,  the  thrust  loss  can  be  made  up  by  the  use  of  reheat,  but  for  transport  aircraft  this 
is  uneconomical. 


As  with  most  aspects  of  aircraft  design,  the  final  choice  will  be  a  compromise  depending  on  the 
existing  circumstances. 

Whatever  the  choice  of  engine  pressure  ratio,  it  is  inevitable  that  the  jet  pipe  pressure 
ratio  will  vary  greatly  throughout  the  flight  (Fig.  li.6).  At  around  2.0M  ^j^will  be  about 

15  whereas  in  hold  or  subsonic  cruise  conditions  it  will  be  as  low  as  2  or  3* 

In  addition  it  must  be  borne  in  mind  that  the  engine  thrust,  or  the  nett  thrust  XkJ  is  the 
difference  between  the  gross  thrust  of  the  jet  Xfl  and  the  air  momentum  drag  /p, 

*  *6-  *-» 

At  H  2.0,  Vx..  2.3,  under  hold  conditions  it  is  also  about  3.  At  subsonic  climb 
conditions  *./4ch  reduces  to  about  /•  2  ,  ibis  is  because  of  the  higher  TET  than  in  hold.  This 
neans  that  in  cruise,  for  example,  c  1?  loss  in  gross  thrust  is  a  2*%  loss  in  nett  thrust. 
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It  can  therefore  be  seen  that  the  combination  of  engine  characteristics  and  flight  dynamics 
mates  the  net  thrust  highly  sensitive  to  the  nozzle  gross  thrust  efficiency  so  that  great  care  is 
needed  to  obtain  the  best  possible  estimate  of  nozzle  performance. 

U.3  Nozzles 

As  outlined  above,  the  conditions  to  which  the  exhaust  system  has  to  adapt  itself  vary  so 
greatly  that  it  is  virtually  impossible  to  avoid  variable  geometry  -  at  least  for  transport  aircraft. 

Cruise  thrust  could  be  maximised  by  expanding  the  gasses  isentropically  in  a  Laval  nozzle 
i.e.  a  convergent-divergent  nozzle  with  the  exit  area  chosen  such  that  the  static  pressure  at  the 
outlet  equals  the  external  back  pressure. 

It  is  however  well  known  that  a  nozzle  of  convergent/divergent  form  exhibits  poor  thrust 
characteristics  at  pressure  ratios  well  below  design.  This  arises  from  a  defect  peculiar  to 
supersonic  flow  and  commonly  referred  to  as  over-expansion.  Despite  the  benefit  which  shock 
induced  separation  confers  on  performance  in  this  region  there  remains  a  substantial  loss.  For 
example  at  an  applied  pressure  ratio  of  3,  a  nozzle  of  design  pressure  ratio  20  would  suffer  a  10? 
fall-off  in  efficiency  under  static  conditions. 

Ch  the  other  hand  the  simple  convergent  nozzle 
which  gives  good  subsonic  performance  may  lose  about  10? 
gross  thrust  i.e.  25?  nett  thrust  relative  to  the  optimum 
Convergent-Divergent  nozzle  at  a  pressure  ratio  of  say  15 
Fig.  U.7. 

Solutions  which  have  been  put  forward  from  tine 
to  time  range  from,  on  the  one  hand,  nozzles  of 
continuously  variable  geometry  which  can  be  modulated  to 
provide  the  correct  area  ratio  in  accordance  with  the 
prevailing  exhaust  pressure  ratio  to,  on  the  other  hand, 
nozzles  of  fixed  outlet  area  incorporating  various 
aerodynamic  techniques  intended  to  prevent  the  jet 
over-expanding  at  selected  conditions  of  operation. 

It  is  not  intended  to  enter  into  this  controversy  in  this  paper.  For  now,  it  is  sufficient 
to  note  that  a  commonly  seen  solution  is  that  shown  diagraramatically  on  Fig.  li.8. 

This  consists  of  a  convergent  primary 
nozzle  which  nay  be  variable  in  arst  either  as  an 
engine  control  or  to  provide  for  re.ieat 
operation;  surrounded  by  a  divergent  section 
with  variable  exit  area  obtained  by  aerodynamic- 
ally  balanced  flaps  or,  as  on  the  production 
Concorde  directly  powered  buckets. 

Ventilating  air  is  supplied  to  the  annular 
gap  between  primary  and  secondary  nozzles,  this 
air  coming  either  from  the  engine  bay  cooling 
air,  or  from  external  sources  with  a  suitable 
Intake. 

The  required  nozzle  exit  area  will 
rarely  be  either  the  same  size  or  shape  as  the 
maximum  nacelle  (or  fuselage)  cross  section,  so 
that  some  degree  of  'boat-tailing'  or  base  area 
will  be  present. 

The  amount  of  base  or  boat-tail  required  will  -/ary  with  the  flight  condition.  At  supersonic 
speeds  the  required  nozzle  exit  area  is  at  a  maximum  (because  of  the  high  overall  pressure  ratio  and, 
for  fighter  aircraft,  the  use  of  reheat).  In  subsonic  conditions  the  required  exit  area  is  much 
lower,  and,  for  optimum  performance,  the  afterbody  must  be  closely  cowled  down  to  this  area  fairing 
over  the  maximum  possible  length. 

The  pressures  on  the  base  (or  boat-tail)  will  be  affected  both  by  airframe  flows  and  by  the 
nozzle  exit  conditions.  This  leads  to  complications  in  the  necessary  testing  techniques  as 
described  below. 
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section  5  -  jaaTOTia:  of  thrust  act  zrag  from  wind  tonnei,  tests 

As  stated  in  the  Introduction,  the  techniques  now  to  be  described  are  not  the  only  ones 
possible.  They  do  however  font  a  consistent  well  documented  set  which  is  common  to  several  parties 
and  which  has  been  proved  to  give  excellent  results. 

These  methods  rely  heavily  upon  component  aerodynamic  characteristics  measured  on  small  scale 
models  in  wind  tunnels. 

The  outline  below  first  gives  the  definition  of  thrust  and  drag  which  is  used  and  this  is 
followed  by  descriptions  of  the  methods  used  to  obtain  each  component. 

5.1  Drag  and  Thrust  Jefinltlons 

The  drag  and  thrust  definitions  are 

(1 )  Aircraft  Drag 

D  '  CD  +  DE  +  DFL  +  J)K0+  Vc  +  \  *  (DS  *  EAI  +  V  +  DP  + 

^exPi:  +  (dexA’p  +  db 

(2)  Nozzle  Thrust 

*0  "  ^VgL  +  ^EXp)!  +  ^EXT^D  *  DB  “  ^TCT^ilP  +  XTD  +  XG03 


(3)  Momentum  Brag 
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-  drag 

-  thrust 

-  mass  flow 

-  true  air  speed 

-  acceleration  due  to  gravity 


-  datum  configuration  (see  Section  3)  below 

-  elevators 

-  flexibility  effects 

-  nose 

-  undercarriage 

-  rue  rs 

-  spillage  (additional  to  free  flow  nacelle  mass  flow  ratio  at  subsonic 
speeds  and  extra  to  first  wedge  spill  at  supersonic  speeds) 

-  Auxiliary  inlet 

-  IXimp  door 

-  parasitic  items  not  represented  on  models 

-  external  to  no2Zle 

-  fully  representative  nozzle  configuration,  tertiary  doors  closed 

-  nozzle  parasitic  items  not  included  on  models 

-  central  base  between  twin  nozzles 

-  gauge  gross  force 

-  global  (in  context  of  nozzle  testing  the  force  measured  on  the  model 

-  tertiary  doors 
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(Cont'd) 

1ST 

-  internal  to  nosxle 

1 

-  compressor  face 

RB 

-  ramp  bleed 

HE 

-  heat  exchanger 

OB 

-  overboard  bleed 

L 

-  leakage 

-  free stream  conditions 

5.2  Datum  Configurations 

Since  It  Is  not  possible  to  test  completely  representative  aircraft  models  with  nacelle  internal 
characteristics  varied  over  the  full  range  of  mass  flow  and  pressure  ratio  through  which  the  powerplant 
operates,  tbs  derivation  of  thrust  and  drag  is  based  on  characteristics  obtained  from  four  sources  :- 

(1 )  Aircraft  models  with  representative  external  geometry  but  non-representative  internal 
flow. 

(2)  In take /air craft  models  with  representative  intake  entry  flow  and  external  geometry 
representation  sufficient  to  give  the  effects  of  wing  flow  field  on  internal  intake 
performance , 

(3)  Engine  bay  models  to  measure  the  internal  pressure  loss  characteristics  of  the  secondary 
system. 

(1*)  Isolated  nozzle  models  with  representative  internal  flow  but  non-representative  external 
flow. 

In  combining  the  characteristics  measured  on  the  models,  (1 )  and  (lr)  above,  use  is  made  of 
common  datum  configurations  to  provide  a  link  between  the  separate  measurements.  The  drag  and  thrust 
definitions  given  above  are  formulated  on  this  basis. 

Datum  configurations  are  also  used  to  minimise  the  amount  of  testing  necessary  to  cover  the 
aerodynamic  characteristics  of  components  incorporating  geometric  variability.  To  test  aircraft 
models  throughout  the  full  operational  range  (Mach  number,  attitude)  with  all  possible  geometric 
configurations  would  lead  to  an  enormous  wind  tunnel  programme  at  prohibitive  cost. 

The  datum  configurations  are  defined  below. 

Aircraft  Model 


The  datum  aircraft  model  incorporates  the  following  components  :- 

(1)  Wing  and  Fin 

Che  'g'  mid-cruise  shape,  elevens  neutral,  Jack  fairings  represented,  undercarriage 
retracted,  undercarriage  fairings  represented. 

(2)  Fuselage 

Hose  in  cruise  configuration,  all  fully  defined  features  represented. 

(3)  Nacelles 

(a)  External 


Direct  scale  of  aircraft  nacelle  including  diverter  system,  first  wedge,  in^ke 
splitter  plate  and  nozzle  afterbody.  The  external  lines  oi  the  nozzle  afterbody 
are  different  for  subsonic  and  supersonic  models,  the  representation  of  the  setting 
of  the  final  petals  on  the  divergence  of  the  nozzle  being 

Subsonic  -  fully  closed  (nininuT,  exit) 

Supersonic  -  fully  open  (maximum  exit) 

Note  that  (i)  items  such  as  thrust  reverser  grills  and  base  between  the  two  nozzles 
are  not  represented  on  aircraft  models  for  supersonic  tests.  The  base  is  represented 
on  subsonic  models,  (ii)  intake  spill  doors  and  auxiliary  intakss  are  closed  on  the 
datum  model. 
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(b)  Internal 

For  subsonic  and  transonic  testing  (intake  control  system  inactive  regime),  free  flow 
nacelles  are  used  giving  mass  flow  ratio  close  to  maximum  continuous  power  requirements 
at  the  high  Mach  numbers.  For  supersonic  testing  (intake  control  system  operative 
regime)  the  datum  configuration  is  such  that  first  wedge  spill  is  represented  on  the 
model.  The  nacelle  exit  geometry  on  supersonic  models  is  not  representative  of  the 
actual  no22le  exit,  a  single  near  rectangular  duet  being  used  to  exhaust  the  flow 
from  the  nacelle  (see  (2)  below).  the  supersonic  models  therefore  have  a  large 
unrepresentative  base  surrounding  the  Jet. 

Noaale  Models 

The  no22le  models  consist  of  a  representation  of  a  single  no22le  with  a  reflection  plate  to 
simulate  the  plane  of  symmetry.  No  attempt  is  made  to  generate  a  representation  of  the  wing  flow 
field.  The  wing/nacelle  representation  is  limited  to  i- 

(1 )  Wing  (Datum  and  actual  models) 

Upper  surface  representative  aft  of  elevon  hinge  line  and  within  the  confines  of  the 
nacelle  sidewall/wing  lower  surface  junction. 

(2)  Datum  Hacelle 

Representative  aft  of  engine  face.  External  shape  is  consistent  with  the  subsonic 
and  supersonic  definitions  given  in  (3)  (a)  above.  Internal  geometry  definition  is 
consistent  with  (3)  (b)  above.  Exit  mass  flow  and  pressure  ratio  are  defined  to  be  the 
same  as  those  measured  on  the  aircraft  models.  Thrust  reverser  grills  are  not  represented. 

(3)  Actual  Hacelle 

External  lines  and  internal  geometry  are  representative  of  the  aircraft  configuration. 
Thrust  reverser  grills  are  represented.  This  model  is  tested  through  a  range  of  primary 
no22le  area,  pressure  ratio  and  secondary  mass  flow  ratio. 

5*3  Derivation  of  Drag  and  Thrust  from  Wind  Tunnel  Models 

The  drag  and  thrust  characteristics,  used  in  Concorde  performance  assessment,  are  based  on 
measurements  made  in  various  facilities. 

These  facilities  operate  at  Reynolds  numbers  substantially  lower  than  those  encountered  in 
flight.  It  is  therefore  necessary  to  correct  the  model  measurements  for  Reynolds  number  effects. 
Particular  attention  is  directed  to  achieving  a  high  degree  of  accuracy  in  assessing  the  corrections 
for  application  to  supersonic  testing,  since  the  effect  of  supersonic  drag  level  (cruise  flight) 
has  a  profound  effect  on  aircraft  mission  performance .  Cta  the  other  hand,  for  subsonic  and 
transonic  drag  derivation,  some  corrections  are  not  considered  since  the  effect  on  mission 
performance  of  errors  at  these  conditions  is  considerably  smaller.  The  basic  corrections  are 

(1 )  Kacelle  Internal  Drag 

Nacelle  internal  drag  and  non-representative  base  drag  is  deducted  from  basic  model 
measurements.  Internal  drag  derivation  depends  on  the  facility  being  used.  Tests 
in  the  RAE  facility  use  exit  flow  survey  and  pressure  integration  to  determine  momentum 
loss  in  the  nacelle  flow.  Tests  in  the  NIP.  facility  use  mass  flow  and  momenta;, 
calibration  of  the  nacelle. 

(2)  Skin  Friction  Drag 

Flat  plate  skin  friction  theory  is  used  to  alculate  skin  friction  drag  as  a  function  of 
Mach  number.  Altitude  and  ambient  temperature  as  discussed  in  Section  Z  .  Application 
at  wind  tunnel  conditions  permits  the  pressure  drag  to  be  obtained. 

(3)  Heat  Transfer 

Calculated  as  an  increment  relative  to  the  zero  heat  transfer  calculations  in  (2)  above 
(see  Section  Z  )• 

(It)  Diverter  Drag 

Pressure  drag  of  the  diverter  varies  with  .out clary  layer  depth.  Linearly  scaled  models 
at  wind  tunnel  Reynolds  numbers  ere  operating  in  a  boundary  layer  thicker  than  will  be 
encountered  in  flight.  Isolated  diverter  models  are  used  to  assess  this  correction 
which  is  applied  only  at  Supersonic  Mach  Numbers. 
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(5)  First  Wedge  Spill  Drag 

Hass  flow  spilled  through  the  first  wedge  shook  increases  ae  boundary  layer  depth 
increases.  Linearly  scaled  mo  dele  at  wind  tunnel  Reynolds  numbers  operate  in  thicker 
boundary  layers  than  encountered  in  flight  and  hence  the  spillage  (and  its  associated 
drag)  are  greater.  Thie  correction  is  applied  to  supersonic  teets  only. 


Aircraft  Drag  -  Component  Contributions 


Examination  of  the  drag  equation.  Section  J.1,  shows  that  a  number  of  component  drags  are 
required  to  assess  the  total  drag  of  the  aircraft.  Some  of  these  will  be  measured  by  component  tests 
on  the  same  models  and  in  the  same  facilities  as  the  datum  configuration  discussed  above.  Other 
components  will  require  special  tests  or  analytical  treatment,  The  derivation  of  the  component  drag 
contributions  is  discussed  below. 


-  Thie  term  is  the  drag  change  due  to  elevator  movement  required  to  trim  the  aeroplane. 

The  basic  aerodynamic  data  used  for  the  trim  calculation  is  obtained  from  the  models 
and  facilities  discussed  above.  It  should  be  noted  that  rigid  aircraft 

data  (including  elevator  effectiveness)  are  used  in  estimating  this  term.  All 
flexible  effects  are  combined  in  the  component  as  below. 

-  Thie  term  represents  the  total  change  in  drag  due  to  the  various  effects  on 
flexibility  including 

(a)  derivation  of  the  basic  camber  distribution  from  the  one  g  mid  cruise  shape 
datum  and  its  effects  on  lift,  pitching  moment  and  drag  polar. 

(b)  flexibility  influence  on  elevator  effectiveness 

Component  tests  on  the  modele  discussed  above  are  used  to  establish  these  items. 

Spillage  drag  is  derived  by  testing  the  datum  modele  discuseed  above  with  a  range  of 
nacelle  flow  varied  by 


(a)  nacelle  blockage  at  subsonic  and  transonic  speeds,  the  fixed  geometry  range 
of  intake  operation 

(b)  representative  second  ramp  geometries  together  with  nacelle  blockage  at 
supersonic  speeds.  The  interference  lift  effect  of  spillage  is  of  course 
determined  bj  the  same  tests. 

-  Tests  on  a  1/6th  scale  model  were  used  to  assess  auxiliary  inlet  drag. 

”  Dump  door  drag  wae  assessed  using  external  drag  measurements  on  a  1/60th  scale  model 
together  with  calculations  of  the  thrust  recovery  of  the  dump  door  exhaust  flow. 

Thie  term  is  non-critical  for  all  missions  of  intereet,  the  dump  door  will  be  closed. 


Parasitic  drag  of  all  items  not  included  in  wind  tunnel  models  is  calculated  using 
experimental  data  where  available  (steps,  gaps,  etc.).  (See  Section  3T  ). 

Item  measured  on  nozzle  tests,  3ee  below 

Nozzle  parasitic  drag  derived  by  same  technique  as  . 


Intake  Performance 


The  delinitive  intake  performance  is  measured  using  intakes  mounted  un-er  partial  wing 
re  pre  sentatior. . 

The  measured  results  need  correction  for 

(1 )  Reynolds  number  -  affects  capture  flow  and  intake  recovery,  corrections  assessed 

from  isolated  intate  models. 

(2)  Diverter  System.  -  the  diverter  height /boundary  layer  depth  ratio  pertaining  to  full 

scale  Reynolde  numbers  cannot  be  achieved  at  wind  tunnel  conditions 
using  a  diroctly  scaled  model.  T^e  wing  profile  in  the  immediate 
vicinity  of  the  intake  is  distorted  to  ensure  that  the  correct 
proportion  of  the  boundary  layer  is  swallowed  by  the  intake. 

5-k  oecor.dary  System  Pressure  Losses 

The  pressure  losses  experienced  by  the  engine  bay  flow  are  measured  on  a  renre sentative  half 
scale  model.  Characteristics  are  measured  for  all  sources  of  flow  into  the  engine  bay  (e.g.  ramp 
bleed,  ground  running  door).  These  results  are  used  directly  in  performance  estimatee  and  resumed 
to  apply  to  all  engine  bays. 
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5.5  Nozzla  Performance 

Nozzle  performance  is  measured  on  small  scale  models  (approximately  1/20th  scale).  These 
models  are  tested  through  the  full  Mach  number  range  from  0  to  2.0M.  Datum  models  are  tested  with 
internal  flows  representative  of  the  flow  in  the  datum  nacelle  used  on  aircraft  models.  Internal 
thrust  and  base  drag  are  corrected  out  of  the  measurements.  Mass  flow  measurements  and  exit  pressure 
surveys  are  used  to  determine  these  corrections.  The  actual  nozzle  model  is  tested  through  a  range 
of  internal  flow  conditions  representative  of  the  full  range  of  possible  engine  settings  at  each 
Mach  number.  In  addition  static  testing  at  internal  conditions  representative  of  supersonic 
cruise  is  carried  out  on  1/1 Oth  scale  models  to  determine  internal  performance  to  a  high  degree  of 
accuracy.  These  measurements  are  used  to  facilitate  the  derivation  of  the  thrust  components.  The 
model  measurements  are  corrected  for  the  non-representative  primary  flow  temperatures  used  in  the 
wind  tunnel  tests  (hot  gas  or  V  effect).  This  correction  is  applied  at  supersonic  conditions 
only,  and  is  derived  by  calculation  of  internal  nozzle  pressure  distributions  for  cold  and  hot 
flows  using  the  method  of  characteristics. 

Two  impoitant  terms  in  the  drag  equation  (section^/  equa.ior  (2)),  associated  with  the  nozzle, 
are 

-  this  term  includes  reverser  cascade  drag  with  leakage  and  any  effect  of  internal  nozzle 
H  flow  on  external  boat-tail  surface 

-  drag  of  central  base  between  twin  nozzles  in  presence  of  nozzle  flow 

Both  items  will  be  functions  of  engine  setting  and  secondary  flow  and  are  determined  from  the 
1/20th  scale  tests. 


SECTION  6  EFFECT  OF  3ESIGN  MISSION  ON  DESIGN  PHILOSOPHY 


This  section  gives  an  outline  of  the  sort  of  decision  processes  that  lead  to  a  definition  of 
an  aircraft  which  will  perform  a  given  mixed  subsonic/supersonic  mission. 

(a)  Supersonic  Transport 

Design  Mission 

As  a  typical  design  mission  consider  the  design  mission  which  was  used  as  a  basis  for 
Concorde 


(i) 

Pre  Take-off 

2650  lb  Fuel 

(Engine  start  ♦  about  10  minutes  idle) 

(ii) 

Take-off 

Brake  release  to  1,000  ft.  12,000  ft  field 

ISA  +1 0°C  Sea  Level 

(ill) 

Climb  Cruise  descend  to 
1,000  ft 

3203  n.m.,  I ♦S°C,  13  kt  headwind.  Cruise  at  about 
2.0M 

(iv) 

Destination  Terminal 
Manoeuvre 

7  minutes  at  200  kt,  1,000  ft. 

(v) 

En-route  Reserves 

5?  BLOCK  FUEL  (i)  *  (ii)  ♦  (ill)  ♦  (iv) 

(vi) 

Destination  Hold 

15  minutes  at  250  kt,  10,000  ft 

(vii) 

Divert  to  Alternate 

270  n.m.,  zero  wind,  0.93M,  36,090  ft  cruise 

(vlii) 

Alternate  Hold 

20  minutes  at  250  kt,  10,000  ft 

(ix) 

Alternate  Terminal 
Manoeuvre 

7  minutes  at  200  kt,  1,000  ft 

(x) 

Final  Reserve 

0.75?  Tankage 

(xi) 

FATLQAD 

NOT  IESS  THAN  20,000  LB  (100  PAI) 

In  the  first  place  it  ray  be  noted  that  although  the  specification  is  for  a  Supersonic 
Transport,  by  far  the  greater  part  of  the  requirements  concern  the  subsonic  operation.  It  will  be 
seen  later  that  this  is  no  accident  -  about  25?  of  the  total  fuel  load  will  eventually  be  designated 
for  subsonic  conditions  and  fuel  reserves. 

Next  it  will  be  noted  that  the  mission  calls  for  a  prolonged  supersonic  cruise  at  around  2.C!i. 
This  choice  of  cruise  Mach  number  has  important  repercussions  on  the  design  of  the  wing,  the  power- 
plant  and  the  structure  which  will  be  discussed  below.  Finally,  the  specification  contains  no 
specific  requirements  for  airfield  noise.  The  exclusion  of  such  8  requirement  has  had  an  important 
effect  on  the  definition  of  wing  and  powerplant  -  the  effect  of  including  such  an  item  is  also  briefly 
discussed  later. 
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Thera  is  no  specific  requirement  for  Direct  Operating  Costs  (DOC).  In  effect  the 
requirement  is  to  reduce  these  to  an  absolute  minimum,  and  as  a  first  order  criterion,  this  may  be 
taken  as  minimising  the  required  take-off  veight. 

General  Configuration 

The  actual  configuration  is  of  course  arrived  at  by  successive  iterations  over  a  long  period 
of  time  -  Concorde  took  about  eight  years  from  the  back  of  an  envelope  to  freezing  the  definition  of 
the  production  aircraft,  the  Boeing  2707  at  the  time  of  cancellation  had  been  und'.'  study  for 

twelve  years. 

The  design  process  must  start  with  a  consideration  of  the  cruise  requirements.  The  need  to 
cruise  at  2.0M  immediately  specifies  that  the  aircraft  will  need  a  wing  leading  edge  sweep  of  the 
order  of  60  -  65°  in  order  to  maintain  subsonic  leading  edge  conditions  which  past  experience  shows 
to  be  a  desirable  condition  for  low  drag. 

It  is  well  known  that  wings  with  this  sort  of  sweep  have  a  lew  lift  curve  slope,  which  in  turn 
implies  that  to  obtain  the  desirable  low  speeds  for  take  -  off  and  landing  with  a  fixed  geometiy 
either  the  wing  loading  must  be  low  and/or  the  incidence  must  be  much  larger  than  that  of  todays 
aircraft. 


The  classical  method  of  reducing  take-off  and  landing  speeds  is  to  use  trailing  edge  flaps. 

To  do  this  however  there  must  be  an  auxiliary  lifting  surface  -  either  a  tail  or  a  canard  which  can  be 
used  to  trim  the  associated  pitching  moments.  The  alternative  method;  that  of  using  variable  wing 
sweep,  also  requires  the  use  of  another  lifting  surface.  All  of  these  propn *•. i »  rust  be  examined, 
but  before  this  can  h»  i?  nsssssary  to  examine  the  cruise  requirements  in  more  detail. 


In  Section  2,  the  supersonic  drag  was  given  as 
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k.  —  i  for  an  elliptical  uhordwise  loading  but  in  general  can  be 


slender  wing 
less  than  unity. 


For  non-slender  configurations  and  fo-  more  sophisticated  estimates  of  slender  aircraft  it  will 


be  necessary  to  evaluate 
described  in  Section  2. 


®£V«W/  »  using  a  stable  computer  calculation  method  as 


It  can  bt  seen  at  once  that  whereas  in  subsonic  conditions  the  maximum  I/D  (in  the  simplest 
terms)  comes  from  associating  minimum  wetted  area  with  maximum  span  i.e.  high  aspect  ratio;  the 
supersonic  case  is  more  complicated. 

To  maximise  the  supersonic  I/D  the  following  features  are  necessary 


lew  wing  area 

low  total  volume  ) 

) 

Large  length  ) 

large  span 

Long  lifting  length 
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It  is  obvious  that  these  requirements  conflict  to  a  much  greater  extent  than  in  purely 
subsonic  design 

1.  Considerations  of  low  volume  lead  to  a  configuration  with  discrete  wing  and  body 
components  rather  than  an  'integrated'  configuration.  However  these  components 
must  at  least  be  integrated  sufficiently  to  give  the  smooth  area  distribution 
required  to  minimise  and  a  smooth  lift  distribution  to  give  low  Arv  end  kw  . 

2.  The  requirement  for  a  long  lifting  length  leads  to  a  fuselage  designed  for  'narrow' 
rather  than  'wide  body'  seating. 

3.  High  span  for  reduced  vortex  drag  and  a  long  lifting  length  are  associated  by  the  wing 
leading  edge  sweep  requirements  and  taken  together  are  in  direct  conflict  with  the  need 
to  minimise  the  wetted  area. 

h.  The  need  for  low  wetted  area  is  in  conflict  with  the  low  wing  loading  required  to  keep 
take-off  and  landing  speeds  to  a  minimum. 


General  considerations  of  this  sort  lead  to  a  configuration  of  the  sort  shown  in  fig.  6.1 . 

Putting  'good'  values  of  the  various  coefficients  into  the  oquations  and  making  a  parametric 
study  gives  the  results  shown  in  Fig.  6.2. 

The  optimum  is  seen  to  be  about  0.35  leading  to  an  optimum  span/length  ratio  of  O.li 

at  2. OH 


The  subsonic  aerodynamics  of  the  design  must  now  be  examined  using  whatever  theories/data 
sheets/empirical  correlations  that  the  designer  has  at  his  disposal.  For  slender  wings  it  is 
reasonable  to  use  standard  methods  e.g.  E.S.D.U.  data  sheets  for  'form'  drag,  but  for  the  induced 
drag,  it  will  be  necessary  to  make  some  approximation  based  on  past  experience,  with  due  allowance 
being  made  for  the  effects  of  wing  camber  on  the  incidence  for  attached  leading  edge  flow,  and  with 
varying  ' K'  factors  depending  on  whether  or  not  the  flow  can  be  considered  to  be  attached  at  the 
leading  edge.  Fig.  6.3  shows  typical  variations  of  K  for  plane  wings  i.e.  flow  detached.  Wings 
with  high  L£  droops  can  obtain  reductions  in  Induced  drag  of  up  to  20 j  but  at  the  expense  of 
increased  supersonic  drag. 

It  is  assumed  that  for  simplicity  that  one  unique  polar  applies  to  all  subsonic  conditions 
and  that  the  available  thrust  always  allows  ( l/V! )ftxi  t0  be  used,  except  where  speed  conditions  are 
specified. 

For  a  first  iteration  it  is  assumed  that  the  profile  drag  is  related  by  a  simple  factor  to 
the  skin  fraction  drag,  and  that  the  induced  drag  is  105  less  than  the  plane  wing  value  given  in 

Fig.  6.3. 


Fig.  6 .it  shows  the  variation  of  I/D^AX  411(1  VI)  at  250  kts  (with  a  weight  which  will  be  defined 
later)  with  Aspect  Ratio. 

While  this  simplified  approach  can  be  used  to  choose  the  initial,  datum,  configuration  more 
work  will  be  needed  to  make  a  fine  optimisation  between  subsonic  and  supersonic  requirements.  This 
inevitably  will  rely  heavily  on  wind  tunnel  tests. 

The  aerodynamic  drag  information  is  now  available,  and  it  is  necessary  to  study  the  power- 
plant  philosophy. 

An  outline  of  the  elements  of  supersonic  powerplant  design  has  Been  given  in  Section  6. 

For  the  cruise  Mach  number  being  considered  it  will  be  a  natter  of  fine  judgement  for  the  designer 
to  decide  If  he  will  opt  for  the  relative  simplicity  of  the  p -e dominant ly  external  compression  intake 
and  accept  the  drag  penalty,  or  for  the  drag  gains  of  a  mixed  compression  intake  and  accept  the 
complexity.  For  higher  Mach  numbers,  say  2.5  plus,  there  is  little  doubt  that  he  will  choose  a 
mixsd  or  internal  compression  intake. 

For  the  case  discussed  here  it  will  be  assumed  that  the  choice  is  a  three  shock  intake  with 
external  compression  giving  a  recovery  of  9h%  at  2. CM  and  985  subsonic  (Fig.  d.2  with  2%  diffuser 
losses). 


The  choice  of  engine  cycle  is  again  a  fine  drawn  compromise.  The  pure  jet  engine,  as  shown 
in  Fig.  1».5  can  produce  the  good  values  of  specific  thrust  which  are  required  to  minimise  tht 
powerplant  frontal  area  (and  hence  volume  and  wave  drag).  However  the  basic  s.f.c.  will  be 
inferior  to  that  of  an  engine  with  a  modest  bypass  ratio,  and  the  take-off  noise  for  a  given  thrust 
will  also  be  higher. 

With  the  mission  definition  given  above,  the  choice  goes  to  the  pure  turbojet.  If  present 
day  noise  regulations  were  added  to  the  mission  definition  the  balance  would  probably  be  in  favour 
of  some  form  cf  bypass  engine,  although  there  would  be  great  pressure  on  the  engine  designer  to 
achieve  high  mass  flow  for  minimum  frontal  area. 
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Despite  the  arguments  t*ich  haw  been  bandied  about  over  Mveral  Tears,  it  would  seen 
today  that  there  is  little  to  choose  between  the  performance  of  various  nozsle  designs.  The 
cruise  efficiency  can  be  raised  to  very  high  levels  (circa  99 .SO  if  the  expansion  angles  are  kept 
relatively  low  l.«.  a  long  noxsle.  The  subsonic  losses  priaarlly  depend  on  the  area  of  the 
engine  Jet  pipe  relative  to  the  area  of  the  secondary  nozzle  in  its  subsonic  position  and  the 
■dvdng  length  between  primary  and  final  nozzle  stations  l.e.  a  short  nozsle.  1  nozzle  design  which 
pernits  the  secondary  nozzle  closure  to  be  spread  over  a  long  length  of  afterbody  while  still 
Maintaining  a  short  nixing  length  will  be  best,  but  the  weigh  t/pe  rf  oraanoe  balance  must  be 
carefully  watched.  A  typical  variation  of  nozzle  loss  through  t  nixsd  subsonic/ supersonic  flight 
plan  le  given  in  Pig.  6.5. 

Typical  Installed  a.f.c's  for  a  pure  Jet  engine  are  shown  in  Fig.  6.6.  These  installation 
loases  art  relative  to  a  datun  configuration  as  defiatd  in  Section  5.  It  will  therefore  be 
necessary  to  allow  for  the  basic  nacelle  drag  in  confuting  the  drag  polar.  If  It  is  assunsd  that  for 
a  given  state  of  the  art  the  nacelle  cross-section  per  unit  thrust  will  be  roughly  constant  than  the 
nacelle  drag,  which  is  proportional  to  naoellt  cross- section,  can  be  taken  as  proportional  to  the 
thrust  required  i.e.  the  nacelle  drag  can  be  represented  by  a  percentage  increase  In  the  bare 
airfraae  drag.  For  an  initial  assessment  s  value  of  6%  will  be  assumed. 

Stmcturee  and  Weights 


Strictly,  the  analysis  of  aircraft  structure  is  no  part  of  this  presentation.  However  in 
order  to  examine  the  influence  of  the  design  mission  it  Is  necessary  to  at  least  give  a  cursory 
discussion  of  the  problem. 

In  the  first  place,  the  choice  of  ?.0M  as  a  cruise  Mach  number  limits  the  stagnation 
temperature  (ISA*5°C  deg)  to  COO0*  (127°C).  This  allows  the  use  of  aluminium  alloy  construction 
which  has  the  advantage  of  cashing  many  years  experience. 

Secondly,  and  most  important,  it  is  a  fact  that  the  payload  fraction  of  a  supersonic 
transport  (which  is  operating  cn  the  fringes  of  what  Is  possible)  will  be  much  smaller  than  that  of 
todays  airliners.  Consequently  the  premium  paid  for  structural  inefficiency  is  much  greater. 

At  the  sane  tine,  several  desirable  aerodynamic  design  features  of  an  S5T  are  acting  against 
the  designer.  For  example  structure  weight  will  tend  to  be  increased  by  I- 

Haduced  wing  thickness/chard  ratio 

Increased  nose  overhang 

Increased  take-off/landing  attitude  (undercarriage  weight) 

Ihese  effects  are  to  sons  extant  offset  by  the  low  aspect  ratio  of  the  wing. 

On  the  systems  side,  the  increased  avionics  complexity,  air  conditioning  and  hydraulic 
-equiraner.ts  -rill  also  contribute  to  the  weight  growth  spiral. 

"or  the  power-plant,  the  much  more  complex  intake  and  nozzle  arrange manta  will  subtract  their 
quota  from  the  available  payload  fraction. 

In  order  to  get  a  first  appreciation  of  the  design  problems,  let  us  assume  that  the  weight 
can  be  represented  by  the  following  grossly  over-simplified  breakdown  • 


Wing  weight 

Fuselage  weight  (including  systems  and  furnishing) 
Fin  weight 
Undercarriage  weight 

Pcwerplant  (including  intake  and  nozzle)* 

Payload 


8  lb/ft 
350  lb/ft  run 

6  lb/ft 2 
hi  TO U 

750  lb  per  sq.ft,  cruise  drag 
25,000  lb 


It  is  assumed  that  the  powerplant  weight  is  proportional  to  cruise  thrust  i.e.  to  drag 
and  a  con -.anient  ^parameter  in  the  analysis  (see  below)  is  drag/ipUlJ»ich  has  the 


dimensions  of  ft" . 


Assessment 


With  the  elements  assembled,  it  is  now  possible  to  examine  the  effect  of  nu-iou s  parameters 
on  the  design. 


We  shall  stud;-  a  family  of  aircraft  with  a  given  fuselage  length  and  diameter  associated  with 
wings  of  J,CnC,  u,0CC  and  3, COO  ft-  permuted  with  aspect  ratios  of  1.0,  1  .h  and  1.3  to  get  a  first 
idea  of  the  problem. 
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Stint  some  simple  ideas  of  target  I/D  and  i.f.e.  together  with  an  equivalent  still  air 
rarge  at  2. CM,  we  find  that  a  King  velum*  of  Ii,500  -  5,000  ft3  will  ba  required  for  fuel,  and  that 
with  a  200  ft  loaf  lift  disaster  fuselage  with  100  ft  parallal  sentre  ssctlon  and  a  fin  10$  of 
tha  wing  araa,  tha  total  volume  will  ba  of  tha  order  23,500  -  2lt,500  ft3. 

Ha  expressions  of  Section  2  art  then  used  to  evaluate  I/D  for  each  lumber  of  thb  family, 
and  taken  an  Installed  s.f.c.  of  1.2  (Pig.  6.6),  with  an  equivalent  still  air  range  of  5,000  n.mls. 
tha  ratio  of  start  of  cruise  /end  of  cruise  weight  is  obtained  using  tha  Breguet  range  formula. 

Ths  end  of  cruise  wjl£it  can  be  calculated  fron  tbs  weight  expressions  given  above,  leading  to  a 
variation  of  required  TOW  for  ths  'supersonic'  mission  as  shown  on  Fig.  6.7. 

This  suggests  that  an  aircraft  optimised  solely  on  the  supersonic  cruise  condition  would  have 
about  3,000  ft*  wing  ansa  and  an  aspect  ratio  of  about  1.6.  It  should  be  noted  that  implicit 
in  this  optimum  Is  ths  offset  of  varying  wing  and  powerplant  weights. 

Bo  optimum  aircraft  does  not  in  general  cruise  at  I/Dmj  bvt  »t  some  lower  value  which  reduoes 
the  required  powerplant  weight  and  jives  a  lower  overall  TOW  than  that  obtained  by  flight  at  I/Dn/Ut* 

If  one  now  Includes  ths  sffset  of  subsenic  conditions,  ths  picture  changes  slightly. 

To  simplify  things  a  bit,  we  will  assume  that  the  original  mission  can  be  represented  by  the 
following 

200  n.mls.  at  h50  Icta  IAS  at  I/Dhax  (subsonic  climb) 

3790  n.mls.  at  1 1$0  ids  IAS  at  I/D  defined  above  (ineludss  affect  of  headwind  and  5$  block 

fuel  reserves) 

300  n.mls.  at  U50  lets  T AS  at  I/D^j  (diversion  cruise) 

1  hr  at  250  kts  at  ZFW  *  12,000  lb  (amalgamates!  of  thres  holding  cases  -  12,000  lb 

is  first  guess  at  mean  holding  fuel  load) 

Using  tbs  subsonic  characteristics  given  previously,  the  required  TOW  is  as  shown  on  Fig.  6.8. 

It  is  now  seen  that  the  optimum  wing  area  is  still  about  3,000  ft 2  but  the  optimum  Aspect  Ratio 
has  Increased  to  over  1.8.  In  practice  the  take-off  requirements  will  demand  a  wing  area  in 
excess  of  3,000  ft*  and,  as  may  be  eeen,  the  penalty  for  this  need  not  be  large. 

From  this  point  on,  the  design  process  Is  one  of  continual  refinement  of  the  iterative 
procedure.  For  exaiqile,  the  assumption  of  constant  wing  weight  par  unit  area  would  certainly  be 
challenged,  slnoe  weight  would  be  expected  to  vary  with  span  and  t/c  at  a  given  area.  This  weald 
probably  reduce  the  optimum  aspect  ratio. 

Equally,  the  assumption  that  systems  weights  can  be  lumped  together  In  an  affective  fuselage 
weight  per  ft  is  a  grots  over-simplification.  In  practioe  the  fusslage  length  would  be  optimised 
for  length  on  a  drag/weight  basis,  and  for  this  a  more  sophisticated  model  of  the  weight  would  be 
required. 

With  tha  cruise  thrust  requirement  specified,  the  powerplant  can  be  sized  and  the  design  optimised 
etc.  etc. 

Enough  has  bean  said  to  show  that  the  problem  of  supersonic  transport  design  is,  in  essence,  one 
cf  compromise  between  conflicting  subsonic  and  supersonic  requirements.  As  will  be  aesn  in  the  next 
section,  this  problem  is  not  oonflned  to  supersonic  transports. 

(b)  Combat  aircraft  -  Contribution  by  WJ).  Borsfleld  and  B.R.A.  Burns,  British  Aircraft 
Corporation,  Military  Aircraft  Division 

Design  Specification 

A  typical  design  specification  might  be  as  follows  1- 

Taks-off  to  50  ft  and  landing  within  2,000  metre  field 

300  n.als.  range  including  100  n.mls  at  0.9M  with  5  min*,  at  maximum  power  at  0.9M  carrying 

specified  weapon  load 

Supersonic  capability  with  Maximum  Mach  number  greater  than  say  2.0. 

Specific  excess  power  greater  than  1-  700  ft/stc  at  S.L.  1g 

200  ft/sec  at  10,000  ft,  0.?H,  6g 
150  ft/see  at  1.5H,  36,000  ft,  1g 

Time  to  hO, 000  ft/1 .8m  less  than  1.5  mins. 

Design  IJi.  at  least  750  kts 

Detip]  Normal  'g'  8.5 

Attainable  normal  'g '  at  LOO  lets  at  least  h 

In  addition  the  specification  may  define  tyre  size  and/or  pressure,  the  number  of  guns  and 
rounds  of  ammunition  to  be  carried,  the  missile  load  (usually  exceeded  later)  the  fatigue  life  and 
radar /navigation  equipment  to  be  carried. 


It  win  b«  seen  from  this  that  the  design  considerations  for  a  supersonic  fighter  differ 
froa  those  of  the  previous  example  In  that  s- 

i)  The  fighter  has  no  single  supersonic  design  point  at  which  maximum  aerodynamic 

efficiency  is  required.  It  must  perform  efficiently  over  a  wide  range  of  Mach  number  - 
typically  1.2  to  2.0,  and  incidence  -  up  to  20°. 

il)  The  fighter's  structure  and  its  stabilising  and  control  surfaces  are  designed  by 
manoeuvre  requirements  e.g.  *6  -3g  and  1 90°/aec  roll  rate ;  rather  than  by  gust  and 
system  malfunction  considerations. 

It  is  evident  from  vhat  has  been  stated  earlier,  that  for  efficient  superranic  flight  liw 
frontal  area  is  required.  Consequently  for  this  role,  the  weapon  load  will  be  kept  to  a  minim.-m. 

In  addition  a  thin  low  aspect  ratio  highly  swept  wing  is  desirable,  but  as  will  be  seen  later,  th- 
nay  conflict  with  the  needs  of  airfield  performance. 

B(y  its  very  nature,  the  fighter  requires  a  very  high  thrust/weight  ratio  -  typically  0.7  to 
1.0  and  this  gives  rise  to  major  difficulties  in  integrating  the  intake,  engine  and  nozzle  into  the 
design.  The  powerplant  size  is  very  large  compared  with  the  general  size  of  the  aircraft  and 
dominates  the  layout. 

There  is  generally  a  critical  section  around  the  C.C.  where  the  requirements  of  fuel  and 
undercarriage  stowage,  wing,  air  intake  duet  and  installation  of  essential  services  all  conflict 
with  the  need  to  minimise  frontal  area. 

At  the  rear  of  the  fuselage  the  need  for  an  all  moving  tall  (necessary  for  supersonic 
manoeuvre),  a  stiff  fin  with  a  substantial  rudder  plus  the  thrust  reve rae r/para chute  Installation, 
reheat  and  arrester  hook  all  add  their  quota  of  volume.  At  the  sane  time,  as  mentioned  in  the 
powerplant  section,  there  can  be  very  large  subsonic  drag  if  the  afterbody  is  not  closely  faired 
town  to  the  cold  nozzle  area. 

At  the  o tiler  end  of  the  aircraft,  the  intake,  pilot,  radar,  guns/weapons,  aerials  and  pitot 
systems  all  require  forward  looking  area  as  bluff  as  possible  while  the  supersonic  requirements  demand 
fine  angles  and  long  fairings. 

All  this  adds  up  to  a  design  which  must  concentrate  on  the  supersonic  performance  and  then  be 
optimised  as  far  as  possible  to  get  reasonable  subsonic  performance  using  flaps/slats/variable 
geometry /parachute  to  meet  airfield  requirements,  and,  as  in  the  supersonic  transport,  subsonic  and 
supersonic  requirements  are  in  basic  conflict. 

Sons  ftrfornmnce  C.vial derations 

A  typical  weight  breakdown  and  fuel  breakdown  of  a  supersonic  fighter  and  its  interception 
mission  are  shown  in  figure  6.9.  The  small  fixed  wight  fraction  (Armament,  Crew  and  Support 
Systems,  Avionics),  totalling  12J  means  that  the  design  is  very  sensitive  in  the  project  stage  to 
changes  in  the  performance  requirements.  It  is  noted  also  that  although  only  1 2%  of  the  mission  time 
is  spent  supersonically,  1*0  «  of  the  fuel  is  used  in  this  time. 

Figure  6.10  illustrates  the  primary  interactions.  Design  wing  loading  is  dictated  by  either 
combat  or  airfield  performance  requirements  and  largely  controls  the  airframe  wight  fraction. 
Powerplant  wight  is  dependent  primarily  on  the  thrust/wight  ratio  required  to  satisfy  Maximum  M, 

SEP  (Specific  excess  pcwer  T-D/W  x  7)  and  sustained  'g'  requirements .  It  is  influenced  also  by  the 
choice  of  design  by-pass  ratio  and  reheat  boost.  Their  effects  on  engine  wight  and  fuel  wight  are 
opposite,  as  shown  in  figure  6.10.  Increasing  by-pass  ratio  gives  a  more  efficient  but  heavier 
engine;  increasing  reheat  boost  gives  a  lighter  but  thirstier  ermine.  These  features  must  therefore 
be  carefully  chosen  to  give  the  mininun  total  powrplant  +  fuel  wight  in  the  design  mission. 

Finally  (figure  6.10)  the  fuel  fraction  is  influenced  largely  by  the  radius  of  action  and 
maximum  Mach  number  requirements  and  is  dependant  also  on  the  wing  design  parameters. 

The  small  fixed  wight  fraction  means  also  that  aircraft  size  is  sensitive  to  variations  in 
drag  and  wight.  This  is  expressed  by  a  growth  factor,  illustrated  in  figure  6.12  as  a  function  of 
fixed  wight  fraction.  For  the  example  quoted  the  growth  factor  is  about  8;  in  other  words  for 
every  kilogram  of  wight  added  locally  or  of  fuel  added  to  overcome  drag  without  detriment  to 
performance,  the  take -off  wight  increases  by  8  kg.  This  demands  very  close  attention  to  wight 
and  drag  control  to  achieve  an  efficient  and  cost-effective  design.  It  requires  also  the  correct 
balance  between  subsonic  and  supersonic  design  optimisation,  particularly  where  the  trends  are 
conflicting.  For  example  figure  6,13  shows  how  wing  design  parameter  variations  affect  the 
relationship  betwen  supersonic  and  subsonic  combat  performance,  indicating  that  increasing  swep 
is  the  way  to  go.  Howver,  figure  6.1b  shears  that  increasing  sweep  is  strongly  detrimental  to 
take-off  distance  would  demand  increased  wing  area  to  restore  performance,  negating  the  benefit 
of  Increased  sweep  in  combat  performance. 

Figure  6.15  illustrates  the  breakdown  of  profile  drag  for  a  typical  supersonic  fighter  and 
figure  6.16  the  sensitivity  of  climb  and  acceleration  performance  to  profile  drag  (amongst  other 
things).  To  cite  one  example,  halving  excrescnece  drag  (scoops,  aerials,  etc.)  results  in  a  drag 
saving  of  U2,  yielding  Si  reduction  in  time  to  climb  and  accelerate. 


Manosuvrablllty  Considerations 


It  is  rare  for  wing  lift  limits  to  dictate  supersonic  manoeuvrability;  except  at  low 
supersede  speed.  More  often  it  is  the  excessive  longitudinal  stability  combined  with  diminishing 
tailplaae  effectiveness  at  high  supersonic  speed  which  defines  the  maximum  trimmable  incidence, 
or  tailplaae  size  I."  achieve  a  required  limit.  A  typical  picture  is  shown  by  the  sliaded  area  in 
figure  6.17. 

In  addition  to  longitudinal  control,  lateral/dtrectional  stability  can  constitute  a  limit  to 
usable  incidence.  At  increasing  supersonic  speed  the  effectiveness  of  the  fin  as  a  stabiliser 
reduces  steeply,  due  to  its  diminishing  lift  slope  and  due  to  aeroeiastic  distortion,  with  increasing 
incidence  its  effectiveness  is  further  reduced,  due  to  botfcr  an C  wing  vortex  Interference.  The 
design  case  for  sizing  the  fin  is  therefore  lively  to  be  at  high  superscnic  speed,  high  C.A.S.,  high 
g/incldence,  as  illustrated  in  Figure  6.1 8.  Shown  -Iso  are  typical  relative  sizes  of  fin  required 
to  satisfactory  rapid  rolling  characteristics  at  Mgh  »g»,  compared  with  the  fin  size  required  for 
adequate  handling  qualities  In  1g  flight. 
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SUMMARY 

For  a  number  of  direct  calculation  methods  for  the  prediction  of  flows 
around  wings  at  subsonic  epeed,  the  basic  assumptions  are  discussed.  This 
forms  the  basis  of  the  demonstration  of  the  applicability  of  the  methods - 
Comparison  of  calculated  pressure  distributions  with  results  from  wind- 
tunnel  tests  serve  to  illustrate  thie  for  three-dimensional  wings  and  for 
the  limiting  case  of  plans  flowe  around  aerofoils. 

Attention  is  paid  to  ths  use  of  inverse  methods.  In  thie  context  the  use  cf 
hodograph  methods  for  the  design  of  aerofoils  with  transonic  shockfree  flew 
is  diecussed. 


1.  INTRODUCTION 

In  principle  aerodynamic  design  methods  coneiet  of  iterative  processes  in  which  alternately 
simulation  of  flows  around  bodies  by  means  of  (mostly  digital)  computers  and  expsriments  with  models 
in  windtunnsls  are  used.  Finally  a  vsrification  in  free  flight  takes  place  from  which  it  car.  bscome  clsar 
that  it  is  necessary  to  improve  on  the  design  by  means  of  the  original  process  again.  Ths  design  process 
in  general  ie  complicated  because  the  aircraft  hae  to  be  operated  eafely  and  economically  under  a  number 
of  quits  different  conditions.  Besides  an  interaction  takes  place  of  structural  and  aerodynamic 
considerations.  Very  often  ths  expression  "design  method"  is  used  for  only  the  simulation  of  the  flow  by 
meane  of  a  digital  computer.  In  the  following  ths  expression  "calculation  method"  will  bs  used  to  indicate 
this. 

For  stationary  flow  important  aerodynamic  characteristics  of  the  wing  are  lift,  drag  and  pitching 
moment  as  functione  of  angle  of  attack  and  flight  epeed.  For  the  iterativs  dseign  procsse  of  the  wing  it 
ie  essential  to  have  detailed  knowledge  of  the  relation  of  the  results  of  calculation  methods,  model 
experiments  in  windtunnels  and  free  flight  tests.  In  the  present  paper  attention  will  be  paid  to  the 
relation  of  results  of  calculation  methods  and  tunnel  experiments.  Differences  between  calculated  and 
measured  results  are  caused  by  simplifications  in  the  flow  models  uidorlying  the  calculation  methods.  The 
differences  strongly  depsnd  on  ths  geometry  and  flow  cond-tions.  As  a  consequsnce  any  appraisal  of 
calculation  methods  depsnde  on  parametsrs  that  determine  these  quantities. 

The  discussions  in  the  present  paper  will  be  restricted  to  subsonic  compressible  flows  around 
swept  wings.  Much  attention  will  be  paid  to  the  limiting  case  of  plane  flow  around  aerofoil  shapes  because 
this  can  give  insight  in  many  characteristics  of  calculation  methods  for  three-dimensional  wings.  The  model 
of  the  flow  that  underlies  the  methods  that  will  bs  discussed  ie  such  that  viscosity  ie  neglected.  Further 
the  flow  ie  assumed  to  bs  irrotational .  This  leads  to  potential  flow  with  a  potentials)  from  which  velocity 
components  in  any  coordinate  direction  can  be  obtained  by  differentiation  with  respect  to  the  coordinate. 
The  assumption  of  potential  flow  makes  that  flow  separation  and  strong  shock  waves  cannot  be  simulated  by 
the  modele.  One  well  known  exception  ie  formed  by  separation  at  eharp  trailing  sdges  of  wir.gs  that  is 
rsprssented  by  a  layer  behind  the  wing  across  which  a  jump  in  potential  exists. 

Most  of  the  calculation  methods  that  will  be  discussed  are  euch  that  for  a  given  geometry  the 
flow  ie  caluulatsd.  Ths  method  for  euch  cases  is  nailed  a  direst  method.  When  the  geometry  is  a  result  of 
the  computation  ths  method  will  bs  called  an  inverse  method. 

An  important  reason  to  make  use  of  direct  calculation  methods  in  the  dssign  process  is  that  when 
the  computer  programme  is  available  the  flexibility  of  the  calculation  with  respect  to  change  of  wing 
geometry  ie  much  larger  than  the  flexibility  of  model  manufacture  for  tests  in  windtunnels.  Moreover 
computers  are  much  more  generally  available  than  windtunnels. 

In  addition  to  this  the  direct  calculation  methods  in  principle  can  be  rsgarded  as  sets  of  rules 
that  describe  fluid  flow.  As  such  the  methods  are  very  ueeful  as  guides  for  finding  a  shape  with 
appropriate  aerodynamic  characteristics.  Part  of  this  process  often  is  the  analysis  of  experimental  results 
by  comparison  with  results  of  calculations .  This  comparison  for  example  can  serve  to  distinguish  bstween 
potential  flow  effects  and  viscous  effects.  It  will  bs  clear  that  experiments  ars  essential  tools  to 
determine  the  charactsristics  of  the  configuration  to  bs  designed  in  flows  that  are  outside  the  range  of 
applicability  of  ths  calculation  methods.  It  has  been  trisd  to  illustrats  the  combinsd  use  of  calculation 
msthode  and  experiments  m  the  diagram  below  (fig.  l).  It  can  be  ssen  in  this  figurs  that  me  dssign 
process  in  principle  ie  a  trial  ar.d  error  process. 
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Simplified  representation  of  the  aerodynamic  design  process  with  direct  calculation 
methods. 


The  shape  by  which  the  design  process  of  fig.  1  is  started,  often  is  ootained  partly  or  in  total 
by  means  of  inverse  methods,  in  that  case  the  designer  has  specific  ideas  about  the  required  pressure 
distribution  cr  load  distribution  at  the  design  condition.  Also  under  these  circumstances  the  design 
process  is  a  trial  and  eiror  procsss  because  a  desirable  flow  not  always  appears  to  be  related  to  a 
feasible  shape  and  because  a  check  at  the  off-deeign  conditions  may  show  that  the  design  has  to  be  improved. 
One  of  the  most  important  applications  of  an  inverse  method  nowadays  is  the  technique  by  which  aerofoils 
with  shock  free  transonic  flow  are  obtained  via  the  choice  of  flow  characteristics  in  the  hodograph  plane 
and  transformation  of  the  flow  and  the  related  shape  to  the  physical  plane. 

The  characteristics  of  calculation  methods  are  defined  by  the  basic  assumption  with  regard  to  the 
mathematical  representation  of  the  behaviour  of  the  flow,  the  boundary  conditions  that  are  fulfilled  on 
the  wing-surface  and  at  infinity  and  the  numerical  treatment  of  the  partial  differential  equations  that 
form  part  of  the  mathematical  flow  model.  For  the  details  of  the  numerical  procedures  in  ths  various 
methods  that  will  be  discuseed  reference  will  be  made  to  the  papers  in  which  the  methods  are  described. 
Further  it  can  be  mentioned  that  of  most  methods  numerical  details  have  been  presented  earlier  in  the 
coursee  on  numsrical  fluid  dynamics  pressnted  at  the  Von  Karman  Institute. 

2.  DISCUSSION  OF  SIMPLIFICATIONS  OF  POTENTIAL  THEORY  IN  THE  VARIOUS  EXISTING  CALCULATION  METHODS. 


Inviscid  compressible  flow  is  described  by  the  conservation  o'  mass,  momentum  and  energy. 
Furthermore  there  holds  the  equation  of  state  of  the  flow  medium.  When  the  flow  is  assumed  irrotational  it 
is  possible  to  define  a  potential  $  The  derivative  of  the  potential  in  any  direction  is  equal  to  the 
component  of  the  velocity  in  that  direction.  The  flow  around  a  wing  that  moves  in  air  with  a  constant  speed 
can  be  considered  as  an  undisturbed  flow  with  velocity  L’^,  at  infinity  upstream  with  a  perturbation, 
induced  by  the  wing,  that  is  defined  oy  a  perturbation  potential  f .  When  the  x-axis  of  an  orthogonal  axis 
system  vx,y,t)  1®  chosen  in  the  direction  of  U„ and  when  gravity  forces  arc  neglected,  the  exact  equation 
for  the  perturbation  potential  ie  (ref.  l): 
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In  this  equation  is  the  Machnumber  of  the  undisturbed  flow. 

The  condition  that  the  wing  forms  a  streamline  body  in  the  flow  is: 
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whsre  n  is  the  local  unit  outward  normal  to  the  surface  of  the  wing. 

For  all  applications  of  potential  theory  to  calculate  ths  flow  around  wings  with  sharp  trailing 
edge  it  is  necessary  to  introduce  ths  Kutta  condition  that  guarantees  that  ths  flow  leaves  the  trailing 
edge  smoothly.  In  real  flow  this  is  the  result  of  viscosity  effects  that  prsvent  that  a  discontinuity  in 
the  velocity  field  arises  at  sharp  edges.  The  circulation  around  the  wine  is  dstennineJ  by  the  Kutta 
condition.  The  result  of  ths  circulation  is  that  a  surface  exists  behind  ths  wing  across  which  there  is  a 
jump  AY’  in  ths  potential.  Because  no  forces  can  act  on  this  wake  -face  it  is  aligned  with  the  local 
velocity. 

WING  SURFACE 


AT  INFINITY 


The  model  for  the  flow  around  a  wing. 


The  equation  for  the  perturbation  potential  is  non-linear.  As  a  consequence  it  is  not  possible  to 
find  a  general  analytical  method  of  solution  of  this  flow  problem.  In  most  calculations  use  is  made  of 
simplifications  of  the  potential  equation  and/or  the  boundary  condition.  The  simplifications  are  based  on 
assumptions  with  regard  to  the  magnitude  of  the  perturbation  velocity  components  in  comparison  with  U— and 
with  regard  to  the  Machnumber  M  .  In  the  following  sections  some  simplifications  will  be  discussed. 
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2.1  Simplifications  of  ths  potential  equation. 


When  all  terms  at  the  right  hand  side  of  eq.  (l)  may  he  neglected  in  comparison  with  those  at 
left  hand  side,  that  contain  no  perturbation  velocities,  eq.  (l)  reduces  to  the  linear  equation 
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In  the  following  attention  will  hs  paid  to  the  -elutions  of  eq.  (3)  for  piano  flow  that  fulfil  the 
boundary  condition  eq.  (2)  on  the  surface  of  the  wing  exactly.  From  the  results  conclusions  can  be  drawn 
with  respect  to  the  desirability  to  extend  the  approach  to  three-dimensional  flows.  The  judgement  will  be 
based  on  comparison  of  results  with  exact  solutions  of  the  full  potential  equation. 

In  most  methods  to  solve  eq.  (3)  use  is  made  of  similarity  rules  by  which  solutions  of  eq.  (3) 
and  boundary  condition  eq.  (2)  are  related  to  solutiors  of  the  equation  for  incompressible  flow 
(K*,  ”0  in  eq.  (l)  ): 
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Here  n'  is  the  local  unit  outward  normal  to  the  wing  in  the  if' (x1 ,y* , z’ )  flow.  The  advantage  is  that  the 
solution  of  eq.  (4)  and  sq.  (2a)  can  be  determined  slightly  easier.  However  it  is  not  possible  to  find  a 
simple  set  of  simularity  rules  that  result  in  a  solution  of  the  flow  described  by  eq.  (3)  that  fulfil® 
the  boundary  condition  eq.  (2)  exactly. 

Eq.  (4)  can  be  obtained  from  sq.  (3)  by  introduction  of: 


According  to  the  boundary  condition  eq.  (2)  the  wing  has  to  be  a  Btreacline  surface  in  the  compressible 
flow  5°(x,y,  z).  It  is  not  possible  to  realise  that  also  in  the  incompressible  analogous  flow  the  wing,  that 
is  transformsd  according  to  eq.  (3a)  is  a  streamline  surface.  The  best  approximation  is  obtained  by  making 
sure  that  the  perturbation  velocities  in  y  and  z  direction  are  transformed  in  the  same  way  as  the  y  and  z 
coordinate.  This  is  the  case  when 
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The  streamline  analogy  then  is  obtained  when  can  be  neglectBd  on  the  Burface  in  comparison  with  ti,- 
This  in  principle  already  was  assumed  when  eq.  (3)  waB  introduced.  The  assumption  is  violated  near  blunt 
leading  edges.  This  leads  to  errors,  especially  when  »Mis  not  Bmall  compared  to  unity,  when  the 
ce'  pressible  >r(x,y,z)  flow  is  related  according  to  sq,  (3a, b)  to  an  incompressible  ,y’ , z' )  flow  that 

fulfils  eq.  (2a)  at  the  surface  of  the  analogous  wing.  However,  errors  due  to  this  effect  are  surpassed 
by  other  errors  due  to  neglecting  the  right  hand  sjde  of  eq.  (l).  In  this  equation  e.g.  thel^S  term 
becomes  of  the  same  order  of  magnitude  aa  the  term  at  the  left  side  when  M_approache» 

unity.  z 

The  transformation  via  eq.  (3a, b)  is  called  the  Cfdthsrt  rule.  According  to  thess  equations 
perturbation  velocities  in  compress- ble  flow  can  bs  obtained  from  perturbation  velocities  on  an  analogous 
configuration  in  the  incompressible  flow  f'(x',y',z’)  according  to: 
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With  the  velocity  V  from 


the  pressure  coefficient  Cp  ie 
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^»1.4i  the  ratio  of  epecific  heate  of  air. 

Especially  when  the  local  Machnumber  in  the  compreee'ble  flow  approachee  unity  large  discrepan- 
ciee  occur  between  results  that  fulfill  eq.  (l)  and  results  of  the  linearized  eq.  (3).  In  view  of  this 
in  section  3-4  attention  will  be  paid  to  methods  in  which  eq.  (6)  is  supplemented  with  semi -empirical 
corrections  for  the  differences  between  the  actual  potential  equation  and  the  approximation  eq.  (3). 

It  is  not  necessary  in  principle  to  determine  the  j O  (x^y'jz1)  flow  in  such  a  .ay  that  the 
boundary  conditior  eq.  (2a)  is  fulfilled  exactly.  In  section  2.2  various  simplifications  of  the  boundary 
condition  will  be  discussed. 

In  view  of  the  shortcomings  of  linearized  theory  and  the  undesirable  arbitrariness  of  semi- 
empirical  corrections,  attention  will  be  paid  in  section  3.3  to  a  second  order  theory  of  Gretler  for  plane 
flow  that  leads  to  simple  formulas.  In  this  theory  all  terns  in  eq.  (l)  that  contain  squares  of  perturbation 
velocities  are  neglected  whereas  all  teims  containing  first  powers  are  taken  into  account.  The  concerning 
potential  equation  is  the  two-dimensional  limiting  case  of: 


+  2  w  2-5  dV  +  2  M  ^  —  'Z<l° 

Also  in  the  concerning  theory  the  boundary  condition  is  taken  into  account  up  to  second  order  accuracy  in 
the  perturbation  velocities  and  aerofoil  coordinates  in  thickness  di-ection.  When  this  would  appear  to 
lead  to  useful  results  it  might  be  considered  desirable  to  extend  the  approach  to  three-dimensional  flow. 
This  would  be  far  more  attractive  then  the  use  of  semi -empirical  corrections  for  compressibility  effects 
that  has  been  mentioned  above. 

There  al3o  exist  methods  in  which  choices  are  made  of  terms  in  the  right  hand  side  of  eq.  (l)  in 
euch  a  way  that  optimum  results  can  be  expected  for  certain  cases.  These  lead  to  small  perturbation 
equations  in  which  all  terms  are  taken  into  account  that  for  the  casee  under  consideration  can  be  expected 
to  be  of  the  se  s  order  of  magnitude.  For  three-dineneior.al  wings  with  sweep  angles  larger  than  about  15 
and  local  supersonic  flow  regions  it  however  appears  that  in  principle  all  terms  in  eq.  (l)  have  to  be 
taken  into  account.  Methods  to  solve  eq.  (1)  do  not  exist  yet  for  three-dimensional  wings. 

General  methode  to  determi’ e  theee  solutions  up  to  now  only  exiet  for  plane  flows. 

One  way  to  obtain  full  solutions  of  eq,  (l)  for  plane  flows  is  that  via  the  hodograph  trans¬ 
formation  that  can  be  applied  as  an  inverse  method  to  determine  aerofoil  shapes  with  shock  free  transonic 
flow  at  the  design  condition.  Another  way  ic  application  of  finite  difference  techniques.  It  has  appeared 
that  it  ie  possible  then  to  calculate  details  of  flows  with  shocks. 

2.2  Simplifications  of  the  boundary  condition. 

When  the  potential  equation  is  linearized  for  /  0  it  is  consistent  aleo  to  linearize  the 
boundary  condition.  This  can  lead  to  less  analytical  work  in  the  development  of  the  calculation  methode 
and  less  computational  work  for  the  applications.  When  the  surface  of  the  wing  is  described  by  an  equation 
of  the  form  g(x,y,z)«0,  the  boundary  condition  eq.  (2)  can  be  writtsn: 

«-*!?>  «> 

Thie  equation  has  to  be  eatisfied  on  the  surface.  Now  the  wing  dimensions  are  such  that  ^TTK).  Further  it 
ie  possible  to  neglect  in  comparison  with  Uw  as  has  been  done  already  in  the  derivation  of  the  Gothert 
rule  in  section  2.1. 

When  ^  is  developed  in  powers  of  z  ar.d  when  all  terms  after  the  first  are  neglected,  the  boundary  conditio 
eq.  (9/  reduces  to: 
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It  can  be  said  that  in  eq.  (10)  the  boundary  condition  .a  applied  in  the  plane  of  the  wing  (upper  and  lower 
side).  It  will  be  clear  that  eq.  (10)  cannot  be  applied  to  fuselages.  For  those  shapee  ifi  ca-not  be 
neglected  and  near  the  axis  the  development  of  |!j  in  power  eeries  is  not  poseible.  - 

Apart  from  sq.  (10)  a  number  of  other  simplifications  of  the  boundary  condition  eq.  (9)  are  used 
in  various  calculation  methods.  One  of  theee  is  the  application  of  the  correct  condition  in  the  chordal 
plana.  Thie  for  instance  simplifies  the  construction  of  the  network  ir.  finite  difference  methods.  Further 
a  Beeond  order  boundary  condition  with  respect  to  wing  coordinates  and  perturbation  velocities  is  used  in 
the  eecond  order  theory  of  Gretler  of  which  some  results  will  be  di3cuseed  in  the  following. 

3.  THE  APPLICABILITY  CF  VARIOUS  METHODS  FOR  SUBCRITICAL  FLOW. 

3.1  Linearised  lifting  surface  theory. 

Linearisation  of  the  potential  equation  and  the  boundary  condition  leads  to  linearised  lifting 
eurface  theory  when  also  thicknees  effects  are  neglected.  This  theory  is  still  being  treated  by  a  large 
number  of  people.  Application  of  fast  computsra  has  stimulated  recent  developments  that  have  increased  the 
flexibility  of  the  linearised  lifting  eurface  methods  with  regard  to  the  shape  of  the  wing  planform.  In 
some  cases  it  has  been  made  possioic  ''an  to  treat  combinations  of  lifting  surfaces  as  wing  a  ’d  tail. 

Most  methods  by  which  the  load  distribution  on  wings  according  to  linearised  lifting  surface  thvory  can  be 
determined  lead  to  an  integral  equation  for  the  load  distribution/iCp(x,y) : 

^Cp(x,,y‘)  K  (x,y 'ty 1 )  dS  (ll) 

wing 

planform  S 

Mathematically  one  of  the  main  problems  is  that  the  kernel  functron  K  is  highly  singular.  Two  numerical 
approaches  to  solve  eq.  (ll)  can  be  distinguished  roughly:  the  loading  function  method  (LoFuMe)  and  the 
loading  element  method  (LoElMe). 

In  the  LoFuMe  the  load  distribution  is  reprssentsd  by  series  appropriate  functions  of  which  the 
coefficients  are  determined  by  fulfilling  eq.  (11)  in  a  number  of  selected  collocation  pointe. 

The  distribution  of  these  points  on  ths  wing  plan  form  la  optimised  mathematically  in  relation  to  the 
character  of  the  functions  chosen.  The  Katta  condition  is  introduced  by  choosing  the  l  —i>y  functions  in 
such  a  way  that  :^Cp=0  at  the  trailing  edge  t-  -:irg. 

Ths  LoElMe  is  bassd  on  the  assumption  teat  a  wing  plan  form  can  be  detruded  into  a  number  of  panels 
at  et.ch  of  which  the  loading  is  a  prescribed  Bimple  function  of  the  x  and  y  coordinates.  The  magnitude  of 
ths  i'v -ction  is  determined  by  fulfilling  eq.  (ll)  in  a  collocation  point  in  each  element  This  can  be  done 
in  such  a  way  that  it  appears  that  the  flow  automatically  fulfi’*.?  the  Kutta  condition  at  the  trailing 
edge. 

In  fig.  3  below  the  principles  of  beth  methods  are  illustrated.  In  ref.  2  numerical  details  of 
examples  cf  both  methods  are  described  by  Labrujire  (BLR),  'fhe  LoFuMe  in  ref.  2  is  that  of  Zardbergen 
(NLR  ref.  3)  for  which  it  is  required  that  the  wing  plan  form  has  edges  with  a  continuous  radius  of 
curvature.  For  wings  with  kinks  in  the  leading  edge  —  trailing  edge  a  procedure  for  rounding  off  the 
kinks  is  presented  in  ref.  3-  Increase  of  accuracy  cf  the  solution  requires  increase  of  the  number  of 
terms  in  the  series  of  loading  functions  and  consequently  incisase  of  the  system  of  linsar  equations  that 
must  be  solved. 


LOADING 
<ACP>  L 


COLLOCATION 

a.  representation  of  load  distribution  b. 

by  means  of  loading  functions 
(LoFuMe) 

fig.  3 

Solution  of  the  integral  equation  of  linearised  lifting  surface  theory  by  prescribing  the 
flow  direction  parallel  to  the  wir.g  surface  in  a  limited  number  of  collocation  points. 


LOADING 
<*C„ 


POINTS 


representation  of  load  distribution 
by  piecB-wise  constant  funct:  ,ns 
(LoElMe) 


6-7 


Because  the  fund. sum  used  for  the  series  representation  of  ^Cp  fora  a  complete  system,  any  solution  of 
the  integral  equation  can  be  approximated  as  accurately  as  deaired  in  thia  way.  The  accuracy  of  the  method 
has  beer,  deaonetrated  amongst  others  by  application  to  a  circular  wing  for  which  exact  results  of  linearized 
lifting  surface  theory  have  been  determined  by  Van  Spiegel  (SLR  ref.  4).  A  demonstration  of  this  type 
however  does  not  lead  to  an  appraisal  of  the  method  in  view  of  the  use  in  the  design  process  indicated  m 
fig.  1.  For  this  at  least  comparison  with  experimental  results  ie  required  also.  Some  interesting 
information  concerning  this  can  be  found  in  ref.  5  (Gamer,  RAE)  as  part  of  an  analysis  of  the  applicability 
of  a  lifting  surface  theory  that  is  the  result  of  combining  the  Unearned  lifting  surface  theory  of  ref.  3 
with  results  of  second  order  theory  for  plane  flows  around  aerofoils.  In  fig.  4  below  for  spanwise  station 
7“ 0.383  of  two  wings  the  ohordwise  loading,  in  terms  of  the  local  lift  coefficient  Cm,  according  to 
linearized  lifting  surface  theory  ie  compared  with  experimental  results.  At  the  left  hand  side  of  fig.  4 
results  are  presented  for  a  wing  with  c  9  {(  thick  RAE  101  section  in  the  direction  of  the  undisturbed  flow. 
At  the  right  hand  side  results  for  a  similar  wing  with  a  J  {(  thick  RAE  101  section  are  presented. 


fig.  4 


Chordwise  loading  *t  0.383  as  fractions  of  local  lift  (Garner  ref.  5)* 


The  reeulte  ir.  fig.  4  illustrate  the  type  of  discrepancies  between  results  cf  linearized  lifting 
surface  theory  and  experimental  results  for  wings  with  finite  thicic.ess  and  blunt  leading  edge.  In  the 
theory  the  first  of  the  loading  functions  ie  such  that  rear  the  leading  edge  where  x,  is 

the  local  x-coordinate  of  the  leading  edge.  This  singularity  represents  correctly  the  behaviour  of  plane 
potential  flow  around  a  sharp  leading  edge.  Ir.  the  experiments  use  is  made  of  a  wing  with  a  blunt  leading 
eCge  on  which  the  loading  remains  finite.  Further  thickr.ess-lift  interaction  effects  ere  preeer.t  in  the 
experiment  because  the  wing  has  finite  thickness.  As  a  result  the  loading  in  the  experiment  is  larger  up¬ 
stream  of  the  point  of  maximum  thickness  of  the  aerofoil  and  is  smaller  downstream  of  this  point  ir. 
comparison  with  linearized  theory. 

In  total,  the  lift  ie  underestimated  by  linearized  theory  in  comparison  with  full  potential 
theory.  Ir.  comparison  with  experimental  results  differences  are  smaller  as  a  result  of  the  fact  that  in 
the  experiments  the  boundary  layer  effects  causa  s  loss  in  lift. 

The  thiclciess-lift  inti.'ctior.  varies  ir.  spar.wise  direction  for  a  wing  as  shown  i r.  fig.  4.  This 
only  car.  be  studied  by  comparison  of  results  of  linearized  theory  with  reeults  from  theories  that  »ake 
into  account  the  boundary  conditions  better.  The  variation  of  boundary  layer  effects  ir.  spar.wise  direction 
in  the  experiments  obecure  the  variation  of  thickness-lift  i-teraotior.  effects  m  the  comparison  of 
experimental  results  with  reeults  of  linearized  lifting  surface  theory.  In  ref.  5  some  information  is 
presented  With  regard  to  an  estimation  of  thickr.eas-lift  interaction  as  s  function  of  spanwise  position 
for  the  wirg  of  fig.  d. 

It  should  be  mentioned  that  especially  for  wings  as  shown  m  fig.  4  in  the  experiment,  for  angles 
of  attack  larger  than  about  5  ,  nor.-linear  effects  are  introduced  in  the  tip  region  by  a  leading  edge 
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vortex.  In  the  present  paper  no  methods  will  be  discussed  that  contain  »  mechanism  that  represents  these 
vortices,  nevertheless  it  is  useful  to  look  at  the  predicted  and  measured  local  lift  coefficients  for 
different  spvr.se  locations  and  the  variation  of  the  position  of  the  aerodynamic  centre  in  spanvise 
direction.  The  asm  reason  to  do  this  for  this  wing  is  that  very  accurate  experimental  reeults  are 
available  that  ire  obtained  with  a  large  number  of  pressure  measuring  points  on  the  wing  model.  This 
causes  errors  in  the  integrated  values  of  local  pitching  moment  and  local  lift  coefficient  to  be  smaller 
than  in  most  cues  where  experimental  reeults  are  taken  from  models  that  hsve  been  used  in  an  actual 
design  process.  In  fig.  5  the  reeults  are  presented  for  the  spanwise  lift  distribution  and  position  of 
the  aerodynamic  centre. 


cll/° 

(RAD'1) 


— 

-  LoFuMe 

I  X 

EXP.  y/.  RAE  101 

EXP  9 •/.  RAE  101 

fig-  5 

Calculated  and  Deaaured  spanwise  distributions  of  lift  slope  and  aerodynamic  centre, 
(ref.  5) 


In  fig.  6  some  results  are  preaented  that  were  obtained  many  years  ago  at  KLR.  It  concerns  the 
comparison  of  calculated  load  distributions  from  the  Lo?uSe  with  experimental  distributions  for  a  wing  of 
a  wing— body  combination  with  and  without  nacelles  mounted  at  the  fuselage  downstream  of  the  wing.  In  the 
calculation  the  bcdysidt  was  treated  at  a  reflection  plane.  To  represent  the  effect  of  the  nacelles  in  s 
simple  wsy  use  wu  made  of  the  possibility  to  add  solutions  of  the  linearised  potential  equation.  Oie  of 
these  solutions  ii  that  of  the  source  flow.  In  the  calculation  the  nacelle  was  repreeented  by  a  single 
source  sbove  and  downatream  of  the  wing.  This  generates  a  streamline  bodv  that  extends  in  downetream 
direction  to  infinity.  In  view  of  this  the  source  can  be  regarded  to  repceeer.t  the  displacement  effect  of 
the  nacelle  together  with  its  wake  in  the  experiment.  The  source  generates  perturbation  velocities  in 
vertical  direction  st  the  projection  plane  of  the  wing,  equal  1  c  0  r source  . 


6-9 


Sow  for  th*  determination  of  tha  load  diatribution ACp  with  aq.  (ll)  the  value  aouree  la  added  to  the 
angla  of  attack  and  eaaber  effect  in  the  left  hand  side  of  this  equation. 

Result*  for  the  configuration  with  and  without  nacelle*  are  presented  in  fig.  6.  For  the  sake  of  complete- 
ness  in  fig.  6b  al*o  the  effect  of  the  nacelle*  on  the  lift  distribution  is  given  a*  it  follows  from  the 
calculation. 

It  will  be  clear  that  th*  applicability  of  th*  aasusprtion  that  th*  fuselage  side  acts  as  a 
reflection  plan*  strongly  depends  on  th*  angle  of  attack  of  the  configuration  and  the  vertical  position  of 
the  wing  with  respect  to  th*  fuselage.  For  the  low  wing  configuration  of  fig.  6  th*  angle  of  attack  induced 
by  th*  fuselage  near  the  wing  root  is  small  so  that  the  effect  of  th*  fuselage  is  represented  rather  good 
by  th*  reflection  plane,  also  when  the  angle  of  attack  of  th*  fuselage  differs  from  zero. 


fig.  6 

Calculated  and  measured  lift  distribution  or.  wing-body  combination  with  and  without 
nacelle. 

To  introduce  th*  loading  element  method  (LoEIXe)  it  can  be  mentioned  that  it  is  possible  to  ob¬ 
tain  solution*  of  potential  flows  that  are  determined  by  the  linear  eq.  (4),  by  addin,;  elementary 
solutions  of  this  equation.  An  elementary  solution  is  a  source  layer  that  introduces  a  jump  in  normal 
derivative  of  th*  potential  across  th*  layer  that  is  proportional  to  th*  source  strength.  Other  elementary 
solutions  are  a  doublet  layer  that  introduce*  a  jump  in  potential  that  is  proportional  to  th*  doublet 
strength  and  a  vortex  layer  that  introduces  a  jump  in  the  tangential  derivative  of  the  potential  across 
th*  layer  that  is  proportional  to  th*  vortex  strength.  Instead  of  continuous  distributions  also  discrete 
sources,  doublets  and  vortex  lines  can  be  used  in  approximate  discretisationsof  th*  continuous  distributions. 
It  is  attractive  to  look  at  th*  LoEIXe  and  th*  panel  methods  to  be  diecusaed  later  aa  being  baaed  on  the 
application  of  distributions  of  singularltiss  in  continuous  or  discrett  form. 

In  linsarlsad  lifting  surfac*  thsory  th*  lift  is  induced  by  s  pressure  JunpACp  scroe*  the 
projection  S  of  the  wing  on  s  plane  tangential  to  This  pressure  jump  is  due  to  s  discontinuity  in  the 
tengentisl  velocity  scroe*  th*  plan*.  This  diicontinuity  can  be  repreeentad  by  a  doublet  distribution 
with  their  axis  normal  to  the  plane.  However,  m  a  velocity  potential  solution  th*  pressure  jump  is  related 
to  th*  first  derivative  of  the  doublet  etrength.  In  view  of  this  it  is  convenient  to  represent  the  preeaure 
jiaap  by  means  of  a  vortax  distribution  of  which  ths  strength  is  directly  related  to  th*  pressure  jump. 

Quit*  different  from  th*  LoFuM*  the  LoElMe  leaves  a  large  number  of  freedoms  to  the  user.  He  can 
choose  vorticity  distribution  and  collocation  ncinte  In  on  easy  way.  In  view  of  this  a  moro  detailed 
discussion  of  the  LoEIXe  seems  to  be  useful  within  th*  (cope  of  the  present  paper. 

Th*  loading  element  method  that  will  be  described  is  baeed  on  the  ides  of  FalJccer  (l?43)  to  use 
discrete  vortex  lines  (ir.etead  of  continuous  vortsx  laysrs)  for  the  repreeentation  of  the  effect  of  a  wing 
according  to  linearised  theory.  Thi*  method  is  formulated  in  view  of  automatic  computation  by  Hedmv.  fFEA, 
rtf.  6).  It  is  assumed  that  the  main  behaviour  of  the  load  distribution  in  chordwise  direction  over  the 
main  part  of  tha  wing  is  slailar  to  that  in  plane  flow  around  an  infinitely  thin  aerofoil. 

The  vorticity  vector  ^  in  the  vortex  sheet  on  th*  projection  of  the  wing  plsnfora  in  the  (x.y)- 
plane  is  defined  ss  the  vector  product  of  the  unit  vector  normal  to  the  (x,y) -plane  and  the  difference 
vector  of  the  velocities  just  above  and  below  th*  eheet.  The  componenti  of  this  vector  can  se  expressed  ss: 

Jr  x  •  -  { 0  ~  0  j 
fry-  fa  ~0 

s.-c 


(12) 
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Her*  the  +  sign  refer*  to  t ne  side  of  the  (x,y/-plane  with  positive  values  of  the  z-coordin»te. 
lie  -  sign  refers  to  the  other  side  of  the  (x,y)-plane.  Helmholtz'  law  says  that  lines  of  constant 
vorticity  in  potential  flow  form  closed  contours.  When  the  vortex  system  is  such  that  at  the  wing  trailing 
edge  the  Kutta  condition  is  fulfilled,  a  sheet  of  vorticee  leaves  the  trailing  edge  in  downstream  direction 
as  a  consequence  of  this  law.  Because  the  pressure  jump  across  the  wake  sheet  has  to  be  zero  the  vortex 
lines  in  principle  have  to  be  aligned  with  streamlines.  To  simplify  the  mathematical  model  in  first 
instance  straight  lines  are  taken  such  that  *C  at  the  sheet  and  consequently  fa  only  varies  with  y  a- 
the  sheet.  To  avoid  also  that  both  fa  and  have  to  be  determined  in  the  plane  of  the  wing  the  direction 
of  the  vortices  in  the  plane  of  the  wing  aleo  is  chosen  a  priori.*  vortex  system  that  has  proved  to  be 
highly  successful  is  presented  in  fig.  7  below.  It  is  based  on  a  division  of  the  wing  plan  form  in  chord- 
wise  strips,  each  divided  in  quadrilateral  panels  that  in  the  limit  can  become  triangularly  shaped. 


The  influence  of  each  vortex  element  on  the  tf- can  be  determined  in  each  point  of  the  wing  plan 
form  at  some  distance  from  the  vortex  elements  by  the  Biot-Savart  law.  In  the  LoElMe  the  unknown  vorticity 
strenghts  are  determined  by  application  of  the  boundary  condition  eq.  (10)  in  a  collocation  point  in  each 
panel.  From  an  analysis  of  James  (Douglas,  ref.  7)  and  of  ref.  2  it  can  be  concluded  that  probably  an 
optimum  descretisation  is  obtained  with  panels  of  equal  chord  for  each  epanwise  position  and  in  each  panel 
a  vortex  line  at  £  of  the  panel  chord  and  a  collocation  point  at  $  of  thischoid  in  the  middle  in  spanwi 'e 
direction. 

From  the  description  of  the  method  it  will  be  clear  that  the  quality  of  the  LoElKe  Solution  of 
linearized  lifting  surface  theory  strongly  depends  on  the  choice  of  the  panel  distribution.  This  has  to  be 
done  in  such  a  way  that  the  vortex  direction  that  is  connected  with  this  choice  deviatee  as  less  as 
possible  from  the  direction  that  would  be  the  reeult  of  a  proper  solution  of  the  problen  without  an  a 
prion  choice  of  that  direction.  In  relation  to  this  in  ref.  2  it  has  been  shown  that  for  the  circular 
wing  with  the  LoElKe  that  is  described,  the  proper  eolution  for  lift  and  pitching  moment  cannot  be  obtained. 
The  uoElMe  can  be  regarded  to  be  less  suited  for  application  to  planforms  with  strongly  curved  edges. 

Because  results  cf  linearized  lifting  eurfacs  theory  already  have  been  compared  with  experimental  results 
in  this  section  an  appraisal  of  the  LoElKe  is  possible  by  a  comparison  with  the  LoFuKe  with  regard  to  the 
possibility  to  reach  the  correct  solution  of  linearized  theory  with  increaeing  number  of  collocation  points. 
A  result  of  this  comparison  is  presented  in  fig.  6  together  with  an  indication  of  relative  computing  time 
needed.  It  can  be  mentioned  that  the  CDC  3300  by  which  the  results  have  been  obtained  is  a  batch  processing 
computer.  The  wall  clock  time  needed  for  the  calculations  on  this  computer  is  about  10  times  longer  than 
the  amount  of  system  seconds  needed  on  a  CDC  6600  multiproceeeing  computer. 

The  term  C{aC,rr(c.t  in  fig.  6  needs  eome  clarification.  For  the  various  planforms  that  are  indicated  in  the 
figure  the  definition  le  different:  For  the  circular  wing  CLcorrect  refer*  to  the  results  of  Van  Spiegel 
(ref.  4) |  for  the  rectangular  wing  it  is  the  result  of  the  LoFuKe  with  a  number  of  collocation  points  for 
which  a  full  solution  can  be  expected.  For  the  ewept  wing  the  results  of  the  LoFuKe  are  influenced  by  the 
rounding  off  of  the  centre  line  kink.  This  rounding  off  becomee  smaller  with  increasing  number  of  spar.wise 
collocation  points.  It  cannot  be  expected  in  principle  that  with  the  LoFuKe  "exact"  results  can  be  obtained 
for  tkie  case.  Or.  the  other  hand  it  cannot  be  predicted  for  what  panel  distribution  an 
exact  solution  of  the  theory  is  obtained  with  the  LoElKe  for  a  ewept  wing.  For  the  ewept  wing  CLcorrect  ;n 
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ERROR  *b 


a.  Th«  of  th«  LoFuK«  *nd 

th#  LoEUU  tzpr««wMl  in  t«ra>  of 
trrcr  parc«nt*f»  as  •  function  of 
th«  iuabor  of  collocation  points. 


ERROR* 


tho  LoClNo  *rpr«_**d  in  toras  of 
•rror  porcontafs  as  function  of  tbo 
coaoutln*  tias. 

8 


The  influence  of  the  number  of  collocation  points  in  the  LoElMe  and  the  loFuMe  on  the 
accuracy  of  the  solution  and  the  ctxputing  time  (Labrujtre  ref.  2). 


fig.  8  ref  ora  to  the  value  that  results  from  extrapolation  of  the  reeults  of  both  methods. 

It  ie  relatively  easy  to  organise  the  computer  programme  for  application  of  the  LoElMe  in  euch  a 
way  that  the  flexibility  of  the  method  can  be  used  to  determine  the  load  on  a  combination  of  wings  such  as 
wing  and  horizontal  tail  plane.  The  value  of  theee  solutions  however  is  limited  because  no  fuselage  effect 
can  be  taken  into  account  and  in  the  method  as  such  no  allowance  is  mad*  for  the  displacement  of  the  wake 
of  the  wing  that  for  many  configurations  influences  the  load  on  the  tail  downetream.  At  several  places 
calculation  methods  are  being  developed  by  which  it  is  possible  to  determine  the  deformation  of  the  vortex 
sheet  euch  that  the  vorticity  vector  is  aligned  with  the  local  velocity  vector.  Mostly  the  methods  are 
based  on  an  iterative  procedure  in  which  in  each  step  a  new  shape  of  the  discrete  vortices  is  determined. 
Although  in  som-,  cases  it  appears  to  be  possible  to  obtain  satisfactory  agreement  between  experimental 
and  numerical  results  as  in  ref.  8  (LabrujSre  and  De  Vries,  SLR)  the  methods  cannot  be  considered  as 
standard  design  toole  yet.  For  wings  at  moderate  angle  of  attack  and  without  deflected  flaps  the  effect  of 
the  wake  displacement  on  the  wing  loading  is  small. 

One  other  aspect  of  the  applicability  of  the  LoElMe  is  worthwile  to  be  mentioned.  This  concerns 
cases  in  which  the  slope  of  the  thin-wing  surface  contains  a  discontinuity  such  as  occurs  at  the  hinge 
line  of  deflected  central  surfaces.  Because  limitations  of  the  number  of  elements  to  describe  the  surface 
ie  deej'^ble  is  view  of  computation  time,  it  seems  attractive  to  use  for  this  problem  a  non-equidis.  art 
element  distribution.  A  large  density  of  panels  then  is  applied  near  the  hinge  line  where  maximum  gradients 
inACp  ma  be  expected.  These  thoughts  have  been  the  basis  of  the  results  of  the  LoElMe  that  are  presented 
ir.  fig.  9a  for  a  flat  plate  at  angle  of  attack  of •  1  rad.  in  plane  flow.  For  this  case  the  results  of  the 
LoElMe  can  be  compared  with  an  exact  loading  distribution  that  is  for  this  case 
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The  LoElMe  has  been  applied  with  a  non-equidiatant  element  distribution  that  is  indicated  in  fig.  ?»•  The 
results  that  have  been  obtained  from  unpublished  work  at  NLR  (Bennekers  and  Roos)  show  a  peculiar 
oscillation  near  -  0.625  where  tho  minimum  panel  width  is  chosen.  From  this  it  can  be  concluded  that 

c 

it  is  better  to  avoid  non-equiclistant  elements.  For  a  fiat  plate  the  loading  element  method  gives  exact 
results  with  32  equidistant  elements. 

It  is  possible  to  obtain  exact  results  for  a  flat  plate  with  deflected  flip  in  incompressible  flow 
by  means  of  the  steady  limiting  case  of  the  method  presented  by  Ewaan  (NLR,  ref.  9).  In  this  method  a 
version  of  the  LoFuMe  le  described  that  is  based  on  expansion  techniques  to  represent  the  behaviour  of  the 
flow  r.ear  the  hinge  axis.  In  fig.  3b  results  of  the  LoElMe  are  compared  with  exact  results  of  the  LoFuMe 
for  this  case.  It  appears  that  by  means  of  the  LoElMe  m  a  simple  way  results  can  be  obtained  that  are 
comparable  with  results  of  the  LoFuMe  that  is  based  on  much  more  analytical  work.  This  is  a.so  the  case 
for  three^imensional  flow. 

The  importance  of  the  Unearned  lifting  surface  theory  at  the  mccer.t  is  larger  for  the  study  of 
unsteady  flow  phenomena  generated  by  deformation  of  structures  and  oscillating  control  surfaces,  than  for 
steady  flows.  An  exception  is  formed  by  the  inverse  version  of  the  LoElMe  that  is  being  used  frequently  to 
generate  part  of  the  input  of  the  design  process  m  fig.  1.  This  concerns  the  camber  surf  ace  when  the 
designer  has  specific  ideas  about  the  required  load  distribution  on  a  configuration  or  on  a  part  of  it. 

Ir.  those  cases  however  mostly  also  a  version  of  a  direct  method  is  applied  by  which  it  is  possible  to 
calculate  details  of  the  pressure  distribution  or,  thick  wings.  In  those  case3  the  inverse  LoElMe  and  the 
direct  method  are  used  alternately  to  generate  the  camber  surface  ir.  an  iterative  way. 

The  semi-empirical  direct  method  that  is  described  m  section  3.4  is  adequate  for  this  type  of  design 
procedure.  For  a  better  understanding  of  the  need  to  make  use  of  such  a  semi-empirical  method  first  two 
methods  with  a  more  r.gorouu  mathematical  basis  will  be  described. 
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a.  non-equidistant  element  distribution 
fl*p  angle  -  0 


b.  equidistant  element  distribution 
flap  angle  /  0 


fig.  9 

Comparieon  of  loading  distribution  obtained  with  the  LoElMe  and  the  LoFuMe  for  plane 
flow. 


3.2  Linearized  potential  equation  and  exact  boundary  conditions. 

It  has  been  ehown  by  Zandbergen  {unpubliehed  NU?  work,  1968)  that  solut:ons  of  the  linear  eo .  (3) 

c.n  b;  obtained  for  the  exact  boundary  condition  eq.  (2)  making  use  of  distributions  of  singularities.  The 
con  iv.ter  programme  for  thia  solution  ie  presented  m  ref.  10  (labrujire  and  Schipholt,  KLR)  for  plane  flow. 
Th  work  formed  part  of  orient ativi'  invest igatione  within  the  scheme  of  the  development  of  a  -c-i-empirical 
c /thod  at  NLR.  The  approach  ie  baeed  on  the  traneformation  of  eq.  (3)  into  eq.  (4).  Different  frow  wnat  has 
been  deecribed  in  eection  2.1  however  now  also  the  boundary  condition  is  transformed  correctly  to  give: 


dt 

dx' 


surface 


0  - «) 


2,^zl 

bx' 


(13) 


with  the  total  potential 


<P  -D +  f 


(14) 
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When  thie  ie  written  as  a  relation  between  the  tangential  and  normal  derivative  of  <f)  along  the  contour  of 
the  transformed  aerofoil: 


Vo  g  2 

<*x 


05) 


The  eign  convention  ie  given  in  scetch  a, below. 


It  can  be  seen  that  in  the  transformed  flow  the 
aerofoil  ie  not  a  streamline  curve.  Now  a 
dietribution  of  vortices  and  .  urcee  is  applied 
along  the  contour. 


sketch  a 


Sign  convention. 


The  vortices  cause  a  jump  in  across  ths  contour  and  the  sourcss  cause  a  jump  in^-^-  across  the  contour, 

both  proportional  to  the  local  singularity  strength.  n>n 

Now  for  the  singularity  dietribution  no  unique  solution  car  bs  found  without  an  additional  requirement. 

When  it  ie  chosen  that  on  the  inner  side  of  ths  contour  "2  V  I 

TS  |  inner 

then  according  to  Green's  theorem  also  r-y  |  .  =°  (ref.1l)  Side 

|  innsr 
side 

As  a  consequencs  the  normal  and  tangential  derivative  of  0  at  the  outer  side  of  the  contour  ars  directly 
relatsd  to  ths  local  source  and  vorticity  strength  respectively.  Substitution  in  the  boundary  condition 
eq.  (15)  gives  ths  relation  between  vorticity  and  source  strength.  When  this  is  eubstituted  in  the  intsgral 
equation  that  repressnte"^Jf |  >  0  as  a  function  of  the  undisturbed  flow  ,  ths  vorticity  distribution 

"S"  I  inner 
side 

and  ths  source  distribution,  then  an  integral  equation  is  obtained  from  which  ths  vorticity  distribution 
can  be  calculated.  To  evaluate  the  integral  equation  for  the  vorticity  numerically,  the  contour  ie  re¬ 
presented  by  a  number  of  straight  line  segments.  On  sach  a  vorticity  is  assumed  that  variss  linearly  along 
the  segment.  By  satisfying  the  intsgral  equation  at  the  mid  points  of  the  segments  and  requiring  that  the 
vorticity  at  the  upper  sids  of  ths  trailing  edge  point  is  equal  and  opposite  to  that  at  ths  lower  3ide 
(Kutta  condition),  just  as  many  equations  ars  obtained  as  unknown  vorticity  strengths  ars  introducsd.  The 
form  in  which  the  Kutta  condition  is  applied  guarantees  a  system  of  linear  equatiors  that  car.  bs  solved 
by  standard  tscniques.  Pull  dstails  of  the  msthod  can  be  found  in  ref.  10.  The  pressure  cosfficient  ie 
obtained  by  the  two-dimensional  limiting  case  of  eq.  (8). 

A  comparison  of  ths  exact  solution  of  the  linearized  potential  equation  with  exact  solutions  of 
ths  full  potential  aquations  gives  soms  insight  in  the  applicability  of  the  linearized  equation.  It  will 
bs  clear  that  for  thie  comparison  enough  segments  must  be  chossn  to  reprssent  the  contour,  to  make  surs 
that  the  numerical  approximation  of  the  solution  doss  not  causs  discrepanciss  from  the  ideal  risult.  The 
possibility  to  do  this  has  been  dsmonstratsd  in  ref.  10.  The  exact  solutions  of  the  full  potential 
equation  havs  bsen  obtained  by  means  of  a  hodograph  method  of  Nieiwland  (ref.  31).  Attention  to  this 
method  will  be  paid  in  section  4.1  of  ths  present  paper.  In  fig.  10  the  result  for  the  linsarizsd  potential 
equation  has  been  compared  with  an  exact  result  for  a  rslativsly  simple  aerofoil.  To  givs  much  information 
about  the  comparison  in  the  nose  rsgion  ths  rssult  has  been  plotted  as  a  function  of||x-Xjie- ' 

From  fig.  10  it  can  become  clear  that  in  the  noss  region  the  results  for  ths  linsarned  potential  equation 
diffsr  from  exact  results  for  sq.  (l).  Aleo  the  minimum  pressure  is  not  represented  well  by  eq.  (3)  for 
this  cass  that  is  just  subcritical.  This  makes  that  the  linearized  potential  equation  as  such  is  not 
suitabls  as  a  basis  for  calculation  methods  for  flowe  where  the  local  speed  approaches  the  speed  of  sound. 

The  asrofoil  eection  of  fig.  10  generatse  a  smooth  accsleration  of  ths  flow  from  the  stagnation 
point.  Even  in  that  case  relative  large  errors  are  caussd  by  linearization  of  the  potential  equation  near 
the  noee.  Whsn  rapid  changes  in  the  preseure  dietribution  are  pressnt,  ths  results  obtained  for  the 
linearized  equation  are  much  worse.  From  ths  type  of  result  that  is  presented  in  fig.  10  the  conclusion 
has  been  drawn  at  NLR  that  to  calculate  high  eubsonio  flows  around  wings  it  is  not  useful  to  try  to  obtain 
exact  reeults  of  ths  linearized  potential  aquation. 
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3.3  Second  order  approximation  of  the  potential  equation  and  the  boundary  condition. 

In  ref.  13  Oretler  haa  presented  an  interesting  eolution  of  the  problem  to  calculate  for  plane 
flow  the  compreseible  preseure  di.,cribution  on  the  turface  of  an  aerofoil  up  to  second  order  accuracy  with 
respect  to  the  boundary  condition  as  well  as  the  potential  equation.  He  has  reduced  the  problem  to  the 
calculation  of  simple  integrals  that  only  depend  on  the  «erofoil  coordinates.  Moreover  he  has  given  a 
eimple  correction  that  rendere  the  solution  " uniformly  valia"  up  to  second  order  near  a  blunt  leading  edge. 
An  appraisal  of  the  result  ie  considered  useful  because  it  might  show  that  it  is  worthwhile  to  develop 
eecond  order  theories  for  three-dimeneional  wings  to  obtain  methods  for  the  calculation  of  compreseible 
pressure  dietributions. 

Oretler  has  introduced  camber  z^,  and  thickness  zt  of  an  aerofoil  with  z-coordinate  zp  according 
to  Cp'T^i^  1  all  in  parts  of  the  aerofoil  chord.  His  formula  for  the  velocity  V  along  the  contour  is: 
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dz 

For  the  nose  region  of  blunt  aerofoils  where  -jj-  differs  much  from  zero  the  multiplicative  correction 
1 

2- 


and  the  additive  correction 


dz  2  f 

<£*>  1-(1 


sre  the  simple  corrections  by  wi’ch  the  second  order  theory  is  rendered  uniformly  valid. 

For  a  number  of  symmetrical  aerofoils  results  of  eq.  (l6)  have  been  compared  with  exact  1  suits 
from  hodograph  theory  (section  1 . 1 )  for  compressible  flow  and  for  incompressible  flow  with  exact  results 
from  the  panel  method  that  will  be  described  in  section  3*4.  The  numerical  evaluation  of  eq.  ( 1 6 )  that  has 
been  used  is  deecribed  in  ref.  14  (Baurdoux  and  Schipholt,  SLR). 

For  cemparieon  also  results  of  the  uniformly  valid  first  ordar  theory  are  presented  in  tie  figures  below. 
The  aerofoil  of  fig.  11  is  the  same  as  that  of  fig.  10. 


fig.  11 

Pressure  distribution  for  a  aymmetrical  aerofoil  with  nearly  elliptical  ro*e  ahape. 
(17  £  thick  section  NLR  0.0925  -  0.75  -  O.95) 


By  comparison  of  the  reeulte  in  fig.  10  and  the  right  hand  side  of  fig.  11  it  can  be  eeen  that  for 
the  concerning  aerofoil  errors  in  the  minimum  pressure  are  about  the  same  for  the  firet  order  theory  and 
for  the  full  solution  of  the  linearized  potential  equation.  I..  the  area  where  the  surface  slope  is  small 
both  solutions  also  should  be  about  equal.  Near  the  nose  the  errore  of  both  approximations  have  opposite 
sign.  Especially  for  the  compressible  flow  second  order  theory  givee  much  better  reeulte  than  firet  order 
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theory  for  this  aerofoil  with  nearly  elliptical  nose  shape.  The  discrepancy  of  the  aerofoil  shape  from  an 
elliptical  shape  is  represented  by  the  parameter  h  in  the  figure  that  is  equal  to  the  difference  between 
the  elope  of  the  aerofoil  contour  and  the  slope  of  the  contour  of  an  ellips  with  the  same  noee  radius  and 
the  same  distance  between  the  leading  edge  and  the  maximum  thickness  as  the  aerofoil. 

In  fig.  12  and  fig.  13  similar  resul-1":  are  presented  for  aerofoils  with  non-elliptical  nose  shapes. 


fig.  12 

Pressure  distribution  for  a  symmetrical  aerofo-1  with  r.or.-elliptical  nose  shape. 
(12.5  i  thick  section  »LR  0.10  -  0.75  -  1.25) 


Prom  fig.  12  and  fig.  13  it  becomes  clear  that  when  large  discrepancies  between  the  exact  pressure 
distribution  and  the  uniformly  valid  first  order  results  exist  that  also  second  order  theory  does  not  give 
good  results.  It  appears  that  many  aerofoils  on  which  supersonic  flow  regions  car.  be  present  without  shocks 
have  nose  shapes  that  strongly  differ  from  elliptic  ehapes.  The  advantages  of  application  of  those  aero¬ 
foils  are  illustrated  in  fig.  Id. 

When  local  supersonic  flow  regions  can  occur  without  an  increase  of  drag  due  to  shockwaves,  then  either 
the  flight  Kach  number  or  the  lift  or  the  aerofoil  thickness  can  be  larger  before  the  trarscr.ic  dragrise 
diminishes  the  efficiency,  then  for  aerofoils  where  shockwaves  appear  together  with  supersonic  regions. 

This  makes  it  desirable  to  find  calculation  methods  that  also  for  this  class  of  aerofoils  give  good  results 
at  high  subsonic  spends.  Hone  of  the  methode  discussed  above  meets  the  needs  of  t  ,e  designer  in  this 
respect . 

Fron  the  results  presented  the  conclusion  oan  be  drawn  that  the  only  way  seems  to  be  to  solve  the 
non-linear  potential  equation  eq.  ( 1 ) .  However  a  disadvantage  of  this  non-linear  equation  is  that  no  'use 
oan  be  made  of  the  superposition  principle  that  forms  the  basis  of  the  application  of  singularity 
distnbut ions. By  means  of  this  the  dimension  of  the  problem  can  be  reduced  by  or.e  because  the  solution  car. 
be  formulated  in  such  a  way  th.st  only  ’unknowns  at  the  surface  of  the  wir.g  play  a  role.  This  is  the  reason 
that  in  the  next  eection  attention  is  paid  to  a  semi-empirical  method  that  is  based  or.  a  solution  of  the 
linear  potential  equation  again  but  in  which  non-lir.ear  compressibility  effects  are  introduced  afterwards 
ir.  the  form  of  a  To‘thert-type  transformation  with  factors  that  depend  on  the  local  flow  conditions. 
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fif.  13 

Pressure  distribution  for  a  symmetrical  aerofoil  with  non-elliotical  nose  shape. 

(13  %  thick  HLR  L.Oy  -  0.73  -  1.4) 


SUPERCRITICAL  AEROOYNAMICS 

TW0~DlMCNS4ONAL 


SUPERSONIC  A 

FLOW  REGION  A  STRONG  SHOCK 


SEPARATED 
•OUNOART  LATER 


APPLICa  ons  of  supercritical  airfoil 

STRAIGHT  WINGS  WIND-TUNNEL  OATA 

O  FLIGHT  DATA 


SUPERCRITICAL 


CONVENTIONAL  AIRFOIL;  M^'0.7 


WEAK  SHOCK 


SUPERCRITICAL  AIRFOIL;  M^Olt 


CONVENTIONAL 


S^fgR  CftgggL 


015  020 

THICKNESS-CHORD  RATIO,  t/c 

POLHAMUS.  NASA  SP-292 


fl*.  14 


Mv«nt«*«s  .  Application  of  Rupercritic*!  Mrofuil* 


6-19 


3*4  Exact  representation  of  the  boundary  condition  in  incompressible  flow  and  semi-empirical  compressibility 
corrections. 

Eq.  { 16 ) ,  the  second  order  result  of  Gretler,  can  be  interpreted  as  a  result  for  incompressible 
flow  with  compressibility  corrections  (the  terms  that  depend  on  !•(„; .  also  from  a  comparison  of  the  results 
in  the  figures  12  and  13  it  appears  that  errors  in  the  second  ordor  theory  increase  with  Mach  number.  Prom 
these  observations  may  be  concluded  that  perhaps  a  simple  calculation  method  for  high  subsonic  Mach  numbers 
can  be  based  on  a  combination  of  accurate  results  for  incompressible  flow  with  the  proper  compressibility 
corrections . 

When  a  sufficient  large  and  fast  computer  is  available  ‘t  is  relatively  easy  to  make  use  of 
singularity  distributions  to  construct  solutions  of  the  linear  potential  equation  for  incompressible  flow 
eq.  (4)  that  fulfil  the  boundary  condition  eq.  (2)  at  the  surface  of  the  wing  and  that  induce  a  potential 
jump  4l)4across  the  wake  sheet  in  the  lifting  case.  This  has  been  shown  first  by  A.M.O.  Smith  (ref.  1 5 > 
Douglas)  and  later  by  the  authors  of  ref.  16  (Boeing)  who  extended  the  approach  to  lifting  configurations. 
With  the  help  of  fundamental  features  of  potential  theory  (e.g.  ref.  11)  it  can  be  Bhown  that  a  solution 
can  be  constructed  by  a  source  distribution  on  the  surface  and  a  doublet  distribution  on  the  wake  surface. 
The  strength  of  the  distrioution  is  determined  by  the  requirement  that  at  the  trailing  edge  the  velocity 
is  finite  and  that  everywhere  the  flow  is  tangential  to  the  surface  of  the  wing.  To  find  these  solutions 
a  discretisation  i3  used  in  ref.  15  and  ref.  16. 

It  ie  assumed  that  the  surface  of  the  wing  is  described  by  a  set  of  discrete  points.  The  surface 
then  is  approximated  by  quadrilateral  panels  obtained  by  connecting  the  points  by  straight  line  segments. 

It  is  assumed  that  the  surface  of  the  wing  is  described  by  the  points  in  such  a  way  that  the  panels  form 
chord  wise  strips  bounded  by  curves  y  «  constant.  On  each  panel  a  source  distribution  with  constant 
density  is  chosen.  The  wake  is  represented  by  stripe  extending  to  infinity  downstream.  The  edges  of  the 
straps  are  chosen  on  curves  y  ■  constant  and  for  these  y  values  the  same  are  chosen  as  that  are  used  for 
the  panelling  of  the  wing  surface.  At  each  strip  on  the  wake  surface  the  doublet  strength  is  constant. 

The  effect  of  the  doublet  strips  can  be  represented  by  a  vortex  of  constant  strength  at  the  edges.  At  the 
euges  the  induced  velocity  is  infinite.  Because  the  upstream  edge  coincides  with  the  wing  trailing  edge, 
this  makes  it  not  possible  numerically  to  apply  the  Xrite  condition.  For  this  reason  the  doublet  strips  in 
ref.  16  are  extended  inside  the  wing  on  the  camber  surface.  This  is  being  done  in  such  a  way  that  the 
distribution  of  the  doublet  strength,  that  is  3peiified  a  pr:ori,  can  be  represented  by  a  set  of  discrete 
vortices  in  spanwise  direction  in  oach  strip.  The  strength  of  the  singularity  distributions  is  determined 
by  solving  the  set  of  linoar  equations  that  is  found  when  for  each  surface  panel  it  .9  required  that  at 
tho  centroid  of  the  panel  the  normal  component  of  the  velocity  that  is  induced  by  all  singularities  (horse 
shoe  vortices  and  source  distributions)  is  equal  and  opposite  to  the  normal  component  of  the  undisturbed 
velocity.  Further  it  is  required  that  on  each  strip  of  the  wake  in  a  point  midway  between  the  edges  and 
at  a  small  distance  downstream  of  the  trailing  edge,  the  flow  is  tangential  to  the  bisector  of  the  local 
trailing  edge  angle.  The  vertical  position  of  the  wake  is  choser  a  priori  (see  sketch  b  below). 


Chordwise  strip  with  horse-shoe  vortex  sysiem  ar.d  surface  pane’s. 


The  character  of  the  singularities  and  the  boundary  condition  is  such  that  with  some  care  the 
solution  of  the  system  of  equations  can  be  determined  iteratively.  This  is  explained  in  full  detail  by 
Bleekrode  in  ref.  2  for  the  VLR  panel  method  presented  in  ref.  17-  The  computer  time  required  to  solve  a 
system  cf  linear  equations  is  proportional  to  the  square  of  the  number  of  unknowns  when  the  solution  is 
determined  iteratively.  This  time  is  proportional  to  the  third  power  of  the  number  ol  unknowns  when  the 
system  is  solved  directly.  This  explains  the  comparison  ir.  fig.  15  of  central  processor  time  for  the 
solution  of  the  flow  problem  b;  rears  of  the  singularity  distributions. 

It  will  be  clear  from  the  description  above  that  a  number  of  choices  has  to  be  mads  when  the 
panel  method  is  applied. 

These  concern: 

-  the  panei  distribution  on  the  wing  surface 

-  the  vortex  distribution  on  the  camber  sir  ace,  as  well  the  position  as  the  variation  cf  strength 

-  the  Kutta  point 
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fig.  15 

Comparison  of  the  central  processor  timss  on  a  CDC  6600  computer  of  the  vrrtex-source 
method  for  a  direct  and  iterative  method  of  solution. 


Up  to  now  no  theoretical  background  is  formulated  on  which  these  choices  can  be  based. 

In  practice  numsrical  experiments  and  comparison  of  solutions  with  results  from  other  methods  for  specific 
cases  are  ussd  to  obtain  some  insight  in  the  behaviour  of  the  solution  as  a  function  of  the  choices. 

Because  in  the  method  no  restrictions  are  present  with  regard  to  the  relative  dimensions  of  the 
surface  on  which  the  boundary  condition  is  applied,  the  method  is  very  well  suited  for  wing-body 
combinations.  Only  in  that  case  one  of  the  shortcomings  of  potsntial  theory  becomes  apparent,  namely  the 
assumption  of  non-viscous  .'low.  As  a  result  circulation  cannot  be  prsdicted  without  an  additional  condition. 
For  bodieB  with  sharp  edges  . uch  as  wings  the  Kutta  condition  serves  to  taks  into  account  the  main  effect 
of  viscosity.  At  the  Reynolds  number  of  tunnsl  experiments  and  in  free  flight  however  also  vorticity  is 
shad  from  fuselages.  In  the  calculation  method  an  arbitrary  choice  has  to  be  made  with  reBpect  to  the 
circulation  around  the  fuselage. 

In  rsf.  18  (Kramer,  NLR)  some  res-  s  are  presented  from  an  analysis  of  the  behaviour  of  ths 
solution  of  the  Neumam problem  by  means  of  the  paj.'l  msthod.  In  the  analysis  results  of  the  panel  method 
are  compared  with  analytical  results  for  a  vortex-cy’ inder  combination.  The  axis  of  the  cylinder  is 
parallel  to  the  undisturbsd  flow  direction.  The  vertex  is  perpendicular  to  this  direction.  Vortex  lsngth 
and  cylinder  length  ars  infinite.  In  the  numerical  calculations  the  length  of  vortex  and  cylinder  has  been 
chosen  very  large  in  comparison  with  the  diamster  of  ths  cylinder.  Ju3t  ss  in  the  LoElMe  irregularities 
in  the  panel  distribution  cause  disturbances  in  the  i.  elution  according  to  ref.  18.  This  means  that  wher 
the  panel  method  is  applied  a  compromise  must  be  found  between  accuracy  and  number  of  panels  also  with 
regard  to  local  refinement  of  panel  distribution  in  rsgions  with  large  gradients  in  flow  quantities.  When 
panel  densities  change  it  is  essential  to  choose  panels  in  the  right  dirsetion  instead  of  "sealing"  gaps 
in  the  description  of  the  body  by  means  of  the  panels. 

For  the  two-dimensional  limiting  casB  it  is  possible  to  compare  results  of  the  panel  method  with 
results  of  analytical  methods  such  as  based  on  transformation  techniques.  From  thsse  comparisons  the  user 
has  to  develop  a  "feeling"  with  regard  to  panel  distributions,  number  of  panels  depending  on  aerofoil 
characteristics  and  the  relation  of  the  position  of  panel  edges  on  ths  surface  aid  the  location  of  the 
vortex  lines  on  the  camber.  In  general  best  results  are  obtained  when  the  vortex  lines  on  ths  camber 
surface  and  the  panel  edges  on  upper  and  lowsr  side  of  the  wing  for  comparable  chordwise  positions  are 
chosen  in  or.e  plane  that  is  more  or  less  vertical.  AIbo  the  distribution  of  the  vortex  strength  in  chord- 
wise  direction  is  a  parameter  that  has  to  be  chossn  carefully  as  a  function  of  the  aerofoil  characteristics 
such  as  camber  and  thickness  distribution.  The  vortsx  distribution  must  be  such  that  near  the  wing  leading 
edge  and  trailing  edge,  vortices  do  not  come  to  close  to  the  wing  surface.  For  wings  about  50  to  60  panels 
in  chordwise  direction  and  10  to  15  strips  on  the  half  span  is  mostly  sufficient  to  obtain  accurate 
pressure  distributions.  Making  use  of  the  symmetry  of  the  wing  flow  this  means  that  500  to  1000  equations 
must  be  solved. 

For  application  of  panel  methods  on  a  routine  ba^is  it  is  esrcntial  to  make  use  of  computer 

programs  for  panel  generation.  In  general  these  must  contain  surface  fitting  routines  to  interpolate 

available  coordinates  of  the  surface.  The  ideal  situation  of  course  is  that  the  designer  makes  use  of  ana¬ 
lytical  surfaces  from  which  the  input  for  the  calculation  es  well  as  for  the  workshop  that  has  to  manu¬ 

facture  windtunnol  modclB  can  be  derived  directly. 

In  ref.  19  (Mangier  and  Smith,  RAE)  the  theoretical  background  can  be  found  with  regard  to  the 
direction  in  which  the  vortex  sheet  leaves  the  trailing  edge.  From  this  it  appears  that  the  wake  lsaves 
the  trailing  edge  either  in  the  direction  of  the  tangent  of  the  upper  surface  or  of  ths  tangent  of  the 
lower  surface.  This  depends  on  the  sign  of  the  shed  vorticity  and  on  whether  the  mean  flow  is  dirseted 
inboard  or  outboard.  An  intermsdiate  direction  of  the  wake  at  the  trailing  edge  is  possible  exceptionally. 
For  the  numerical  calculation  this  result  does  not  mean  very  much,  because  it  is  not  possible  to  apply  the 
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Kutta  condition  just  at  tha  trailing  sdgs  point  for  maarical  raaaona.  But  at  laaat  the  boundaries  can  be 
uaad  in  practice.  In  ref.  2  one  reeulta, obtained  at  HID,  are  preaented  by  Iabrujirs  with  regard  to  tha 
variation  of  aactional  lift  *s  a  function  of  tha  position  of  tha  point  where  tha  Kutta  condition  is 
applied  and  tha  direction  that  ia  required.  Tha  aain  conclusion  ia  that  it  ia  vary  likely  that  tha 
prescription  of  the  velocity  parallel  to  the  trailing  edge  bisector  will  give  a  result  that  ia  only  0,5  $ 
in  error  if  the  distance  of  the  lutta  point  downstream  of  the  trailing  is  10”?  in  parts  of  the  local  wing 
chord. 


Based  on  a  solution  for  incompressible  flow  it  is  possibls  to  find  solutioiafor  compressible  flow. 
In  the  first  place  this  can  be  done  along  the  lines  of  tha  GSthart  rule  described  in  section  2.1.  This 
gives  an  approximation  of  a  solution  of  tbs  linearized  potential  equation.  It  has  been  demonstrated  however 
above  that  when  the  local  Mach  number  approaches  unity  even  the  exact  solution  of  the  linearized  potential 
equation  is  not  very  good  in  comparison  with  exact  results  of  potential  theory.  Because  also  second  order 
solutions  as  those  of  dretlsr  do  not  give  useful  results  for  aerofoil c  with  non-el liptic nose  shapes,at  HID 
semi-empirical  compressibility  corrections  were  developed.  These  have  proved  to  make  it  loaaibla  to  obtain 
useful  predictions  of  high  subsonic  flow  only  at  the  coat  of  solving  the  He  unarm  problem  for  incompressible 
flow  by  means  of  the  panel  method.  1  description  of  tha  compressibility  corrections  can  be  found  in  ref.  IT- 
In  principle  the  semi-empirical  method  of  ref.  17  i*  based  on  an  analysis  of  plane  flow  Based  on 
the  result  of  second  ordsr  theory  it  is  assumed  that  for  plane  incompressible  flow  the  velocity^ .  along 
the  surface  of  an  aerofoil  can  be  written  as 

o  _ i±at— ,  07) 

■‘F? 


\  /  dz  2 

In  this  expression  the  factor  \p  +  (|“)  i*  the  socalled  Riegels  factor  that  also  can  be  found  back  m  the 

result  of  Sretlsr  ir.  eq.  ( 16 )  and  that  is  the  principal  correction  to  render  the  second  order  theory 
uniformly  valid  for  blunt  leading  edges,  u.  is  the  perturbation  velocity  in  incompressible  flow.  When  the 
third  order  solution  of  Imai  in  ref.  20  ijwritten  in  the  appropriate  form  for  the  velocity  at  the  crest 
of  an  ellips  in  compressible  flew  (where  azp_  q)  then 

dx 


Merest  *  1  ♦ 

B2D 


with 


1  ♦  X,  V  0  ♦  x2  V* 


(18) 


u  in  eq.  (19)  is  the  perturbation  velocity  at  the  crest  on  the  analogous  ellips  in  incompressible  flow. 
*»  c 

is  in  the  vBtheri  rule  thegoglpgous  ellips  is  obtained  from  the  original  one  by  shrinking  ths  thickness 
coordinate  by  the  factor ■  X,  sndX,  are  functions  oi  1^  only  (see  ref.  17). 

When  Bju  is  used  as  a  general  compressibility  correction  by  which  the  per-urbation  velocity  in  analogous 
incompressible  flow  can  be  corrected, then  for  an  aerofoil  can  be  written  in  first  instance 


Si 


ds  * 

>  *  (c*) 


(20) 


It  is  known  from  experiences  with  the  semi-empirical  RiE  standard  method  based  on  second  order  approxi¬ 
mations  for  u,  (ref.  21 ),  that  better  results  ere  obtained  when  also  ir.  the  Riegels  factor  a  compressibility 
correction  is  introduced  in  such  a  way  that! 


Q 


1 


(21) 


When  first  or  second  order  theory  give  appropriate  results  for  incompressible  flow  it  is  possible  to  obtain* 
good  approximation  for  the  concerning  aerofoil  shape  for  compressible  flow  by  substitution  of  the  first  or 
second  orler  result  for  u*  m  eq.  (21).  In  other  cases  u^  can  be  obtained  easily  from  ec.  (17  by  sub¬ 
stitution  of  ths  exact  velscit along  the  surface  of  the  analogous  shape  m  incompressible  flow.  The 
exset  velocity  along  the  surface  is  obtained  by  the  pane.’  method  that  is  described  above. 

From  eq.  (17): 
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This  car  be  substituted  in  eq.  (21)  to  give  the  relation  of  the  velocity  Q  on  the  surface  in  compressible 
flow  and  the  velocityO  pn  the  surface  of  the  analogous  wing  in  incompressible  flow. 

The  semi -empirical  approach  has  been  generalized  to  three-dimensional  wings  on  the  basis  of  a 
separate  analysis  of  an  infinite  sheared  wing  and  the  centre  section  of  an  infinite  swept  wing.  The  result 
of  these  are  interpolated,  based  on  the  local  flow  direction,  to  give  for  a  three-dimensional  wing  ths  basic 
formula  for  the  N1R  panel  method  (ref.  17): 


Q2 


cc2A*(1  ♦  aec2  A  * 


1  ♦ 


+  sin2  A  1 


(23) 


with U a  defined  as  the  perturbation  velocity  on  the  analogous  wing  that  is  obtained  by  shrinking  the 
dimensions  in  y  and  z  direction  by  a  factory^  2  .0Ja  is  calculated  by  means  of  #q.  (24): 

2  80,2  ^a"  ^  *(j0a  ,e®2^  a*)  2  a 


(24) 
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i  ♦  (jt>  A, 


In  this  equation is  the  total  velocity  along  the  surface  of  the  analogous  wing  in  compressible  flow. 
The  effective  local  sweep  angles  /f  and  A*  are  defined  by 


tan  A*  ■  0tanA  *  w-/3  — 

a  1  u 


(25) 


where  u^  and  v,  are  the  perturbation  velocity  components  in  the  incompressible  flow  in  x  and  y  direction 
respectively. 


®2  -  1  -  kJ  |  1  ♦  (cos2A  +  sin2 


A‘>  XlK  0  +  X; 
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(26) 


A  is  the  local  geometrical  sweep  angle  and  Alr]and  Agn  are  functions  of  K^. 

It  can  be  seen  that  for  the  limiting  case  K^-0  ths  result  of  eq.  (23)  reduces  to  the  result  that 
is  obtained  by  the  panel  method  for  incompressible  flow  around  the  configuration.  The  pressure  coefficient 
in  all  cases  again  is  obtained  by  eq.  (8)  by  substitution  of  il  f  or  the  velocity  V. 

Application  of  eq.  (23)  for  the  limiting  case  of  plane  flow  gives  for  the  aerofoil  of  fig.  13 
where  the  first  and  second  order  theory  appeared  to  fail,  the  results  that  are  presented  in  fig.  16.  For 
comparison  in  this  figure  also  the  result  is  given  for  the  GSthsrt  rule  applied  to  exact  results  for  the 
incompressible  flow  around  the  analogous  aerofoil.  Further  also  is  presented  the  result  that  is  obtained 
by  application  of  the  wellknown  Karman-Tsien  pressure  rule.  This  rule  is  based  on  ths  assumption  that 
density  and  pressure  in  the  flow  are  related  according  to  the  simplified  formula,  representing  the  so- 
called  Karman-Tsien  gas.  By  means  of  a  hodograph  transformation  of  the  flow  a  relation  is  found  between 
the  pressure  coefficients  in  compressible  flew  and  in  incompressible  flow  around  a  perturbed  aerofoil. 

When  the  contour  perturbations  are  neglected  the  relation  between  the  pressure  coefficient  Cp  and  the 
pressure  coefficient  Cp^  in  incompressible  flow  about  the  aerofoil  becomes: 


1  ♦  (1- 


(27) 


2  * 
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The  relation  eq.  (27)  is  being  used  frequently.  The  results  for  the  aerofoil  in  fig.  16  do  not  differ  very 
much  near  the  nose  from  ths  results  of  ths  GBthert  rule.  The  pressure  near  the  maximum  thickness  is  pre¬ 
dicted  cotter  by  the  Ka  man-Tsian  nils  than  by  the  CSSthert  rule.  The  results  of  the  HIE  panel  method  are 
the  oest  for  this  aerofoil.  It  can  be  mentioned  that  when  the  Von  Karman-i'sien  gas  theory  is  applied  in 
its  complete  form,  the  results  are  about  as  accurate  as  those  from  the  NLR  method  (ref.  22,  Boer stoel , ITU? } . 
However  this  theory  cannot  be  extended  to  three-dimensional  flow. 

In  fig.  17  comparable  results  are  given  for  a  lifting  aerofoil  with  non-elliptical  nose  shape. 
Results  of  ths  type  that  are  presented  in  fig.  16  and  fig.  17  have  been  found  to  be  representative  for  the 
applicability  of  the  ini’  panel  method.  An  example  for  an  aerofoil  with  elliptic  noss  shape  is  given  in 
fig.  18.  In  that  case  the  exact  result  is  from  Sells  (rsf.  23,  RAE).  Hib  method  is  based  on  a  transformation 
technique  that  is  applicable  to  plane  wubcnt.cal  flow.  It  can  be  expected  that  for  the  roof-top  type 
pressure  distribution  of  the  aerofoil  in  fig.  18,  the  result  of  Sells'  computation  is  very  close  to  ths 
exact  result  for  potential  flow. 
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Proaaura  diatribut iona  on 
symmetrical  aerofoil  ( 1 3  % 
thick  section  NLR  0.09  - 
0.75  -  1-4) 


Prassura  distributions  on 
non-eysssatrical  aerofoil 
(SLR  quasi-elliptical 
saction) 


Pressure  distributions  on 
non-eymmstrical  aerofoil 
(section  NPL  311l) 


In  fig.  19  rssulta  ara  preaanted  that  have  bean  obtained  with  tha  panel  method  for  a  non-liiting 
wing-body  combination. 
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fig.  19 


Iscbar  pattern  and  chordwise  pressure  distribution  for  a  non-lifting  wing-body 
combination  at  I  -  0.94. 

to 


In  fig*  20  And  fig.  21  results  are  presented  that  have  beer,  obtained  with  tne  panel  method  for  a  lifting 
wing-body  of  a  transport  aeroplane  combination. 
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In  both  fig .  20  and  fig.  21  the  calculated  results  are  preeented  for  wing  alone  and  wing-body  combination 
to  demonstrate  the  influence  of  the  body. 

Finally  in  fig.  22  and  fig.  23  reeults  are  presented  for  a  research  wing-body  combination. 
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CAUCULATON,  EQ.  (23) 


fig.  22 


Spsnwiee  lift  dietribution  on  a  slender  wing-body  combination. 
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a.  wing  preesure  distribution 


b.  body  preeeuree 


fig.  23 

Preeeure  distribution  on  wing  and  body  of  a  wing-body  combination. 


It  can  be  eeen  that  for  lifting  configurations  the  calculated  lift  ie  larger  than  the  experimental  lift. 
This  mainly  is  the  result  of  the  effect  of  the  boundary  layer  ir.  the  experiments.  From  results  presented 
in  ref.  25  by  Labrujire  and  Sytsma  (SLR),  it  ie  clear  that  the  position  of  the  wake  behind  the  wing  that 
ie  chosen  a  priori  in  the  calculations  hardly  influences  the  pressure  distribution  on  the  wing.  In  the 
calculations  the  etraight  trailing  vortices  leave  the  trailing  edge  in  the  direction  of  the  bieector  of 
the  trailing  edge  angle.  In  ref.  25  the  reeults  obtained  in  this  way  are  compared  for  the  wing  of  fig.  21 
with  reeulte  that  are  obtained  for  a  trailing  vortex  eheet  that  has  rolled  up. 

With  regard  to  the  effect  of  the  boundary  layer, Preston  and  Spence  already  nearly  20  years  ago 
(ref.  26  and  ref.  27)  tried  to  correct  potential  flow  calculations  for  the  effect  of  the  boundary  layer 
that  is  preesr.t  in  experiments.  Up  to  now  r.o  satisfactory  engineering  method  for  the  calculation  of 
viscous  flow  around  lifting  aerofoils  is  available.  For  three-dimeneional  swept  wings  the  situation  is 
even  worse.  Xost  methods  are  based  on  the  concept  that  the  displacement  thickness  of  the  boundary  layer 
must  be  added  to  the  aerofoil  contour  to  form  the  boundary  on  which  the  normal  velocity  ir.  the  potential 
flow  calculatixiis  zero. 


For  computer  application*?  a  more  efficient  method  reaulte  when  this  ie  modified  by  local  expansion  in  such 
a  way  that  on  the  original  aerofoil 


(28) 


where  Ue  ie  the  velocity  at  the  edge  of  the  boundary  layer  and  &  is  the  displacement  thickneea.  This  is 
called  the  "leak  flow"  form  of  the  displacement  concept. 

At  NLR  the  displacement  concept  boundary  condition  in  its  leak  flow  form  has  been  applied  by  Piers 
and  Slooff  (ref.  28)  by  incorporating  it  in  the  potential  flow  calculation  according  to  the  NLR  panel 
method  that  is  described  above.  To  avoid  errors  due  to  ehortcomings  of  boundary  layer  celculation  methods 
and  due  to  problems  with  the  iterative  procedure  in  which  alternately  potential  flow  calculations  and 
boundary  layer  calculations  must  be  performed,  in  ref.  28  the  calculations  have  been  based  on  measured 
boundary  layer  displacement  thickness  distributions.  For  the  conditions  under  which  the  boundary  layers 
were  measured,  calculated  and  measured  prsssure  distributions  were  compared.  The  results  are  presented  in 
fig.  24  for  two  aerofoils. 


Application  of  thi  dioplaoaaont  concept  in  laak  flow  fora  to  corroct  potential  flow  for 
boundary  layor  affact. 


From  fig.  24  it  ie  clear  that  the  viscous  lift  lose  is  underestimated  in  the  calculation  for  these  rather 
extreme  cases  for  as  well  the  low  speed  as  the  high  epeed  conditions.  In  ref.  28  the  conclusion  is  drawn 
that  especially  with  regard  to  the  behaviour  of  the  flow  near  the  trailing  edge,  the  calculation  method 
must  be  improved  when  the  boundary  layer  is  present.  This  improvement  very  likely  also  has  to  concern  the 
representation  of  the  wake  that  is  baaed  on  empirical  considerations.  When  the  boundary  leyer  corrections 
are  based  on  calculated  boundary  layer  characteristics,  even  larger  discrepancies  between  calculated  and 
measured  pressure  distributions  will  occur  than  in  fig.  24. 

4.  THE  APPLICABILITT  CF  METHODS  FOR  SUPERCRITICAL  FLOW. 

In  view  of  the  possible  advantages  of  application  of  flows  with  local  supersonic  regions  (fig.  14) 
much  attention  has  been  paid  in  recent  years  to  the  development  of  calculation  methods  for  that  type  of 
flow.  The  height  of  the  suction  peak  near  the  leading  edge,  the  position  of  this  peak  in  chordwise  direction 
and  the  relative  position  of  any  shockwaves  at  the  upper  and  the  lower  surface  are  very  important  parameters 
in  view  of  the  transonic  characteristics  of  wings  and  aerofoils. Therefore  the  calculation  methods  that  must 
be  used  as  design  tools  must  be  able  to  predict  thess  parameters  correctly.  It  has  appeared  that  thie  by 
no  means  is  possible  with  calculation  methode  that  are  baaed  on  linearisations  of  the  potential  equation 
of  the  type  discussed  in  the  preceding  sections. 

In  principle  network  methode  are  natural  means  to  solve  ths  partial  differential  equation*,  that 
represent  potential  flow.  In  these  methods  ths  derivatives  of  flow  quantities  are  approximated  by 
differences  of  ths  quantities  at  various  control  points.  With  decreasing  spacing  between  these  points  it 
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can  be  expected  that  the  accuracy  of  the  reeult  increaaea.  For  conpreeeible  flow  the  approach  reeulte  in  a 
eat  of  non-linear  algebraic  equations  relating  the  values  of  the  flow  quantities  at  the  control  points, 
that  usually  are  chcsen  on  a  rectangular  grit  in  the  flow  field.  In  general  the  computational  effort  for 
application  of  a  finite  difference  method  is  larger  and  increases  more  rapidly  with  the  accuracy  of  the 
solution  than  the  effort  to  apply  a  panel  method.  In  view  of  thie, only  when  the  amount  of  non-linearity 
of  the  basic  equations  to  be  solved  does  not  make  it  possible  to  make  use  of  panel  methods,  finite 
difference  rethods  are  an  acceptable  alternative.  This  is  the  case  for  transonic  flow  around  given  shapes. 

At  several  places  finite  difference  methods  with  numerical  viscosity  are  in  use  that  are  based  on 
simplified  non-linear  forms  of  the  potential  equation.  Applications  are  mostly  combined  with  linea'ized 
boundary  conditions  that  amongst  others  simplifies  the  generation  of  the  finite  difference  network.  In  ref. 
29  (Lomax,  Baily  and  Sallhaus,  NASA)  application  is  presented  of  the  small  disturbance  equation: 


(29) 


for  the  wing  of  the  C141  that  has  a  relatively  small  angle  of  sweep.  The  Kutta  condition  is  applied  by 
requiring  a  continuous  pressure  across  the  wake.  The  boundary  condition  is  applied  in  the  (x,y)  plane  by 
specifying^!,  at  the  lower  and  upper  surface  to  be  equal  to  the  local  slcpe  of  the  wing  surface. 

The  comparison  a*  the  results  with  experimental  results  is  impreseive  for  that  case.  Aleo  the  computing 
time  is  very  modest.  For  three-dimensional  flow  up  to  now  only  finite  difference  methods  are  available  that 
are  baaed  on  simplified  potential  equations  and  simplified  boundary  conditions.  However  just  as  in  the  case 
of  subcritical  flow  for  a  large  number  of  aerofoils  with  attractive  characteristics  ths  simplifications  in 
the  potential  equation  and  in  the  boundary  conditions  do  not  lead  to  results  that  car.  be  used  for  design 
purposes.  This  is  illustrated  in  the  interesting  survey  of  computational  methods  for  2D  and  3D  transonic 
flows  with  shocks  by  Yoshihara  (ref.  30). 

In  tho  following  only  attention  willbe  paid  to  methods  by  which  the  full  equations  for  potential 
flow  are  solved.  These  methods  up  to  now  only  exist  for  plane  flows  although  attention  is  paid  to 
extensions  to  three-dimensional  flows  by  amongst  others  Jameson  (Grumman). 

Two  claacas  of  methods  will  be  introduced.  The  first  concerns  the  application  of  finite  difference 
techniques  to  the  equation®  of  the  floe:  aro\a<d  give:.  Shapet.  The  second  Concerns  the  sclvticn  cf  the  nomo¬ 
graph  equations  that  are  the  result  of  interchanging  dependent  and  independent  variables.  The  hodograph 
equations  for  plane  flow  are  linear.  Making  uae  of  this  linearity  smooth  transonic  flow  can  be  specified 
in  the  hodograph  plane  that  can  be  transformed  to  solutions  in  the  physical  plane  around  shapes  that  aleo 
are  a  result  of  the  transformation.  The  importance  of  the  technique  is  that  it  can  be  uaed  as  an  inverse 
method  for  the  design  of  aerofoils  with  shookfres  transonic  flow  at  the  design  condition  (the  eo  called 
supercritical  aerofoils  of  fig.  Id).  Because  results  of  ths  hodograph  methods  will  be  used  a3  a  reference 
in  the  discussion  of  the  applicability  of  the  finite  difference  techniques,  in  the  following  first  the 
hodograph  methods  will  be  introduced. 


d.1  Hodograph  methods  for  the  full  potential  flow  equations. 


The  hodograph  transformation  of  the  equations  for  compressible  potential  flow  is  based  on  a  inter¬ 
change  of  dspende-.t  and  independent  variables.  By  this  transformation  a  linear  equation  is  found  for  the 
streamfunotion  Y  from  which  with  the  stagnation  density  p  the  velocity  components  in  x  and  z  direction 
are  obtained  according  to: 


The  linsar  squation  f or  ijj  is: 


(30) 


TO-T  )  (1  +  |=f  I  )"|£*  " 


(31) 


where  X  is  the  velocity  parameter  +hat  ie  related  to  the  Mach  number  according  to: 

*2  2T 

**"  TpiTT^^T 


(32) 


and 'JJ  is  the  flow  angle. 

Nieuwland  (NLR,  ref.  31 )  used  the  possibility  to  obtain  solutions  of  the  linear  equation  i’orl|i 
to  conetruct  a  clase  of  compreseible  flows.  Hs  derived  a  Mellin  integral  transform  for  the  analytic  stream 
function  describing  the  incompressible  flow  around  an  ellips  in  hodograph  variables,  and  then  eubstituted 
particular  solutions  of  the  hodograph  equation  for  compreseible  flow  (the  Chaplygin  particular  solutions) 
into  this.  In  this  way  he  related  a  compressible  flow  to  a  given  incompressible  one.  A  general 

feature  of  thie  function  theoretic  method  is  that  the  aerofoil  shape  in  the  compressible  flowfield  is 
found  ae  a  result  of  the  transformation.  For  vanishing  compressibility  the  original  incompressible  flow 
arou:.d  the  ellipe  iJ  recovered,  but  with  increasing  Mach  number  the  shape  becomes  rather  strongly 
distorted.  As  a  reeult  of  this, special  meaeuiee  must  be  taken  to  guarantee  the  regularity  of  the  trans¬ 
formed  ellips  that  have  been  called  "quasi-elliptical  aerofoils".  It  has  appeared  that  a  family  of 
considerable  geometrical  variety  can  be  obtained  on  a  routine  basis  (refs.  32  and  33)  that  contains  also 
shapee  with  supersonic  flow  regions  that  decelerate  smoothly  to  subsonic  flow.  It  has  been  shown  by  Spee 
(NLR,  ref.  34)  that  the  local  eupersomc  flow  also  can  be  realised  experimentally  for  the  non-lifting 
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cue  and  that  *he  shockfree  flow  is  stable  with  respect  to  unsteady  disturbances.  He  also  demonstrated 
experimentally  that  the  shockfree  design  condition  is  embedded  in  an  interval  of  free  stream  Mach  numbers 
and  angles  of  attack  where  wave  drag  is  negligable.  Later  Boeretoel  and  Uylenhoet  (ref.  32)  presented 
comparable  results  for  a  lifting  quasi-elliptical  aerofoil.  The  results  for  the  non-lifting  and  lifting 
aerofoil  are  presented  in  fig.  25s  and  fig.  25b  respectively. 


MEASURED  DRAG  COEFFICIENT 
(TRANSITION  FIXED) 


TIANNTION  W«D 


MEASURED  DRAG  COEFFICIENT  AS  A  FUNCTION 

OF  a 


a.  non-lifting  aerofoil 


b.  lifting  aerofoil 


fig.  25 


Experimental  and  theoretical  results  for  quasi-elliptical  aerofoils  with  shockfree 
transonic  flow. 
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It  hu  bain  found  tbit  parts  of  tha  analytical  shape  of  the  quasi-elliptical  aerofoils  can  be¬ 
chanced  without  destroying  the  1  ow-drag  properties  of  the  basic  shoclcfree  flow.  The  modifications  must  be 
restricted  to  parte  of  the  aerofoil  where  the  local  epeed  is  smaller  than  the  speed  of  sound  at  the  design 
condition.  This  additional  degree  of  freedom  has  been  used  to  satisfy  multiple  design  requirements.  In 
rsf.  24  (Loeve  and  Slooff,  NLR)  an  example  is  presented  where  the  additional  freedom  has  been  used  to 
increase  the  lift  coefficient  at  "shockfree"  oonditions  at  the  design  Mach  numbers.  The  design  process  wss 
based  on  ths  assumption  that  the  difference  between  the  exact  pressure  distribution  according  to  full 
potential  thsory  and  the  pressure  distribution  according  to  the  BLR  panel  method  on  the  front  part  of  the 
aerofoil  is  not  influenced  by  modifications  at  the  rear.  The  result  that  was  found  by  trial  and  error  is 
presented  in  fig.  26.  Sods  more  detaile  on  aerodynamic  characteristics  of  ths  section  BLR  7101  will  be 
presented  in  section  4.2  ss  part  of  the  demonstration  of  the  applicability  of  finite  difference  methods. 


-  HOOOGRAPH  METHOO  1  ORIGINAL 

- APPROX  NLR  METHOO,  CL=023lAEROFO,L 

- APPROX  NLR  METHOO,  CL=0.43.  MODIFIED 

AEROFOIL 


MODIF  ED  SHAPE 


ORIGINAL  SHAPE 


a.  design  process 


b.  comparison  of  measured  and  expected 
pressure  distribution  on  modified 
quasi-elliptical  aerofoil. 


fig.  26 

Example  of  the  design  of  a  rear  loaded  shockfree  aerofoil  by  means  of  a  combination  of 
a  holograph  theory  and  a  panel  method  (NLR  section  7101,  thickness  14  %,  «  0.74)*’ 


After  the  results  presented  so  far  had  proved  the  usefulness  of  hodograph  techniques  to  generate 
aerofoils  with  shockfree  transonic  flow,  at  NLR  a  new  method  was  developed  by  Boerstoel  to  design  shock- 
free  transonic  aerofoils  by  hodograph  techniques.  The  main  reason  was  that  the  class  of  quasi-ell lptical 
aerofoils  was  to  restricted.  The  new  method  is  described  in  ref.  35"  Most  of  the  following  is  taken  from 
this  reference  and  from  unpublished  work  of  Boerstoel. 

In  fig.  27  the  structure  of  the  hodograph  of  shockfree  transonic  flow  is  illustrated  in  relation 
to  the  flow  in  the  physical  plane.  At  the  left  hand  side  of  fig.  27  the  two-sheeded  (T , ■&  )-surface  is 
presented  with  the  point  (X* ,  -&** )  as  a  branch  point. 
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b.  The 
and 

c. 


fig-  27 

The  structure  of  the  hodograph  of  shockfree  transonic  flow. 

(t,-&)  are  polar  variablee  on  the  hodograph  surface,  with  •&  as  radial  variable.  ^ 

hodograph  surface  may  be  devided  into  two  sheets  by  a  cut  that  begins  at  the  branch  point  (X  , V  ) 
that  extends  outward  aj.ong  the  radius  v.vT  The  sheets  are  called  upper  and  lower  eheet  respectively. 
The  image  of  the  aerofoil  on  the  hodograph  surface  is  a  closed  curve  C  where  the  stream  function^ -0 
and  that  encircles  the  branch  point.  The  exterior  of  the  aerofoil  in  the  physical  plane  naps  Onto  the 
interior  of  the  aerofoil  image  C  on  the  hodograph  surface. 

d.  The  stream  function  of  the  flow  has  a  free-etream  singularity  of  known  type  at  infinity  in  the  physical 

plane,  and  thus  at  a  point  Ok.,0)  on  one  of  the  sheets  of  the  hodograph  plane,  (t  and  are  related 
according  to  eq.  (32):  2T 

-tj  ^ 

The  sheet  that  contains  the  free-stream  point  (1^,0)  ie  called  the  upper  sheet. 

e.  The  free-streamline1^ *0  that  extends  in  the  physical  plane  fnm  the  front  stagnation  point  to  infinity 
upstream  corresponds  to  a  curve  on  the  upper  eheet  from  the  origin  to  ,0)  where  hjj  has  its  free- 
stream  singularity.  Similarly,  the  free-streamline  tjj»0  from  the  tail  poin.  downstream  to  infinity  maps 
onto  a  curve  connecting  the  tail  point  image  on  the  lower  sheet  with  (X„, 0 )  on  the  upper  sheet. 

f.  The  linear  hodograph  equation  eq.  (31)  can  be  represented  by 


L  y(t,&)  -  0  (33) 

g.  The  mapping  of  the  hodograph  eurface  to  the  physical  plane  z»ac+iy  can  be  represented  by 

t  (1,&)  -  «y(t,&)  (34) 

where  M  ie  a  known  linear  operator. 

h.  The  stream  function^  may  be  splitted  in  a  basic  stream  functionlL  that  satisfiee  Ilk,"0  and  that 
contains  the  desired  free-etream  singularity,  and  an  additional  stream  function  ij)  that  is  regular 
everywhere  inside  the  aerofoil  image  C  and  satisfies  U|)  -0: 


y-HV  Ya 


(35) 


For  given and  aerofoil  image  C  we  may  then  formulate  a  Tricomi  boundary  value  problem  fonJ)&  and 
solve  this  “under  the  boundary  condition  on  °- 

Now  in  the  design  process  C  is  chosen  and  the  boundary  valve  problem  is  approximately  solved  by 
representing  (I)  by  a  finite  eum  of  iineerly  independent  solutions  as  follows:!)  »Zcd)  with 

T  a  r  an  T  a  ■  n '  Wl 

Ni U-0 


By  the  proper  determination  of  cn  the  boundary  condition  ie  satisfied  approximately a 

By  application  of  the  trane format ion  eq.  (34)  the  aerofoil  shape  ia  found  finally.  Three  examplee  of 

resulte  obtained  by  the  method  of  Boerstoel  are  presented  in  fig.  28. 


a  b  c 

fig.  28 

Examples  of  full  solutions  of  the  invorae  potential  flow  calculation  oy  Boerstoel (ref . 35) • 


Solutions  of  this  type  can  form  input  data  of  the  aerodynamic  design  process. 

Another  design  method  based  on  the  hodograph  transformation  is  that  presented  by  Bauer,  Qarabedian 

and  Korn  in  ref.  38.  In  this  method  the  equations  for  incompressible  flow  are  written  in  complex 

characteristic  form.  The  complex  hodograph  potential  of  an  incompressible  flow  is  used  to  define  an 
initial -value  problem  for  these  equations.  The  result  is  translated  into  a  solution  of  the  compreaaible 
hodograph  equations.  For  vanishing  compressibility  the  original  solution  is  found  bade.  The  problem  is 
solved  by  finite  difference  techniques.  'Hie  method  is  suitable  to  obtain  a  much  larger  family  of  shapes 
than  with  the  analytic  method  cf  Hieuwlari.  In  comparison  with  the  method  of  Boerstoel  the  family  of  shapes 
seems  to  be  of  the  same  magnitude.  However  the  numerical  process  of  narabediar.  and  Korn  is  controlled  by 

about  70  parameters  that  must  be  chosen  by  the  user  of  the  method.  In  t.ce  method  of  Boerstoel  that  is  based 

on  computing  series,  less  than  10  parameters  control  the  process.  Experience  influences  much  the  computer 
time  needed  to  generate  useful  aerofoils  by  means  of  the  approach  of  Qarabedian  and  Kom  whereas  in  the 
case  of  Boerstoel's  mathod  experience  plays  a  smallar  rols  in  the  design  process.  Qarabedian  and  Korn 
according  to  ref.  3®  are  able  to  generate  aerofoils  in  1  to  2  hrs  computing  time  on  a  CD(-6600.  The  time 
required  to  generate  aerofoils  by  means  of  Boerstoel's  method  is  about  1  hr  on  the  some  computer. 

Examples  of  aerofoils  designed  by  the  method  of  Qarabedian  and  Kom  are  presented  in  fig.  29. 


-i.j_ 
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CL  ■  0.657 
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fig.  29 


Examples  of  full  solution  of  thr  inverse  potential  flow  calculation  by  Bauer,  Qarabedian 
and  Kom  (ref.  38). 
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GED 


GED 


O.  transformation  method 

(GARABEDIAN-KORN) 


b  BOUNDARY  VALUE  PROBLEM  SOLUTION 
(BOER5TOEL) 


INCOMPR.  FLOW  : 
INOOMPR.  HOOOGRAPH 


COMPR  FLOW 


COMPR.  HODOGRAPH 


>  COMPR.  FLOW 


fig.  30 

Flow  diagrams  of  two  hodograph  methods  for  the  dssign  of  aerofoils  with  shodcTree 
transonic  flow. 


In  fig.  30  simplified  flow  diugrams  of  both  hodograph  methods  ere  presented. 

Vihen  the  inverse  calculation  method  for  the  determination  of  a  shape  with  shockfree  transonic 
flow  is  used  as  input  in  the  design  procese  indicated  in  fig.  1,  the  aerodynamic  characteristics  have  to 
be  determined  in  off  design  conditions.  Also  other  des  1  gr.  conditions  may  be  Bubject  of  study.  For  an  aero¬ 
foil  for  a  wing  e.g.  apart  from  high  speed  characterietics  also  low  speed  characteristics  play  a  role. 

For  aerofoils  for  helicopter  rotor  blades  as  well  manoeuver  as  hover  conditions  must  be  met.  In  general 
C^,  Cd  and  Cm  curvss  of  the  final  aeroi.;1  must  be  estimated.  For  this,  use  is  made  of  potential  flow 
methods  as  the  panel  method  and  boundary  layer  calculation  methods.  Further  empirical  knowledge  is  used  to 


extrapolate  from  the  conditio 
applicability  of  thee-  metho' 
of  buffet  or  rapid  variatio’ 
direct  solutions  of  the  ful 
as  possible  to  the  bounairiee 


are  covered  by  these  methods  to  conditione  outside  The  range  of 
<ards  the  boundaries  in  the  plane  that  determine  the  occurrence 

r dynamic  characterist.ee  of  the  aerofoil.  At  high  subsonic  Mach  numbers 
tial  flow  squr.tion  are  used  to  predict  aerofoil  characteristics  as  close 
•ne  -  1^,  plane  where  shock  induced  boundary  layer  separation  occurs. 

In  the  next  section  attention  will  be  paid  to  some  limits  of  applicability  and  shortcomings  of  eome  finite 
difference  methods  that  are  being  used  eucceesfully  for  this. 


4.2  Finite  difference  methods  for  the  full  potential  equation  of  plane  flow. 
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In  the  paper  presented  by  Yoehihara  laet  year  at  the  Von  Kar.nan  Institute  (ref.  30)  a  complete 
deecription  ie  given  of  recent  developments  in  the  calculation  of  steady  transonic  flow  with  shocks  using 
finite  difference  procedures.  In  view  of  this  in  the  present  paper  only  a  few  remarks  will  he  made  on  this 
subject  and  some  results  will  be  presented  that  have  bean  obtained  at  SLR. 

is  far  as  the  methods  for  the  solution  of  the  full  potential  flow  problem  in  plane  flow  are 
concerned  two  approaches  eiist :  the  time  dependent  procedure  of  Magnus  and  Yoehihara  (ref.  37)  and  the 
steady  relaxation  procedures  of  Steger  and  Lonax  (ref.  3S),  Garabedian  and  Korn  (ref.  36)  and  of  Jameson 
(ref.  39). 

In  the  time -dependent  procedure  the  desired  eteady  flow  ie  obtained  asymptotically  for  large 
times  by  a  finite  difference  marching  procedure.  Embedded  shockwaves  can  develop  automatically.  The  flow 
modal  that  is  used  describee  conservation  of  mass  and  momentum  whereas  the  ieotropic  preeeure/denaity 
relation  -E-  «  constant  is  used  to  eleminate  the  pressure.  The  flow  model  can  be  written  as  vector  partial 

P5 

differential  equation! 


(36) 
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u  and  w  arc  velocity  components  in  x  and  z  direction.  Much  attention  is  paid  in  the  method  to  the  correct 
representation  of  the  boundary  condition  at  the  aerofoil  surface. 

The  computational  effort  to  apply  the  time-dependent  method  ie  large  in  comparison  to  that  of  the 
steady  relaxation  methods  because  it  requires  representation  of  the  time  history  of  details  of  the  flow 
that  ie  irrelevant  for  the  asymptotic  solution  which  ie  the  steady  flow.  It  may  be  expected  that  transient 
flow  problems  in  future  can  be  solved  along  these  lines.  Comparison  of  the  results  of  the -time-dependent 
method  with  exact  results  for  ehockfree  flow  from  hodograph  theory  generally  show  very  good  agreement.  The 
computing  time  is  in  the  order  of  40  minutes  on  the  CDC  6600  computer  whereas  4-10  minutes  are  required 
for  application  of  the  steady  relaxation  method  of  Garabedian  and  Korn. 

The  eteady  relaxation  methods  of  Garebedian  and  Korn  and  of  Jameeon  are  based 
on  the  equations  that  describe  conservation  of  mass  ari  irrotationality  and  the  conservation  of  energy, 
together  with  the  ieentropic  preseu.  -/density  relatim.  As  vector  partial  differential  equation  the  first 
two  relations  are! 


The  energy  equation  reades 


pu|  +jpw 
u 


2.2  Y 

u  +  w  Id 

- -  -  +  pj  j*  -  constant 


(37) 


(38) 


for  the  entire  flow  field. 

In  the  actual  calculations  not  the  conservation  form  of  the  equations  is  used  but: 

(a2-u2)^-2uw|^+(a2-w2)4.0 


(39) 


with  for  the  velocity  of  3ound: 


•a  ■ -J  * 


(40) 


In  these  methods  the  fulfillment  of  the  boundary  condition  ie  simplified  by  mapping  the  exterior  of  the 
aerofoil  onto  the  interior  of  a  circle. 

The  appearance  of  shocks  in  the  solutions  is  an  interesting  feature.  Some  attention  will  be  paid 
to  this,  baaed  on  ref.  40  (MLR,  Van  der  Vooren  and  Slooff)  and  on  unpublished  work  of  Van  der  Vooren. 

As  has  been  explained  also  in  ref.  30,  cases  with  shocks  are  mathematically  a  weak  solution  of 
the  differential  equations  that  define  the  flow  model.  In  conservation  fora  these  equations  are  repre¬ 
sented  by! 

div  v  •  0 

•3  *  7,  (41) 


where  e.g.  div 


in  the  plane  time  dependent  flow. 


A  weak  solution  of  eq.  (41 )  is  a  solution  that  fulfills  eq.  (4 1 )  almost  everywhere:  there  may  be  lines 
(shocks)  across  which  eq.  (dl)  does  not  hold.  The  jump  conditions  across  these  lines  follow  from  the  theory 
of  weak  solution  (ref.  41 )  of  differential  equations  and  read 


(v.n)+  +  (v.n)" 


(42) 


Here  *  ind  -  denote  opposite  sides  of  the  lines  of  discontinuity. 

From  the  theory  of  weak  solu.ions  the  shock  relatione  for  the  time-dependent  approach  read 
according  to  eq.  (36)  and  the  ieentropic  preesure/density  relation  (ref.  39  and  fig.  31 ): 
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expressing  conservation  of  mass,  momentum  and  entropy  acrcBs  the  shook.  It  is  shown  in  ref.  39  that  in  this 
version  of  the  tims-dependeni  method  ai.  energy  loss  across  the  shook  is  predicted  dependent  on  the  flow 
conditions  upetrsam  of  it.  To  first  order  this  loss  is 


H1  -v 


(«n12-1)2 


(44) 


The  related  rotation  in  the  wake  is  stronger  than  that  which  occurs  bshind  the  shock  in  the  exact  inviscid, 
non  isentropic  compressible  Rankine  Hugoniot  flow  in  which  conservation  of  mass,  normal  and  tangential 
components  of  momentum  flux  and  snergy  existB  (ref.  l).  In  this  flow  the  rotation  is  related  to  the 
increase  in  entropy  across  the  shock,  which  to  first  ordsr  is  only 


S2  -  S1  -  D3 


(45) 
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fig.  31 

Definition  of  shock  paramstsrs. 

Later  in  their  time-dependent  method  Magnus  and  Yoshihara  applied  a  procedure  in  which  the  total 
pressure  is  upgradsd  after  every  few  tims  steps  by  changing  ths  densityP  in  Buch  a  way  that  the  algebraic 
energy  equation  eq.  (36)  is  valid  again  along  streamlines.  It  appears  that  in  the  limiting  steady  case  the 
calculations  then  represent  a  model  that  is  both  issntropic  and  iBoenergetic  at  the  expense  of  relaxing  on 
the  requirements  for  the  conservation  of  mass  and  momentum. Still  later  on  procedures  were  used  that  differ 
from  the  description  of  the  method  in  the  literature  in  other  ways.  It  is  not  always  clear  from  the 
description  of  results  with  which  procedures  they  were  obtained. 

For  the  steady  relaxation  methods  the  theory  of  weak  solutions  for  eq.  (37)  and  eq.  (38)  and  the  ' 
isentropic  preseure/density  relation  leads  to  the  shock  relations  (ref.  35) I 

PlUn1  "  P2un2 


tl 


t2 


(46) 


if  h.  Un1  "  Ut1  JL  P2  U*2  *  Ut2 

ft-1  Pi  2  '  H  P2  2 


6-35 


These  express  the  conservation  of  mi,  energy  and  entropy  as  uall  as  the  continuity  of  tangential 
velocitiee  across  the  shock.  The  firet  two  relations  in  eq.  (46)  imply  the  continuity  of  the  tangential 
component  of  aomentin  flux.  The  normal  component  of  momentum  flux  ie  not  conserved  across  the  ehock  in 
this  model.  In  fact  there  is  a  momentum  gain  across  the  shock. 

The  ehock  relations  according  to  the  time-dependent  and  the  eteady  relaxation  Dethoda  are 
compared  in  fig.  32  with  the  Rankine-Sugoniot  shock  relations.  The  impression  from  this  figure  that  the 
results  of  the  time-dependent  method  will  come  cloeeet  to  that  of  Rankine  Hugoniot  flow  is  confirmed  in 
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fig.  32 

Density  ratio^^j  and  downstream  Mach  number  Jinj  as  a  function  of  upstream  Mach  number 
Xni  at  a  shock. 


fig.  33a.  In  this  figure  the  calculated  pressure  distributions  are  given  for  a  HACA  64A^J10  aerofoil. 

It  can  be  seen  in  this  figure  that  the  pressure  jumps  tnat  are  determined  numerically  in  both  methods 
differ  from  the  jumps  that  can  b<-  determined  from  the  shock  relatione  of  the  flow  models.  In  comparison 
with  experimental  results,  where  the  shock  is  weakened  due  to  boundary  layer  effects,  it  happens  very 
often  that  the  result  of  the  steady  relaxation  method  correspoms  well  with  the  experiments.  This  is  also 
the  case  in  fig.  33b  that  has  been  obtained  from  Kacprzynski  (NAE,  rsf.  42).  This  should  be  regarded  as  a 
coincidence. 
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fig.  33 

Pressure  distribution  on  the  ”ACA  64A-410. 


6-36 


Finally,  tome  other  examples  will  to  presented  of  the  steady  relaxation  method  of  Usraoeaian  ana 
torn.  In  fig.  34  results  are  presented  from  unpublished  work  of  Smith  (HLE)  for  tha  shockfree  rear-loaded 
aerofoil  BLR7101  of  which  the  exparinantal  pressure  distribution  ia  given  for  the  design  conditions  in 
fig.  26.  is  can  be  seen  in  fig.  34  the  Qarabediar.-Korn  method  produces  a  pressure  distribution  that  shows 


Pressure  distribution  on  section  I7LR  7101. 


a  Shock  which  is  not  present  in  the  experiment.  It  is  important  to  know  that  this  can  happen  when  the 
method  is  used  as  a  design  tool.  For  the  same  aerofoil  the  CL-x  relax,  one  for  various  values  of  'the  angle 
of  attack  according  to  the  Oerabedian-Karr.  method  are  presented  m  fig.  35. 

Ir.  this  figure  which  is  obtained  from  unpublished  work  of  Zwaaneveld  (SLR)  the  drag  divergence  Hach  numbers 
"DE  are  indicated  from  calculated  and  measured  results. Kjjjj  is  defined  for  each  angle  of  attack  as  the  Hach 
number  for  which  the  variation  of  the  drag  coefficient  as  a  function  of  Hach  number  dC  I 

_ “  •  0.1 

.  constant 

ihe  drag  in  the  experiments  of  NLR  has  bee-  uetermined  by  means  of  a  rake.  The  drag  from  calculated 
resultr  has  been  obtained  by  means  of  integration  of  the  pressure  distribution  on  the  aerofoil.  The  result 
for  the  drag  divergence  of  the  calculation  method  corresponds  rather  well  with  experimental  results.  This 
can  be  explained  by  the  fact  that  in  the  absence  cf  shocks  the  calculation  method  is  equivalent  and 
identical  to  Rankine-Hugoniot  flow  so  that  the  prediction  of  the  drag  rise  Hach  number  in  the  calculation 
method  is  correct  although  the  drag  value  itself  is  in  error. 

It  has  been  shown  in  ref.  3C  and  ref.  42  that  it  car.  be  very  difficult  to  explain  differences 
between  experimental  and  calculated  pressure  distributions  when  strong  shocks  are  present.  Tunnel  wail 
interference,  shockwave-boundary  layer  interactions  and  errors  in  the  representation  of  pressure  jumps 
due  to  shocks  in  the  calculation  methods,  sre  difficult  to  separate. 
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5-  CONCLUDING  RUUSKS 

During  the  past  ye  ere  large  progress  is  made  ir.  the  development  of  potential  flow  methods  for 
calculation  of  flows  around  aerofoils  and  wings.  For  eubcritical  flows  around  wing-body  combinations 
direct  panel  methods  are  available  that,  partly  as  a  result  of  introduction  of  semi-emphri oal  compres¬ 
sibility  corrections,  are  very  suitable  design  tools.  For  plane  transonic  flows  inverse  hodograph  tech¬ 
niques  and  direct  finite  difference  methods,  both  solving  the  full  potential  flow  equations  for  exact 
boundary  conditions  at  the  aerofoil  surface,  form  a  useful  combination  for  the  design  of  aerofoils  for 
wings  and  helicopter  rotors.  For  attached  flow  and  relatively  smooth  pressure  distributions,  in  principle 
boundary  layer  effects  can  partly  be  taken  into  account. 

For  three-dimensional  wings  in  transonic  flow  only  finite  difference  methods  are  available  that 
are  based  on  small -perturbation  flow  equations  and  simplified  boundary  conditions.  Results  of  these  tech- 
niqueecan  differ  much  from  results  of  the  full  potential  equation  for  exact  boundary  conditions.  When 
strong  shocks  are  preeent  even  in  attached  flow  the  shockwave-boundary  layer  interaction  effects  cannot  be 
predicted  yet  in  plane  flow  or  in  three-dimensional  flow.  Also  separation  of  the  flow  that  causes  lift 
divergence  and  buffet  is  outside  the  region  of  applicability  of  existing  standard  calculation  methods. 

Semi -empirical  techniques  that  are  used  by  many  designers,  seem  the  only  design  aide  for  the  time  being 
with  respect  to  these  effects. 

The  last  points  that  are  mentioned  maks  clear  that  for  the  design  of  aerofoils  and  wings, 
experiments  are  indispensable.  Wall  interference  in  tunnels  however  may  cause  troubles  especially  in  oases 
with  strong  shocks  and  high  lift  with  and  without  boundary  layer  separation  effects. 

It  is  desirable  to  combine  calculations  and  experiments  in  the  design  proctus  in  a in  optimum  way. 

No  general  rules  can  be  given  for  this  because  the  empirical  knowledge  of  the  designer  plays  an  essential 
role  in  the  process.  Apart  from  considerations  concerning  the  applicability  of  the  results  also  coat-  and 
time  aspects  play  an  important  role  when  a  choice  is  made  between  calculations  and  experiments. 

For  an  experiment  in  a  windtunnel  to  determine  aerofoil  characteristics^  model  is  required.  In 
most  casee  it  is  necessary  to  determine  details  of  the  flow  so  that  it  must  be  possible  to  measure  the 
pressure  dietributior.  on  the  model.  Accurate  aluminium  alloy  models  far  2D  tests  ir,  a  small  transonic 
tunnel  cost  8  15.000  to  t  20.000.  The  costs  of  a  complete  tset  of  the  aerofoil  including  data  processing 
in  such  a  tunnel  ie  about  t  10.000  for  about  200  *  combinations.  This  means  that  for  each  K  -  K  com¬ 

bination  a  test  costs  about  S  50  without  model  costs  or  8  150  including  model  costs.  This  car.  be  "compared" 
with  the  costs  of  application  of  the  steady  relaxation  method  of  Garabedian  and  Korn  that  takes  4-10  minutes 
on  a  CDC  6600  for  one  case.  Raking  use  of  special  features  in  the  programme  the  computation  of  mo.-e  than 
one  case  takee  lese  time  for  the  second  and  each  succeeding  case.  Experiences  at  NLR  are  that  100)^- o(  com¬ 
binations  coet  about  t  5000  on  a  CDC  6600  in  a  commercial  centre.  That  is  S  50  for  each  case.  For  the  cal¬ 
culation  the  price  for  each  combination  is  about  equal  when  input  generation  for  the  computer  is 

neglected  and  when  the  computer  programme  is  available.  The  price  of  a  complete  windtunnel  test  is  little 
influenced  by  the  number  of  test  points.  The  time  required  to  make  a  tunnel  model  is  much  larger  than  the 
time  required  to  generate  computer  input. 

A  similar  "comparison"  can  be  made  for  3D  cases.  A  eteel  model  for  preseure  measuremente  on  a 
wing  that  ie  mounted  on  a  body  coets  8  50.000  to  8  70.000.  A  short  test  that  is  relatively  expensive  and 
that  only  concerns  syrmetrical  flow  conditions  ior  one  configuration  costs  about  8  25-000  including  data 
processing.  It  is  sxeumed  that  a  suitable  tunnel  is  being  used  with  a  test  section  of  say  2  x  1.6  m2. 

With  again  about  200  V  or combinations  the  experiment  coets  about  8  125  without  model  costs  or  including 
model  costs  about  8  400  for  each  combination.  Application  of  the  NLR  panel  method  coste  for  a  giver, 

configuration  for  ths  eecond  and  each  succeeding  Oc  combination  8  350  to  8  1400  dependent  on  panelling. 

The  choice  between  experiment  and  calculation  strongly  depends  on  the  phase  in  the  design  process 
as  can  be  eeen  also  in  fig-  1.  When  e.g.  the  effect  of  a  large  number  of  geometrical variations  has  to  be 
determined,  time  and  corte  considerations  very  often  will  lead  to  the  use  of  the  ccmputer.  In  some  cases 
computational  methode  provide  possibilities  that  differ  from  the  possibilities  of  tests.  E.g.  to  design 
aerofoils  with  traneonic  ahockfree  flow  existing  theoretical  inverse  methods  directly  give  results  that  in 
general  cannot  be  obtained  by  a  trial  and  error  procedure  that  is  entirely  based  on  experime.nte.  It  has 
been  shown  that  in  eome  cases  this  type  of  flow  can  be  found  by  experimental  means  but  in  those  cases  only 
at  the  coet  of  a  large  number  of  experiments  with  different  models. 

To  be  able  to  apply  a  computer  programme  a  i~ .hematical  model  must  be  developed  first  and  the 
computer  programs  must  be  written  (and  debugged).  It  ie  not  possible  to  product  numbers  about  the  coete 
that  are  involved.  As  an  order  of  magnitude  it  can  be  assumed  that  complicated  computer  programmee  of  the 
typee  that  have  been  used  to  generate  the  examples  presented  in  the  preeent  paper,  at  least  cost  the  eame 
as  the  windtunnel  modele  mentioned  above.  Also  in  this  case  a  large  difference  existe  between  coete 
related  to  plane  flow  anfl  to  three-dimeneional  flow.  In  principle  it  ie  possible  to  improve  programming 
techniques  in  comparieon  with  normal  practice  in  eoientific  programming.  Further  the  price/ performance 
ratio  of  computers  will  be  influenced  considerably  by  amongst  cthere  new  computer  memory  technology. 

Both  circumstances  have  to  lead  to  a  more  competitive  price  of  computations  in  comparieon  with  experiments. 
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BOUNDARY  LAYER  CALCULATION  METHODS  AND 
APPLICATION  TO  AERODYNAHIC  PROBLEMS 

J.  Steinheuer  * 


1.  INTRODUCTION 

1.1  General  Remark* 

Th«  aerodynamic  design  of  aircraft  may  be  characterized  generally  as  the  ability  to  develop  such 
forms  and  shapes  of  airersft  which  will  ensure  a  stable  and  controllable  type  of  flow  at  a  maximum  effi¬ 
ciency.  The  basic  flew  to  be  achieved,  for  the  Mach  number  range  up  to  lew-supers onic  speeds,  would  ideal¬ 
ly  be  the  classical  attached  Kutta-Jrukowsky  flow.  The  type  of  aircraft  under  consideration  then  is  one 
having  wings  of  large  to  moderate  aspect  ratio  where  the  lifting  surfaces  are  physically  distinct  from  the 
propulsion  units  and  from  the  fuselage.  In  the  high  subsonic  speed  range  compressibility  effects  can  be 
delayed  to  a  certain  extent  by  using  swept  wings,  but  still  retaining  the  essential  features  of  an  attach¬ 
ed  flow.  The  aerodynamic  design  should  be  based  on  a  full  understanding  of  the  fluid  mechanics  of  the  flew 
from  which,  either  by  theoretical  considerations  or  by  experimental  research,  design  criteria  and  calcula¬ 
tion  methods  are  derived  for  the  prediction  of  the  aerodynamic  properties  of  an  aircraft. 

Historically,  the  outstanding  event  by  which  our  understanding  of  the  physics  of  the  flow  around  an 
obstacle  such  as  an  airplane  was  given  its  foundations  has  been  the  introduction  of  the  boundary-layer 
concept  by  Prandtl  in  1904  [l].  In  this  year  of  the  70th  anniversary  of  that  event  it  seems  quite  appro¬ 
priate  to  recall  that  without  the  recognition  that  viscous  forces,  though  small,  play  a  crucial  part  in 
any  flow,  the  experimentally  observed  finite  drag  in  attached  flows  and  the  occurence  of  separation  could 
not  be  understood  with  the  then  existing  and  already  highly  developed  perfect  fluid  theory  on  one  hand  or 
the  Stokes  viscous  theory  on  the  other.  Prandtl's  theory  explained  how  viscosity  exerts  its  influence  on 
the  flow  in  a  thin  boundary  layer  adjacent  to  the  body  surface.  Drag  is  readily  recognized  as  the  sum  of 
the  shear  forces  in  the  thin  boundary  layer,  and  separation  is  the  consequence  of  the  retardation  of  fluid 
by  viscous  forces  causing  it  to  break  away  from  the  surface  and  thereby  disturbing  large  areas  of  the  flow 
field.  Since  its  foundation  boundary- layer  theory  has  developed  into  a  discipline  of  fluid  dynamics  of  its 
own  standing  comprizing  a  broad  variety  of  theoretical  problems  and  practical  applications.  The  analytic 
and  numerical  treatment  of  the  boundary-layer  equations  has  been  greatly  r.dvanceo  especially  by  the  use 
of  computers.  Calculation  methods  have  been  devised  in  great  number  by  which  many  problems  of  practical 
significance  in  aircraft  aerodynamics  could  be  solved,  and  of  which  this  paper  is  trying  to  give  a  few 
examples . 

Since  the  emphasis  of  this  lecture  course  is  on  aerodynamic  characteristics  and  their  prediction, 
it  seems  appropriate  first  to  point  out  in  more  detail  the  role  of  boundary-layer  behavior  and  its  influ¬ 
ence  on  the  aerodynamic  characteristics.  In  view  of  the  envisaged  type  of  flow  around  an  aircraft  with 
wings  of  large  to  moderate  aspect  ratio  it  is  justified  to  do  this  by  considering  the  two-dimensional 
flow-over  an  airfoil  section  where  most  of  the  basic  boundary  layer  phenomena  are  present. 

1.2  The  Influence  of  Boundary-Layer  Behavior  on  the  Aerodynamic  Characteristics  of  Wing  Sections 

The  low  speed  flow  characteristics  about  a  single  airfoil  i.e.  an  airfoil  without  flaps  and  slats 
are  well-known  from  wind-tunnel  investigations  as  summarized  in  Refs.  [2j,  [3]  and  [4]  giving  data  on 
lift  vs.  incidence,  c,  M  and  drag  coefficients  for  Reynolds  numbers  up  to  about  107.  From  these  experi¬ 
ments  one  arrives  at  the  following  qualitative  picture  of  the  boundary- layer  behavior  and  its  influence 
on  the  aerodynamic  coefficients.  At  small  to  moderate  incidences  the  flow  along  the  contour  of  the  airfoil 
is  completely  attached,  and  an  almost  ideally  potential  flew  pattern  is  established.  The  boundary  layer 
starts  on  both  sides  of  the  stagnation  point  at  the  nose  as  a  laminar  boundary  layer,  undergoes  transition 
beginning  at  some  downstream  position  and  extending  usually  over  a  relatively  short  distance,  and  continues 
as  a  turbulent  boundary  la,  er  to  the  trailing  edge  where  the  boundary  layers  from  the  upper  a1  i  lower  sides 
merge  to  form  a  wake  which  is  a  turbulent  thin  shear  flow.  The  location  of  the  transition  region  depends 
on  the  pressure  distribution,  normally  beginning  at  a  small  distance  downstream  of  the  point  of  minimum 
pressure,  and  on  the  Reynolds  number.  In  general,  increasing  Reynolds  number  at  a  constant  incidence  de¬ 
creases  the  boundary -layer  thickness  at  any  point  including  the  trailing  edge  which  leads  to  an  increase 
in  circulation  of  the  inviscid  flow  thus  increasing  the  lift  coefficient  c^  and  the  slope  dcL/da  while  the 
pitching  moment  c^  becomes  more  positive.  The  profile  drag  c^  being  composed  of  friction  drag  and  pressure 
drag  is  generally  reduced  with  Reynolds  number  by  virtue  of  a  decreasing  pressure  drag  and  als  a  reduction 
in  friction  drag.  An  indirect  influence  of  the  Reynolds  number  is  brought  about  by  a  change  in  the  transi¬ 
tion  location  which  is  very  sensitive  to  changes  in  pressure  distribution.  As  the  angle  of  incidence  is  in¬ 
creased  at  constant  Reynolds  number  the  transition  region  moves  forward  on  the  upper  side  and  rearwards  on 
the  lower  side.  On  the  other  hand  transition  moves  upstream  on  both  sides  with  increasing  Reynolds  number 
at  constant  incidence.  Thus  the  role  of  transition  location  as  a  Reynolds  number  dependent  parameter  is 
seen  to- have  a  prominent  significance  when  it  comes  to  extrapolating  wind-tunnel  measurements  to  the  desir¬ 
ed  full  scale  data  known  as  the  scale  effect  to  which  some  remarks  will  be  made  later  on. 

As  the  angle  of  incidence  of  an  airfoil  is  further  inoreased  eventually  the  boundary  layer  will  sepa¬ 
rate  from  the  surface  at  some  point  on  the  upper  side.  Depending  on  the  section  shape,  the  separation  loca¬ 
tion,  and  the  Reynolds  number  significant  differences  occur  as  to  the  subsequent  disturbance  of  the  in¬ 
viscid  flow  field.  Two  major  characteristic  types  of  separation  can  be  distinguished  (see  Fig.  1),  i.e. 

(1)  separation  of  the  turbulent  boundary  layer  at  the  trailing  edge  and  (2)  separation  of  the  laminar 
boundary  layer  near  the  leading  edge.  Rear  separation  of  the  turbulent  boundary  layer  results  from  the 
increased  positive  or  adverse  pressure  gradient  as  the  lift  increases  with  incidence.  This  type  of  sepa¬ 
ration  occurs  on  thick  airfoil  sections  with  a  well-rounded  minimum  pressure  peak  and  transition  lies  at 
about  the  location  of  minimum  pressure.  The  maximum  lift  is  reached  steadily  with  incidence  as  shown  by 
the  lift  curve  of  Fig.  1  for  the  NACA  633-018  airfoil  profile  indicating  that  the  separation  flow  pattern 
is  preserved  even  beyond  the  maximum  lift.  Raising  the  Reynolds  number  at  constant  incidence  tends  to  push 
the  separation  point  back  again  resulting  in  a  gain  of  lift  and  thus  allowing  to  achieve  a  higher  c, 
value  at  a  larger  angle  of  incidence.  However,  lowering  the  Reynolds  number  eventually  results  in  the 
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saparation  of  the  laminar  boundary  layar  on  the  forward  part  i.e.  befora  transition  could  take  place.  The 
once  separated  laminar  boundary  layer  being  unstable  will  very  quickly  turn  turbulent  and  may  then  reattach 
again  to  the  surface  creating  a  closed  separation  ragion  or  bubble  as  shown  for  the  cases  (c)  and  (3)  in 
Fig.  1.  This  type  of  separation  usually  occurs  with  thinner  airfoils  where  tha  suction  pressure  peak  is 
more  pointed  aven  at  low  angles  of  incidence.  The  bubble  may  bahave  in  two  distinct  ways  when  after  its 
astablishment  the  incidanca  is  raised  or  tha  Raynolds  number  is  increased:  it  may  shorten  or  it  may  enlarge 
forming  either  a  "short"  or  a  "long"  bubbla.  The  contracting  short  bubble  moves  closer  to  the  front  and 
suddenly  bursts  when  some  critical  incidence  is  reached  causing  complete  separation  of  the  flow  over  the 
entire  upper  side  of  the  airfoil.  Consequently  the  lift-curve  (curve  for  the  NACA  63i*012  profile  in  Tig.l) 
has  a  sharp  maximum  with  a  drastic  reduction  of  lift  beyond  this  maximum  and  a  corresponding  drastic  in- 
craase  in  drag.  In  contrast,  the  long  bubble  occuring  at  very  thin  uirfoils  extends  rearwards  with  in¬ 
creasing  incidanca  until  it  reaches  tha  trailing  edge.  The  lift  slope  decreases  steadily  during  this  pro¬ 
cess  and  the  lift  curve  itself  is  rather  flat  around  its  maximum  (curve  for  the  NACA  64A006  profile  in 
Fig.  1).  On  profiles  of  moderate  thickness  the  type  of  separation  can  change  from  the  leading  edge  short 
bubbla  type  to  tha  trailing  adga  turbulent  separation  type.  Also  a  range  of  Reynolds  number  may  exist  for 
which  tha  two  types  ara  present  simultaneously,  a.g.  a  thort  bubble  and  turbulent  rear  separation  the 
latter  being  enhanced  by  the  existence  of  the  shaft  bubble  causing  the  adverse  pressure  gradient  to  be 
larger. 

The  main  conclusion  to  be  drawn  is  that  the  lift  characteristics  of  an  airfoil  are  determined  to  a 
large  extent  by  the  boundary  layer  behavior  being  primarily  dependent  on  Reynolds  number.  Transition  loca¬ 
tin'-  has  a  very  ir$crtaot  influence  cm  the  type  cf  ttparetlc?  tr  be  exited.  Hr  £«-/»rallJj  valid  criteria 
exist  by  which  the  two  types  of  bubbla  separation  can  be  predicted.  Only  by  a  very  detailed  knowledge  of 
the  boundary  layer  development  at  every  stage  can  one  hope  to  predict  quantitatively  the  aerodynamic  charac¬ 
teristics  of  lift,  moment  and  drag  of  airfo.'l  profiles  at  least  vp  to  the  point  where  separation  first 
occurs.  However,  tha  calculation  of  tiie  bounaury  layer  development  depends  on  the  given  pressure  distri¬ 
bution  which  in  turn  is  influenced  by  the  bounda.-v  layer  displacement  effect.  So,  whan  trying  to  determine 
e.g.  tha  lift  by  purely  computational  means,  an  iterative  procedure  is  necessary  in  order  to  account  for 
this  interaction  between  inviscid  outer  flow  and  the  boundary  layer. 

A  much  fuller  account  of  the  airfoil  section  characteristics  and  also  of  the  follcwir.g  topics  in 
connection  with  the  genaral  aspects  of  aircraft  behavior  at  high  angles  of  attack  has  been  given  in  a 
recent  review  by  G.J.  Hancock  [5] .  The  remarks  made  nere  are  meant  only  to  point  out  the  role  and  signi- 
ficanca  of  the  boundary  layer  effects  without  attempting  to  be  exhaustive. 

The  classical  means  of  ensuring  satisfactory  landing  and  take-off  performance  of  an  aircraft  is  the 
addition  of  trailing  edge  flaps  and  leading  edge  slats  to  the  basic  wing.  The  development  of  the  boundary 
layers  around  an  airfoil  with  a  flap  and  a  slat  is  depicted  in  Tig.  2  together  with  measured  pressure 
distributions  reproduced  from  [6] .  In  addition  to  the  phenomena  connected  with  single  airfoil  flow  which 
may  occur  on  each  part  of  the  multiple  profile  separately  there  are  essentially  two  more  features  to  be 
considered.  The  first  is  the  appearance  of  a  separation  bubble  on  the  lower  sides  of  the  main  airfoil  and 
the  slat  where  the  approaching  turbulent  boundary  layer  passes  a  contour  discontinuity  like  that  of  the 
slat  or  highly  curved  parts  of  the  profile  contour  like  that  at  the  flaps  housing.  The  location  of  the 
reattachmant  point  of  these  bubbles  depends  on  the  flap  setting  and  the  shape  of  the  slat.  Secondly  there 
exists  an  interaction  between  the  wake  of  the  slat  and  of  the  main  profile  and  the  boundary  layer  over  tne 
back  of  the  main  profile  and  th  flap  which  will  certainlv  influence  the  boundary  layer  characteristics 
and  hence  the  overall  profile  behavior. 

The  typical  boundary- layer  development  over  the  back  of  a  profile  with  slat  and  flap  can  be  deduced 
from  the  total  pressure  head  distributions  given  in  rig.  3  as  measured  by  Ljungstrom  [7].  Note  that  the 
only  difference  for  tha  two  cases  shown  is  the  different  slat  setting  with  a  wider  slat  gap  h,.  in  the 
upper  diagram,  rasulting  in  a  marked  change  in  the  boundary-layer  development  as  influenced  by  the  slat 
wake,  and  also  in  noticeable  changes  of  the  pressure  distributions  and  the  overall  lift  coefficient  c,. 

A  very  important  practical  problem  with  such  configurations  is  the  problem  cf  finding  the  optimum  positions 
of  the  slat  and  the  flap  with  regard  to  maximum  lift.  Fig.  4  shews  the  results  of  wind-tunnel  measurements 
for  a  drooped-nose  profile  with  a  slat  for  three  different  slat  angles  and  two  Reynolds  numbers  according 
to  E.  Bartelt  [8].  The  pattern  for  positions  of  equal  c^  m  is  quite  irregular  with  the  optimum  locations 
being  displaced  considerably  by  small  changes  of  the  flapmlngle  and  a  Reynolds  number  variation.  These 
diagrams  strikingly  show  that  although  flap  and  slat  locations  can  be  found  in  extensive  and  t-ostly  wind- 
tunnel  experiments  the  extrapolation  of  the  experimental  results  to  the  full  scale  wing  i.e.  to  a  higher 
Reynolds  number  is  very  doubtful.  On  the  other  hand,  the  prediction  of  the  aerodynamic  characteristics  in 
such  cases  by  purely  computational  means  seems  to  be  an  almost  insolvable  task  in  view  of  the  complexity 
of  the  problem.  An  attempted  approach  for  the  prediction  of  the  optimum  flap  setting  to  attain  maximum 
lift  will  be  presentad  later.  Very  useful  papers  on  the  subject  have  been  given  by  A.M.O.  Smith  [9]  and 
D.N.  Fostar  u0]» 

If  the  Mach  number  is  raised  in  the  flow  around  an  airfoil  a  supersonic  flew  region  is  established 
on  the  upper  surface  which  is  terminated  by  a  normal  shock.  Since  a  shod;  wave  is  a  sudden  flow  compres¬ 
sion  it  is  axpacted  that  thare  is  a  considerable  influence  on  the  boundary-layer  development  underneath. 
Although  the  flow  upstream  of  the  shock  is  supersonic  the  inner  regions  of  the  boundary  layer  must  ba 
subsonic  so  that  the  compression  is  being  spread  out  to  some  extent  over  the  surface  as  shown  in  Fig.  5. 

It  depends  vary  much  on  tha  shock  strength  and  on  the  state  of  the  approaching  boundary  layer  whether  or 
not  it  will  separate  in  this  region.  If  separation  occurs  this  will  drastically  influence  the  inviscid 
flew  and  consequently  also  the  aerodynamic  properties  of  the  profile.  It  is  generally  agreed  that  the 
approaching  boundary  layer  should  by  all  means  be  a  turbulent  one  since  a  laminar  boundary  layer  would 
almost  invariably  separate  due  to  its  very  limited  capability  to  withstand  an  adverse  pressure  gradient. 
This  is  the  main  reason  why  in  wind-tunnel  experiments  the  boundary  layer  is  tripped  to  forced  transition 
well  ahead  of  the  expected  shock  location. 

The  different  types  of  separation  phenomena  as  a  consequence  of  the  interaction  of  the  shock  with 
a  turbulent  boundary  layer  including,  various  other  aspects  of  the  transonic  flew  over  profiles  and  winvs 
have  been  pointed  out  in  several  papers  by  H.H.  Pearcey,  e.g.  in  Ll]  .  Recent  reviews  on  the  subject  are 
also  due  to  J.E.  Greene  [12],  [13].  The  two  main  models  are  aepicted  schematically  in  sketches  Qand  Q 
of  Fig.  5.  riow  model  A  postulates  the  existence  of  a  separation  bubble  undernea'h  the  shock  which  is 
growing  in  extent  tewards  the  rear  with  increasing  incidence  i.e.  wit  i  growing  shock  strength.  The  adverse 
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pressure  gradient  over  the  rear  part  is  not  strong  enough  in  this  case  to  Induce  rear  separation  which  is 
to  be  expected  for  relatively  thin  and  lightly  loaded  airfoils.  However,  for  the  thicker  and  more  highly 
loaded  sections  used  in  modem  designs  the  pressure  gradients  in  the  rear  subsonic  flow  are  steeper  so 
that  flow  model  B  with  separation  from  the  trailing  edge  is  expected  to  exist.  Mixed  types  of  flews  may 
exist  according  to  Pearcey,  Osborne  and  Haines  [ll]  with  a  nubble  at  the  shock  location  and  rear  separation. 
Model  B  type  separation  being  essentially  the  analogue  to  the  classical  low  speed  turbulent  trailing  edge 
separation  is  very  sensitive  to  the  local  pressure  gradient,  the  boundary- layer  thickness,  and  the  upstream 
history  of  the  boundary  layer.  Even  without  separation  the  interactions  at  the  foot  of  the  shock  and  at  the 
trailing  edge  are  locally  strong  as  pointed  out  by  J.E.  Greene  [13]  and  influence  the  overall  flew  behavior 
and  hence  the  aerodynamic  characteristics  of  the  profile.  Incipient  rear  separation  also  marks  the  onset  of 
the  very  severe  phenomenon  of  buffeting  and  it  is  of  utmost  practical  invortance  to  be  able  to  predict  the 
buffet  boundaries  as  a  function  of  Mach  number  and  Reynolds  number. 

The  above  short  description  of  examples  of  flows  over  single  and  multiple  airfoils  in  the  low  speed 
range  and  the  flew  on  an  airfoil  at  high  subsonic  speeds  may  suffice  to  point  out  the  eminent  importance 
of  the  boundary  layer  in  any  flow  situation.  The  extension  of  profile  flew  to  the  actual  flow  over  wings 
with  finite  span,  of  course,  must  be  taken  into  consideration  in  an  actual  design.  Hcwever,  the  essential 
features  of  the  boundary- layer  development  will  not  be  changed  radically  by  the  inclusion  of  three-dimen¬ 
sionality  as  long  as  the  aspect  ratio  of  the  wing  remains  large  and  the  sweep  angle  in  case  of  a  swept  wing 
is  not  too  large,  say  less  than  40°.  The  problem  of  assessing  the  aerodynamic  characteristics  of  a  finite 
wing  from  the  knowledge  of  its  ssctional  behavior  has  bean  treated  by  KBchemann  [14]  and  reviewed  by 
Hancock  [5]  and  by  Williams  and  Ross  [is]  with  many  pertinent  references.  Sine  the  aerodynamic  characteristics 
of  an  aircraft  are  dominated  by  the  properties  of  its  lifting  surfaces  it  seems  justified  to  leave  aside  the 
problems  associated  with  fuselage  interference.  The  boundary-layer  aspect  of  the  attached  flew  over  the  fuse¬ 
lage  and  other  aircraft  components  such  as  engine  nacelles  is  primarily  concerned  with  the  reduction  of  drag 
at  low  lift  cruise  speeds  assuming  attached  flow  conditions.  Therefore,  in  the  following  survey  on  boundary 
layer  calculation  methods  essentially  two-dimensional  boundary  layer  flew  is  presupposed. 

The  purpose  of  boundary- layer  calculations  within  the  framework  of  the  general  objective  of  predicting 
the  aerodynamic  characteristics  of  a  projected  aircraft  may  be  characterised  as  the  ability  (1)  to  positive¬ 
ly  define  the  state  of  flow  i.e.  to  decide  if  attached  flat  exists  or  if  regions  of  separated  flew  must  be 
expected,  and  (2)  to  provide  a  quantitative  measure  of  the  effect  that  the  boundary  layer  has  on  the  aero¬ 
dynamic  characteristics  i.e.  to  be  able  to  calculate  the  friction  drag,  the  reduction  of  lift  and  the  change 
of  moment  as  compared  to  the  non-viscous  flow  condition. 

The  difficulties  encountered  in  achieving  the  first  task  are  concerned  not  so  much  with  the  calculation 
of  the  attached  boundary  layer  in  the  laminar  or  turbulent  state  but  with  the  reliability  of  criteria  for 
predicting  the  onset  and  extent  of  transition  and  hence  turbulent  separation.  It  may  easily  be  visualized 
that  an  inaccurate  location  of  transition  leads  to  wrong  initial  conditions  for  the  calculation  of  the  fully 
turbulent  boundary  layer  and  its  characteristics  including  the  location  of  possible  turbulent  separation 
even  if  the  method  applied  is  quite  satisfactory  otherwise.  This  is  especially  true  in  the  case  where  tran¬ 
sition  takes  place  over  a  laminar-turbulent  separation  bubble.  The  second  task  above  implies  the  use  of  ad¬ 
vanced  criteria  exceeding  the  well-known  Kutta-Joukowsky  condition  for  the  behavior  of  the  external  flew 
in  the  vicinity  of  the  trailing  edge.  The  treatment  of  the  confluent  boundary  layers  forming  the  wake  in 
this  region  enters  decisively  into  the  subsequent  recalculation  of  the  entire  inviscid  flow  field  and  is 
consequently  responsible  for  the  success  in  predicting  the  frictional  drag  and  the  reduction  of  lift  due 
to  the  presence  of  the  boundary  layer.  Thus,  it  must  be  realized  that  it  is  the  combination  of  boundary 
layer  calculation  methods  on  the  one  hand  and  the  utilization  of  adequate  criteria  of  various  types  and 
at  different  stages  in  the  computational  process  on  the  other  hand  which  will  determine  the  applicability 
and  accuracy  of  a  proposed  overall  prediction  method. 

In  what  follows  an  attempt  Is  made  to  give  a  :urvey  on  existing  boundary  layer  calculation  methods 
while  the  various  criteria  needed  to  complete  the  overall  prediction  method  will  not  be  treated  in  any 
greater  detail. 

2.  THE  BOUNDARY- LAYER  CONCEPT 

The  concept  of  the  boundary  layer  as  introduced  by  L.  Prandtl  [l]  in  1904  consists  in  the  realization,  that 
the  flow  around  a  (more  or  less  streamlined)  obstacle  such  as  an  airfoil  can  be  subdivided  into  two  distinct 
regions:  (1)  the  main  flow  in  which  velocity  gradients  are  so  small  that  the  influence  of  the  viscosity  of 
the  fluid  may  be  disregarded  completely,  and  (2)  the  thin  layer  in  the  immediate  vicinity  of  the  surface 
of  the  body  in  which  the  gradient  of  the  velocity  in  main  direction  of  the  flow  is  so  large  that  a  viscous 
shear  force  according  to  Newton's  friction  law  t  -  u(3u/9y)  is  produced  and  must  be  taken  into  account. 

While  in  the  main  region  of  the  flew  (which  for  simplicity  may  be  viewed  tc  be  two- dimensional  steady  and 
incompressible)  the  Navier-Stokes  equation  reduce  to  the  frictionless  Euler  equations  characterized  by  the 
absence  of  vortieity  and  therefore  convertible  to  the  Laplace  potential  equation.  In  the  frictional  region 
close  to  the  wall,  i.e.  the  boundary  layer,  the  Navier-Stokes  equations  are  reduced  to  Prandtl's  boundary- 
layer  equations. 

Written  in  the  simplest  form,  i.e.  for  a  steady  two-dimensional  incompressible  boundary  layer  the 
equations  are: 

(1)  lx  +  ly  =  °  (continuity  equation) 

(2)  „  »“♦  v|a.  -iflEti*!  (momentum  equation). 

3x  3y  o  dx  o  Jy 


Equations  (1)  and  (2)  apply  equally  for  laminar  and  turbulent  boundary  layers,  if  in  the  turbulent  case  the 
velocities  u  and  v  are  understood  as _being  time  averaged  mean  quantities  of  the  respective  fluctuating 
velocities  u  =  u  +  u'  and  v  =  v  +  v' .  The  pressure-gradient  term  in  Eq.  (2)  may  be  expressed  by 
Bernpulli's  equation  as 


A  Ae 

0  dx 


U(x) 


dU(x, 


(3) 


dx 
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where  U  =  U(x)  is  the  velocity-distribution  of  the  main  stream  assumed  as  given  just  outside  the  boundary 
layer  of  thickness  5(x) ,  as  depicted  in  Fig.  6.  The  appropriate  boundary  conditions  then  are: 

(4.1  y  -  0:  u  -  v  =  0;  lim  y  *  {:  u  =  U(x) 


Tha  shear  stress  i  -  t(x,y)  appearing  in  Eq.  (2)  formally  as  a  thin,  independent  variable  is  expressed  as 


(5) 


in  the  laminar  case ,  and  by 


(6) 


T  -  -  0-U  V' 


in  the  turbulent  case,  which  in  the  boundary  layer  approximation  is  the  so-called  Reynolds  shear  stress  or 
apparent  turbulent  stress  as  distinct  from  the  lfewton  stress  expressed  by  Eq.  (5).  For  large  Reynolds  num¬ 
bers,  a  necessary  assumption  whan  using  bound ary- layer  theory,  the  Reynolds  stress  in  fully  developed  turbu¬ 
lent  flow  exceeds  the  Newton  stress  generally  by  orders  of  magnitude.  It  is  also  usually  assumed  that  the 
Reynolds  stress  is  much  larger  than  the  turbulent  normal  stress  which  is  an  implication  for  Eqs.  (1)  and  (2) 
above  to  be  valid  in  this  simple  form. 

For  laminar  boundary  layers  the  known  relation  Eq.  (5)  for  the  shear  stress  with  the  constant  mole¬ 
cular  viscosity  u  completes  the  set  of  partial  differential  equations  (1)  and  (2).  Therefore,  together 
with  the  boundary  condition,  in  principle,  exact  solutions  of  this  system  of  equations  are  possible.  The 
boundary- layer  equations  are  of  parabolic  nature  implying  that  the  solution  for  the  unknown  variables  u 
and  v  which  are  to  be  determined  within  the  striplike  domain  between  the  body  surface  and  the  external 
flow  region  can  be  found  by  a  stepwisa  marching  procedure  in  the  downstream  direction.  This  means  that  the 
solution  at  a  location  x  is  not  influenced  by  conditions  at  a  location  downstream  of  x,  the  upstream 
conditions,  however,  affecting  it  very  much  generally.  This  property  is  often  referred  to  as  the  boundary 
layer's  memory  capability  for  its  upstraam  "history". 

Exact  solutions  for  the  laminar  boundary- layer  equations  have  been  obtained  for  a  wide  range  of  exter¬ 
nal  pressure  (or  velocity)  distributions  of  which  the  similarity  solutions  are  especially  important.  In 
these  cases  the  external  velocity  distribution 

(7)  U(x)  ~  x" 


allows  the  system  of  partial  differential  equations  (1)  and  (2)  to  be  reduced  to  one  ordinary  differential 
equation  by  removing  the  x-depend-nce  from  the  equations  which  results  in  "similar"  velocity  profiles  for 
all  x-stations  (Falkner-Skan  r  .at ion) .  These  and  other  exact  solutions  of  the  laminar  boundary- layer  equa¬ 
tions  are  fully  described  for  example  in  the  bocks  of  H.  Schlichting  [16]  and  L.  Rosenhead  [171  .  The  use¬ 
fulness  of  exact  solutions  for  the  outer  velocity  distribution  U(x)  according  to  Eq.  (7)  with  continuously 
accelerated  (m  >  0)  or  continuously  decelerated  (m  <  0)  flows  lies  in  the  fact  that  they  provide  a  good 
physical  insight  into  the  character  of  boundary -layer  flows  in  general.  Furthermore,  approximate  solution 
methods  designed  to  be  valid  for  the  general  case  of  a  laminar  layer  with  an  arbitrary  free-stream  pressure 
distribution  can  be  checked  against  these  exact  solutions.  In  fact,  some  of  the  approximate  integral  methods 
for  the  laminar  case  make  direct  use  of  the  similarity  velocity  profile  family  gained  by  solution  of  the 
Falkner-Skan  equation. 

In  order  ic  formally  complete  the  set  of  the  partial  differential  equations  (1)  and  (2)  also  for 
turbulent  boundary  layers,  the  Reynolds  stress  term  in  Eqs.  (2)  and  (6)  is  often  replaced  by  the  semi- 
empirical  relations  known  as  the  eddy-viscosity  concept  or  the  mixing-length  concept  of  Prandtl.  In  the 
former  case  the  Reynolds  stress  is  required  to  assume  the  form 


(8) 


3u 


where  e*e(x,y),  the  turbulent  exchange  coefficient  or  eddy-viscosity,  is  not  a  constant  but  varies  from 
point  to  point.  With  the  mixing-length  theorem  the  Reynolds  stress  ic  expressed  by 


(9) 


Ju 
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3u 
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where  the  mixing  length  l  -  l(x,y)  is  also  an  unknown  function.  The  mixing  length  is  interpreted  as  that 
distance  which  a  turbulent  fluid  lump  moves  on  the  average  in  the  y-direction  before  it  is  dissolved  through 
a  mixing  process  with  other  lumps  and  thus  looses  its  identi*  .  In  a  more  modern  interpretation  the  mixing 
length  is  assumed  to  be  a  characteristic  length  scale  for  the  transport  of  turbulent  energy.  Usually  it  is 
tried  to  further  break  down  the  eddy-viscosity  c  or  the  mixing  length  l  and  relate  them  by  suitable  empirical 
functional  relationships  to  the  lateral  distance  y  and  the  mean  velocity  and  its  derivatives.  One  such 
special  assumption  is  von  Karmen' s  similarity  hypothesis 


where  K  denotes  an  empirical  constant.  There  has  been  much  argument  on  the  validity  of  the  mixing- length 
and  eddy-viscosity  concepts  from  physical  reasons  (Bradshaw  [18]  and  Rotta  [l"J).  The  roost  serious  objec¬ 
tion  is  that  the  Reynolds  shear  stress  is  related  to  local  mean  flow  quantities  only  whereas  it  is  actually 
influenced  also  by  the  turbulence  transport  mechanisme,  i.e.  it  should  be  more  closely  connected  to  turbu¬ 
lent  properties  of  the  boundary-layer  flow  including  upstream  -  or  "history"  -  effects  of  this  turbulent 
process.  Mathematically,  however,  the  shear  stress  term,  must  be  related  ultimately  to  the  local  independent 
space  variables  x  and  y  whatever  the  degree  of  sophistication  of  the  physical  model  mav  be  to  achieve 
this. 


J.  ON  THE  STRUCTUP.E  OF  BOON!/ ARY  LAYERS 


Before  going  further  in  the  description  of  the  main  features  or  the  various  boundary-layer  calculation 
methods  it  seems  appropriate  to  make  some  remarks  on  the  structure  of  boundary  layers.  This  is  done  again 
for  two-dimensional  incompressible  boundary-layer  flows  giving  the  opportunity  to  recapitulate  on  the 
terminology  used  in  boundary-layer  -heavy . 
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3.1  Laminar  Boundary  layers 

As  its  denomination  suggests  a  laminar  boundary  layer  consists  of  a  well-behaved  f.ow  of  stratified 
laminae  of  fluid  moving  along  the  solid  surface  of  a  body,  Fig.  7.  Although  there  is  a  considerable  momen¬ 
tum  exchange  between  neighbouring  streamlines  through  the  action  of  viscosity  which  produces  the  shear 
forces  the  structure  of  the  laminar  boundary  layer  remains  unaltered  as  long  as  it  adheres  to  the  wall. 

The  thickness  4  of  the  boundary  layer  is  determined  by  the  x-wise  distribution  of  the  external  velocity  U(x) 
just  outside  the  boundary  layer.  In  general  the  thickness  4  increases  with  x  (d-f'Re  :  Re  -  U-x/v  in  lami¬ 
nar  flat  plate  boundary  layer  where  U(x)  =  11^=  const.).  Physically  this  is  explained  by  the  decelerating 
effect  of  the  shearing  forces  on  a  lamina  of  fluid  causing  the  adjacent  lamina  of  higher  velocity  to  be 
pushed  outwards  in  the  y-direction.  As  a  net  result  of  this  action  the  outer  flow  is  displaced  somewhat 
away  from  the  well.  The  displacement  is  quantitatively  expressed  as  the  defect  of  mass  flow  in  the  boun¬ 
dary  layer  as  compared  to  the  ideal  mass  flow  in  the  absence  of  the  boundary  layer  by 

4 

(11)  U4X  s  j  (U  -  u)  dy 

o 

where  here,  for  the  incompressible  case,  the  constant  density  o  could  be  dropped.  4,  then  is  the  familar 
displacement  thickness. 

If  the  prescribed  free  stream  velocity  U(x)  is  increasing  i.e.  the  pressure  p(x)  decreases  in  the 
streamwise  direction  x  (dp/dx  <  0)  the  boundary-layer  thickness  4  (and  4 ^)  grows  only  very  slowly.  Much 
more  interesting  is  the  case  of  increasing  pressure  or  adverse  pressure  gradient  (dp/dx  >  0)  i.e.  decreas¬ 
ing  external  velocity  U(x).  In  this  case  the  deceleration  of  the  boundary- layer  fluid  becomes  more  pronounced. 
The  boundai-y  layer  now  quickly  grows  thicker  and  the  velocity  profile  will  soon  show  an  inflexion  point. 

The  gradient  Ou/3y)^  at  the  wall,  which  is  a  measure  for  the  local  friction  force  exerted  to  the  wall 
diminishes  rapidly  with  persisting  adverse  pressure  gradient.  The  eventual  loss  of  all  kinetic  energy  of 
a  fluid  particle  adjacent  to  the  wall  under  the  combined  influence  of  an  increasing  pressure  and  the  shear 
forces  leads  to  the  stagnation  of  this  particle.  As  a  consequence  the  particles  on  a  neighbouring  stream¬ 
line  are  forced  to  leave  the  surface  and  follow  some  path  just  above  a  dividing  streamline  which  separates 
fluid  coming  from  the  upstream  region  from  fluid  that  is,  of  necessity,  being  pushed  in  from  downstream  in 
a  reversed  flow.  This  is  the  phenomenon  of  boundary- layer  separation.  At  the  point  of  separation  the  dividing 
streamline  intersects  the  wall  at  a  finite  small  angle  a  determined  by  the  relation 


(12) 
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and  the  point  of  separation  itself  is  determined  by  the  condition  that  the  velocity  gradient  normal  to  the 
wall  vanishes  there 


(13) 
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The  appearance  of  an  inflexion  point  in  the  laminar  boundary-layer  velocity  profile  usually  signalizes 
the  indinition  of  the  boundary  layer  to  be  unstable  against  small  disturbances,  i.e-  at  a  sustained  ad¬ 
verse  pressure  gradient,  dp/dx  >  0,  the  boundary  layer  will  turn  into  its  transitional  state.  Transition 
of  this  boundary  layer  from  a  pure  laminar  state  into  the  fully  developed  turbulent  state  takes  place  over 
some  distance  in  the  streamwise  direction,  this  transition  length  being  mainly  dependent  on  the  outer  pressu¬ 
re  variation,  on  the  roughness  of  the  surface,  and  on  the  turbulence  level  of  the  outer  stream.  The  onset 
of  transition  is  marked  physically  by  the  appearance  of  an  Irregular  and  intermittent  seouence  of  laminar 
and  turbulent  regions  (turbulent  spots).  The  theoretical  prediction  of  transition  onset  is  the  subject  of 
boundary  layor  stability  theory,  the  first  remarkable  success  of  which  are  connected  with  the  names  of 
W.  Tollmien  and  H.  Schlichting  [20]  who  were  able  to  calculate  the  critical  local  Reynolds  number  Re  *  U4,/v 
for  neutral  stability  on  a  flat  plate  boundary  layer.  The  streamwise  location  x.  of  this  theoretical  point 
of  instability  lies  ahead  of  the  actual  region  or  point  of  transition.  The  transition  point  may  be  charac¬ 
terized  to  be  that  point  n  the  streamwise  direction  at  which  the  regular  oscillations  appearing  downstream 
of  the  instability  point  suddenly  break  down  and  are  transformed  into  irregular  patterns  of  high  frequency 
which  are  characteristic  of  the  fully  turbulent  motion. 

It  is  not  intended  to  go  any  further  into  the  details  of  boundary- layer  transition.  Critical  reviews 
of  the  subject  of  boundary-layer  stability  and  transition  were  given  by  Betchov  and  Criminale  l2l],  and 
Obremski  et  al.  [22].  However,  some  remarks  in  view  of  an  actual  prediction  method  seem  to  be  appropriate. 
There  still  is  no  rational  method  in  existence  to  accurately  predict  transition  from  laminar  to  turbulent 
boundary- layer  flew.  Most  of  the  earlier  boundary-layer  calculation  methods  make  use  of  the  concept  that 
transition  takes  plsce  instantaneously  at  a  transition  point  the  location  of  which  is  taken  as  the  point 
of  minimum  pressure  or  the  point  of  instability  which  is  determined  roughly  from  correlation  curves 
connecting  the  critical  local  Reynolds  number  based  on  the  boundary-layer  thickness  with  the  local  pressure 
gradient.  In  more  refined  methods  the  actual  transition  point  is  taken  as  being  downstream  of  the  instabi¬ 
lity  point  by  an  amount  taken  from  an  experimental  correlation  curve  such  as  those  of  Granville  [ 23]  or 
Smith  and  Gamberoni  [24],  and  the  most  advanced  methods  realise  the  fact  that  the  transition  from  l._,'  -  \r 
to  turbulent  flow  takas  place  over  some  finite  surface  distence.  This  is  accomplished  by  slowly  activating 
the  turbulent  eddy-viscoaity  c  over  a  finite  surface  length  as  based  on  an  intermittency  factor  proposed 
by  Chen  and  Thyson  [2$]  which  accounts  for  the  intermittent  appearance  of  turbulent  regi jps  in  the  transi¬ 
tion  region. 

The  transition  mechanism  dealt  with  above  was  concerned  with  boundary  layers  which  remain  attached 
during  the  transition  process.  As  has  been  mentioned  earlier  transition  may  alternatively  take  place  through 
the  mechanism  of  a  laminar  separation  bubble  followed  by  turbulent  reattachment.  A  basic  review  on  tnis  type 
of  transition  has  been  given  by  Teni  [26] .  Again  the  incorporation  of  criteria  for  a  quantitative  prediction 
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of  this  type  of  transit ion  rsliss  hsavily  on  experimentally  observed  correlation  curves  between  bubble 
length,  a  suitable  chosen  pressure  gradient  coefficient,  and  the  boundary-layer  thickness  at  the  point  of 
laminar  separation  such  as  those  given  by  Crabtree  [27] ,  Owen  and  Klanfer  [28]  and  Gaster  [29] . 

з. 2  The  Turbulent  Boundary  Layer 

Let  us  now  turn  to  a  description  of  the  main  features  of  the  fully  developed  turbulent  boundary  layer. 
It  is  characterised  by  the  very  vigorous  mixing  of  fluid  contained  in  it,  where  the  velocity  vector  and 
other  quantities  like  pressure,  density  and  temperature  (in  the  compressible  case)  fluctuate  randomly  with 
respect  to  space  and  time.  Thus  in  a  nominally  two-dimensional  turbulent  boundary  layer  there  is  random 
motion  also  in  the  lateral  direction.  In  contrast  to  the  laminar  boundary  layer  a  single  momentary  obser¬ 
vation  in  a  turbulent  boundary  layer  would  never  give  a  repeatable  result.  Consequently  the  turbulent 
boundary- layer  flew  can  only  be  described  in  terms  of  statistical  quantities.  Therefore  the  quantities 

и, v,p  and  p  in  Eq.  (1),  as  already  mentioned  are  statistical  mean  quantities. 

Despite  the  radically  different  internal  structure  of  turbulent  boundary  layers  their  general  behavior 
and  development  under  the  influence  of  the  free  stream  velocity  or  pressure  variation  resembles  much  to  that 
of  a  laminar  boundary  layer.  With  pressure  decreasing  ip  the  x-direction  the  turbulent  boundary  layer  grows 
slowly  in  thickness,  although  at  a  faster  rate  (4—  X1*' ^  as  compared  to  6~  X^*  in  the  laminar  case  for 
flat  plate  boundary  layer)  while  in  a  persisting  adverse  pressure  gradient  flow  it  eventually  will  separate 
from  the  wall.  However,  with  the  very  vigorous  mixing  action  present  in  the  turbulent  boundary  layer  trans¬ 
fer  of  kinetic  energy  from  the  external  flow  is  much  greater  than  for  laminar  boundary  layers  resulting  (1) 
in  the  fuller  velocity  profile  u(y),  (2)  in  the  capability  tc  endure  much  larger  pressure  gradients,  and  (3) 
in  higher  frictional  drag  forces  on  the  wall. 

Returning  to  the  structure  of  the  turbulent  boundary  layer,  I  do  not  intend  to  review  the  complicated 
theory  of  turbulence  but  I  shall  rather  limit  myself  to  the  description  of  a  generally  accepted  model  of 
the  turbulent  boundary  layer,  r.f  !  full  seeour.l  of  turtuler.ee  theory  I  may  refer  you  tc  the  recent  publi¬ 
cations  by  Bradshaw  ll8]  and  Rotta  [19].  Figure  8  shows  a  sketch  of  the  turbulent  boundary  layer  which  may 
be  regarded  as  a  momentary  picture  of  the  vortex-like  or  eddying  motion,  the  mean  velocity  profile  being 
also  indicated.  From  this  at  first  sight  it  would  seem  to  be  impossible  to  deduce  any  principle  of  order. 
However,  ms  we  knot,  the  mean  Loundary- layer  thickness  grows  in  the  streamwise  direction  which  means  the. 
a  perewnent  entrainment  of  originally  non-turbulent  high-energy  fluid  takes  place.  This  capture  of  fluid 
from  the  fr-je  stream  is  achieved  by  tangential  viscous  shear  forces  acting  along  the  distorted  and  "wiggling" 
but  distinct  boundary  layer  edge  which  has  been  named  therefore  the  "viscous  super layer".  The  high 
energy  is  then  transported  to  the  inner  parts  of  the  boundary  layer  by  the  largest  turbulent  eddies  of  a 
size  in  the  order  of  the  mean  thickness  4  of  the  boundary  layer  which  enables  them  to  be  in  contact  with 
the  irrotational  outer  flow  in  the  first  place.  The  turbulent  energy  is  then  exchanged  among  the  eddies  of 
smaller  size  which  are  forming  and  disappearing  constantly.  It  is  assumed  that  eddies  of  all  sizes  are 
present  but  that  eddies  of  widely  different  sizes  have  no  direct  influence  on  each  other.  An  eddy  of  given 
size  exchanges  energy  at  an  appreciable  rate  only  with  another  eddy  of  nearly  the  same  size.  The  energy  ex¬ 
change  thus  is  comparable  with  a  cascade  process  in  which  the  biggest  eddies  lose  energy  to  eddies  one  order 
of  magnitude  smaller ,  which  less  energy  to  na) l*r  eidiea  it  rh*ir  tur*,  ari  an  until  the  e':.its  sre  s- 
small  that  they  lose  so  much  energy  by  direct  action  of  viscous  stress  that  no  smaller  ores  can  be  formed 
so  that  at  last  all  energy  is  converted  into  heat  by  direct  viscous  dissipation.  The  physical  mechanism 
invoked  for  this  cascade  process  is  that  of  stretching  of  the  eddies,  which  may  be  envisaged  as  line  ’ortex 
elements,  by  the  gradient  of  the  mean  velocity.  Therefore  the  largest  eddies  can  best  interact  with  th<  mean 
flow  as  compared  to  small-sized  eddies.  Thus  the  l'Tge  eddies  whose  lifetime  is  also  large  carry  most  of 
the  turbulent  energy  and  Reynolds  stresses  while  the  scale  of  the  smallest  eddies  is  determine!1  by  the  magni¬ 
tude  of  the  molecular  viscosity. 


3.3  The  Reynolds  Stress  Equation 

It  is  now  dear  that  the  turbulent  shear  stress  needed  in  the  momentum  equation,  Eq.  (2),  is  not 
likely  to  be  determinable  from  consideration  of  mean  flow  properties  only,  such  as  the  mean  local  velocity 
gradient  as  suggested  by  the  eddy  viscosity  concept  or  the  mixing  length  concept.  For  this  reason  turbulence 
research  workers  as  Bradshaw  and  Rotta  demand  the  use  of  transport  equations  which  can  be  derived  from  the 
Stoke*  equal  lone  and  by  which  tha  taanyort  J  tgtuler.t  qua- tit*  suck  a*  tha  ftayndda  straw 
-0  V  v'  or  the  turbulent  kinetic  energy  1/2  q' 2  =  1/2  (u^  +  v' 2  t  w'  2)  can,  in  principle,  be  described. 

Since  the  Reynolds  stress  enters  the  boundary  leyer  momentum  equation  directly,  let  ur  consider  the  appro¬ 
priate  transport  equation.  For  a  two-dimensional  turbulent  incompressible  boundary  p  =  const  we  have: 
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generation  redistribution  by 
by  interac-  pressure  fluctuations 
tion  with 
mean  flow 


transpo  t  by 

velocity 

fluctuations 


v  (u'V2v'  +  v1  V2u' )  -  0 

destruction  by 
viscous  forces 


The  physical  meaning  of  the  different  terms  is  indicated.  _ 

Similary,  the  transport  equation  for  the  turbulent  kinetic  energy  q' 2/2  reads: 


(15) 


1  3_V 

2  u  lx 


3y 


37  +  37  2  0  2v  J  ♦ 


=  0 


advection 


product  ion 


transport  by  viscous 
diffusion  dissipation 
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Also  transport  aquations  for  other  turbulent  fluctuating  quantities  such  as  u' *,  v1 1  and  u 1 1  can  be  derived 
which  all  have  the  same  structure  as  the  above  equations  (14)  and  (15).  To  make  these  equations  soluble  one 
must  represent  the  individual  terms  by  empirical  functions  of  the  Reynolds  stress.  This  is  what  is  often 
referred  to  as  “modelling"  or  "closure"  cf  the  transport  equations. 

It  is  not  my  intention  to  go  a<y  further  into  the  details  of  modelling  the  turbulent  transport  equa¬ 
tions.  I  just  wanted  to  indicate  the  >eneral  feature  of  this  approach  to  complete  the  momentum  equation, 

Eq.  ( 2 h  by  introducing  additional  partial  differential  equations  pertaining  to  the  Reynolds  stresses  in¬ 
stead  of  purely  empirical  formulae.  However,  I  would  like  to  draw  your  attention  to  one  point.  Tor  high 
Reynolds  number  boundary  layers  the  assumption  can  be  made  that  in  the  transport  equation  for  the  turbulent 
energy,  2q.  (ID ,  the  production  of  energy  is  equal  to  the  dissipation,  with  all  other  terms  negligibly 
small.  This  means  that  whatever  amount  of  turbulent  energy  is  produced  by  the  large  size  addle'  and  trans¬ 
ferred  from  big  to  small  eddies  will  be  dissipated  by  viscous  action  eventually.  The  controlling  parameter 
then  is  the  production  term,  and  energy  dissipation  is  independent  of  viscosity.  Then  c,  in  Eq.  (15)  can  be 
expressed  by  the  relation 


(16) 


(?)W 


where  L  is  a  length  scale  of  the  big  eddies  and  c  is  a  dimensionless  proportionality  factor.  With  the  additio¬ 
nal  assumption  made  by  P.  Bradshaw  [30]  that  the  ratio  of  the  Reynolds  shear  s-ress  to  the  turbulent  energy 
is  constant,  i.e. 


(17) 


(a  =  const.) 


and  equating  from  Eq.  (16)  with  the  production  term  from  Eq.  (15)  one  arrives  at  the  expression 


(18) 


with  cj  s  (2a)3/c2.  This  relation  is  identical  with  Eq.  (9)  for  the  mixing  length  concept,  if  l  =  Cj  •  L. 
The  derivation  cf  the  mixing  length  formula  from  the  transport  equation  for  the  turbulent  kinetic  energy, 
Eq.  (15),  seems  somewhat  artiflcal,  it  shows  however  that  the  required  information  on  the  Reynolds  stress 
can  be  obtained  from  these  equations  which  relate  one  turbulent  quantity  to  another  turbulent  quantity,  as 
in  Eq.  (17),  and  that  under  special  assumptions  the  same  relation  is  retrieved  which  originally  has  been 
an  hypothesis .  In  the  case  of  high  Reynolds  number  boundary  layers  the  mixing  length  formula  turns  out , 
indeed,  to  be  a  good  approximation.  lor  other  cases  of  thin  shear  layers  as  the  turbulent  wake  or  jet  flow 
it  might  not  be  so  adequate  (see  0.8],  08a]  and  [19]).  Calculation  methods  which  are  based  on  the  system 
of  partial  differential  equations  embracing  both,  those  for  the  mean  flow  velocities,  Eqs.  (1)  and  (2), 
and  those  for  the  transport  of  turbulent  quantities  such  as  the  Reynolds  stress,  Eq.  (14),  and  the  turbu¬ 
lent  kinetic,  Eq.  (15)  are  called  turbulence  field  methods.  Some  of  these  methods  will  be  listed  later. 


3.4  The  Two- Layer  Hodel 

Having  recognized  the  usefulness  of  the  mixing  length  concept  It  is  appropriate  to  recapitulate  its 
consequences  on  the  boundary  layer  velocity  profile.  In  the  case  of  incompressible  two-dimensional  flow 
over  a  smooth  surface  and  in  the  absence  of  strong  x-wise  pressure  gradients,  the  shear  stress  is  almost 
independent  of  distance  from  the  surface  and  equal  to  the  wail  shear  stress  i^.  For  the  mixing  length  t, 
being  a  measure  for  the  size  of  the  eddies  in  the  vicinity  of  the  wall,  the  reasonable  assumption  is  made 
that  it  is  proportional  to  the  distance  y  from  the  wall. 


(19) 


t 


k  y 


Introducing  this  into  the  mixing  length  formula,  Eq.  (9),  one  has 


which  Integrates  to  the  familiar  logarithmic  velocity  profile 


where  K  s  0.4  is  the  v.  Karman  constant,  and  C  =  5.0  is  an  integration  constant  determined  from  experiment. 
In  Eq.  (20)  u  is  the  so-called  shear  stress  velocity,  being  introduced  as  a  convenient  measure  of  the 
constant  wall  shear  stress  t„.  The  range  of  validity  of  the  law-of -the -wall,  Eq.  (21),  extends  from  about 
1  to  2  %  of  the  mean  total  thickness  5  (see  Fig.  0).  The  usual  representation  of  the  law-of-the-wall  veloci¬ 
ty  distribution  is  that  in  a  semi-logarithmic  plot  as  in  Fig.  9a,  which  shows  the  velocity  distribution  >\'u 
according  to  Eq.  (21)  together  with  experimental  results  according  to  Coles  [31].  T 

The  narrow  region  from  y  =  0  at  the  wall  to  about  0.2  %  of  6  is  not  included  in  the  velocity  distri¬ 
bution  of  the  ' aw-of-the-wall.  In  this  region  the  turbulent  eddv  motion  is  more  or  less  damped  out  as  a 
consequence  c-  ,e  adherence  condition  u(0)  =  0.  This  very  thin  layer  is  essentially  laminar  and  it  must 
carry  the  constant  shear  stress  tw  as  a  laninar  shear  stress  to  the  wall  very  much  like  a  Couette  flow 
between  a  stationary  and  a  moving  parallel  wall.  The  distribution  of  velocity  in  this  viscous  sublayer  is 
accordingly  a  linear  one 


(22) 


which  is  shown  also  in  Fig.  9a.  A  continuous  single  function  for  the  velocity  distribution  u/u  extending 
right  frem  the  wall  y  =  0  which  comprize-  the  linear  relation,  Eq.  (22),  as  well  as  the  logarithmic  part 
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according  to  Eq.  (21),  can  be  achiavad  hy  modifying  tha  linaar  relation  for  the  mixing  length,  Eq.  (19),  as 
suggested  hy  van  Driest  [32] 

(23)  t  y.y  Jl  -  exp  (-  JJ1)  J 

where  tha  empirical  value  A  -  26  gives  good  agreement  with  experiment . 

The  outer  portion  of  tiw  houndary  layer,  which  axtands  from  about  y  =  0.2*3  up  to  the  outer  edge 
y  =  4  (see  Fig.  6)  does  not  obey  the  law  of  the  wall.  This  is  best  seen  hy  replotting  in  Fig.  9h  the  curves 
of  Tig.  9a  to  show  the  vtlocity  defect  (0  -  u)/u  as  a  function  of  the  wall  distance  y/t,  where  4  is  taken 
to  be  that  point  for  which  j/l 1  -  0.995.  Also  shown  is  the  law- of -tha -wall  curve  as  the  straight  line  in 
this  semi- logarithmic  graph.  Comparing  the  experimental  data  with  the  logarithmic  law  one  observes  first 
that  thay  deviate  from  it  appreciably  in  the  region  0.2  <  y/4  <  1,  and  second  that  the  experimental  curves 
for  the  two  different  Reynolds  numbers  fall  together  into  one  single  curve.  For  this  behavior  of  the  outer 
portion  of  the  turbulant  houndary  layar  D.  Coles  [33]  has  developed  his  wake  model  also  called  the  law-of- 
tha-wake.  Under  this  concept  the  whole  boundary  layer  is  visualized  essentially  as  a  turbulent  half-wake 
flow  which  is  constrained  hy  a  wall.  The  wake-like  behavior  is  apparent  from  the  intermittent  character  of 
the  outer  houndary  layer  where,  at  a  fixed  distance  y/4  <1,  turhulent  flow  is  altarnating  with  rotation- 
free  flow.  Furthermore  the  outer  velocity  profiles  are  quite  sensitive  to  external  pressure  gradients  dp/dx. 
On  the  other  hand,  the  logarithmic  inner  part  of  the  boundary  layer  is  almost  completely  defined  by  the 
magnitude  of  tha  wall  shear  stress  t„  appearing  as  the  shear  stress  velocity  u  =  Ftu/p'  in  the  velocity 
distribution,  Eq.  (21). 

From  this  idea  of  two  distinct  scales  determining  the  turbulent  houndary  layar  flow  C  )les  developed 
a  two-parametric  standard  representation  of  the  velocity  distribution  hy  extending  tha  logarithmic  part  to 
include  an  additional  wake  part. 


(24) 


where  w(y/4)  is  Co'es*  wake  function  which  may  ba  approximated  hy  either  of  the  two  following  equations 


(25) 
or 

(26) 


w  (i)  =  u(n)  =  1  ♦  sin  (2n  -  l)j 

w(n)  =2  sin2  n  )  . 


In  Eq.  (24)  R  is  a  new  parameter  which  will  determine  tha  magnitude  of  the  wake-part  and  which  is  depen¬ 
dent  strongly  on  the  streamwise  pressure  gradient.  In  Fig.  10  the  composition  of  a  complete  ho  indary- layer 
profile  is  illustrated. 

The  standard  two-layer  velocity-profile  representation  in  the  form  of  Eq.  (24)  plays  an  important 
role  in  the  boundary  layer  calculation  methods  which  are  hased  on  the  integrated  form  of  the  houndary  layar 
equations.  Thus  e.g.,  on  putting  u  =  U,  the  free-stream  velocity,  and  y  =  4  the  local  friction  law  is  ob¬ 
tained  in  the  form 


(27) 


Given  the  constants  K  >  0.4,  C  >  5.0  (for  e  smooth  wall),  and  the  kinematic  viscosity  v  as  wall  as  tha 
local  free  stream  velocity  U  =  U(  r.)  the  last  equation  determines  any  one  of  the  three  parameters  u^ ,  4  t 
and  H  if  the  other  two  ara  known.  For  instance,  the  local  skin  friction  parameter 


(28) 


is  expressible  by  Eq.  (27)  as  a  two-parametric  function 


(29)  cf  =  cf  (4,n  )  =  cf  (hi2,  Re{J} 

Just  as  we  replaced  here  the  wall  shear  velocity  uT  by  the  local  skin  friction  parameter  one  may  replaca 
also  4  and  II  by  suitable  other  form  parameters,  as  indicated  in  Eq.  (29).  The  most  coanonly  used  form 
parameters  ara  the  thickness  ratio  H12  =  *l/®2  an<*  ****  R*ynold*  number  Re^  *  4^  •  U/v  based  on  the 

momentum  thickness  4^. 

Since  wa  have  derived  the  law-of-tha-wall ,  Eq.  (21),  for  the  inner  boundary-layer  region  from  the 
mixing-length  concept  one  might  expect  that  also  the  outer  region  can  be  adequately  described  by  it.  This 
is  indeed  possible  if  one  essumes  the  mixing  length  to  he  constant,  i.e. 


(30) 


1  =  1*4 


where  1  *  0.09  is  a  constant.  This  constant  mixing  layer  assumption  was  applied  to  the  case  of  plane  tur¬ 
bulent  mixing  leyer  of  a  uniform  flow  over  a  region  of  quiescent  fluid  by  W.  Tollmien  [34]  and  hy  Spalding 
and  Patankar  [35].  Properly  scaled  the  solution  for  velocity  distribution  is  almost  identical  with  Colas 
wake  function  giving  strong  support  to  the  applicability  of  using  the  constant  mixing  layer  concept  to  the 
outer  part  of  the  turbulent  loundary  layer. 

Equally  it  hes  been  shown  by  applicetion  in  boundary  layer  calculation  methods  (e.g.  by  Cebeci- 
Smith  [36])  that  also  the  use  of  the  eddy-viscosity  concept  according  to  Eq.  (8)  results  in  an  adequate 
representetion  of  turbulent  boundary  layers.  Noting  from  Eqs.  (8)  and  (9)  that  c  can  be  expressed  in 
terms  of  mixing  length  as 
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(31) 


0t* 


this  is  not  surprising  from  ths  discussion  shots  on  mixing  length.  Agsin  the  algsbrsic  expressions  for  the 
eddy  viscosity  will  differ  in  two  regions  of  the  boundary  layer.  For  the  inner  wall  layer  the  eddy  viscosi¬ 
ty  is  usually  taken  to  be  that  resulting  free  Eq.  (31/  with  the  aixing  layer  i  varying  linearly  with 
distance  froa  ths  wall  as  given  in  Eq.  (19)  or  with  ths  van  Driest  extension  as  given  in  Eq.  (20).  Thus 
the  eddy  viscosity  formulation  for  the  inner  region  of  an  incoapressihle  boundary  layer  is 


*4—  w  * 


(32)  c  *  « 

For  the  outer  region  the  eddy  viscosity  is  taken  to  be  a  local  constant  of  the  fora 


(33) 

whs re  ths  constant  k 
placement  thickness. 


c  *  k  •  p  U(x) 


^(x) 


*  0.0163,  U  snd  4.  ere  the  local  values  of  the  free -stream  velocity  and  the  dis- 


3.  BOUNDAKT  LATER  INTEGRAL  EQUATIONS 

In  the  foregoing  paragraph  low  aspects  of  the  structure  and  general  bshsvior  of  boundary  layers  in 
two-diaensional  incompressible  flow  have  been  discussed.  Ths  starting  point  has  bsen  the  system  of  partial 
differential  aquations,  Eqs.  (1)  and  (2),  which  form  the  basis  for  the  so-called  direct  calculation  methods 
using  some  finite  difference  computational  procedure.  These  methods  have  become  fees  ibis  only  through  the 
use  of  high-speed  computers  with  appreciable  memory  capacity.  Because  of  the  difficulty  of  solving  partial 
differential  equationa  without  a  computer  the  methods  developed  earlisr,  especially  those  for  airfoil  boun¬ 
dary-layer  calculations  are  based  on  the  integral  relationships  that  can  be  obtained  from  the  basic  equa¬ 
tions  (1)  and  (2).  Since  these  so-called  integral  methods  are,  and  will  persist  to  be  in  use,  it  is  proposed 
to  briefly  outline  their  main  features. 

A  general  way  of  obtaining  integral  relations  (sss  s.g.  Thompson  [37])  is  to  multiply  the  boundary 
layer  momentum  aquation,  Eq.  (2),  by  the  product  u*  y“  (m,n  -  0,1, 2, 3...)  and  to  integrate  over  the  distance y 


from  the  wall  to  the  boundary  layer  edge.  The  velocity  component  v  is  eliminated  by  mesns  of  the  conti¬ 
nuity  equation,  Eq.  (1),  beforehand.  A  doubly  infinite  family  of  ordinary  differential  equations  (depending 
on  the  integer  values  for  m  and  n)  are  formally  obtained  called  the  moment-of-momentum  equations.  In 
general  only  the  first  two  members  of  this  family  are  used  in  calculation  methods.  Omitting  all  the  mathe¬ 
matical  manipulations  of  their  derivation,  these  are 

(34) 

di2 

dx 

*  lv  „  -X  42  d-J(x)  . 

♦  <H12  ♦  7)  u7xT  Tx  *  c 

f 

the  momentum  integral  equation  (a  =  0,n  =  0)  and 

(35) 

d43 

ar 

,  ,  43  dU(x)  . 

3  uTitf  dx  "  ®D 

the  kinetic  energy  integral  equation  (m  *  1,  n  *  0),  with  the  following  definitions  (including  4.  from 

Eq.  (ID) 

(36a) 

4i s 

J  (1  -  u/U)  dy; 

0 

(displacement  thickness) 

( 36b) 

V 

as 

|  (u/U)  (1  -  u/U)  dy; 

0 

(momentum  thickness) 

(36c) 

V 

m 

|  (u/U)  [l  -  (u/U)*]  dy; 

o 

(energy  thickness) 

(37a) 

H12 

=  4x/32  (s  H) 

(shape  factors  or  form  parameters) 

(37b) 

H32 

=  43  /4j  (o  H+) 

(38a) 

Cf 

Tw 

T°uZ 

(skin  friction  coefficient) 

(38b) 

CD  = 

-  I 

u3  1  \°*y/y 

(energy  dissipation  coefficient) 

With  the  definition  of  the  local  Reynolds  number  based  on  momentum  thickness 
"*42 


VU 


(39) 
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the  momentum  integral  equation  (3v)  can  also  be  written  as 


(40) 


d  Re 


{2 


dx 


(H. 


12 


♦  1) 


dU 

u  Tx 


U  ff 
v  2 


In  the  laminer  case  the  velocity  distribution  in  the  boundary  layer  can  be  represented  by  a  polynomial 
of  the  farm 

♦  dn1*  (0  i  n  -  ^  *  1)  , 

which  when  introduced  into  the  definitions  (36a),  (36b),  (37a) 
equation  (34)  finally  results  ir.  the  single  ordinary  differential 


F(x) 

which  can  be  solved  for  a  given  free-stream  velocity  distribution  'J(x).  In  Eq.  (42)  F(0  is  an  algebraic 
function  sometimes  called  the  auxiliary  function.  A  linecr  approximation  fer  this  function  is 


(41) 


#■« 


bnJ 


aa  used  in  the  Karman-Pohlhauaen  method, 
and  (38a)  and  into  the  momentum  integral 
equation 


(42) 


d(«jj/v) 

“lx 


1 

WxT 


(43) 


F(x)  -  a  -  b  •  k  (a  *  0.47,  b  -  6)  , 


which,  when  inserted  into  Eq.  (42),  allows  a  simple  quadrature  giving  the  well-known  formula 

x 

(44)  {2(x)  =  °,47‘V  [  U5  dX 

2  U6  ‘ 

x=0 

applicable  for  the  approximate  calculation  of  laminar  boundary  layers. 

The  reason  for  reviewing  this  Karman-Fohlhausen  laminar  method  (for  details  see  H.  Schlichting  tl6] ) 
is  to  po.nt  out  that  the  momentum  integral  equation  (34)  can  be  solved  with  the  help  of  one  additional 
auxiliary  function  F(x),  the  argument  x  of  which  can  easily  be  represented  as  a  function  of  H12  and  c^. 
This  pattern  for  a  solution  procedure  is  seen  to  be  followed  in  almost  all  integral  methods,  also  in  the 
turbulent  case.  However,  the  auxiliary  relation  needed  usually  is  not  an  algebraic  function  but  an  ordinary 
differential  equation  of  the  farm 

(45)  {2?r  *  filHi2»R««*ri)  • 

An  equation  of  this  kind  will  account  for  the  second  tens  in  Eq.  (34).  The  only  unknown  left  then  is  the 
local  skin  friction  coefficient  Cf.  Fortunately  this  can  be  related  to  the  local  velocity  profile  quite 
accurately  by  means  of  a  relationship  of  the  general  form 


(46) 


f2  (cf  ^*62 )  1  0  • 


of  which  Eq.  (27)  in  connection  with  the  standard  turbulent  two- layer  model  would  be  an  example.  Other  well- 
known  examples  are  the  empirical  skin-friction  formulae  by  Ludwieg  and  Tillmann  38 

-0.678-H  -0.268 

(47)  cf  -  0.246  -10  •  (Re{2)  =  0 


and  by  Squire  end  Young  [39] 

(48)  cf  -  0.0576  •  [log  (4.075  •  Re{2)]  *  0  . 


Note  that  in  the  last  formula  any  dependence  of  c^  on  is  neglected,  which  will  lead  to  too  large  values 
of  Cf  near  separation  of  the  boundary  layer. 

The  auxiliary  equation  of  the  type  of  Eq.  (45)  need  not  have  H, _  as  the  main  dependent  variable. 

There  are  other  shape  factors  in  use  such  as  the  energy  thickness  ratio  H^.  defined  by  (37b).  If  Hj2  is 
to  be  used,  then  the  auxiliary  equation  is  derived  from  equation  (35)  for  the  integral  mean  kinetic  energy. 
This  approach  seems  to  have  been  particularly  favoured  by  German  research  workers  such  as  Truekenbrodt  [40] , 
Walz  [41],  and  Rotta  [42],  By  combining  Eq.  (35)  with  Eq.  (34)  the  appropriate  auxiliary  equation  is  ob¬ 
tained  in  the  form 


dH 


(49) 


32 

dx 


(H 


12 


'  X)  H32  U 1  K  + 


=D  -  T  H32 


whe-e  for  the  dissipation  coefficient  c^,  defined  in  (38b),  different  empirically  established  relations 
can  be  used.  An  early  suggestion  by  Truekenbrodt  [40]  is 

1 

(50)  Cp  —  0.0112  •  (Re2)  6 

It  is  based  on  the  evaluation  of  a  number  of  non-equilib  turn  boundary  layers.  A  more  refined  relation  is 
one  which  can  ba  derived  from  Eqa.  (34)  and  (35)  assuming  the  magnitude  of  H32  to  be  independent  of  x 
(aee  Rotta  [43] ) 


(51) 
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1  (  H12_1  \ 

'T,S2«=f  •«)  • 

Hare  •  is  tbs  so-called  equilibrium  parameter  and  is  inplicitly  rslatsd  to  Ik.  by  a  {omuls  suggested 
by  Mash  [44] 

H.  -1  _ _ 

(52)  - ,  i  s  6.1  •  Vi  ♦  1.81  -  1.7  . 

Hl,M 

Using  Eq.  (47)  for  r.,  c.  can  ba  calculatad  as  a  function  of  H12  and  Re,2  thus  conplating  tha  systan  of 
tba  two  ordinary  differential  equations,  Eq.  (34)  and  Eq.  (49),  which  tnan  can  ba  solved  simultaneously 
by  a  Rcnge-Kutta  procedure  delivering  as  output  all  interesting  boundary  layer  parameters  such  as  c.  and 

4r 

Another  relatively  modem  approach  is  that  introduced  by  Hand  [45]  in  his  famous  entrainment  method. 
Head  daparts  from  the  continuity  equation  (1)  which  on  integration  ovar  y  from  y  =  0  to  y  -  6  and  using 
the  de.initicn  for  displacement  thickness,  Eq.  (36a),  gives 

(53)  [u  (6-  6^]  =  ve  =  U  •  Cj.  (H^) 


where  v  is  the  normal  velocity  (in  y-direction)  at  tha  ncuinal  outer  edge  of  the  boundary  layer,  also 
called  the  entrainment  rate,  and  is  a  naw  form  parameter  defined  as 


(54) 


Tha  physical  intarpretation  of  Eq.  (S3)  is  that  the  mass  flow  in  the  turbulent  boundary  layer  is  a  function 
of  the  large  scale  edaias,  characterized  by  tha  length  scale  6  -  4^  referenced  to  the  momentum  thickness  <2- 
The  form  parameter  is  correlated  to  tha  usual  form  parameter  H  2  by  the  empirical  relationship 

-2.715 

(55a)  Hx  S  1.S35  (H12  -  0.7)  +  3.3  , 


while  tha  funtional  form  of  the  entrainment  rate  coefficient  c^.  is  taken  to  be 

-0.653 

(55b)  c£  a  0.0306  (^  -  3) 


Both,  Eq.(SSa)  end  Eq.(55b)  ara  curve  fits  of  Head's  original  charts  for  c_  and  H  as  gained  from  experi¬ 
ments.  It  is  interesting  to  note  that  the  entrainment  equation  (S3)  can  be  brought  into  the  general  form 
of  the  auxiliary  equation  (45)  giving,  with  tha  help  of  Eq.  (34), 


(56) 


,  *h2 

42  dx  ' 


a  U 


dH 

diT 
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H1^(U  V 


With  Head's  method  very  good  results  are  obcained  for  airfoil-type  boundary- layer  flows  predicting  also 
saparation  quite  well.  Tha  method  was  improved  more  recently  by  Head  and  Patel  [46]  whereby  the  development 
of  H^2  with  x  conforms  better  to  flows  with  high  shear  stress,  i.e.  high  entrainment  rates  and  to  decele¬ 
rating  flews  in  strong  advarse  pressure  gradients. 

The  intagral  methods  mentioned  so  far  are  all  based  on  empirical  relationship  between  local  quantities 
at  ona  given  station  x,  taking  account  of  tha  upstream  history  only  through  the  auxiliary  equation  which 
physically  provides  a  measure  for  the  deformation  of  the  velocity  profile  as  it  develops  with  x.  Turbulence 

propertias  enter  the  equation  only  through  empirical  information  on  the  skin  friction,  for  example  Eqs.  (47) 

and  (48),  and  the  dissipation  coefficient,  Eqs.  (51)  and  (52),  and  these  are  connected  to  local  mean  flow 

propertias.  From  what  has  bean  discussed  in  the  previous  chaptar  on  the  need  for  using  the  turbulence  trans¬ 

port  equations  in  order  to  adequately  describe  the  history  effects,  when  using  complete  (differential) 
methods,  it  appaars  necessary  to  also  incorporate  turbulence  transport  equations  in  integral  methods. 

This  has  baen  sttempted  by  several  authors,  e.g.  McDonald  and  Camarata  [47],  Hirst  and  Reynolds  [48] 
with  tha  most  recent  development,  I  know  of,  by  J.E.  Grean  et  al.  [49] .  All  these  methods  start  out  by  con¬ 
sidering  the  transport  equation  for  turbulent  kinetic  anergy,  Eq.  (15),  to  gain  an  additional  ordinary 
differential  equation  that  will  describe  the  streamwise  change  of  the  turbulent  shear  stress.  The  approach 
to  achieve  this,  however,  is  quita  different  for  the  references  just  quoted.  In  [47]  the  turbulent  kinetic 
anergy  transport  equation  is  used  in  an  integrated  form  yielding  an  equation  which  governs  the  variation 
of  the  mi„ing-length  distribution  in  the  x-wise  direction.  The  two  other  integral  equations  used  are  the 
momentum  integral  equation,  Eq.  (34)  and  a  y-moment-of-momentum  integral  equation  (m  =  0,  n  c  1). 

Hirst  and  Reynolds  [48]  also  use  the  integral  turbulent  kinetic  energy  equation  as  a  starting  point 
a'd,  by  an  assessment  of  the  relative  importance  of  the  terms  contained  in  it,  arrive  at  a  relatively  simple 
equation  for  tha  turbulent  energy  balance  in  the  outer  region  of  the  boundary  layer,  i.e.  balance  between 
tha  net  downstream  convection  of  turbulent  energy  and  the  turbulent  energy  locally  supplied  to  the  outer 
layer  form  the  inner  region  near  the  wall, 


(57) 


(l  q2  *  1)  =  const  '  \-q2 


wharo  the  integral  quantities  Q  and  I  are  defined  as 

6 


o 


(58) 


u  q' 2  dy 
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and 

(59) 


i 

1  -  |  u  dy  =  U  (4  -  «1) 

o 


By  populating  that  the  entrainment  rata  v  =  dl/dx  according  to  Eq.  (53)  is  linearly  related  to  the  square 
root  of  the  turbulent  kinetic  energy  an  orSinery  differential  aquation  for  the  entrainment  rate  is  obtained 
from  Eq.  (57) 


(60) 


•  u  v  2 
t  e 


where  K,  s  0.14  is  an  empirical  constant.  Thus  this  "turbulence  model  equation",  Eq.  (60),  the  entrainment 
equation,  Eq.  (53),  and  tha  momentum  integral  aquation  (34)  togather  with  Eq.  (27)  as  a  matching  condition, 
form  the  system  of  ordinary  differential  equations  to  be  solved. 


In  the  new  method  of  Green  et  al.  [49]  consideration  of  the  turbulent  kinetic  energy  equation  starts 
out  from  its  diffarential  farm  as  used  originally  by  Bradshaw,  Farris  and  Atwell  [50]  in  their  famous  finite 
difference  method.  By  again  assessing  all  terms  an  ordinary  differential  equation  for  the  maximum  shear 
stress  cccuring  within  the  boundary  layer  is  derived.  By  invoking  also  a  universal  relationship  between 
the  Cj-value  of  this  maximum  shear  stress  and  c^,  an  ordinary  differential  aquation  is  obtained 


(61) 


*2  <H1 


-  42  dU 

CE*  cf*  U  dx 


called  the  "lag  equation"  which  is  a  rate  equation  for  the  entrainment  coefficient  c,.  The  use  of  Eq.  (61) 
requires  some  additional  empirical  relations  for  as  a  function  of  and  c^  as  function  of  the  friction 
coefficient  c.  for  tha  flat  plate  boundary  layer  as  well  as  some  empirical  formulae  for  the  equilibrium 
values  of  c_  and  (i^/U)  dU/dx.  The  joint  solution  then  of  the  momentum  integral  equation  (34),  the  entrain¬ 
ment  equation  in  the  form  of  Eq.  (56)  and  the  above  lag  equation  (61)  completely  determines  the  develop¬ 
ment  of  the  boundary  layer.  This  method  was  extended  to  wakes  which  seems  to  make  tha  method  especially 
attractive  for  the  aircraft  aarodynamicist.  Green' s  report  [49]  also  contains  the  complete  scheme  of  the 
calculation  procadure  for  the  compressible  case. 

Another  assumption  to  include  the  history  affect  is  due  Rotta  [43].  The  reasoning  is  that  the  dissi¬ 
pation  coefficient  c_,  needed  in  the  energy  integral  equation  (35)  when  this  is  usad  as  tha  auxiliary  equa¬ 
tion,  does  not  immediately  react  to  changes  of  the  turbulent  velocity  profile  and  of  the  pressure  gradient. 
To  account  for  this  relaxation  effect  c_  as  calculatad  at  station  x  is  considered  to  be  the  effective 
value  for  the  downstream  station  x  ♦  Ax.  The  lag  length  Ax  is  assumed  to  be  four  times  the  local  boun¬ 
dary-layer  thickness  A.  This  assumption  is  plausible  in  as  far  as  this  distance  corresponds  roughly  to  tha 
dacay  length  of  a  turbulent  eddy.  Substantial  improvement  could  be  achieved  by  this  simple  principle. 

5.  CLASSIFICATION  OF  CALCULATION  METHODS 

From  tha  discussion  in  the  preceding  section  a  classification  on  the  existing  boundary  layer  calcula¬ 
tion  methods  can  be  inferred.  Table  1  summarizes  schematically  the  procedure  for  a  boundary  layer  calcula¬ 
tion.  The  problem  at  hand  must  be  properly  defined:  (1)  by  the  general  flow  characteristics,  i.e.  the  un¬ 
disturbed  free-stream  velocity  and  the  Reynolds  number  based  on  a  characteristic  length  scale,  (2)  by  the 
initial  conditions  for  a  wall  surfaca  point  fiom  which  the  calculation  is  to  be  started,  and  (3)  by  the 
boundary  conditions,  the  most  important  of  which  is  the  given  velocity  or  pressure  distribution  at  the  outer 
adge  of  the  boundary  layer  as  obtained  by  potential  theory.  The  desired  result  is  the  determination  of  all 
boundary  layer  parameters,  as  indicated,  of  which,  from  the  engineering  point  of  view,  the  skin  friction 
coefficient  c,(x)  and  the  displacement  thickness  6, (x)  are  the  most  important  ones.  Equally  important  is  the 
prediction  of  the  locations  of  the  transition  point  xt  and  the  separation  point  x,.  which  may  be  laminar  or 
turbulent. 


Problem 

definition: 

( Input ) 

General  flow  characteristics 

U„,  L,  v.  Re 

Initial  conditions: 

at  x  =  x, 

0 

u  =  u(y);  4,  A:,  i?,  H12 

Boundary  conditions 
at  y  :  0  :  u  :  v  :  0 

at  y  =  5  :  U(x)  or  p(x) 

Result 

(Output) 

1.)  Solution  at  all  x  >  x  for:  2.)  Prediction  of 

o 

Velocity  profile  u(x,y)  Transition  point  x^  or  trans 

Boundary  layer  laminar  separation 

thickness:  6,6,. 6-  .  ^  r 

Skin  friction:  c’  1  2  3  Point:  X1S 

_  „  ,,  turbulent  Separation- 

Form  parametars:  !■„,  H32  point: 

it ion -zone 

’  if  existent 

IfSBSgm 

Complete  Field  Methods: 

Integral  Methods: 

Mathematics 

Numerical  solution  of  the  partial 
differential  equations  for 
continuity  and  momentum 

Numerical  solution  of  coupled  ordinary  differential 
equations  for  momentum  integral  and  appropriate 
f orm-Darameters 

Reynolds  stress  -o  u'v' 

Skin  friction  c^ 

energy  dissipation  integral 

entrainment  Cj, 

Table  1:  Boundary  layer  calculation  scheme 
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Mathematics 

Numerical  solution  of  the  partial  differential  equations  of  continuity  and  momentum 
by  finite  difference  procedures 

Physics 

Derivation  of  the  Reynolds  shear  stress  -p  u1 

Mean  flow  field.  Reynolds  stress  determined 
by  empirical  algebraic  relations  for 

Eddy  viscosity  Mixing  length 

rvr  coupled  to  char 

Turbulence  fielc 
from  differentij 

Eddy  viscosity 

'acteristics  of  the 

Reynolds  stress  determined 
il  transport  equations  for 
turbulent 
kinetic  energy 

m 

-p  u*vT  s  k  •  gl2  or 

•p  u*  v*  =  k  •  -Li 

Mellor-Herring  [5ll  Spalding-Patankar  t35] 
Cebeci-Smith  C.36 1 

Kee-Kovasznay 

[52] 

Bredshaw-Farris  50 
Beckwith-Bushnall  53 

Table  2:  Complete  Field  Methods 


In  order  to  perform  a  boundary  layer  calculation  one  must  decide  on  the  calculetion  method  to  be  used. 

A  gross  criterion  for  distinction  between  the  calculation  methods  is  given  by  the  mathematical  solution  pro¬ 
cedure,  i.e.  wether  one  uses  a  so-called  Complete  Field  Method  or  an  Integral  Method.  The  former  involves 
the  numerical  solution  of  the  partial  differential  equation  for  continuity  and  momentum  directly  while  the 
latter  embraces  the  numerical  solution  of  ordinary  differential  equations  for  the  momentum  integral  and 
some  suitable  form  parameter.  In  laminar  boundary- layer  calculations  the  direct  methods  need  no  further 
input  since  the  stress  term  3t/3y  is  uniquely  defined  by  Newtons  law  t  =  b(3u/3y).  In  i  tegral  methods, 
however,  some  empirical  information  on  the  velocity  profiles  to  be  inserted  and  the  lam. tar  wall  shear  stress 
ty  is  needed  usually  being  supplied  from  local  similarity  conditions  as  obtained  from  exact  laminar  solutions. 
For  turbulent  boundary  layers  both  methods  need  empirical  input  concerning  the  turbulent  or  Reynolds  shear 
stress  i’i  the  direct  methods  and  concerning  the  skin  friction  coefficient,  the  energy  dissipation  integral, 
and  the  entrainment  coefficient  in  the  integral  methods. 

As  has  bean  pointed  out  previously  a  second  distinction  between  methods  may  be  made  by  asking  wether 
this  empirical  information  is  obtained  from  consideration  of  mean  field  quantities  or  from  consideration  of 
the  turbulence  quantities.  This  criterion  will  then  again  divide  each  type  of  methods  (complete  or  integral) 
into  two  branches.  For  the  complete  methods  table  2  indicates  this  distinction.  Eddy  viscosity  and  mixing 
length  methods  normally  are  based  on  empirical  expressions  for  c  and  l  in  which  mean  field  quantities  such 
as  the  derivatives  of  the  mean  velocity  are  appearing  (see  Eqs.  (23)  and  (32),  (33)).  The  second  group  of 
complete  methods  utilises  turbulence  transport  equations  for  the  determination  of  the  Reynolds  stress.  Trans¬ 
port  equations  may  be  formulated  for  eddy  viscosity  t  as  for  example  in  the  Nee-Kovasznay  method  or,  more 
usually  for  the  turbulent  kinetic  energy  q' 2  which  then  necessitates  a  postulated  relation  connecting  this 
quantity  to  the  Reynolds  stress.  Two  such  relations  are  stated  in  table  2.  The  last  row  of  the  table  lists 
the  origin  of  so-,  methods  representative  for  the  different  treatment. 

In  table  C  a  tentative  survey  on  the  integral  methods  is  made.  The  empirical  input  concerning  the 
physics  of  turbulence  consists  of  correlation  function  for  the  skin  friction  coefficient  c^,  the  integral 


Mathematics 

Numerical  solution  of  coupled  ordinary  differential  equations 
for  the  momentum  integral  and  one  or  more  form  parameters 

Physios 

1. )  Correlations  between  integral  properties: 

Uf  =  cf  (H12 *  R,S2)’  cD  =  CD  ( cf »  ”32)’  'x  s  'e  (cf*  Hl) 

2. )  Auxiliary  differential  equations  for  form  parameter  H: 

where:  H  =  H^j,  H3J,  lij  and  =  cf,  cp,  Cj. 

Auxiliary  equation 
developed  from 

mean  flow  integr 

energy 

al  equation  for 

entrainment 

r 

moment  of 

1  momentum 

Assumptions 

concerning 

=0 

CE 

|  cf  (c  or  1) 

|  ct  (c  or  t) 

q57.  v  v  ^ 

Authors 

(representative) 

Truckenbrodt  [40] 
Rotta  [u3] 
Walz-Ge  ropp-Felsch  154.] 
Alber  [55] 
Zwarts  [56  ] 

Head-Patel  [46] 

Michel-Quemard  [57] 

|  McDonald  [47] 

Nash-Hicks  [583 

Herring- Me llor  [51 3 

Hirst-Reynolds  [48]  | 

1  Green  et  al.  [49]  1 

1 (history  effects  from | 
j  the  turbulence  field)  ] 

1.  .  ...  1 

Table  3:  Integral  Methods 
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energy  dissipation  coefficient  c_,  and  for  the  entrainment  coefficient  c..  Furthermore,  an  auxiliary  ordi¬ 
nary  differential  equation  for  the  development  of  a  typical  form  parameter  H  is  needed,  the  functional  form 
of  which  depends  on  the  empirically  based  correlations  between  the  pressure  gradient  parameter  (dj/UHdU/dx) , 
tV  form  parameter  H  being  considered,  the  local  Reynolds  number  Re^,  and  one  at  the  coefficients  c^,  c^ 
or  Cj.  One  may  new  make  a  distinction  fcitweer.  methods  in  which  all  correlation  functions  used  in  the  auxi¬ 
liary  equation  are  developed  from  mean  flew  integral  equations  or  from  equations  for  a  turbulent  property. 
Thus,  if  the  integral  energy  equation  is  used  this  involves  assumptions  on  the  functional  relationship  of 
the  dissipation  coefficient  c.  with  the  form  parameter  H„  while  with  integrated  continuity  equation  an 
assumption  for  the  functional  relationship  between  the  entrainment  rate  cE  and  the  form  parameter  is 
needed.  In  this  category  of  methods  are  also  included  those  methods  which  utilize  integrated  forms  of  higher 
moment s-of-momentum  where  it  is  possible  to  incorporate  algebraic  formulae  for  eddy  viscosity  or  mixing 
length  into  the  functional  form  of  the  integral  coefficient  under  consideration,  e.g.  the  shear  stress  in¬ 
tegral  and  the  energy  dissipation  integral.  The  second  group  of  integral  methods  relies  on  true  turbulence 
property  equations  i.e.  mostly  the  transport  equation  for  turbulent  kinetic  energy.  From  it  e  third  ordina¬ 
ry  differential  equation  is  developed  which  will  provide  for  the  dissipation  coefficient  or  entrainment  co¬ 
efficient  needed  in  the  auxiliary  equation  and  the  basic  momentum  integral  equation. 

The  distinction  between  integral  methods  based  on  mean  flow  integral  equations  and  on  turbulent  pro¬ 
perty  relations  is  not  so  clearcut  as  for  the  direct  methods.  Thus,  some  of  the  moment-of-momentum  methods, 
e.g.  McDonald  and  Camarata  [47] ,  employ  a  differential  equation  of  the  turbulence  as  a  basis  to  account  for 
history  effects  in  a  similar  way  as  for  the  methods  of  Hirst-Reynolds  48  and  Green  et  al.[49].  This  is 
indicated  by  the  dotted  line  around  the  two  last  columns  of  table  3.  Much  more  information  on  the  classi¬ 
fication  of  boundary  layer  calculation  methods  are  given  in  the  papers  by  W.C.  Reynolds  [.59],  P.  Bradshaw 
[18] ,  [60],  and  Launder  and  Spalding  [61]  . 

6.  EXAMPLES  OF  BOUNDARY- LAYER  CALCULATIONS 

When  looking  for  comparative  calculations  in  the  literature  it  is  not  easy  to  find  examples  where  the 
computations  were  performed  with  several  different  methods  for  the  same  flow  configuration  except  for  the 
extensive  comparisons  made  at  the  Stanford  conference  [62]  for  incompressible  turbulent  boundary  layers. 
Therefore  it  is  proposed  to  show  two  examples  from  this  source  for  two  cases  where  the  experimental  pressure 
distributions  resemble  those  for  the  suction  side  of  an  airfoil. 

The  first  example  is  that  for  the  flow  around  an  elliptical  airfoil-like  section  of  Schubauer  and 
Klebanoff  [63]  where  the  pressure  gradient  first  is  negative,  then  strongly  positive  with  eventual  sepa¬ 
ration  as  seen  in  Fig.  11.  This  figure  shows  the  result  of  computations  by  the  competitive  methods.  The 
first  column  gives  the  development  of  the  form  parameter  H^,  the  second  contains  the  local  skin-friction 
curve  c,,  and  the  third  is  for  the  local  momentum  thickness  Reynolds  number  Re...  The  dots  represent  the 
corresponding  measurement.  It  is  seen  that  virtually  all  methods  predict  these “Sound ary- layer  characteri¬ 
stics  very  well  up  to  the  point  of  maximum  velocity  (at  about  x  o  18  ft)  but  that  deviations  begin  to  show 
quite  distinctly  in  the  strong  adverse  pressure  gradient  region  up  to  the  separation  point  which  lies  at 
about  Xg  =  26  ft.  On  the  left  I  have  marked  the  different  methods  according  to  the  category  which  they  be¬ 
long  to,  wi*h  the  additional  marking  of  those  methods  that  were  rated  first-class  at  Stanford.  From  this 
comparison  no  general  superiority  of  any  of  the  three  types  of  methods  can  be  deduced.  Note,  however,  the 
consistently  good  prediction  of  all  three  parameters  as  computed  by  the  complete  field  method  of  bradshaw 
and  Ferris  [50],  This  is  attributable  to  the  fact  that  they  have  accounted  for  three-dimensional  effects, 
i.e.  the  convergence  of  the  flow  as  it  approaches  separation.  Also  allowance  has  been  made  in  the  Bradshaw- 
Ferris  calculations  of  longitudinal  curvature  effects.  It  is  therefore  not  surprising  that  most  of  the  other 
metiods  which  were  applied  to  this  case  without  these  corrections  could  not  predict  the  boundary- layer  deve¬ 
lopment  in  the  adverse  pressure  gradient  region  as  well.  In  order  to  shew  that  also  an  integral  method  is 
capable  of  taking  account  of  convergence  and  curvature  effects  let  us  look  on  the  results  of  test  calcula¬ 
tions  from  Green's  new  lag  entrainment  method  [49]  for  the  same  example.  Fig.  12  reflects  the  predictions 
assuming  two-dimensionality  by  the  solid  line.  The  dotted  line  shows  the  effect  of  allowing  for  flow  conver¬ 
gence  in  such  a  way  that  the  Re  curve  is  forced  to  match  the  experimental  data.  The  effect  on  and  c^ 
then  is  to  halve  the  discrepancy  between  the  previously  calculated  and  measured  values.  The  further  allowance 
for  longitudinal  curvature  that,  will  again  improve  the  calculations  uOnslderalAj  sc  that  even  the  separation 
point  is  predicted  satisfactorily.  The  conclusions  are  (1)  that  an  integral  method  such  as  Green's  is  not 
inferior  to  a  complete  field  method  if  it  is  capable  of  handling  secondary  effects,  (2)  that  on  the  other 
hand  a  good  method  should  possess  the  built-in  capability  to  allow  for  such  secondary  effects  in  order  to  be 
able  to  judge  frf.n  t.ie  results  of  comparative  calculations  on  the  possible  deviations  ti-um  a  nominally  two- 
dimensional  experiment. 

The  second  example  is  on  the  experiment  of  Schubauer  and  Spangenberg  [64]  the  velocity-distribution 
of  which  is  shown  at  the  top  of  Fig.  13.  This  is  a  case  of  a  severely  retarded  flow  in  which  the  slope  of 
the  adverse  pressure  gradient  increases  with  x  as  occurs  typically  on  the  upper  side  of  a  lifting  airfoil. 
Fig.  13  again  gives  the  result  from  Stanford,  where  not  all  competitors  have  run  this  case  which  was  not 
mandatory.  Most  of  the  methods  again  performed  very  well  with  the  integral  methods  of  Rotta  (R0)  and  Walz 
(FG)  not  being  in  any  way  inferior  to  the  complete  methods  like  that  of  Herring  and  Mellor  (HM2)  or 
Spalding-Patankar  (HP).  These  methods  predict  the  incipient  separation  equally  well  and  in  accordance  with 
experiment.  The  representation  of  Green's  lag  entrainment  results  in  Tig.  34  reveals  that  the  history  effect 
on  the  development  of  turbulence  structure  does  have  an  influence  when  comparison  is  made  to  the  results 
of  Head's  method  without  the  lag  equation  used  by  Green. 

In  the  light  of  the  conclusions  drawn  in  the  introduction  concerning  the  importance  of  being  able  to 
predict  the  separation  point  accurately  it  is  appropriate  to  shew  some  comparisons  gained  from  different 
methods.  I  have  found  this  comparison  in  the  paper  by  Cebeci  et  al.  [65]  from  which  Fig.  15  is  taken.  It 
shows  the  predicted  separation  points  for  the  experimental  pressure  distribution  on  a  NACA  66.2-420  airfoil 
at  various  at, gits  of  attack.  Tut  experimental  separation  points  are  to  be  l-.ierrei  as  the  pt4.it  where  the 
velocity  levels  off  to  the  horicontal  constant  value  after  the  step  descent.  The  best  prediction  quality 
then  are  to  be  attributed  to  those  methods  which  come  closest  to  this  point.  Of  the  new  methods  those  of 
Head  and  Cebeci-Snith  are  the  most  satisfactory  ones  under  this  criterion  while  the  older  methods  of  Strat¬ 
ford  [66]  and  Goluschnied  167]  predict  separation  too  early.  Here  again  the  competition  between  a  complete 
method  (Cebeci-Smith)  and  an  integral  method  (Head)  is  undecided.  This  example  together  with  the  foregoing 
examples  where  also  separation  was  present  show  that  with  the  best  methods  available  at  present  turbulent 
sepa-ation  can  be  predicted  with  confident  accuracy. 
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As  to  the  prediction  of  trensition  the  situation  is  not  es  encouraging.  Although  the  qualitative 
nature  of  the  trensition  process  for  low-speed  boundary  layers  remaining  atteched  is  known  no  sure  criteria 
have  yet  been  developed  for  the  onset  and  the  streamwise  extent  of  t'ne  transition  region.  However,  with 
some  of  the  presently  evailable  boundary  layer  methods  remarkable  success  is  achieved  for  the  development 
of  boundary- layer  charecteristics  especially  the  skin  friction  coefficient  if  the  point  of  onset  and  length 
of  transition  region  are  essumed  known.  Fig.  16  gives  en  example  of  calculations  through  the  trensition 
region  by  McDonald  and  Fish  [G8]  performed  with  e  complete  finite  difference’  method.  The  method  uses  the 
turbulent  kinetic  energy  transport  equation  which  essentially  provides  the  development  and  change  of  an 
effective  viscosity  to  be  used  in  the  simultaneous  solution  of  the  differential  boundery- layer  equations. 

By  inserting  e  small  but  nonzero  value  of  the  free-stream  turbulence  level  (which  is  the  paremeter  to  the 
curves  in  Fig.  15)  into  the  energy-transport  equation  the  increasing  production  of  turbulent  shear  stress 
is  triggered  and  followed  up  to  the  point  of  fully  turbulent  flow.  In  Fig.  17  the  comparison  between  measure¬ 
ment  and  calculated  prediction  of  the  development  of  the  shepe  parameter  and  the  momentum  thickness  6^ 
is  made  for  a  transitional  boundary  layer.  The  agreement  is  very  good.  This  is  an  encouraging  example  of 
how  the  modern  boundary- layer  methcds  are  able  to  teckle  the  difficult  problem  of  transition  provided  that 
there  is  some  additional  information  for  its  onset  end  extent.  A  similar  method  wes  proposed  by  Harris  [69] . 

7.- COMPRESSIBLE  BOUNDARY  LAYERS 

Modern  aircraft  are  opereting  in  e  Mach  number  range  extending  up  to  ha  c  3,  if  we  disregard  the  de¬ 
signs  for  spece  craft  such  as  the  space  shuttle.  Special  importance  is  directed  to  the  high  subsonic  Mach 
number  range  representing  the  cruising  speed  of  modem  trensport  aircreft.  Consequently  elso  the  boundary 
layer  under  these  conditions  including  boundary  layer  shock-wave  interaction  must  be  taken  into  account. 

Not  attempting  to  be  complete  at  all,  I  propose  to  describe  in  this  paragreph  some  of  the  phenomena  and 
effects  which  will  influence  or  chenge  the  behavior  of  boundary  layers  in  compressible  flow  as  distinct 
from  the  incompressible  case  end  to  indicete  in  which  wey  boundary  leyer  calculation  methods  ere  extended 
to  incorporeta  these  compressibility  effects. 

In  laminar  compressible  boundary  layers  the.  main  sources  for  devietion  from  the  incompressible  beha¬ 
vior  are  the  generation  of  heet  by  viscous  shear  stresses  (i.e.  dissipetion)  es  the  velocity  gradients  in¬ 
crease  with  Mach  number  leading  to  tempereture  gredients .  Also  the  temperatures  in  the  free  streem  at  the 
boundary- leyer  edge  and  at  the  wall  surface  with  or  without  heat  transfer  differ  in  general  giving  rise 
to  heat  transport  across  the  boundary  leyer  in  addition  to  the  convection  heat  transport.  Furthermore ,  the 
density  of  the  fluid  will  vary  appreciably  across  the  boundary  layer  according  to  the  thermodynamic  state. 
Density  and  temperature  variations  will  lead  to  a  variation  also  of  the  molecular  viscosity.  So,  besides 
the  velocity  boundary  layer,  there  will  be  e  thermal  boundary  leyer  if  either  the  mein  streem  tempereture 
differs  from  the  temperature  of  the  well  or/and  if  there  is  e  significant  emount  of  dissipetion  in  the  velo¬ 
city  boundary  layer.  Compared  with  incompressible  flow  et  least  four  additional  quantities  must  be  taken 
into  account  in  the  calculation  of  compressible  boundary  leyers:  the  Mach  number  es  e  meesure  of  compressi¬ 
bility  end  frictional  heat;  the  Prandtl  number  as  a  meesure  of  the  diffusion  (or  transport)  of  heet ,’ viscosi¬ 
ty  change  with  tempereture,  end  heet  transfer  across  the  wall  determining  the  tempereture  distribution  elong 
the  well.  Accordingly  ell  phenomena  known  from  the  behavior  of  the  incompressible  boundery  layer  will  be 
affected  in  one  or  the  other  way,  the  mein  effects  being:  1.)  The  tempereture  increase  towards  the  wall,  as 
occurs  with  ediabetic  surfaces  (no  heat  transfer),  thickens  the  boundary  layer  leeding  to  e  decrease  of 
skin  friction  coefficients  with  Mach  number.  2.)  In  flows  with  heat  transfer  to  the  wall  the  heet  transfer 
coefficient  is  also  reduced  with  Mach  number.  3.)  The  reduction  of  skin  friction  enhences  separation. 

4. )  Laminar  compressible  boundary  layers  are  less  stable,  i.e. transition  Reynolds  number  from  laminer  to 
turbulent  decreases  with  Mach  number  up  to  Ma  »  3.5.  Wall  cooling  on  the  other  hend  stabilizes  the  boundary 
layer  egein  and  delays  trensition. 

As  to  calculation  procedures  for  the  laminar  compressible  boundary  layer  there  are  powerful  methods 
in  existence  of  the  complete  field  type  by  which  the  full  nonlinear  partial  differential  equetions  can  be 
solved  by  finite  difference  techniques .  These  methods  ere  devised  to  include  foreign  ges  injection  and 
chemical  reaction  of  several  gas  species  present  in  a  high-temperature  leminer  boundary  layer.  A  review 
on  these  methods  was  given  by  Blottner  [70].  But  also  the  integral  method  heve  been  developed  to  e  satis¬ 
factory  degree  of  accuracy  for  engineering  purpose,  eg.  by  Geropp  (see  Walz  [4l]). 

A  third  type  of  method  which  has  proven  to  be  very  powerful  for  incompressible  and  compressible  lami¬ 
nar  boundary  layer  calculations  is  the  so-celled  GKD  method  (Galerkin-Kantorovich-Dorotnitzyn)  elso  known 
es  the  multimoment  method  or  the  method  of  integral  relations.  This  method  is  a  generalisation  of  the 
Kvmian-Fohlhausen  method  but  instead  of  using  only  the  one  integrel  -  "uation  for  momentum,  Eq.  (34),  many 
moment-of-momentum  equations  are  solved  simultaneously.  Representative  for  this  type  of  boundary-leyer 
method  is  the  work  of  Abbott  and  Bethel  [71]  for  incompressible  laminar  boundary  leyers  end  of  Nielsen 
et  al.  [72]  for  compressible  leminar  boundary  layers.  A  specially  useful  feature  of  the  GKD-methods  for 
leminar  boundary  layers  is  the  feet  thet  they  ere  able  to  compute  formally  pest  the  laminar  separation 
point,  while  with  finite  difference  methods  this,  in  generel,  cannot  be  achieved.  In  summarizing  then, 
it  may  be  safely  stated  that  for  the  calculation  of  laminar  compressible  boundary  layers  e  number  of  suffi¬ 
ciently  accurate  methods  are  et  our  disposal.  In  view  of  the  epplication  to  two-dimensional  boundary  layers 
over  eirfoil  sections  the  calculation  of  the  laminar  portion  does  not  seem  to  become  a  criticel  problem 
except  for  the  prediction  of  trensition  from  laminar  to  turbulent. 

For  turbulent  compressible  boundary  layers  the  effect  of  Mach  number  on  the  general  behevior  qualita¬ 
tively  follows  that  of  laminar  boundary  layer  et  leest  in  the  high  subsonic  to  moderately  supersonic  Mach 
number  range  considered  here.  Regarding  external  turbulent  boundary  leyer  on  typical  aerodynamic  shapes  both 
skin  friction  and  heat  transfer  coefficients  decrease  with  Mach  number.  The  effort  or  the  various  empirical 
techniques  to  account  for  compressibility  effects  in  turbulent  boundary  layers  were  directed  to  give  quanti¬ 
tative  predictions  of  skin  friction  and  heat  transfer  by  introducing  suitable  parameters  such  es  the  well- 
to-free  streem  tempereture  ratio.  Quite  good  correlation  formulae  for  skin  friction  due  to  Wilson  [73]  and 
van  Driest  [74]  end  for  heet  transfer  due  to  Spalding  end  Chi  [75]  were  developed  in  this  way.  In  the  light 
of  the  modem  methods  for  turbulent  boundary-leyer  methods,  however,  this  parametric  approach  must  be  valued 
as  an  attempt  to  circumvent  the  actual  solution  of  the  turbulent  boundary- layer  equations  and  the  considera¬ 
tion  of  the  turbulence  charecteristics. 

The  main  effect  of  Mech  number  and  the  accompanying  heeting  on  the  turbulence  structure  is  the  edditio- 
nel  appearance  of  temperature  and  pressure  fluctuations  which  produce  density  fluctuations  so  that  there  is 
e  strong  interaction  between  the  velocity  and  tempereture  distribution.  Consequently  the  fluctueting  part 
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of  pressure,  temperature  end  density  enter  the  boundary  layer  equations  which  of  course  must  be  augmented 
by  the  energy  equation  usually  written  as  an  equation  for  temperature  or  total  enthalpy.  Without  going  in¬ 
to  any  details  of  the  derivation  of  these  equations  let  me  point  out  the  most  important  results  regarding 
the  incorporation  of  compressibility  effects  into  them.  For  Hach  numbers  below  about  Ha  «  5  Horkovin's  hypo¬ 
thesis  [76]  holds  which  says  that  the  density  fluctuations  to  the  mein  density  are  small  and  that  therefore 
th*  turbulence  structure  is  not  influenced  being  the  same  as  in  incompressible  boundary  layer.  This  means 
that  compressibility  does  not  affect  the  functional  form  of  the  usual  incompressible  models  of  the  turbulent 
eddy  viscosity  and  mixing  length  as  shown  also  by  Maise  and  McDonald  [77] .  Consequently  these  concepts  are 
extensively  used  in  calculation  methods  of  complete  field  type  the  model  of  eddy  viscosity  t  for  the  momen¬ 
tum  transport  (-p  u*  v'  =  t  3u/)y)  being  analogously  applied  to  define  a  thermal  eddy  conductivity  X_,  in 
order  to  treat  the  term  -p  v'H'  -  (X_/c  )-(3H/8y),  and  an  effective  turbulent  Prandtl  number  Pr_  -  c  • c/X_ , 
usually  assumed  to  be  constant  and  equal  to  unity.  A. so  the  integral  methods  are  extended  to  compressible1 
boundary  layers  in  which  however  even  more  empiricisme  concerning  the  relationships  between  the  various  form 
parameters,  the  skin  frictioo  coefficient  and  the  energy  dissipation  coefficient  are  needed.  -  Recent  reviews 
of  coatpressible  methods  were  given  by  Beckwith  [7$]  and  by  Peake  et  al.  [79] . 

As  an  example  of  the  capability  of  calculation  methods  for  the  prediction  of  a  boundary  layer  in  comp- 
pressible  flow  the  results  of  the  experiment  of  Winter  et  al.  [80]  for  high  speed  flow  over  a  waisted  body 
of  revolution  are  compared  first  with  the  results  of  the  field  method  of  He.  ring  and  Mellor  [81]  and  second 
with  those  found  by  the  compressible  version  of  the  integral  lag  entrainment  method  of  Green  et  al.  [49] . 

Fig.  18  shows  the  flo>  situation  and  the  measured  pressure  distributions  for  two  different  free-stream  Raui 
numbers.  In  Fig.  19  the  skin  friction  and  momentum  thickness  distributions  as  calculated  by  the  field  method 
of  Herring  and  Mellor  art  compared  with  the  measured  data  obtained  by  surface  pitot  tubes  is  shown.  Fig.  20 
presents  the  result  of  Green's  calculations  in  a  plot  with  different  scales.  Shown  here  are  also  the  results 
as  obtained  with  heaa's  metnod  and  the  curves  for  which  corrections  for  curvature,  lateral  strain  and  dilata¬ 
tion  were  made.  Such  secondary  effects  are  provided  for  in  Green's  lag  entrainment  method.  These  comparisons 
show  that  both  field  and  integral  methods  will  produce  good  to  fairly  good  agreement  with  measurements.  None 
of  the  two  methods  can  be  said  to  be  supperior  to  the  other  except  may  be  for  the  shorter  computer  time  in 
Green's  integral  method. 

In  connexion  with  high  subsonic  Mach  number  flows,  of  course,  the  appearance  of  shocks  brings  about  a 
new  situation  for  boundary  layer  calculation  capabilities.  In  aircraft  aerodynamics  the  most  important  example 
of  shock  and  boundary -layer  interaction  occurs  on  transonic  airfoils  or  wings.  It  will  be  shown  in  section  9.4 
in  which  way  boundary  layer  calculations  through  the  interaction  region  below  a  normal  shock  on  an  airfcil 
serves  as  a  means  of  predicting  buffet  onset  on  a  wing.  A  deeper  insight  into  the  general  problem  of  inter¬ 
action  between  shock  waves  and  boundary  layers  may  be  gained  from  the  review  article  of  Green  *13] . 

8.  THREE-DIMENSIONAL  BOUNDARY  LAYERS 

From  the  aircraft  aerodynamicist's  point  of  view  the  interest  for  calculating  three-dimensional  boun¬ 
dary  layers  is  prompted  by  the  need  for  more  accurate  predictions,  of  skin  friction  drag  than  are  possible 
by  the  conventional  application  of  the  flat  plate  estimate.  For  instance  the  drag  of  a  swept  wing  may  be 
in  serious  error  because  of  the  neglect  of  three-dimensional  flew  effects  on  the  development  of  the  boundary 
layer .  In  the  mid  semispan  of  a  swept  wing  the  actual  boundary  layer  "ran”  is  longer  than  the  geometric,  chord 
because  the  inviscid  flow  above  the  surface  follows  a  curved  path.  In  addition,  is  the  boundary  layer  looses 
energy  the  spanwise  pressure  gradient  causes  it  to  drift  outboard  thus  further  increasing  the  "run”.  There¬ 
fore  the  boundary  layer  near  the  trailing  edge  of  swept  wings  is  significantly  thicker  than  on  a  two-dimen¬ 
sional  section,  in  general,  thereby  increasing  also  the  pressure  urag  by  interaction  with  the  Inviscid  flow. 
Also  the  three-dimensional  separation  characteristics  on  a  swept  wing  are  totally  different  from  their  two- 
dimensional  counterpart.  Of  course,  also  the  flow  over  the  fuselage  is  three-dimensional  and  the  determina¬ 
tion  of  its  drag  should  strictly  be  based  on  calculations  of  the  three-dimensional  boundary  layer  instead 
of  by  the  method  for  equivalent  bodies  of  revolution. 

When  spiaking  of  three-dimensional  boundary  layers,  it  is  again  assumed  that  they  are  defined  as  being 
the  thin  layer  next  to  the  surface  of  the  body  to  which  the  viscous  effects  of  the  flow  are  confined.  The 
inviscid  main-stream  flow  in  a  three-dimensional  case  will  depend  on  all  three  space  coordinates  one  of 
which  may  be  envisaged  c.  be  the  normal  to  the  surface  at  every  surface  point,  so  that  within  the  boundary 
layer  approximation  the  pressure  variation  along  these  normals  can  be  ignored.  Two  effects  err  immediately 
apparent  which  were  absent  in  the  two-dimensional  case.  The  first  is  due  to  lateral  convergence  oi  diver¬ 
gence  of  the  three-dimensional  main  flew  stramlines  parallel  to  the  surface  and  the  second  is  introduced  by 
the  curvature  of  these  streamlines.  While  streamline  convergence  (or  divergence)  results  in  s  change  in 
boundary- layer  thickness  different  from  the  two-dimensional  development,  the  lateral  curvature  of  the  outer 
streamlines  gives  rise  to  a  secondary  flow  in  the  boundary  layer  also  called  the  cross-flow,  which  is  defined 
as  the  component  of  velocity  parallel  to  the  surface  but  perpendicular  to  the  inviscid  outer  streamline. 

This  effect  it  qualitatively  well  understood  in  being  the  consequence  of  the  full  lateral  pressure  gradient 
acting  on  the  fluid  of  reduced  velocity  within  the  boundary  layer  causing  the  boundary  layer  fluid  to  evxde 
towards  the  concave  uide  of  the  potential  streamlines.  The  full  complexity  of  three-dimensional  boundary 
layer  flqw  reveals  itself  when  it  comes  to  separation,tvo  typical  examples  of  which  are  depicted  in  Fig.  21. 
Sketch  (*)  represents  the  case  where  a  ".nibble"  is  formed  inside  of  which  fluid  is  carried  along  with  the 
body.  Only  et  the  singular  point  S  the  lehavior  of  tvo-dimensional  separation  xero-wall- shear  stress  is 
seen  to  exist  while  the  confluent  wall  near  stress  lines  (or  wall  "stream  lines")  forming  the  cur-  d  line 
of  separation  suggest  that  the  well  shear  stress  along  this  line  it  nonzero.  Sketch  (b)  shows  the  -  ormation 
of  a  free  sheer  layer  due  to  confluent  w,\ll  stream  lines.  The  extent  of  the  viscous  region,  attached  or 
free,  is  indicated  by  the  shaded  projected  areas.  In  sketch  (c)  the  situation  of  case  is  illustrated 
for  the  flow  over  a  yawed  or  swept  wing  with  three-dimensional  separation.  These  examples  show  that  the 
concepts  of  boundary- layer  theory  may  be  applicable  upstream  of  and  away  from  separation  lines  but  that  in 
the  vicinity  of  separation  they  may  not  be  adequate. 

At  present  the  calculation  methods  for  three-dimensional  boundary  layers  is  in  a  state  of  vigorous  deve¬ 
lopment.  Recent  reviews  have  been  given  by  Eichelbrsnner  [82j,  Nash  and  Patel  [83]  and  Wheeler  and  Johnstor 
[84],  Horlock  et  el.  [85] end  Fernholz  [86j  .  A  paper  on  the  numerical  treatment  of  three-dimens iona  .  boun¬ 
dary-layer  problems  was  presented  at  an  AGARD-VKI  short  course  by  Krause  [87]  ,  which  includes  a  large  biblio¬ 
graphy.  For  the  laminar  case,  methods  of  the  finite-difference  type  have  been  successfully  applied  to  a  num¬ 
ber  of  flows  including  the  laminar  three-dimensional  boundary  layer  at  the  forward  stagnation  point  of  an 
ellipsoid  end  the  flew  along  the  leading  edge  cf  an  infinite  swept  wing.  It  may  be  noted  that  these  numerical 
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methods  are  not  restricted  to  boundary  layers  with  snail  cross-flow  or  small  spanwise  pressure  gradients. 
Also  the  problem  of  transition  in  three-dimensional  boundary  layers  has  bee.)  considered  by  Hirschol  [88] . 

As  to  methods  for  calculating  three-dimensional  turbulent  boundary  layers  thes'  may  again  be  divided 
into  complete  or  integrel  methods.  The  complete  methods  developed  so  far  are  extensions  either  of  finite 
difference  methods  for  laminar  boundary  layers  with  the  inclusion  of  a  suitable  expression  for  the  Reynolds 
shear  stress  cr  of  established  two-dimensional  turbulent  methods.  With  a  leterel  velocity  component  present, 
the  Reynolds  shear  stress  must  now  be  considered  as  a  vectorial  quantity.  The  eddy-viscosity  or  mixing- 
length  concept  are  again  utilised,  e.g.  in  t89],[S0l[9l] ,  with  special  essumptions  regarding  their  functio¬ 
nal  form  for  the  two  components  of  the  local  flow  direction.  Other  methods  [92],[93],[94]  use  the  turbulent 
energy  equation  in  the  vector  form  as  proposed  by  Bradshaw  t94] .  However,  the  predictive  quality  of  these 
complete  field  methods  depends  critically  on  the  assumptions  on  the  lateral  shear  stress  component  especial¬ 
ly  eloae  to  the  wall  by  which  the  local  flow  angle  will  be  determined. 

The  situation  seems  to  be  c  little  better  for  the  integral  methods  developed  so  far.  Refs.  [95],[96] , 
[97]^98] .  The  basic  assumption  in  all  of  these  methods  is  that  the  streamwise  component  of  the  boundary- layer 
velocity  is  analogous  to  that  in  the  two-dimensional  case.  As  shewn  by  Cumpsty  and  Head  [95]  the  entrain¬ 
ment  concept  seems  to  be  suited  best  for  three-dimensiona:  methods,  if  course ,  the  two  integral -equations 
for  the  streamwise  direction  (the  momentum  integral  equation  and  entrainment  shape  parameter  equation)  are 
completed  by  the  addition  of  the  momentum  integral  equation  for  the  cross  flow.  The  three  equations  then 
contain  more  than  three  unknowns,  however,  and  to  make  the  ptoblem  determinate  a  coupling  between  the  cross¬ 
wise  and  the  streamwise  velocity  profiles  is  introduced.  The  assumption  made  on  the  representation  of  the 
two  profile  types  and  their  interconnection  form  the  essential  difference  between  the  various  methods.  For 
the  cross-flow  profile  the  simplest  formula  is  that  due  to  Hager  [99] 

(62)  (l  -  $)*•  tan  8 

where  w,  u  are  the  crosswise  and  streamwise  velocity  c'^jc-eres  respectively,  y  is  the  wall  dlftarce  slorg 
a  normal  to  the  surface,  and  S  is  the  angle  between  the  wall  streamline  and  the  local  external  streamline. 
The  famous  triangle  representation  according  to  Johnston  [100 ]  may  be  written  as 
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A  =  tan  8 


(W) 

VcosB-Z^r  / 


tan  8 


where  U  is  the  external  velocity  and  c^  is  tha  streamwise  component  of  the  skin  friction.  Still  another 
formula  has  been  proposed  by  Eichelbrenner  [96] 

(64)  tan  8  +  B  •  ;j  -  (tan  8  ♦  B)  •  (Jj)2 

where  B  is  a  known  function  of  8  and  e^.  The  limiting  angle  8  then  i r  essentially  the  form  parameter  to  be 
determined  from  the  solution  of  the  crosswise  momentum  integral  equation.  Michel  et  al.  [lOl]  use  a  cross¬ 
profile  representation  ef  the  general  form: 

(65)  £  =  k  •  6  •  f(y /«) 

wherv  k  is  the  geodesic  curvature  to  the  outer  free  stream,  and  the  function  f(y/S)  is  determined  from  a 
diffjrential  equation  of  similarity  type.  Note  that  the  Hager  and  Johnston  representations  do  not  allow  for 
crossover  profiles  while  Eichelbrenner1 s  and  Michel's  expressions  do. 

As  to  the  predictive  qualities  of  the  above  methods  an  assessment  is  difficult  to  make  since  adequate 
experiments  are  scarce.  For  instance  comparisons  with  measurements  of  Cumpsty  and  Head  [102]  on  a  swept 
wing  model  showed  serious  descrepaneies  especially  in  the  growth  of  the  streamwise  momentum  thickness, 
while  the  wall  crossflow  angle  8  was  predicted  quite  well  by  their  calculation  method.  Similar  results 
were  obtained  from  a  comparison  between  the  method  of  P.D.  Smith  [97]  and  an  experiment  with  curved  duct 
flow  by  Vermeulen  [103] ,  where,  expect  for  the  streamwise  momentum  thickness,  the  prediction  was  generally 
satisfactory.  Good  overell  agreement  is  cleimed  by  Michel  et  al.[l0l]  of  the  results  of  their  method  with 
the  measured  boundary  layers  on  swept  wings  and  in  front  of  a  blunt  body. 

In  closing  these  remarkr  on  three-dimensional  boundary  layer  eelculation  methods,  allow  me  to  cite 
part  of  the  conclusions  drawn  .'  .  Eichelbrenner' s  recent  review  article  [82]  :  "In  laminar  flow,  several 

fairly  reliable  methods  for  the  calculation  of  .  three-dimensional  boundary  layers  have  been  developed. 

Far  less  satisfactory  is  the  stete  of  the  art  in  three-dimensional  turbulent  flow,  where,  to  date,  only 
integrel  methods  are  available;  even  these  methods  depend  still  on  tuo  many  simplifying  assumptions  to  be 
trusted  in  the  general  case.1' 

9.  PREDICTION  OF  AERODYNAMIC  CHAPACTERISTICS  USING  BOUNDARY  LAYER  CALCULATION  METHODS 

As  mentioned  in  the  introduction  the  inviscid  free  stream  over  a  lifting  body  is  influenced  by  the 
presence  of  the  boundary  layer.  Even  In  the  case  of  the  two-dimensional  flow  over  an  airfoil  we  have  seen 
that  the  interection  may  become  very  strong  especially  when  separation  (bubble  or  rear  separation)  occurs. 

But  also  when  the  boundary  layer  remains  atteched  the  pressure  distribution  is  affected.  From  the  aircraft 
aerodynamicist's  point  of  view  not  the  boundary  layer  es  such  but  these  interaction  effects  constitute  the 
problems  that  one  wishes  to  solve  with  the  help  of  boundary  layer  calculation  methods.  It  is  therefore  pro¬ 
posed  to  review  some  of  the  problems  for  which  bounaary  layer  methods  have  been  successfully  applied.  These 
are:  (1)  attached  flow  over  a  single  airfoil,  (2)  attached  flow  over  an  airfoil  with  a  slotted  flap,  (3)  flow 
over  si..gle  end  flapped  airfoil  with  rear  separation,  and  (4)  shock  Induced  rear  separation  on  straight  and 
swept  wings  determining  buffet-onset  limits. 
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9,1  Attached  Flow  over  a  Single  Airfoil 

The  general  principles  of  the  way  in  which  the  pressure  distribution  and  hence  the  lift  are  charged 
as  coapared  to  the  potential  theory  are  well-known  and  hava  been  described  by  ThwaitesM.  The  main  influence 
is  the  displacement  effect  of  the  boundary  layer  and  tha  wake.  The  procedure  then  is  to  recalculate  tne 
potential  flow  around  the  airfoil  with  the  boundary  layer  displacement  thickness  added  to  the  airfoil  geo¬ 
metric  coordinatee.  At  this  stage,  however,  this  seemingly  straight-forward  procedure  already  shows  its 
drawbacks.  The  firet  inviscid  potential  flow  calculation  uses  the  Kutla  condition  at  the  trailing  edge, 
having  generally  a  nonsero  trailing  edge  angle,  to  determine  the  overall  circulation  (i.e.  tha  lift)  of 
the  airfoil.  But  what  condition  is  to  ba  applied  in  the  second  potential  flow  calculation?  It  is  known  that 
the  prediction  for  the  overall  lift  depends  critically  on  exactly  the  condition  specified  at  the  trailing 
edge  region  with  the  boundary  layers  from  the  upper  and  lower  surfaces  having  different  thicknese.  If  one 
applies  the  criterion  that  the  vorticity  contained  in  the  two  merging  turbulent  boundary  layers  must  be 
equal  and  opposite  at  the  trailing  edge  this,  together  with  the  boundary  layer  approximation  that  3p/3y  *  0 
leads  to  the  conclusion  that  the  velocities  at  the  upper  and  lower  edges  of  the  beginning  wake  are  equal. 
Experiment  shows  that  this  condition  is  wrong;  also  the  lift  coefficient  at  a  given  angle  of  attack  of  the 
airfoil  obtained  by  applying  this  condition  ie  much  too  low.  It  was  therefore  argued  that  a  pressure  diffe¬ 
rence  across  the  two  boundary  layers  ie  induced  at  the  trailing  edge  by  the  curvature  of  the  ensuing  wake. 
Fig.  21  depicts  this  situation  at  the  trailing  edge.  The  formula 


(66) 


CD 


for  the  relative  lift  reduction  was  given  by  Spence  [10*0  in  which,  however,  the  unknown  drag  coefficient 
must  be  estimated  from  approximate  formulas  like  that  of  Squire  and  Young.  The  above  formula  is  only  a  cr'ida 
approximation  which  underestimates  the  lift  reduction  especially  with  increasing  angles  of  incidence.  Later 
Spence  and  Beasley  105]  developed  another  formula  arguing  that  the  nonzero  vorticity  in  the  wake  will  induce 
a  circulation  about  the  whole  airfoil  as  is  the  case  with  a  jet  flap.  By  interpreting  the  effect  of  the  w.ike 
to  be  analogous  to  the  jet  effect  they  arrived  at  the  nonlinear  expreeeion 
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with  k  =  -0.214.  In  this  formula  again  the  profile  drag  coefficient  c-  would  have  to  be  calculated  approxi¬ 
mately  again  from  the  Squire-Young  formula.  Steinheuer  106  found  that  quite  good  agreement  with  experiment 
is  achieved  by  leaving  the  form  of  Eq.  (67)  unchanged  but  replacing  c.  by  tha  overall  skin  friction  coeffi¬ 
cient  Cj.  as  defined  by 


(68) 


where  the  integral  is  taken  around  the  profile  contour,  leading  to 
Ac 

(69)  -i  ■  k.C 

CLo  ^ 

Here  c.  it  the  value  of  the  lift  coefficient  of  the  potential  flow  calculation  using  the  original  Kutta 
condition,  and  k  was  found  to  have  the  empirical  value  k  =  2.  This  formula  is  very  convenient  inasfar  as 
it  does  not  necessitate  the  calculation  of  the  wake,  and  c_  is  easily  obtained  from  the  skin  friction  distri¬ 
bution  of  a  boundary-layer  alculation.  Another  advantage  is  that  the  formula,  Eq.(69),  can  bv  applied  to 
multiple  airfoils  .  s  well.  F.  g.  23  shows  a  xnparison  of  the  ca. culeted  lift  curve  with  the  experiments 
of  Brebner  and  Bagley  [107 1 i  r  two  differed  Reynolds  numbers . 

A  different  line  of  approach  to  the  problem  is  that  employing  the  conce;  •  of  reduced  caster  a  measure 
of  which  is  the  added  total  displacement  thicknees  of  the  boundary  layer  at  th>  mailing  edge.  This  method 
has  been  perfected  by  Powell  [108],  For  the  ratio  of  the  displacement  thickness  to  chord  length  the  assump¬ 
tion  is  made  that  it  assume?  *'»lf  of  the  value  of  the  drag  coefficient  at  a  spe  ified  dietance  downstream  of 
the  trailing  edge.  The  drag  coefficient  again  has  to  be  known  in  advance  and  is  alculated  by  a  method  due  to 
Nash  and  Macdonald  [109]  based  on  the  momentum  thicknees  at  the  trailing  edge.  T  e  epecial  feature  of  Powell’s 
method  is  that  potential  source  and  vorticity  distributions  plac  .d  along  an  effe  tive  camber  line  are  sought 
for,  which  is  determined  from  the  calculated  displacesent  thickness  added  to  the  sriginal  airfoil  contour. 

This  results  effectively  in  a  change  of  angle  of  incidence.  The  usual  Kutta  condition  is  applied  and  the 
source  and  vorticity  distributions  are  found  by  fullfilling  the  boundary  condit'on  at  the  displacement  sur¬ 
face  of  the  camber-modified  airfoil.  An  iterative  procedure  is  then  eet  up  where  the  pressure  distribution 
from  a  potential  flow  calculation  is  up-dated  according  to  the  change  in  affective  camber,  and  boundary-layer 
calculations  are  performed  with  this  new  pressure  distribution.  Convergence  is  reached  after  about  10  itera¬ 
tions. 

The  method  of  Powell  described  above  has  been  found  to  give  good  general  agreement  with  measured  pres¬ 
sure  distributions  if  the  comparison  is  made  at  thw  same  value  of  the  lift  coefficient.  However,  when  the 
solution  is  sought  for  a  given  angle  of  incidence  the  method  overestimates  the  lift  coefficient  by  up  to 
10  \,  i.e.  it  underestimates  the  .eduction  of  lift  due  to  the  boundary-layer  effect.  This  is  the  case  with 
all  methods  that  have  been  proposed  so  far  like  that  of  Bhateley  and  Bradley  [110]  ana  of  Giesing  [ill]  . 

The  discrepancies  are  attributed  to  the  uncertainty  of  the  older  nominally  two-dimensional  wind-tunnel  experi¬ 
ments,  as  evidenced  by  the  more  recent  investigations  of  Firmin  and  Cooke  [112]. 

An  interesting  discussion  or.  the  subject  of  the  interaction  of  the  outer  flow  with  the  confluent  boun¬ 
dary  layers  and  the  wake  in  the  trailing  edge  region  of  an  airfoil  has  recently  been  given  by  Green  [13] .  A 
theoretical  model  for  the  imeciate  vicinity  of  the  trailing  edge  is  developed  envisaging  the  confluent 
boundary  layers  to  be  effectively  inviscid  but  rotational  shear  layers  with  elip  velocity  at  the  surface. 

The  main  reeult  of  Green's  discussion  is  that  a  correlation  between  the  shape  parameter  H,_  of  the  upper 
surface  turbulent  boundary  layer  approaching  the  ideally  sharp  trailing  edge  and  accompanying  pressure  rise 
could  be  established  resulting  in  a  lower  pressure  (higher  velocity)  at  the  edge  of  the  upper  surface  boundary 
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layer  than  at  a  corresponding  point  at  tha  edge  of  the  lower  surface  boundary  layer.  This  is  in  qualitative 
accord  with  the  fomila  developed  by  Gieairg  [Ull .  It  is  not  known  whether  Green' s  trailing  edge  flow  model 
has  beer  incorporated  into  e  prediction  method. 

9.2  Attached  Flow  over  an  Airfoil  with  a  Slotted  Flap 

The  need  for  atill  ma.-e  efficient  high-lift  devices  for  use  in  RTOL  and  STOL  aircraft  has  led  to  exten¬ 
sive  research  activities  mostly  on  the  experimental  side  as  far  as  f-_il  three-dimensional  configurations  are 
concerned.  The  basis  for  theoretical  studies,  however,  still  is  the  simplest  case  of  a  high  lift  device  i.e. 
the  airfoil  with  one  trailing  edge  flap.  With  the  modem  methods  for  the  calculation  of  the  potential  flew 
around  multiple  airfoils,  such  as  those  developed  by  Riegelsand  Jacob  til 3),  Giesing  till]  and  Bhateley  and 
Bradley  [110]  the  prospect  of  developing  a  prediction  method  including  viscous  effects  has  come  within  reach. 

The  typical  development  of  the  viscous  layers  around  en  airfoil  with  a  slotted  fi-p  hes  already  been 
shown  in  Fig.  2.  This  case  hes  been  extensively  studied  at  RAE  [11*0, [115]  and  at  NLR  [116], [117]  experimen¬ 
tally  end  theoretically.  The  difficulties  imposed  on  the  theoretical  analysis  lie  mainly  in  the  appearance 
of  two  features:  (1)  the  mixing  of  the  wake  from  the  main  airfoil  and  the  boundary  layer  of  the  upper  sur¬ 
face  of  the  flap,  and  (2)  the  presence  of  e  closed  zone  of  separation  (or  bubble)  on  the  lower  surface  of 
the  main  airfoil  near  to  the  trailing  edge.  The  interaction  of  the  wake  and  boundary  layer  at  optimum  lift 
at  e  given  incidence  end  flap  deflection  hes  been  found  to  be  relatively  weak,  meening,  that  the  two  shear 
layers  retain  their  separate  identities  almost  to  the  flap  trailing  edge.  However,  this  is  only  true  as  long  as 
the  relative  translatory  position  of  the  flap  (characterized  e.g.  by  the  gap  width  end  the  trailing  edge 
overlap)  is  such  that  the  flow  at  the  slot  exit  contains  an  assentiall t  inviscid  core.  Fig.  24  shows  schema¬ 
tically  the  flow  situation,  where  sketch  (a)  applies  to  the  fevorable  situation  just  described.  Sketch  (b) 
below  shows  the  effect  on  the  slotflo*  when  tha  gap  has  become  too  narrow.  The  limiting  streamline,  by  which 
the  recirculation  bubble  is  boundec  in  the  situation  of  sketch  @ ,  no  longer  reetteches  to  the  lower  side 
of  the  main  airfoil  ahead  of  its  treiling  edge  but  is  swept  downbelow  the  lower  side  of  tha  flap.  This  then 
gives  rise  to  separation  over  the  btek  of  the  flep  or  even  the  back  of  the  main  profile  resulting  in  a  sub¬ 
stantial  l-«e  in  the  ^erall-li't  of  the  flapped  airfoil. 

A  more  detailed  picture  of  the  mechanism  of  flow  in  the  slot  region  is  gained  from  the  results  of 
a  recent  investigation  made  by  W.  Schrcdm-  [lid J ,  here  at  the  VKI,  on  a  thin  airfoil  with  flap.  Fig.  25 
shows  some  measured  pressure  distributions  over  the  upper  and  lower  sides  of  the  main  wing  and  the  flap  for 
a  as Inf  gap  width  cf  the  flap  aoae  location  at  ccoatan-  overlap  that*  parameters  being  determined  by 
the  coordinates  d  and  s.  Beginning  with  the  case  or  the  largest  gep  width,  s/c  =  1.8  t,  it  is  seen  t'  et  the 
pressure  coefficient  reeches  its  full  potential  value  of  unity  et  the  flep’s  stegnetion  point,  while  the 
pressure  within  the  bubble  forms  e  reletively  low  pleteau,  rether  sharply  bounded  towards  the  treiling  edge 
by  a  pressure  peak  which  marks  tha  reettachment  point.  This  peak  lies  just  aheed  of  the  overlap  locetion 
marked  by  the  arrow.  When  the  gep  is  diminished  the  stegnetion  pressure  et  the  flep  nose  becomes  less  then 
unity  indicating  that  low-energy  fluid  is  shed  over  the  flap  nose.  Correspondingly  the  overell-lift  is 
reduced.  Also  the  pressure  level  at  the  bubble  location  is  reouced  and  the  region  of  separated  flow  extends 
upstream  beyond  the  discontinuous  corner  of  the  contour.  Surprisingly,  however,  with  still  nun-separated 
flow  over  the  main-airfoil's  trailing  edge  and  over  en  appreciable  part  of  the  flap  beck,  the  flow  through 
the  slot  still  is  maintained  as  evidencad  by  the  sharp  pressure  fell  just  eheed  of  the  treiling  edge.  The 
still  noticeable  pressure  peak  here  suggests  that  the  bubble  structure  continues  to  be  maintained,  its 
bounding  streamline,  however,  being  formed  of  fluid  of  reduced  kinetic  energy.  Three  distinct  regions  of 
flow  are  tentatively  indicated  in  the  accompanying  sketch  of  the  slot  flow:  region  I  is  the  region  of  irro- 
tetional  potential  flow  with  full  total  pressure  energy,  region  II  is  composed  of  rotational  fluid  forming 
e  free  shjar  layer  originates  from  the  separated  boundary  layer  of  the  lower  side  of  the  main  airfoil  and 
region  III  is  the  closed  recirculating  bubble  region.  The  described  mechanism  of  the  slot  flow  is  strongly 
supported  by  the  smoke  visualization  pictures  made  by  Schroder  of  which  the  obtained  smoke  contours  are 
presented  in  Fig.  26.  These  smoke  contour  lines  roughly  correspond  tc  the  line  of  division  between  the 
regions  II  end  III  of  the  previous  figure. 

The  prediction  method  devised  by  the  author  [106]  for  the  calculation  of  the  optimum  lift  as  dependent 
on  the  flap-setting  especially  with  respect  to  gep  width  end  overlap  et  given  flep  angle,  incidence,  and 
Reynolds  number  assumes  that  the  bubble  region  can  be  replaced  bv  e  solid  feiring  contour  for  the  calcula¬ 
tion  of  the  potential  flow  and  hence  the  pressure  distribution  and  the  lift  coefficient.  This  approach  hes 
bean  used  previously  by  Labrujere  et  el.  1117]  and  Werle  [119]  for  the  analogous  situation  of  the  flow  around 
the  lower  side  of  a  tint  to  successfully  calculate  the  pressure  distribution.  However,  es  the  replacement 
contour  is  not  knvm  e  priori  it  chosen  to  coincide  with  the  feiring  contour  used  in  the  experiments 
of  Foster  et  al.  [114]  in  the  particular  example  for  which  the  first  comparative  calculations  wera  made. 

The  potential  flow  was  calculated  by  means  of  the  method  of  Giesing  [ill]  for  multiple  airfoils,  end  e 
boundary -layer  calculation  was  performed  using  Waiz's  integral  method  [41] .  With  the  values  of  gep  width 
and  overlap  as  parameters  a  series  of  potential  flow  end  boundery-leyer  calculations  werde  made  in  which 
the  lift  reduction  due  to  the  boundary  layer  displacement  effect  was  computed  from  Eq.  (69)  applied  to  the 
main  airfoil  and  thj  flap  individually.  It  turned  out  that,  by  varying  the  flap  position,  the  boundary-layer 
calculation  predicted  either  completely  attached  flow  along  the  feiring  contour  right  down  tc  the  treiling 
edge  or  the  occurrence  of  separation  at  a  point  well  upstream  of  the  trailing  edge.  In  Fig.  27  a  comparison 
of  calculated  end  measured  values  of  the  total  lift  is  made  for  a  case  where  the  gap  width  is  varied  et  e 
constant  overlap  distance.  It  is  seen  that  the  experimentally  found  optimum  gep  width  very  well  coincides 
with  the  point  of  flap  position  for  which  the  calculations  predict  the  occurrence  of  separation.  Note  further 
the  relatively  small  error  of  the  absolute  velues  of  the  lift  coefficient  es  compared  to  the  experimental 
values  in  the  range  of  predicted  attached  flow. 

The  weak  point  of  the  proposed  prediction  method,  of  course,  is  the  e-priori  assumption  to  be  made 
for  the  replacement  contour  in  the  bubble  region.  However,  this  difficulty  should  be  overcome  by  exploiting 
the  results  of  Schroder' s  experiment  which  showed  that  the  point  of  bubble  reattechement  always  lies  just 
aheed  of  the  flap  nose  position  (see  Fig.  25)  end  that  the  bubble  contour  line  for  the  case  of  optimum  lift 
forms  a  well-behavea  curve  which  can  probeliy  be  approximated  by  e  cubic  (see  fig.  26). 

The  potentialities  of  e  prediction  method  es  that  described  above  are  immediately  apparent.  Not  only 
the  extensive  (and  expensive)  wind-tunnel  measurements  to  determine  an  optimum  slot  configuration  would  be 
greatly  reduced  by  a  preceding  computational  survey  but  elso  the  transfer  of  the  low  Reynolds  number  wind 
tunnel  results  to  the  actually  intended  high  Reynolds  number  configuration  could  be  made  with  much  more 
confidence. 
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9,3  Airfoil  Flow  with  Separation 

The  prediction  of  incipient  trailing  edge  separation  for  a  given  airfoil  section  is  of  extreme  impor¬ 
tance  ir  the  design  of  aircraft  wings  of  moderate  sweep  angle  especially  for  the  lew  speed  range  at  take¬ 
off  and  landing.  The  purely  theoretical  determination  of  the  maximum  lift  of  wings  with  mechanical  high 
lift  devices  such  as  single  or  multiple  trailing  edge  flaps  and  slats  or  other  fore-flaps  is  rendered  especi¬ 
ally  difficult  not  only  because  of  the  mutual  influence  of  the  inviscid  flow  around  the  different  parts  of 
the  wing  but  also  by  the  fact  that  the  maximum  lift  of  the  configuration  is  almost  always  associated  with 
moderate  rear  separation  already  established  on  one  of  the  elements  forming  the  complete  section.  While  a 
prediction  method  for  the  general  three-dimensional  compressible  case  seems  remote  for  a  long  time  to  come 
the  incompressible  two-dimensiond  problem  such  as  the  one  depicted  in  Fig.  28  has  been  attacked  with  some 
success  by  Jacob  [120]  and  Bhately  and  Bradley  lllO], 

rollowinc  Jacob,  I  wish  ‘h  tutii'*  briefly  If*  lit*  c£  approach  *lew  tone  racerr  ewangle*  -f  his 
method,  [121],  The  conctpt  of  simulating  the  flow  over  an  airfoil  with  a  separated  region  ahead  of  the  trai¬ 
ling  edge  is  to  add  to  the  otherwise  classically  determined  potential  flow  (i.e.  with  Kutta-condit 1  on  full- 
filled  at  the  trailing  edge)  a  source  distribution  along  that  part  of  the  contour  where  separation  I-  present. 
From  the  development  of  a  preceding  boundary- layer  calculation  the  separa.ion  point  has  been  determined. 

The  added  source  distribution  will  then  alter  the  original  pressure  distril ution  over  the  upper  side  of  the 
airfpil  and  a  new  boundary- layer  calculation  (using  Rotta's  method  [92])  will  predict  the  separation  point 
to  lie  at  some  other  location,  as  in  the  preceding  run.  The  area  of  simulating  source  flow  is  altered  accor¬ 
dingly  and  a  new  pressure  Jisti ib ution  is  calculated.  This  process  ol  alternating!*  calculating  the  potential 
flow  and  boundary- layer  development  is  continued  until  the  assumed  location  of  the  separation  point  coin¬ 
cides  with  the  predicted  one.  In  order  to  avoid  a  stagnation  point  to  occur  in  front  of  the  outflow  region 
the  source  distribution  is  modelled  in  such  a  way  that  the  streamline  forming  the  surface  ahead  of  separa¬ 
tion  leaves  tne  surface  smoothly  i.e.  with  zero-slope.  Further  the  problem  <s  made  determinate  by  requiring 
an  equal  pressure  (or  velocity)  to  prevail  at  a  point  L  shortly  upstream  of  the  trailing  edge  on  the  lower 
side,  at  a  point  0  above  the  trailing  edge  through  which  the  separation  streamline  passes,  and  at  the  sepa¬ 
ration  point  S  itself,  t'  seer,  a*  cor.  verge  net  cf  the  iteration  grace**  i*  «cvi***d  *11  lecticr  characteristic* 
can  be  determined  for  the  particular  case  considered,  i.e.  for  a  given  angle  of  incidence  and  given  flap 
settings.  By  repeating  the  calculation  for  a  range  of  angles  of  incidence,  of  flap  deflection  angles,  and 
of  flap  positions  the  dependence  of  the  lift  coefficient  on  any  of  these  parameters  can  be  predicted  for 
attached  flow  and  flow  with  trailing  edge  separation.  Also  Reynolds  number  dependence  is  included  through 
the  use  of  boundary-layer  calculations .  Note,  however,  that  up  to  the  present  the  boundary-layer  calcula¬ 
tions  have  been  used  solely  for  the  purpose  of  determining  the  separation  point  while  boundary  layer  displace¬ 
ment  effect  is  not  included. 

To  show  the  potentialities  of  Jacob's  method  I  propose  to  show  two  examples  from  his  recent  report 
[111].  Tne  Mist  example  is  un  the  Mow  over  a  nypotnetical  rxappeo  airfoil  witn  a  «ACA  23012  main  section 
(see  Fig.  29)  ana  a  flap  the  section  shape  of  which  is  a  20  %  replica  of  the  main  airfoil.  Graph  (a)  shows 
the  c^(o)-curve  for  three  different  flap  defection  angles  and  two  different  Reynolds  numbers.  With  the 
smaller  Reynolds  number  (solid  line  curves)  separation  occurs  first  on  the  main  wing  causing  inmediate  sepa¬ 
ration  on  the  flap  as  well.  For  6j.  =  20°,  in  contrast,  the  flap  flow  is  separated  already  at  zero  angle  of 
incidence  and  separation  over  the  main  wing  occurs  at  about  a  s  8.5°.  A  very  interesting  behavior  is  exhi¬ 
bited  for  the  higher  Reynolds  number  Re  s  107  (broken  line  curves) .  Again  with  the  flap  angles  6_  s  0°  and 
10°  separation  is  predict*'  f  first  occur  c**r  it  a  mail  profile  Uhil*  t>*  flw  remains  attaches  up  tt  con¬ 
siderable  higher  angles  of  incidence.  At  the  high  flap  defection  angle  6-  -  20  now  the  flow  separates  first 
over  the  flap  while  it  continues  to  remain  attached  on  the  main  airfoil  causing  the  c,(a)-curve  to  aggin 
rise  to  a  second  peak  value  where  then  separation  takes  over  also  to  the  main  airfoil.  In  the  graph  b;  the 
boundaries  for  the  different  types  of  separation  behaviors  are  shewn,  i.e.  no  separation,  separation  on  flap 
only,  separation  on  main  airfoil  only,  and  separation  on  both  main  airfoil  and  flap  depending  on  the  angle 
of  incidence  and  on  the  flap  defection  angle.  Note  that  at  the  lower  Reynolds  number  Re  *  10®  the  domain, 
where  there  is  separation  on  the  main  airfoil  only,  is  degenerated  to  a  very  narrow  rang-  of  possible  angles 
of  incidence. 

Tr.e  second  example  treats  the  case  of  a  main  airfoil  with  drooped  nos*  and  an  additional  slat  (as  see.) 
in  Fig.  30).  The  main  profile  here  is  a  modified  NACA  69-210  section.  The  reference  chord  c  is  therefore 
taken  to  be  that  of  the  unmodified  profile.  The  figure  shows  the  calculated  pressure  distribution  at  a  given 
slat  position  and  an  effective  angle  of  incidence  of  o  =  20°  corresponcing  to  equal  values  of  lift  coeffi¬ 
cient  of  the  calculation  and  of  the  measurements  by  baumert  [H'l .  The  transition  point  was  taken  as  the 
point  of  laminar  separation.  Considering  that  the  displacement  effect  of  boundary  layer  is  not  accounted  for, 
the  agreement  between  the  theoretical  and  the  measured  pressure  distribution  is  most  satisfactory,  although 
the  measured  separation  point  seems  to  lie  slightly  downstream  of  the  predicted  location.  The  flexibility 
of  the  method  may  be  demonstrated  by  Fig.  31  where  for  the  same  profile  at  a  given  flap  position  the  measured 
c,(a)-curve  (dotted  line)  is  seen  to  have  two  maxima,  the  first  of  which  corresponds  to  slat  separation  at 
about  a  =  33°,  followed  by  the  second  peak  at  u  =  90°  for  main  wing  stall.  The  solid  line  curve  represents 
the  result  of  the  calculations  and  the  broken  line  curve  corresponds  to  the  experimental  curve  corrected 
for  an  effective  angle  of  attack  at  an  infinite  aspect  ratio.  First  >1  all,  it  is  noted  that  the  computed 
curve  exhibits  correctly  the  existence  of  the  two  maxima.  The  deviations  from  the  corrected  experimental 
curve  may  be  attributed  to  the  inexplicable  difference  of  about  two  degrees  in  incidence  at  zero  lift  and 
to  the  boundary  layer  displacement  effect  not  accounted  for  in  the  calculations.  -  In  closing  this  paragraph 
then,  it  can  be  stated  without  exaggeration  that  Jacob's  prediction  method  has  new  m. *ured  to  a  degree  that 
it  may  be  applied  with  confidence  to  explore  numerically  '.ho  low  speed  aerodynamic  characteristics  of  an 
airfoil  with  slats  and  even  multiple  flaps  in  the  design  state  with  only  a  very  reduced  number  of  wind-tunnel 
runs  necessary  for  assurance. 

9.9  Prediction  of  Buffet  Boundaries  for  a  Wing  in  Transonic  Flow 

One  of  the  important  problems  in  modern  aircraft  design  is  constituted  by  the  appearance  of  a  normal 
shock  on  the  upper  surface  of  a  wing  or  airfoil  involving  an  interaction  between  shock  and  boundary-layer 
development.  Specifically  shock-induced  boundary-layer  separation  marks  the  phenomenon  of  buffeting  loosely 
define i  as  the  state  of  very  severe  random  oscillations  of  the  aerodynamic  forces  on  a  wing.  Buffeting  thus 
poses  structural  limits  to  the  range  of  flight  conditions  attainable.  The  influence  of  buffet  onset  on  the 
flight  envelope  (curve  versus  Mach  number)  for  a  transport  an  craft  with  wings  of  large  aspect  ratio 
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and  moderate  sweep  angle  is  depicted  in  Fig.  32  schematically.  In  incompressible  flow  (range  I)  the  maxi¬ 
mum  lift  is  determined  by  separation  phenomena  induced  by  adverse  pressure  gradients  involving  either  rear 
separation  or  bubble  bursting  as  discussed  previously.  Range  II  beginning  at  a  Kach  number  of  about  Ma  =  0.3 
i3  characterized  by  the  appearance  of  a  small  supersonic  zone  around  the  airfoil  nose  at  high  angles  of 
incidence  with  c._  decreasing  with  increasing  Mach  number.  An  extended  supersonic  flow  region  terminated 
by  a  normal  shocsis  encountered  i  ■  range  III  beginning  at  about  Ma  >  O.S.  Here,  new,  the  maximum  lift  is 
rapidl"  falling  off  with  Mach  number.  It  is  in  this  range  that  buffeting  is  the  constraining  factor.  The 
diagram  includes  the  curve  for  drag  rise  close  to  which  the  operating  point  for  cruise  of  an  aircraft  is 
usually  chosen  so  as  to  keen  sosv  margins  AMa  and  ic^  with  respect  to  the  e^ax  or  buffet-onset  curve. 

Adopting  flow  model  B  according  to  the  classification  of  transonic  separation  types  (see  Fig.  5) 
after  Pearcey  *t  al.  [ll] ,  F.  Thomas  [123 ]  has  been  the  first  to  dev  slop  a  purely  computational  method  to 
predict  the  onset  of  buffeting  which  hitherto  could  only  be  obtained  by  wind  tunnel  and  flight  tests.  The 
method  relies  on  the  argument  that  if  buffet -onset  is  the  consequence  of  boundary-layer  separation  behind 
a  normal  shock  on  a  transonic  wing  it  was  to  be  expected  that  the  problem  could  be  solved  by  employing 
boundary-layer  methods.  Th«  analytical  steps  in  the  method  of  Thomas  as  applied  to  two-dimensional  airfoil- 
are  as  follows: 

1. )  Using  available  semi-empirical  [124]  or  theoretical  [125]  methods,  the  pressure  distribution  including 

the  position  of  the  shock  is  calculated  assuming  the  flow  to  !}e  attached  and  inviscid. 

2. )  With  the  above  pressure  distribution  a  boundary-layer  calculation  along  the  upper  surface  of  the  air¬ 

foil  and  through  the  shock  region  is  performed  to  determine  the  separation  point  by  one  of  the  available 
boundary  lavar  calculation  methods  for  compressible  turbulent  flow. 

3. )  Steps  1.)  and  2.)  are  repeated  for  a  series  of  flight  conditions  (Mach  number)  at.d  the  movements  of  the 

cbtaine  separation  points  and  the  siiock  position  are  determined  as  shown  schematically  in  Fig.  33. 

4. )  In  Ref. 1*23]  buffet  -onset  was  taken  as  being  the  condition  where  the  boundary  layer  separation  point 

and  the  shock  position  coincide  (point  A  in  Fig.  33).  Later,  with  some  revisions  in  the  analysis  compo¬ 
nents,  it  was  assumed  [126 ]  that  buffeting  occured  at  the  condition  where  the  separation  has  moved  for¬ 
ward  from  the  trailing  edge  to  90  %  of  the  chord  (point  B  in  Fig.  33). 

The  above  criterion  for  buffet-onset  has  been  discussed  by  Thomas  and  Redeker[l26]  and  by  Gentry  and  Oliver 
[127]  who  made  comparative  calculations  using  different  method  in  the  computational  steps  1  and  2  above. 

Some  of  the  results  of  Thomas'  method  at  compared  to  wind  tunnel  and  flight  test  results  are  shewn  in 

fig.  3w  where  denotes  lift  coefficient  for  ouf fet- unset .  for  tnese  two-dimensionai  examples  the  agrewiuehi 

between  predicted  and  measured  buffet  limits  is  very  satisfactory. 

The  first  attempts  of  7moi.ii?  [123  ]  to  extend  his  method  also  to  swept  wings  by  applying  the  indepen¬ 
dence  principle  for  an  irfinite  swept  wing  and  by  correcting  the  results  obtained  for  the  section  airfoil 
normal  to  the  leading  edge  by  the  cosine  law  were  successful  only  for  wings  of  moderate  sweep.  For  large 
angles  of  sweep  the  neglect  of  the  truly  three-dimensional  boundary- layer  development  produced  too  opti¬ 
mistic  limits  of  buffet-onset.  Therefore  Redeker  [128]  (see  also  [126] )  extended  the  incompressible  boun¬ 
dary  layer  entrainment  method  of  Cumpsty  and  Mead  [95]  for  the  three-dimensional  boundary  layer  flow  over 
swept  wings  to  include  compressibility.  A  weak-shock  concept  is  adopted  which  does  not  lead  to  separation 
of  the  boundary  layer  ahead  of  the  shock,  and  again  it  is  assumed  that  three-dimensional  separation  marked 
by  confluent  wall  streamlines  sets  in  first  at  the  trailing  edge  and  moving  up  towards  the  shock  position. 

Alar  the  M%-ehori  criterlcr  fir  Iuff«t-ar*»:  le  adapted. 

In  Fig.  35  the  results  of  the  example  calculations  taken  from  [128]  are  shown.  In  case  (a)  the  buffet 
boundaries  for  the  fighter  aircraft  F-86A  as  determined  in  flight  test  ll29 j  are  compared  with  the  results 
of  Redeker's  method  and  with  the  quasi-two-dimensional  method  of  Thomas.  It  is  seen  that  accounting  for 
three-dimensionality  results  in  much  better  agreement  with  experiment.  In  case  (?)  the  comparison  extends 
to  two  wings  of  different  thickness  ratios  and  sweep  angles  at  equal  aspect  ratio  and  drag-rise  Mach  number. 
The  wind-tunnel  experiments  mace  in  the  Gottingen-transonic- tunnel  [130  ]  revealed  that  in  spite  of  the  equal 
drag-rise  Mach  m'-rer  the  thinner  wing  with  less  sweep  is  more  favorable  with  respect  to  the  buffet  bounda¬ 
ries.  This  is  also  reflected  in  the  theoretical  prediction  which  is  in  very  satisfactory  agreement  with 
experiment. 

The  foregoing  -<« «.iples  show  convincingly  that  again  with  the  help  of  boundary- layer  methods  a  complex 
problem  in  aircraft  design  ia  made  amenable  to  analytical  prediction. 

10.  SOME  REMARKS  ON  THE  SCALE  EFFECT 

ay  acalt  «ff»et  gt^eraily  the  difftrc’cae  are  undars.taod  wMeh  aaiat  ra*u:u  attained  from 

mode.'  testing  in  a  wind  tunnel  and  the  result  of  the  full  scale  flight  test  with  respect  to  any  aerodynamic 
characteristic  being  investigated.  The  principle  cause  for  these  differences  is  the  dependence  of  various 
flow  phenomena  on  Reynolds  number  which  is,  in  general,  not  the  same  in  the  flow  at  model  scale  and  at  full 
scale.  This  Reynolds  number  dependence  gives  rise  to  serious  problems  in  the  extrapolation  of  model  test 
results  to  the  conditions  of  full  scale  or  vice-versa  in  the  ability  to  simulate  properly  full  scale  condi¬ 
tions  in  a  model  test  e.g.  by  artificially  fixing  of  boundary-layer  transition. 

In  actual  wind  tunnel-testing  besides  the  Reynolds  number  simulation,  although  of  prime  importance, 
other  aspects  oust  te  etraiiaz-ei  w  f  which  are :  tinsel  wail  constraint*,  mo&ei  support  interference** 
elastic  model  strength,  model  surface  conditions,  the  representation  of  components  such  as  the  engines. 

Also,  the  free  stream  turbulence  level  may  become  very  important  as  it  influences  the  onset  of  transition 
from  laminar  to  turbulent  boundary-layer  flow.  In  the  discussion  to  follow  all  these  effects  will  not  be 
considered,  the  major  attention  being  given  to  the  pure  Reynolds  number  effect.  Recent  reviews  of  various 
influences  on  the  scale  effect  have  been  given  by  Hall  [131]  ,  Green  [13 1 ,  Little [3.32]  ,  and  Paterson  [133]. 

The  study  of  the  Reynolds  number  scale  effect  consists  of  ersentially  the  study  of  the  complex  inter¬ 
actions  between  boundary-layer  development  and  the  external  inviscid  flow.  Thus,  again,  the  basic  boundary- 
layer  phenomena  will  determine  the  sensitivity  of  the  flow  ovc.'  a  given  model-configuration  to  scale  effects. 
In  the  two-dimensional  airfoil  flow  these  are:  (1)  attached  boundary-layer  flow,  either  laminar  or  turbulent, 
(2)  transition  from  laminar  to  turbulent  flow,  (3)  complete  laminar  separation,  (4)  laminar  separation  with 
subsequent  turbulent  reattachment  over  short  and  long  separation  bubbles,  (5)  turbulent  separation,  (6)  tur¬ 
bulent  reattachment  e.g.  downstream  of  the  shock-boundary  layer  interaction  zone  in  the  flow  over  a  transonic 
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airfoil,  and  (7)  the  wake  development-  Although  in  moat  occasions  the  real  flow  is  three-dimensional  it  is 
expected  that  the  study  of  the  basic  two-dimensional  boundary- layer  phenomena  will  provide  the  criteria  for 
assessing  scale  effects,  as  for  instance  the  effects  on  a  swept  wing  being  discussed  by  considering  a  sheared 
wing  of  infinite  span.  The  above  mentioned  boundary-layer  phenomena  may  be  subdivided  into  two  categories 
according  to  their  effect  on  the  flow  field  as  a  whole.  Strong  interaction  is  provoked  usually  by  the  pheno¬ 
mena  (3)  and  (5)  involving  complete  detachment  of  the  outer  flow  over  an  appreciable  portion  of  the  surface. 
Phenomena  (1),  (2)  and  (7)  belong  to  the  weak  interaction  category  while  the  items  (4)  and  (6)  involving 
closed  separation  regions  play  an  intermediate  role.  However,  it  must  be  born  in  mind  that  phenomena  which 
only  weakly  affect  the  outer  flow  locally  are  responsibly  in  many  cases  for  the  appearance  of  strong  inter¬ 
action.  Thus  e.g.  transition  from  laminar  to  turbulent  being  highly  Reynolds  number  dependent  influences 
by  its  location  and  streamwise  extent  the  subsequent  development  of  the  turbulent  boundary  layer  and  hence 
the  possible  turbulent  separation  at  a  location  relatively  far  downstream  of  the  transition  zone.  Another 
example  is  the  change  of  a  separation  bubble  from  the  short  to  the  long  type  depending  on  the  Reynolds  num¬ 
ber.  Typical  pressure  distributions  obtained  at  CNERA  as  referenced  in  Ls 1  are  shown  in  rig.  36.  At  the 
higher  Reynolds  number  (higher  velocity  V  )  a  short  bubble  exists  up  to  a  14°  angle  of  incidence  causing 
the  kinks  in  the  c  -curves  but  otherwise  not  affecting  the  pressure  distrib'ion.  At  the  lower  Reynolds 
number  the  short  bubble  apparently  bursts  into  the  formation  of  a  long  bubble  at  about  B°  incidence  resul¬ 
ting  in  the  deterioration  of  the  suction  peak  pressure  close  tc  the  leading  edge  This  example  exhibits  the 
inherent  dangers  in  extrapolating  low  Reynolds  number  data  to  full  scale  Reynolds  number  if,  as  in  this 
case,  a  fundamentally  different  type  of  boundary  layer  free-streem  interaction  phenomenon  comes  into  exi¬ 
stence  within  the  range  of  Reynolds  numbers  over  which  the  extrapolation  is  desir«d.  An  example  of  this  kind 
has  actually  oecured  with  the  C-141  airplane  as  reported  on  by  Loving  (134]  end  demonstrated  in  Tig.  37. 
Turbulent  boundary- layer  separation  in  flight  test  was  much  more  downstream  on  the  wing  then  had  been  pre¬ 
dicted  by  wind-tunnel  tests.  The  downstream  shift  of  the  shock  and  the  increased  circulation  around  the 
wing  changed  considerably  the  pressure  distribution  and  hence  the  location  of  the  lift-center  causing  in 
turn  different  trim  requirements  and  greater  loads  at.  the  fuselage  structure  that,  were  anticipated  in  the 
design. 

The  above  examples  lead  to  the  following  conclusions: 

(1.)  Reynolds  number  scale  effects  may  arise  from  a  change  in  any  part  of  the  boundary- layer  flow,  the  most 
significant  sources  of  deviation  being  associated  with  boundary- layer  transition  and  boundary-layer 
separation. 

(2.)  Extrapolation  of  results  fror  one  Reynolds  number  to  another  may  lead  to  significant  errors  in  the 
prediction  cf  the  aerodynamic  -haracteristics  st  the  desired  full-scale  Reynolds  number. 

One  solution  for  remedy  in  this  situa.ion  is  to  enlarge  the  capability  of  the  experimental  facilities  in 
such  s  way  as  to  always  make  full-scale  experiments.  In  fact,  the  need  for  larger  wind  tunnels  especially 
in  the  regime  of  transonic  speeds  has  been  established  by  the  AGARD  HIRT  Group  [l35](High  Reynolds  Number 
Wind  Tunnel  Study  Group).  The  second  possibility,  not  as  an  alternative  but  rather  as  a  complementary  means, 
is  to  develop  new,  and  refine  existing  calculation  methods  comprizing  methods  for  the  calculation  of  inviscid 
flow  fields  and  boundary  layers.  The  latter  must  be  supplemented  by  increasingly  reliable  method  or  cri¬ 
teria  to  determine  transition  and  separation  in  detail.  Furthermore  methods  are  needed  by  which  the  interac¬ 
tions  between  the  inviscid  and  viscous  flow  regimes  are  predictable  realistically  so  as  to  allow  for  a  feed¬ 
back  of  the  influences  of  one  flow  type  on  the  other.  A  composite  prediction  method  may  then  be  conceived, 
built  up  by  way  of  evolution,  in  which  only  the  best  component  methods  available  are  utilized.  Although  the 
evolution  of  such  an  idaal  method  seems  to  be  remote  at  the  present,  the  progress  made  in  the  last  decade 
in  developing  numerical  procedures,  both  for  the  calculation  of  external  flow  fields  and  of  the  boundary 
layer  provides  an  optimistic  outlook  into  the  future.  As  encouraging  first  steps  into  the  right  direction 
I  would  consider  the  examples  of  sections  9.1  to  9.4  where  composite  methods  have  been  devised  to  attack 
Reynolds  number  dependent  problems  (calculation  of  maximum  lift  coefficient  of  a  multiple  airfoil,  deter¬ 
mination  of  buffet-onset  boundaries)  which  hitherto  were  not  thought  to  be  solvable. 
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fig.  1:  Effects  of  the  boundary  lsysr  on  the  prssaurs  distribution  and  ths  lift  characteristics 
of  singla  airfoils  (scbanatical) 


(a)  with  attached  boundary- layer  flow, 

©  with  trailing  edge  separation, 

©  with  leading  edge  separation  and  long  bubble, 
©  with  leading  adge  separation  and  short  bubble, 
©  with  leading  edge  separation 


Regions  of  interaction  rake-boundary  layer 


inviacid  flow 
viscous  flow 
separation  point 
reattachment  point 


pressure  distribution  for  the  flow  over 
an  airfoil  with  leading  edge  slat  and 
trailing  edge  flap;  from  [6]. 
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.  *»♦  Effect  of  Reynolds  number  on  the  optimal  slat  position  for  maximum  lift  at  three  different 
slat  angles  for  flow  over  a  slatted  airfoil  with  d  ooped  nose,  after  [bJ. 
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Model  R:  Bubble  type  separation  Model  B:  Rear  separation 

rig.  5:  flow  Modal*  explaining  ahock  induced  aeperet ioc  effect!  on  transonic  airfoils. 


rig.  6:  Developenot  of  an  attached  boundary  on  an  airfoil  like  body  (echeaatical). 


7-30 


negative  positive 

pressure  gradient  pressure  gradient 


riiLi  Uainar  boundary- layer  development  including  separation  (schemtical) 


/■ Thickness  & 

/Mean  post  tion  of  boundary 

J/_ ^  Boundary  between  turbulent  and 

^ n  on  turbulent  flow 

bsm&msgs 


/Viscous  super  layer 


T-«— 

r'^CpO^45-  “W 

?t3T3of&^0ncfo  = 

t/pr  ^  /"7  H X 

77777777777777*^  'r?V7V//7. 

Viscous  sublayer  Wall''' 


-**•  —  Sch*»tlc«l  sectional  via.  of  „ 


turbulent  boundary  layer  **,  ,.locity  prQttUm 


Comparison  bstwssn  the  distributions  of  skin  friction  snd  momentum  thickness 
Reynolds  number  es  measured  by  winter  at  al.  [80]  and  the  predicted  distributions 
es  ealcult~ed  by  tbs  methods  of  Head  [45]  sod  Green  st  al.  [48]  including 
secondary  effects', 

- Head,  - Green:  quasi  tvo-dimeneional 

-  -  —  Green:  corrected  for  longitudinal  curvature, 

lateral  strain,  and  dilatation 

experimental 
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Sketch  illustrating  curvature  effect  of  trailing  edge  wake  on  the  external  velocit 
and  pressures. 
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lit.  25:  Effort  of  gap  width  or.  tha  pressure  distribution  over  a  flapped  NACA  0006-airfoil 
at  zero  incidence  and  15°  flap  deflection  as  measured  by  Schroder  [116]. 

(I:  region  oi  irrotational  inviscid  flow,  II:  region  of  detached  rotational  flow, 
III:  region  of  closed  recirculating  flow). 
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Fig.  26:  SMkt  contour  lino*  derived  from  flow  visualization  picturo*  in  th#  *lot  region  of  a 

flapped  NACA  0006-airfoil;  from  Clia ] :  (a)  for  varying  gap  width  *  at  constant  overlap  d, 
©  for  varying  overlap  d  at  constant  gap  width  s. 


Fig.  27: 

Comparison  or  measured  ElH»]  and 
calculated  [106]  lift  coefficients 
showing  th#  effect  of  varying  gap 
width  s  at  constant  overlap  d 
for  a  flapped  NPL  3111-airfoil. 

- A -  experimental 

- O  calculation 

(Note  that  the  experiments  were  carried 
■'•it  with  the  broken  line  contour  while 
in  the  calculations  whe  solid  line 
contour  was  used). 


Theoretical  model  of  the  two-dimensional  flow  over  an  airfoil  with  slat  and  flap 
simulated  by  an  additional  aource  flow  over  the  eeparatad  region  according  to  Jacob  [121] 


Calculctod  separation  characterietics  of  a  NACA  23012-airfoil  with  flap  at  two  different 
Reynolds  numbers:  (a)  lift  coeff icieni  vs.  incidence  for  constant  flap  deflection, 

©  limits  of  flow  types  dependent  on  incidence  and  flap  deflection;  from  [121] 
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lit  30:  Calculated  and  measured  pressure  distribution  on  a  slatted  HACA  S4-210-airfoil 
with  drooped  nose;  from  [121]. 


Hr.  31: 

Comparison  between  measured  and 
calculated  lift-rs. -incidence  curves 
of  a  slatted  NACA  64-210-airfoil  with 
drooped  nose;  from  [121] 
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life.  32:  Dependence  of  maximum  lift  on  Mach  nuaber  and  associated  aaparation  phenomena. 
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St.  33:  Chord wi a*  location  of  normal  chock  and  aaparation  point  depending  on  Mach  number 

on  a  transonic  wing  eection  (schenatical) ;  point  A  indicates  separation  immediately 
behind  shock,  point  B  explains  90  l- chord  criterion  of  Thomas  [126]  for  buffet-onset. 
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SUMMARY 

T«o  aspects  t>(  engine  tascaUatioa  aerodyaa*ics  are  coastdered  theoretical  design  and  jptinization  of  the  engine  mstallatioa, 
aad  experimental  atady. 

Air  intake,  afterbody,  and  engine/ aircraft  integration  probftats  a>e  analysed  for  high  subsonic  and  supersonic  aircraft. 

High  speed  and  low  speed  performance  are  discussed,  and  variable  geometry  devices  are  commented  oo. 

Special  attention  is  given  to  the  signification  of  (he  various  propulsion  snd  drsg  balance  terms. 
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1.  INTRODUCTION 

The  purpose  of  this  lecture  is  to  present  some  elements  that  hsve  to  be  considered  while  evaluating  tbe  engine  installation 
aerodynamics. 

Th*.  subject  aril!  be  focussed  on  air  intake  and  afterbody  studies  for  high  subsonic  or  supersonic  aircraft-  In  some  measure, 
definitions,  computation  methods  and  test  processes  can  be  eitended  to  V.T.O.L.  or  hypersonic  engine  installation. 

The  subiect  will  be  only  partially  covered,  and  other  general  information  could  he  obtaioed  from  recent  review  papers  or  basic 
courses  Hi  to  [91.  References  reported  in  this  paper  are  oniy  illustrative,  and  are  very  incomplete. 


1  GENERAL 

2.1.  Thrust  and  drag  components 

Engine  bench  test  results,  complemented  by  some  computations,  give  the  posaihility  to  predict  the  flow  at  the  rear  throat  of  the 
engine,  or  at  the  two  exhaust  stanoo  in  the  case  of  a  by-pass  engine,  when  we  know  the  characteristics  of  the  flow  delivered  by  the 
air  intake,  or  these  characteristics  and  the  local  static  pressure  field  at  each  exit  station  if  the  flow  is  not  choked  by  a  sonic  throat 
at  the  exit. 

Tind  tunnel  tests  o?  computations  give  the  possibility  to  define  the  intake  flow  and  the  exhaust  flow  conditions  (taking  into 
account  the  preceding  eogine  characteristics)  and  then  to  estimate  the  net  forces  applied  to  the  aircraft. 

The  engine  nomioal  thrust  bas  to  characterize  the  engine  performance,  and  can  be  defined  aa  the  increase  of  momentum  betweeo  : 

i  -  the  free-stream  (upstream  infinity)  mass  flow  that  would  feed  the  engine  if  the  compression  was  iaentropic,  or  was  governed  by 

a  given  standard  air  intake  pressure  recovery,  and 

ii  -  tbe  corresponding  exhaust  flow(a)  that  is(a?e'  aupposed  expanded,  parallel  to  the  free  stream  and  isentropically,  down  to  the 
free  stream  static  pressure,  -or  the  same  exhaust  flow  minus  a  standard  thrust  reduction  defined  by  a  standard  exhaust  nozzle, - 
or  witb  a  given  frictioo  drag  on  a  rear  plug  or  annular  centerbody. 

Standard  air  intake  pressure  recovery  snd  standard  afterbody  thrust  reduction  coefficient  are  still  to  be  defined  and  adopted,  if 
we  are  to  obtain  a  standard  presentation  of  the  engine  data.  There  exists  only  an  USA  normalized  intake  pressure  recovery  law  for 
military  aircraft  (see  fig.  20  and  1 10]>. 


"glider"  and  eogioe  installation  (fig.  1) 


To  discuss  the  aerodynamic  performance  of  an  engine 
installation,  at  a  given  altitude  and  constant  flight  Macn 
number,  it  is  necessary  to  define  a  "glider*  that  represents 
tbe  aircraft  without  engine  inst  illation,  although  this  is 
always  more  or  less  arbitrary. 

This  glider  is  characterized  by  a  "polar",  curve  of  the 
lift  coefficient  versus  the  drag  coefficient  Cp. 

The  optimum  engine  installation  is  the  one  that  gives 
the  matriirum  net  propulsive  force,  when  the  weight  of  the 
aircraft  is  balanced  by  the  lift.  That  means,  as  can  be 
easily  verified,  that  the  jet  is  deviated  downwards,  the 
net  thrust  ang!e  being  given  by  tg  &  r  d  Co  /d  Cl 
at  the  functioning  point  on  the  polar  (assuming  oo  exteroal 
ioter  action). 


To  analyse  the  thrust  and  diag  elements  of  the  engine 
installation,  we  have  in  the  same  way  to  take  into  account 
their  contribution  to  the  lift,  a  lift  efiecr  A  L  being  equi¬ 
valent  to  a  thrust  io^ease  or  a  drag  reduction  AD 


AD; 


-  Al 


dCs/dCo 

it  would  be  also  necessary  to  consider  the  effect  of  the 
engine  iostallation  aerodyoamics  on  the  equilibrium  drag  : 
that  would  be  easy  if  he  longitudinal  trim  was  associated 
with  a  given  Isw  of  drag. 
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EQUIVALENT  JET  THRUST 


To  simplify,  we  will  not  mention  any  more  this  effect, 
that  can  be  rendered  negligible  in  some  cases,  (or  instance 
by  an  adequate  camber  of  the  wing. 


«G.  I  -  THRUST  AND  DRAG  COU/VALCHCE 
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The  effect  of  the  engine  on  the  weight  and  the  center  of  gravity  position  is  not  involved  here,  since  only  the  aerodynamic  forces  are 
esaauoed,  for  gives  total  weight  and  center  of  gravity. 

The  preceding  equivalence  are  well  adapted  to  configurations  with  the  main  component  of  the  thrust  aligned  with  the  speed.  For 
V/  S.T.O.L.  aircraft  in  horizontal  low  speed  flight,  the  horizontal  forces  would  he  no  more  con-emenr  to  appreciate  the  effect  of  the 
engine  installation  :  s  vertical  projection  would  he  more  appropriate. 

The  engine  nominal  equivalent  thrust 

— c— ———————— 

The  engine  nominal  thrust  deflected  of  £  gives  an  horizontal  thrust  of  (d-  and  a  lift  force  equal  to£Tn  ,  what 

ia  equivalent  to  an  horizontal  supplemenrary  thrust  of  Thru,  the  engine  nominal  equivalent  thru  j  is  equal  to  (  A  * 

The  engine  installation  (or  nacelle)  net  equivalent  thrust 

If  Cq  and  CL  ore  the  drag  and  the  lift  coefficients  of  the  *glider*,  in  horizontal  fli;ht,  and  if  C[_f  is  the  lift  coefficient  that 
equilibrates  the  weight,  C^y  -  CL  represents  the  lift  effect  of  the  v-ngio :  Installation.  The  equivalent  thrust  is  then  equal  to 
CD  +  (CL*  "  CL*  ‘'Co' As  ^L*  *  CL^  ■*  *ml*1  10  b*  linearized  on  the  polar,  the  sum  represents  the  drag  coefficient 

of  the  polar  at  a  C[_  *  C[_y  that  equilibrates  the  weight  :  this  will  be  taken  as  a_definitioo  nf  the  *oet  equivalent  thrust*  of  the 
engine  installation. 

The  engine  installa'ion  aerodynamics  can  he  judged  hy  the  thrust  reduction  between  rhe  nominal  equivalent  thrust  and  the  net 
equivalent  thrust. 

This  losscan  be  introduced  into  internal  and  external  aerodynamics  of  the  engine  installation,  hy  the  definitions  given  Below, 

The  installed  engine  equivalent  internal  thrust  has  to  reflect  rhe  internal  Performance  of  the  engine  installation. 

It  can  be  defined  as  the  increase  of  momentum,  from  the  free  stream  total  mass  flow  that  is  captured  by  'he  air  intake,  to  the 
exhaust  section*  of  the  same  flow  (that  can  have  fluid  frontiers,  for  instance  in  the  case  of  sn  auxiliary  flow  captured  hy  a  door 
downstream  of  rhe  air  inrake,  and  limiting  the  nozzle  flow!,  plus  pressure  terms  in  these  rectioos  (with  respect  to  the  free  stream 
pressure),  plus  forces  (with  respect  to  the  free  stieam  pressure)  on  some  parts  of  external  surfaces  that  are  considered  as  ioternal, 
like  centerbody  annu'ar  boattail  of  a  by-pass  engine. 

If  the  exhaust  syst  em  is  not  parallel  to  the  free  stream,  and  present  s  a  lift  component  AL  ,  a  thrust  increment  ATr  — — — 
has  to  be  added.  dCi./dCD 

The  engine  installation  'or  nacelle)  equivalent  external  drag  is  then  the  difference  between  the  "installed  engine  equivalent 
internal  thrust"  and  the  "engine  installation  net  equivalent  thrust"  and  reflects  the  external  drag  of  the  engine  installation.  This 
drag  includes  not  only  the  interference  drag  between  the  nacelle  and  the  glider,  but  also  between  the  jet  and  the  glider. 

The  installed  engine  equivalent  internal  thrust  reduction  ,  that  is  the  difference  between  the  "nominaTand  the  "installed"  engine 
equivalent  internal  thrust,  may  include  the  following  element  s  : 

-  The  intake/  engine  equivalent  internal  thrust  reduction,  that  is  the  difference  between  tne  "nominal"  and  the  "maximum  intake/engine" 
equivalent  internal  thrust  ,  and  characterizes  the  effect  of  the  pre  sure  recovery  of  the  intake  :  the  "maximum  intake/ engine  equiva¬ 
lent  internal  ihrust"  is  the  increase  of  momentum,  from  the  frec-stre  ;  tube  that  feeda  the  engine  with  the  actual  pressure  recovery 

of  the  intake,  to  the  corresponding  exhaust  flow  that  is  supposed  exploded  down  to  the  free  st.eam  static  pressure  with  the  same 
assumptioosthan  for  the  nominal  equivalent  thrust. 

-  The  internal  boundary  layer  bleed  and  by-pass  flow  equivalent  drag,  that  is  the  resulting  inner  drag  force  on  the  stream  tube,  from  the 
free-stream  to  the  exhaust,  of  the  bleed  or  by-pass  flow,  minus  possibly  the  drag  correction  due  to  a  lift  effect.  If  a  pair  of  the  mass 
flow  is  ejected  by  the  nozzle,  ii  can  be  considerer  that  the  flow  is  exhausted  by  an  isentropic  expansion  from  its  maximum  stagnation 
pressure,  the  supplementary  drag  effect  being  accounted  in  the  "nozzle  equivalent  thrust  reduction". 

-  The  nozzle  equivalent  internal  thrust  reduction,  that  is  the  difference  between  the  "nominal  engine  eq.  thrust  ,  less  the  "intake/ 
engine  eq.  internal  thrust  reduction",  less  the  "internal  bleed  and  by  pass  flow  eq.  drag",  and  the  "installed  engine  eq.  internal 
thrust". 

This  term  characterizes  the  fact  that  the  internal  flows  delivered  to  the  nozzle  are  not  used  with  their  maximum  efficiency. 

The  engine  installation  or  nacelle)  equivalent  external  drag  may  include  the  following  elements  : 

-  the  boundary-layer  diverter  eq.drag, 

-  the  strut  eq.  drag, 

-  the  addive  eq.  drag,  that  is  the  equivalent  drag  of  'he  pressure  forces  applied  to  the  intake  flow  stream  tube  goin„  trom  the  upstream 
infinity  to  the  capture  section, 

--  The  intake  cowl  eq.  drag  'from  the  inrake  capture  section  to  the  max;mum  section  of  the  engine  installation), 

-  The  spillage  eq.  drag  if  the  additive  and  ccwl  drag  are  evaluated  for  the  maximum  mass  flow  of  the  intake,  the  supplementary 
parts  of  the  additive  and  cowl  drag  (and  possibly  other  drag  terms)  that  appear  when  the  masn  flow  is  smaller  than  tne  maximum, 
is  callea  the  spillage  drag  , 
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-  The  afterbody  external  eg.  drug,  that  may  include  : 

*  the  auxiliary  flow  eg.  dtag  :  drag  of  the  auxiliary  stream  tuhe  from  its  section  at  the  maximum  diameter  of  the  engine  installation 
to  its  exhaust  section,  that  may  have  a  common  fluid  frontier  with  the  internal  flow, 

•  hoattiii  eq.  drag  :  from  the  maximum  diameter  plus  possibly  an  auxiliary  stream  tuhi^to  the  final  external  section  of  the 
engine  .nstaUarion, 

.  the  base  eq,  drag  :  from  the  final  external  section  of  the  engine  installation  to  tbe  exhaust  sections  of  the  afterbody  total  mass 
flow  ; 


-  .  ne  interference  eq.  drag  that  is  the  complement  to  the  engine  installation  eq,  external  drag  ;  the  interference  effect  can  be  dis¬ 
tributed  between  some  of  tbe  preceding  elements. 


"  Ftiction  drag  "  and  "pressure  drag"  can  he  distinguished  as  parts  of  some  drag  elements. 

The  sum  of  the  “nozzle  eq.  thrust  reduction"  and  of  tbe  "afterbody  external  eq.  <drag"  constitutes  the  afterbody  net  equivalent  thrust 
reduction.  ~~ 


The  list  of  the  t  hoist  and  drag  components  is  summa¬ 
rized  fig.  2.  The  definitions  may  have  to  he  more  speci¬ 
fied,  adapted  or  completed  for  each  part  icular  case,  but, 
when  they  are,  they  give  a  good  view  of  the  propulsion 
halance  and  of  the  engine  installation  characteristics 
and  performance,  keeping  in  mind,  however,  that  the  va¬ 
rious  terms  are  not  ind^oendent  of  each  other. 

Weight,  drag  and  pressute  recovery  exchange  coefficients 

At  a  given  Mach  number,  a  drag  modif  ication 
can  be  expressed  as  a  lift,  or  a  weight  modification, 
by  tSe  relation  AW  =  A  D  x  d  Cl  / dC© 

plus  oossihly  the  lorgimdinal  trim  drag  term. 

An  increase  of  the  intake  pressure  recovery  impli¬ 
cates  a  higher  mass  How  and  a  revised  nacelle  (mainly 
larger  entry  and  exhaust  section  areas),  and  provides 
an  increased  internal  thrust  and  a  decreased  external 
drag,  or  an  increased  net  thrust,  that  can  also  he 
expressed  as  an  equivalent  weight  decrement. 

However,  asthe  Specific  Fuel  Consomption  is  also 
a  function  of  the  intake  pressure  recovery,  and  as  the 
weight  involves  all  the  stages  of  the  flight,  it  is  neces¬ 
sary  to  calculate  some  exchange  coefficients  between 
the  weight,  the  thrust  (or  drag),  and  the  SFC,  at  various 
given  flight  conditions,  based  on  some  aircraft  global 
performance  like  payload,  range,  or  Direct  Operating 
Cost. 

This  problem  of  optimization  of  tbe  global  perfor¬ 
mance  is  discussed  for  instance  ref.  (111.  * 


Engine  installation  net  equivalent  thrust •  D*Qit££*Ds* 
(CowtOfiAfi  COEFFICIENT  OF  THE  GLIDER  AT 
WEIGHT  EQUILIBRIUM) 


(ENGINE  NOMINAL  *)  __  ENGINE  INSTALLATION 

EQUIVALENT  THRUST)  NET  EQUIVALENT  THRUST 


=1  ENGINE  INSTALLATION  NET  EQUIVALENT  THRUST  REDUCTION 


| NOMINAL  -  INTERNAL  THRUST} 
m  INTERNAL  THRUST* REDUCTION 

| nominal^ “  |  intake/ engine  \ 

=  INTAKE /ENGINE  THRUST  RED* 

+ 

|  INTERNAL  Qr. LAVER  BLEED 
[  AND  DV-PASS  DRAG 
+ 


)(  NOZZLE  INTERNAL 
THRUST  REDUCTION 


^imuLiATioN  trtnaw.  dm 

l 

BOUNDARY  LAVER  DIVERT!  R  Of  AG 

STRUT  DBAS 

COWL  DRAG 

ADDITIVE  DRAG 

SPILLAGE  DRAB 

AFTERBODY  EXTERNAL  DRAG 

SBOATTAIL 
AUXILIARY  FLOW 
BASE 

i 

Interference  drag 


(thrust  ) 

*  DEAD  EQUIVALENT  2  f 

(DRAG  ) 


FIG.  2  -  THRUST  -  DRAG  BALANCE 


Thrust  and  drag  terms  evaluation 

find  tunnel  model  tests  are  mainly  used  to  verify  the  global  aerodynamic  characteristics  ;  the  various  terms  of  tnc  thrust  and 
drag  halance  are  rather  discusaed  in  the  preliminary  theoretical  evaluations  of  a  project.  However,  fundamental  test  results  on 
isolated  parts  of  the  engine  installation  are  used  to  assess  the  computations. 

Theoretical  evaluations  and  experiments  will  be  commented  on  further  for  the  cases  of  high  subsonic  and  supersonic  aircraft. 


2.2.  intake  pressure  reccvery  definition 

One  of  the  main  parameters  of  the  propulsion  performance  is  the  intake  pressure  recovery,  ratio  of  the  mear.  stagnation  pressure 
of  the  flow  ar  the  compressor  face,  to  the  isentropic  stagnation  pressure  of  the  free  stream. 

As  the  flow  is  not  uniform  at  the  compressor  face,  a  mean  flow  has  to  be  defined.  Due  to  the  function  of  the  air  intake,  it  is 
convenient  to  do  that  by  replacing  the  actual  flow  hy  an  uniform  flow  that  has  the  same  mass  flow,  enthalp,  and  "dynalp"  (sum  of  the 
momentum  and  of  the  pressure  force). 
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Almost  equivalent  definitions  [91,  easier  to  apply  to  the  air  intake  tests,  are  obtained  either  by  taking  an  uniform  flow  of  the  same 
mass  flow,  enthalp  and  static  pressure  (when  the  static  pressure  is  constant),  or  by  computing  the  mean  stagnation  ptessure  by  an 
area-weighted  integration  of  the  measured  stagnation  pressure  distribution. 

The  definition  used  has  to  be  specified,  although  the  differences  of  results  are  usually  smaller  than  the  nrecision  of  the  knowledge 
of  the  engine  thrust. 

On  the  other  hand,  the  definition  by  a  mass-flow-weighted  pressure  recovery  has  to  be  condemned, because  it  eliminates  the  effect 
of  low  stagnation  pressure  (and  mass  flow)  regions,  and  gives  too  optimistic  values,  leading  to  an  ovetestimation  of  the  thrust  and  the 
surge  margin. 

2.3.  Distorsion  problem 

A  number  of  publications  ([12)  to  [18)>  show  that  the  workiog  of  an  engine  in  a  non-uniform,  stationary  or  non-st  at  ion  ary  flow  can 
be  pretty  well  predicted  when  the  distorsion  of  the  flow  delivered  by  the  intake  is  known. 

Stationary  flow  survey  is  easely  obtained  it.  air  intake  tests  by  "pitot"  pressure  measurements  at  the  compressor  face  station. 

Vhen  tbe  flow  is  unstable,  the  distorsion  has  to  be  measured  by  dynamic  fast  response  stagnation  pressure  instrumentation.  A 
cut-off  frequency  l/T  of  the  measure  should  be  chosen  in  such  a  way  that  the  well  length  X  =  Vn  .T  f  producr  of  the  nxial  velocity 
V*  at  the  first  blade  stage  by  the  cut-off  period  T,  be  of  the  order  of  two  or  three  times  the  blade  chord  [151. 

Each  engine  manufacturer  has  its  own  distorsion  index,  and  it  is  still  not  possible  to  know  the  most  representative.  These  various 
indices  are,  in  fact,  similar,  in  that  sense  that  they  take  into  account  the  amplitude  and  the  extension  of  the  reduced  speed  regions 
(low  stagnation  pressure  regioos)  that  give  higher  incidence  on  the  blades  and  give  tise  to  a  stall  risk. 

The  following  distorsion  indices  can  be  mentioned  : 

•  DC  60  *  P«°  [lj,  14), 

<1 

.  RbO  nun  :  »re»-»eighi»d  stagnation  pressure  of  the  60°  section  where  the  meao  stagnation  pressure  is  minimum, 

.  P  :  area-weighted  stagnation  pressure  of  the  whole  section, 

4  q  :  mean  dynamic  pressure,  Vz  t  $  M 


—  =r  _ 

KD a*AOOZ  (  P  -  Pmio  0-\ 
n*4  V.  o  ' 


4  H  :  index  of  a  ring,  the  whole  section  being  divided  into  5  tings  of  equal  area, 

4  P  :  mean  stagnation  pressure  of  the  ring, 

4  Prrun  :  minimum  stagnation  pressure  of  the  ring, 

4  angular  extent,  in  degrees  of  the  largest  depression  under  P  min,  on  the  iL:; 


Y\m  6 
W  / 

,  P -  Pmm  ft-  rma* 

-  _r50 

P  ’’n 

[14  k  171. 


This  last  index  gives  more  weight  to  the  flow  near  the  hub  than  the  preceding  one  ;  the  surge  correlation  has  beeo  improved 
this  way,  for  a  particular  engine. 

The  influence  of  the  distorsion  index  on  the  engine  performance  and  on  the  surge  margin  depends  of  the  engine  characteristics. 
Some  examples  can  be  found  in  the  given  references,  or  others. 


3.  ENGINE  INSTALLATION  FOR  SIBS0N1C  AIRCRAFT 
3*1.  Intake  profile 

The  Mach  .lumber  distributioo  reported  figure  3  illustrates  the  problem  of  the  intake  profile  that  is  a  compromise  between  high  and 
low  speed  performance. 
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At  high  speed  (M  =  0.85)  th*  external  flow  is  super¬ 
critical,  and,  in  order  to  avoid  the  drag  that  would 
result  of  too  high  an  overspeed,  it  is  necessary  to  limit 
the  deviation  of  the  flow  around  the  lip.  That  means  a 
small  external  radius  of  the  lip  at  the  stagnation  point 
of  the  capture  streamline,  and  also  a  pretty  thin  lip  to 
avoid  an  internal  sonic  throat. 

At  static  and  low  speed,  it  is  necessary  to  avoid 
a  separation  of  the  boundary  layer  inside  the  leading 
edge  due  to  the  flow  turning  around  the  lip  to  gather 
the  intake.  That  means  a  large  entry  area  (that  is 
limited  by  the  high  speed  drag)  and  a  large  internal 
radius  (that  is  limited  by  an  internal  sonic  throat). 

The  result  of  an  optimization  process  gives  to  the 
lip  the  characteristic  shape  drawn  in  the  figure. 

A  small  drag  nacelle  at  high  Mach  number  has  also 
to  have  a  very  small  curvature  at  the  maximum  diameter, 
wbat  corresponds  to  a  long  intake  duct,  hut  a  compro¬ 
mise  has  then  to  be  found  with  the  weight. .V" 

It  is  interesting  to  note  the  use  of  a  "peaky"  type 
supercritical  profile.  When  the  mass  flow  is  reduced, 
this  effect  is  more  pronounced,  and  drag  appears.  A 
large  margin  may  be  necessary  when  the  nacelle  drag^ 
with  one  engine  out,is  critical  (two-engine  aircraft).  • 

At  low  speed,  tbe  worst  (and  determining)  condi¬ 
tion  is  at  static  with  cross  wind.  The  internal  overspeed 
on  the  lip  lacing  the  cross  wind  is  increased,  as  shown 
figure  3,  and  an  internal  separation  of  the  boundary 
layer  may  result  that  gives  an  high  internal  flow  distor- 
sion. 


FI C.  3  -  INTAKE  PROFILE  DEFINITION 


Figure  4  shows  a  typical  effect  of  the  cross  wind  at  Tarious 
forward  speed  VQ,  and  mass  flow  (identified  hy  the  internal  Mach 
number  M2)* 

For  a  given  forward  speed  VQ,  and  a  given  cross-wind  (for 
instance  the  maximum  normalized  cross-wind,  15  m/ s),  at  low 
mass  flow,  we  observe  an  internal  separation  due  to  a  to*'  low 
Reynolds  nnmher,  and  that  disappears  at  higher  mass-flow.  At  a 
still  higher  mass  flow,  separation  reappears,  due  to  a  too  high 
overspeed  on  the  lip. 

For  a  given  cross  wind,  the  forward  speed  reduces  the  well- 
effect  of  the  intake  and  improves  the  lip  flow,  widering  the  mass 
flow  range  without  separation. 

If  an  improvement  of  the  lip  shape  (thicker  internal  radius) 
cannot  be  accepted  due  to  the  other  conditions,  a  solution  has 
already  been  used  what  is  to  apply  the  maximum  power  of  the 
engine  only  when  tbe  speed  of  the  aircraft  on  the  runway  is  suffi¬ 
cient  to  be  above  the  separation  area. 

Variable  geometry  can  help  to  solve  this  problem  (parag.  3*2). 

Calcnlation  methods  of  subcritical  potential  flow  and  boundary- 
layer  are  currently  used  in  the  design  offices  ;  they  are  applied  to 
a  configuration  of  the  same  mass  flow  coefficient  (ratio  of  the 
upstream  captured  streamtuhe  to  a  reference  intake  section),  hut  to 
a  reduced  Mach  nnmber,  to  lemain  subcritical.  The  results  are 
generally  satisfying,  although  development  of  *  supercritical 
method  will  permit  one  to  improve  the  precision  of  the  performance 
prediction.  Several  published  experimental  analvses  allow  one  to 
start  a  preliminary  design  [191  to  [26). 


FIG.  4  CROSS  W/ND  EFFEC1 
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Definition  of  a  high  performance  fixed  geometry  intake  can  be  achieved  this  way  when  the  crun  :  Mach  number  is  lower  than  0  83 
or  0.90,  according  to  the  engine  mass  flow  characteristic,  for  higher  Mach  number,  drag  penalties  have  to  be  accept  d,  or  variable 
geometry  to  be  required. 


3.2.  Variable  geometry 

When  a  high  cruise  Mach  number  imposes  a  thin  leading  edge,  variable 
geometry  can  be  used  to  reduce  the  overspeed  on  the  inner  profile  of  the 
lip  ac  low  speed,  either  by  enlarging  and  rounding  the  lip,  or  by  opening 
auxiliary  intakes,  which  reduces  the  mass  flow  passing  through  the  front 
entry. 

Some  of  these  devices  are  presented  on  figtre  3.  The  best  solution  is 
still  to  be  defined  in  terms  of  efficiency,  weight,  and  noise  effect.  Lea¬ 
ding  edge  flaps,  for  instance,  could  He  a  competitive  solution  for  large 
engines  compared  with  the  other  devices  already  used. 


FLEXIBLE  UP  LEADING  EDGE  FLAP 


3.3.  Ground  effect 

Figure  6  is  only  presented  to  emphasize  the  effect  of  the  ground 
proximity. 

At  static,  the  boundary  layer  on  the  ground,  due  to  the  velocity 
iuduced  by  the  intake  suction,  gives  rise  to  a  ortex  that  may  be 
si  allowed  by  the  intake,  giving  an  internal  flov  distorsion. 

If  the  ground  boundary  layer  is  amplified  by  the  wind,  or  is  gene- 
rat  td  by  the  wind-tunnel  speed  (intake  test  at  t.tke  off  speed  without 
"meting  belt"),  the  vortex  may  be  increased  as  shown  on  the  figure. 
Of  rourse,  it  is  blown  at  higher  speed. 

The  comparison  of  the  flow  visualizations  and  of  the  stagnation 
pressure  distribution  without  and  with  amoving  belt  a  proves  that  the 
study  of  the  ground  effect  without  moving  belt  is  not  representative, 
the  strong  voices  rhat  may  exist  in  the  wind  tunnel  test  being  a 
parasitic  effect. 


LEADING  EDGE  DOOR  TRANSLATING  LIP 


BLOWING  SLOT  SINGLE  SLOTTED  INlET 

F/G.  5  -  AUXILIARY  TAKE-OFF  DEVICES 
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3.4,  Iotake  poise 

Some  devices  to  reduce  the  noise  from  the  intake  are  presented  on  figure  7. 
[24],  [27],  [281. 

The  first  type  of  device  consists  in  formiog  a  near  sonic  throat  ahe^d  of  the 
compressor  face.  As  thi  noise  has  also  to  he  reduced  at  reduced  R  P.M.  'approach 
flighr),  the  throat  sectioo  has  to  be  ajustahle.  This  cao  be  realized  ‘  •  a  contrac¬ 
ting  cowl  wall  or  a  translating  center  body. 

A  second  type  con***.s  tn  reducing  or  suppressiog  the  "lioe  of  sight'to  the 
rotating  blades  though  the  iolet  ;  parts  of  the  walls  are  of  absorbing  materials. 
Intake  istben  looger,  but  with  a  fixed  geometry. 


Discussioo  of  the  various  possibilities  are  still  progressiog,  one  of  the 
problems  being  to  know  the  effect  of  the  change  of  distorsion  and  turbulence 
level  of  the  iotake  flow  on  the  exhaust  ooise,  at  static  and  io  fly-over  situation, 
and  to  take  ioto  accouot  the  effect  oo  the  ooise  of  a  readjusted  engine  power 
to  compensate  a  reduced  iotake  pressure  recovery. 


3.5.  Afterbody  shape 

Two  types  of  afterbodies  seem  competitive  for  a  by-pass  engine  :  the 
mixed  flow  and  the  separated  flow,  with  or  without  a  termioal  plug  (fig.  6) 

[241(251. 


The  experimental  result  reported  figure  9  shows  that  the  fan  exhaust  flow 
presents  a  successioo  of  transooic  waves  that  are  still  oot  accessible  to  ^  7  NOISE  ATTENUATION  DEVICES 

computatioo. 


The  compressible  traosonic  method  can  ooly  be  applied  to  calculate  the  flow  on  the  bcattail  by  giviog  a  approximated  shape  to  the 
jet  frontier.  It  is  very  profitable  to  optimize  the  boattail  ieogth  and  curvature. 

A  discussion  of  comparative  performance  requires  also  to  calculate  the  frictioo  drag,  iocludiog  the  drag  (thrust  reductioo)  of  the 
internal  flow,  the  thrust  improvement  due  to  an  internal  roixiog  of  the  hot  jet  with  the  cold  jet  [291,  aod  the  respective  weights. 

Rules  for  preliminary  desigo  ba*ed  oo  experimental  results  are  proposed  ref.  (30,  31,  32]. 

Slightly  convergent -diver gent  oozzles  are  usually  desirable  to  adjust  the  jet  to  the  ambient  pressure,  but  the  oozzle  expansion 
has  to  he  a  compromise  between  cruise  aod  take-off,  due  to  higher  jet  pressure  ratio  in  cruise  [24]. 

Studies  of  acoustic  treatments  of  various  afterbodies  oo  the  performance  characteristics  are  reported  ref.  [24]  (ioternal  wall 
equipped  with  absorbing  materials,  and  installation  of  acoustically  treated  riogs  into  the  fan  exhaust  chanoel). 

It  is  shown  that  the  "terminal  plug"  is  not  attractive,  and  that  the  choice  between  the  separated  or  the  mixed  flow  Is  not  decisive 
and  can  be  a  function  of  the  reverse  performances  (that  are  oot  evaluated)  :  a  higher  reverse  tbrust  iodeed  permits  a  reduced  length 
of  landing  roll,  and consequeotly  a  higher  altitude  of  fly  over  ax  approach,  which  means  a  reduced  noise... 
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3.6.  Nacelle  installation  aerodynamics 

The  choice  of  the  nacelle  position  is  guided  hy  the  area  rule  applied  to  the  complete  aircraft  [331  to  [33]. 

Fot  large  capacity  aircraft,  the  variation  of  the  center  of  gravity  with  the  passengers  number  is  more  importanr  when  the  engines 
are  near  the  tail  than  when  they  are  under  the  wing  :  the  trim  di..g  is  higher  for  the  first  solution,  and  has  to  be  taken  in'o  account  in 
the  aircraft  performance  comparisons  [351. 

On  the  other  hand,  the  engine  installation  near  the  rear  fuselage,  which  permits  the  capture  of  the  fuselage  boundary-layer,  may 
be  considered,  as  it  may  imptove  the  propulsion  efficiency  [36]. 

A  complete  discussion  of  the  engine  position  is  beyond  the  scope  of  this  pspet,  but  it  must  be  emphasized  that  it  is  important  to 
study  the  engine  nacelle  in  its  environment. 

Three-ditrensional  flow  theories  give  useful  indications  on  the  pressure  distribution  around  the  wing,  body,  strut  and  nacelle 
arrangement  (371  to  [39U 

9ind  tunnel  tests  complete  the  flow  analysis,  and  permits  detailed  investigation  of  some  jet  interference  effects  (on  the  control 
surface),  and  other  complex  phenomena  [401. 

3.7,  ■Wind  tunnel  tests 

3.7.1.  (make  tests 

Wind  tunnel  test  arrangements  ate  presented  figure  10. 

Intake  drag  (additive  +  cow1  drag)  can  be  ohtained 
hy  internal  flow  survey  giving  the  momentum  and  pres¬ 
sure  force  increase  f  rom  the  u^sr  team  section  of  the 
captured  mass  flow  to  the  internal  measuring  section, 
and  hy  measurement  of  the  longitudinal  force  acting  on 
the  cowl  (pressure  integration  +  external  boundary 
layer  survey  giving  the  friction  drag,  or  force  measure¬ 
ment  hy  a  balance)  [4l]  to  [431. 

Measurements  of  the  pressures  on  the  external  na¬ 
celle  profile  permits  one  to  appreciate  in  which  limits 
the  measured  drag  has  an  ahsolute  value  (if  the  pres¬ 
sures  on  die  rear  part  of  the  nacelle  are  practically 
identical  to  those  created  by  a  mass  flow,  the  external 
flow  being  entirely  isentropic),  or  has  only  a  compara¬ 
tive  value  (if  the  pressures  on  the  rear  part  are  the  same 
for  the  compared  configurarioos).  This  is  discussed  ref. 

[42).  P.e  conclusion  of  this  discussion  is  that,  at  high 
subsonic  Mach  number,  the  inlet  drag  indicated  by  the 
intake  test  is  not  perfectly  represent itive  of  an  absolute 
drag  term,  and  cannot  he  dissociated  from  the  afterbody 
drag. 

3.7.2.  Afterbody  tests 

Usual  arrangements  of  afterbody  tests  are  presented 
figure  1 1  from  [44  ]. 

These  arrangements  are  not  perfectly  representative, 
because  the  flow  curvature  around  the  leading  edge  of 
the  intake  is  not  reproduced,  and  the  boundary  layer  is 

not  at  the  proper  scale.  Boundary  layer  hleed  on  the  upstream  sting  has  already  been  used  to  reduce  the  boundary  layer  thickness. 

An  example  is  shown  figure  11,  from  ref.  (451  (nacelle/  wing  profile  interference  test). 

An  arrangement  permitting  one  to  teproduce  the  flow  ftom  the  leading  edge,  and  to  eliminate  the  sting  boundary  layet  upstream 
of  the  leading  edge,  is  suggested  at  the  bottom  of  the  figure  [ 421. 

3.7.).  Complete  naceUe  and  interaction  tests 

Simulatioo  of  the  engine  on  a  wind  tunnel  model,  at  a  given  Mach  number,  would  mean  : 

-  same  intake  mass  flow  coefficient, 

~  same  external  geometry  (intake  and  nacelle  cowl,  exhaust  section  and  afterbody  profile), 

*  same  jet  static  pressure  and  Mach  number, 


V 


Tronterac 


Intake  droa  by  pressure  and  boundary- layer  measurement 


Isolated  fan  inlet  tests  with  metric  cowl  [fell 


Measurement  of  sotlloqe  drag  by  the  woke  traverse  method 

Ml 
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-  same  jet  temperature  and  ratio  of  specific  heats. 

A  good  approximation  is  obtained  by  restrai¬ 
ning  the  simulation  tc.  the  three  first  item. 

No  possibility  exists  today  to  obtain  such  a 
simulation. 

The  best  approach  (and  the  most  difficult  and 
expensive)  is  the  "powered  nacelle"  (321  (fig.  12). 
It  permits  one  to  reproduce  the  exhaust  condition 
(even  the  jet  temperature)  with  only  a  small  diffe¬ 
rence  or.  the  captured  mass  flow. 

More  simple  is  ejector  system  (fig.  '12),  that 
necessitates  a  more  important  reduction  of  rhe 
captured  mass  flow  to  obtain  the  correct  simula¬ 
tion  of  the  exhaust  flow  [461.  In  that  case,  the 
intake  entry  section  and  cowl  profile  may  be 
reajusred,  to  keep  the  external  flow  as  isentro- 
pic  as  the  real  flow,  if  possible.  An  emerging 
bulled  in  the  center  of  the  inlet  can  be  used  to 
tfcispurpose^the  supplementary  drag  introduced 
by  this  solution  can  be  measured  on  an  air 
intake  test  ring  (fig.  12,  at  rhe  bottom),  [471, 
[481. 

Ar  low  speed,  it  has  been  proved  for  a  long 
time  that  is  was  sufficient  to  reproduce  the 
thrust  coefficient  Cp  of  the  jet  to  obtain  a 
good  simulation  of  the  global  effect  of  the  jet 
on  the  airplane  aerodynamic  characteristic, 
even  with  a  modified  nacelle  (afterbody  geo¬ 
metry,  captured  mass  flow...}.  Faired  over¬ 
inlet  are  often  acceptable  ("blown  nacelle"). 


Boundary-layer  auction  Weighed  porl  [42] 


♦ 


FIG.  12  •  ENGINE/ AIRPLANE 
INTERACTION  STUDY 


BLOWN  NACELLE  [*73 
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Coefficient  Cji  is  the  (non  dimensional)  product  of  the  exhaust  mass  flow  by  the  speed  of  the  jet  flow  eroanded  to  the  stream  static 
pressure,  divided  by  the  reference  of  the  forces.  Since  the  speed  of  the  wind  tunnel  in  incompressible  flow  is  an  independent  parameter 
(neglecting  the  Reynolds  number  effect), it  is  possible  to  adjust  it  to  obtain  a  simultaneous  simulation  of  the  intake  mass-flow  and 
the  C/ *  *n  tbe  "ejectcr  nacelle".  But  it  is  often  mote  useful  to  test  tbe  model  at  tbe  maximum  Reynolds  number. 

Repeatability  and  precision  of  the  ejector  and  blown-nacelle  technique  are  discussed  ref.  (49). 


4.  ENGINE  INSTALLATION  FOR  SUPERSONIC  AIRCRAFT 

4. 1.  Supersonic  inlets 

Two  types  of  inlets  are  used  on  supersonic  aircraft  :  the  eiiernal  supersonic  compression  inlet,  and  the  "mixed*  (external/ internal) 
supersonic  compression. 

For  cruise  Mach  number  equal  or  lowet  than  about  2.2,  external  supersonic  compression  gives  the  highest  pressure  recovery  with  an 
acceptable  cowl  drag  penalty,  and  with  a  short  total  length  and  weight. 

For  higher  Mach  number,  mixed  compression  becomes  more  attractive,  in  spite  of  the  starting  problem  that  complicates  the  control 
system,  thanks  to  a  lower  drag  and  an  equivalent  or  better  pressure  recovery. 

Common  computation  problsms,  and  particular  characteristics  of  each  type  of  intakes  will  be  successively  presented. 


4.1.1  Computation  problems 

The  supersonic  compression  is  calculated  by  the  well  known  method  of  characteristics  (fig.  13)  [50|  to  [52)  ;  the  example  of  fig. 
13  is  taken  from  ref.  (53). 


The  wall  is  corrected  by  the  displacement  thickness  of  the  boundary  layer. 


Boundary  layer  theories  have  been  developed  to  take  into  account  oblique  shock/ boundary  layer  interactions,  and  boundary  layer 
suction  that  may  be  applied  in  the  high  pressure  gradient  or  shock  region  of  the  supersonic  compression  [54]  to  [56] » 


The  "normal"  shock/ boundary  layer  interaction 
is  a  complex  problem  of  coupling  a  strong  shock 
transonic  flow  with  a  boundary  layer,  and  is  still 
not  solved.  As  the  compression  capability  of  the 
subsonic  diffusor  is  function  of  the  ent.y  flow 
and  its  boundary-layer,  the  design  of  the  transo¬ 
nic  region  and  the  subsonic  diffusor  of  the  intake 
is  still  based  on  experimental  results. 

The  iotemal  bleed  system  of  the  Boeing  SST 
intake  is  repotted  fig.  13  [571  Then  the  flight 
Mach  number  decreases,  the  centerbody  is  trans¬ 
lated  forward,  but  the  norma1,  shock  always  takes 
place  at  about  the  same  position  ;  then  the  bleed 
has  to  be  successively  applied  at  various  loca¬ 
tion  of  the  centerbody,  which  is  obtained  by  the 
complete  perforated  wall  of  the  subsonic  part  of 
the  centerbody  combined  with  the  partitioning 
of  the  internal  structure  and  a  fixed  bleed 
exhaust  position,  as  shown  by  the  figure* 

Furthermore,  vortex  generators  are  often 
fixed  on  the  subsonic  diffusor  wall  so  that  the 
boundary  layer  cao  accept  high  pressure  gra¬ 
dients  without  separation. 

In  these  particular  conditions,  the  boun¬ 
dary  layer  computation,  that  is  essential  to  a 
theoretical  study  of  the  subsonic  diffusor,  is 
still  not  achievable. 

The  fluid-wall  bleed  of  figure  14,  compared 
to  the  perforated-wall  bleed  system,  offers  the 
advantage  of  more  flexibility  and  higher  bleed 
pressure  recovery.  A  computation  method  des¬ 
cribed  ref.  (591  gives  very  good  results  by  pre¬ 
dicting  the  evolution  of  the  intake  flow  pressure 
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INVI5CID  FLOW  CALCULATION  (M*fhod  ofd»rocfrrnhcs) 


Incident  shock 


Reflected  shock 


bleed  mb 


BOUNDARY  LAYER  CALCULATION 


VotIok  valve 


Scoop 


by  po*»  f  low 


STARTING  PROCESS  - wt- 

AND  M.N.  ADJUSTMENT  (Bo*mgSST)  '  dl^r9* 
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recovery  with  the  bleed  flow,  and  the  nubility  limit  of  the  system. 


Some  experimeotal  results  of  normal  shock  (boundary  layer  interaction  in  a  ducr  with  "educated"  holes  and  other  particular  bleed 
devices)  are  given  ref.  (591  *nd  [601- 


PRESSURE  RECOVERY 


FIG.  14  -  FLUID  »ALI.  THROAT  BLEED 


SUE  ED  EXHAUST  SONIC  THROAT 


Haas  flow  coefficient 


FIG.  IS  -  CON  £  Off  DE  •  TV  PE  AIR  INTAKE 


4.1.2.  External  supersonic  compression  intakes 

A  large  number  of  experimental  resulrs  hsve  been  published  on  this  type  of  inlet.  Many  of  them  are  collected  tef.  (31. 

When  a  fluid-wall  bleed  system  is  installed  at  rhe  entry  normal  shock  impingement  on  rhewall,  at  rhe  end  of  rhe  supersonic 
compression,  the  usual  normal  shock  is  replaced  by  a  two-sbock  sysrem  Ike  thar  of  figure  15  ( Concord  e-type  intake  [6l]>.  The  entty 
shock  is  incurved  from  the  inrake  lip,  where  itisasttong  oblique  shock,  ro  the  bleed  cavuy  where  it  is  a  weaker  oblique  shock.  Aloog 
the  fluid  wall  of  the  dead-water  cavity,  a  supersonic  inrernal  expansioo  takes  place  ar  the  same  pressure  as  the  cavity  pressure. 

This  expansion  is  limited  towards  rhe  cowl  by  a  sonic  line.,  and  is  closed  downstream  by  a  limited  normal  shock.  The  bleed  flow  is 
injected  inro  rhe  cavity  by  a  small  jet  originated  between  the  rerminal  shock  and  the  leading  edge  of  the  oiffusor  flap. 

Due  to  a  compensation  effect  between  rhe  two  shocks,  the  pressure  recovery  is  almost  constant  in  rhe  whole  compressor  entry 
flow,  and  is  net  very  sensitive  to  the  cavity  pressure. 

The  inretnal  sidewall  boundary  layer  is  drained  along  the  wall  towards  rhe  bleed  gap,  due  to  the  transverse  pressure  gradient. 
This  three-dimensional  effect  does  not  amplify  rhe  boundary  layer  computation,  but  reduces  the  lateral  boundary  layer  sensitivity  ro 
the  subsonic  diffusor  pressure  gradient. 

This  advantage  can  cootribure  to  the  choice  of  a  large  gap  cavity,  in  parallel  with  the  possibility  of  a  quicker  turning  of  the 
inremal  flow  and  a  reduced  cowl  dtag. 

Experimental  pressure  recovery  at  Mach  2.0  is  drawn  on  the  figure,  wirh  the  corresponding  bleed  mass  flow  and  bleed  pressure 
recovery,  for  a  given  exhaust  section  of  the  Weed  flow.  By  enlarging  this  section,  more  bleed  flow  can  be  bypassed  by  rhe  bleed  gap. 

The  caviry  pressure  is  used  to  control  the  intake  :  when  tbe  pressure  rises,  the  entry  shock  becomes  detached,  and  buzz  appears. 
To  avoid  that,  the  rotating  part  of  rhe  supersonic  compression  tamp  is  lowered,  then  a  by-pass  doot  is  open,  in  order  to  spill  some 
mass  flow  our  of  the  intake  and  to  keep  rhe  pressure  cavity  at  the  required  level. 
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Same  features  of  the  F- 14  intake  are  presented  figure  16,  taken  from  tef.  (621.  The  inlet  geometry  snd  the  bleed  exhsust  sonic 
throst  adjustements  are  computed  from  the  flight  Mach  number,  the  aircraft  incidence  and  the  engine  correct  ed  R.P.M.,  which  is 
toother  control  possibility. 


BLEED  EXIT  DOOR 


A. 


FIC.  16  ■  F.  14  INTAKE  (62) 


TOTAL 

PRESSURE 

RECOVERY 


FIC.  17  -  SUPERSONIC  CRUISE 
AXISYMUt'TRIC  INLETS 


4.1.3.  Mined  compression  intake 

Mixed  {external/ internal)  supersonic  compression  intakes  are  penalized  by  the  complexity  of  the  starting  process.  The  variable 
geomerry  devices  that  a>e  used  for  it  are  the  same  as  for  the  adaptation  of  the  intake  a-  various  engine  rating  and  flight  Mach  number, 
but  complex  monitoring  laws  and  sensors  have  then  to  be  adjusted. 

Figure  17,  reproduced  from  ref.  (631,  gives  comparative  results  of  uxisymmet  ric  inlets  at  about  Macl,  2.6,  designed  respectively 
with  external  supersonic  compression  ,100  -  0),  60%  of  external  supersonic  compression  end  40%  of  internal  supersonic  compression 
'60  -  40),  "40  %  and  60%”  {40  -  60),  and  "20%  and  30%"  (20  ■  bO). 

Variable  geometry  devices  for  intake  adjustement  at  lower  Mach  number  are  indicated  for  each  type  of  intake. 

Total  pressure  recovery  comparisons  give  an  advantage  to  th-  third  solution,  but  structural  point  of  view  may  incite  to  choose 
another  one. 

Startirg  the  inlet  is  obtained  by  the  same  manoeuver  as  for  M.N.  adjustement  but,  for  configurations  (2)  and  (3),  it  is  necessary 
at  the  srme  ,ime  to  spill  some  flow  by  a  discharge  door  or  by  an  internal  by-pass. 

A  collapsing  ramp  was  the  solution  adopted  for  the  two-dimensional  intake  of  the  B-70  aircraft.  Sliding  centerbodv  is  the  solution  of 
the  YF-12-A.  The  solution  defined  for  rhe  Boeing  SST  is  drawn  figure  13.  Its  control  cyst  em  is  described  ref.  (641. 

Jn  less  isentropic  inlets,  the  starting  problem  may  be  avoided  thanks  to  an  internal  supersonic  compression  surface  formed  by  a 
fluid-wzll  bleed  system  like  that  represents  figure  18. 

*'hen  the  inlet  is  started,  there  exists  a  margin  for  varying  the  mass  flow  without  choking  the  (low,  while  keeping  a  high  pressure 
recovery.  Cnstarting  and  stirring  the  inrake  without  any  action  on  the  geometry  nor  on  the  bleed  exhaust  section  are  observed  at 
reduced  values  of  the  mass  flow,  with  only  a  small  hvsreresis  margin  between  the  two  phenomena. 

Prediction  of  the  starting  limit  is  still  hazardous.  Starting  is  fa-:'itated  by  the  shock/ boundary-layer  interaction  [651,  and  this 
effect  may  be  very  s'rong,  as  s.icwn  figure  19.  A  .  .relation  of  the  test  results,  based  on  a  boundary  layer  separation  criterium,  is 
discussed  ref.  (661. 


Numerous  test  repor  s  have  been  published  on  this  type  of  inlet,  for  instance  i  •.  (57|  (tiro-dimensional),  ot  [53^631,  [68],  (691 
(axi  symmetric). 
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non  viscous  scHtnt 


viscous  scntnc 


FIG.  19  .  SUITING  PPOCESS 


FIG.  18  ■  FLUID  WALL  BLEED  GAP 


Typical  pressure  recoveries  are  compared  figure  20  to  the  USA  military 
specification  for  supersonic  kir  craft  [101.  Improved  inlets  with  mixed  com¬ 
pression,  internal  bleed  and  geometry  control  system  achieve  a  higher  pres¬ 
sure  recovery.  External  aupersonic  compression  inlet  with  fixed  geometry, 
no  bleed,  lo*  drag  cowl,  are  below  the  specifications. 


4.1.4.  Manoeuver ability  margin 

Pressure  recovery,  drag,  weight  and  also  incidence  and  yaw  capabilities 
have  to  be  conside-ed  while  evaluating  an  intake. 

The  two  laat  points  are  connected  with  the  intake  control  response  timr. 
For  instance,  if  an  intake  ia  sensitive  to  yaw,  it  is  possible  to  put  the  inlet 
in  supercritical  regime  ("normal*  shock  more  downstream  than  at  the  limit 
of  detachment  from  the  entry  or  unstarting),  when  the  aircraft  is  going  in 
sideslip,by  acting  on  a  ramp  position  or  a  by-pass  door,  and  to  r  void  this 
way  the  detachment  of  the  shock  and  the  buzz,  or  t  he  unstatt,  that  the  yaw 
would  produce. 

When  a  partial  margin  exists  without  any  special  device,  as  on  figure  16 
for  the  incidence,  or  ref.  (1M  (Concorde  yaw  capability  analysis)  and  ref.  [641 
(Boeing  SST  intake  control),  the  control  aystem  has  enough  time  to  adjust  the 


COMCOaOC  iXflOHAl 


FIG.  20  •  Wttttt/WC  COVfWY 


int.iwe. 


If  it  is  not  the  case,  a  pressure  recovery  loss  has  to  be  accepted  in  cruise  flight  to  keep  a  sufficient  manoeuverability  margin. 

Improvement  in  yaw  ..p^Nlicy  may  sometimes  be  obtained  by  very  limited  geometry  Modifications.  Figure  21  shows  the  effect  of 
a  small  swept  cut  of  t.ie  sidewall  leading  edge  of  a  two-dimensional  intake  at  Mach  2.  Without  cut,  the  aidewall  is  like  a  delta  wing, 
and  in  yaw,  an  upper  surface  leading  edge  vortex  appears  that  enters  the  intake,  spoils  the  pr r  .sure  recovery  and  may  initiate  buzz. 
Cutting  the  leading  edge  gives  a  deviation  of  the  approaching  flow  in  the  opposite  to  tne  /aw  and  suppresses  the  vortex,  which  pro¬ 
vides  a  large  performance  improvement.  The  characteristic  curves  of  figure  21  represent  what  happens  at  constant  <4*wVF/p 
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(reduced  sues  flow  at  given  reduced  engine  R.P.M.). 

Without  cut,  no  stable  operating  point  exists  xt  ~  4* 
if  the  csvity  pressure  f^is  maintained  cnnscam  ;  s 
control  lsw  reducing  with  (b  would  permit  to  operate 
at  the  point  (a'),  with  s  poor  pressure  recovery  and 
s  high  levei  of  distorsion.  Ttth  the  cut-back  cnwl,  the 
normal  control  lsw  adjusts  the  intake  at  the  new  point 
(s'),  lowering  automatically  the  ramp  to  keep  constant 
the  bleed  cavity  pressure  At  this  point  the  distor* 
sion  level  ia  still  very  acceptable. 

4.1.3.  intake /airframe  interference  and 
integration 

The  choice  of  an  intake/ airframe  configuration 
implies  aerodynamics'  aad  structural  studies  and  global 
evaluation  of  the  aircraft. 

Supersonic  three-dimensional  linearized  flow  theo¬ 
ries,  and  boundary-layer  t  heories,  help  to  evaluate  t  he 
external  forces  spplied  to  a  given  integrsted  configura¬ 
tion  [701. 

interference  effect  on  the  intake  performance  results 
mainly  from  the  flow  field  ahead  of  the  entry,  and  from 
the  incident  boundary  lsyer. 

A  large  experimental  program,  designed  by  'Project 
Tailor  Mate**,  hsx  been  devoted  to  this  subject  by  the 
U.S.A.F.,  for  s  fighter  scrcraft  up  to  sbout  Mach  2.5. 

Results  giving  the  influence  of  the  forzbody  shspe, 
the  wing/ intake  interference,  the  effect  of  the  type  of 
the  intake  aad  its  position  are  collected  ref.  (711. 

Comparisons  of  lateral  intakes  dispositions  are  also  given  ref.  (721. 

Ihe  effect  of  the  body  boundary  lsyer  on  a  lateral  two-dimensional  or  half  conical  spike  intake  hss  been  the  obtect  of  many  expe¬ 
rimental  studies  (see  ref.  (3I>.  Half-conical  shock  boundary  layer  interaction  hss  behn  analysed,  for  instance  ref.  (731. 

Fuselage  flow  field  analysis  can  be  found  ref.  (74) 

Comparisons  between  two-dimensional  and  sxisymmer  ric  engine  nacelle  installation  for  an  SST  are  presented  ref.  (75i. 

4.1.6.  Variable  geometry  intake  adjuatmenr  ar  reduced  Msch  number 

A  large  amount  of  flow  has  to  be  spilled  at  Mach  number  lower  than  the  erv  se  one  :  sbout  2'%  (or  50*;)  of  the  upstream  flow  corres¬ 
ponding  to  the  frontal  intake  ares,  in  transonic,  for  intske  designed  for  s  cruise  Mach  number  of  2  (or  3).  At  the  same  tune,  the  intake 
throat  has  tc  be  enlarged. 

Spillage  can  be  obtained  by  deviating  the  flow  ahead  of  the  entry.  In  this  case,  additive  drsg  msy  be  important,  and,  to  reduce  it 
by  smoothing  the  flow  deviation,  it  is  possible  to  position  s  long  smsll  slope  ramp  ahesd  of  the  entry,  or  ro  let  s  small  angle  spike 
emerge.  For  instance,  a  double  cone  intake  with  a  multi  flap  second  cone  will  be  translated  forward,  with  the  second  cone  being  collap¬ 
sed  to  the  same  angle  aa  the  first  one. 

The  other  solution  consists  in  hy-paasing  the  mass  flow  by  an  internal  duct  to  feed  thenozzl'  wuh  the  excess  air.  fn  that  case, 
additive  drag  will  be  replaced  hy  a  by-psss  installation  drag,  but  adaptation  of  the  nozzle  msy  be  essier. 

Additive  and  cowl  drag  are  easy  to  compute  by  the  method  of  charset  eristics  if  the  flow  is  entirely  supersonic.  At  transonic  speed, 
or  if  the  spill  tesuits  from  x  detsched  shock,  experimental  messurements  are  necessary.  Some  results  can  he  found  in  many  particular 
test  reports,  for  instance  ref.  ("*61  to  (791. 

4. 1.7.  -Auxiliary  intake  for  take-off  and  loa  speed 

Pressure  recovery  reduction  due  to  the  thin  lip  flow  turning  iround,  at  take  off  or  low  subsonic  sp^ed,  can  be  predicted  by  a  simple 
application  of  the  momentum  theorem  [11,  [791.  Auxiliary  intakes  xre  designed  to  reduce  the  main  inrake  mass  flow,  and  the  resulting 
flow  turning. 

Inviscid  subsonic  flow  computation  method  can  be  used  to  choose  the  dimension  and  the  shape  of  auxiliary  doors.  An  example  of  the 
streamline  obtsined  by  such  s  computation  is  reproduced  figure  22. 
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li  may  be  interesting  to  emphasize  the  device  used  to  represent  a  boundary  layer  separation  bubble  of  known  pressure  and  extent, 
by  successive  adgustment  of  the  stream  potential  value  of  partial  elements  of  the  cowl  profile  in  the  separated  region,  till  a  given  value 
of  the  normal  derivative  of  the  stream  function  is  obtained,  that  corresponds  to  the  known  pressure. 
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nc.  23  ■  SUPERSONIC  INTAKE  TEST  ^ 
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2 .  Integrated  intoke  test. 
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4.I.B.  Vied  tunnel  intake  test*  (fig.  23) 

A  large  scale  isolated  intake  test  in  uniform  flow  is  usually  the  only  way  to  schieve  a  representative  Reynolds  number,  which  is 
necessary  to  obtain  a  precise  evaluation  of  the  intake  pressure  recover/.  The  results  are  used  to  correct  rhe  tests  on  an  integiated 
intake  model  at  a  smaller  scale.  This  latter  scale  is  limited  by  the  Mach  Rhomb  giving  a  correct  entry  flow  field. 

Test  arrangements  are  shown  on  figure  23. 

Intake/ engine  compatibility  can  be  also  studied  in  a  large  wind  tunnel  on  isolated  intake  or  partially  integrated  intake  with  the 
real  engine  internal  installation. 

4.2.  Complete  nacelle/ aircraft  model  test  (fig.  ?3) 

As  the  aim  of  *he  complete  nacelle / aircraft  model  test  is  to  obtain  the  net  forces  applied  to  the  aircraft,  the  racelle  is  reproduced 
on  the  model  as  closely  to  the  real  one  as  possible. 

lotemal  forces  applied  to  the  model  have  to  be  deduced  from  the  measured  forces,  and  replaced  by  the  propulsive  forces. 

The  internal  forces  evaluation  is  based  on  a  very  accurate  measurement  of  the  model  exhaust  flow.  The  best  way  of  achieving  that 
is  to  choke  tbe  int  eroal  flow  by  a  calibrated  sonic  throat  at  the  exit.  Calibration  is  obtained  by  a  preliminary  test  with  a  mass  flow-metei 
(plenum  chamber  and  second  sonic  throat)  fixed  behind  the  nicelle  exhaust  sonic  throat,  as  represented  figure  23 »  for  the  integrated 
intake  teat.  A  fine  survey  of  the  stagnation  pressure  at  the  sonic  nacelle  exhaust  is  then  to  be  achieved  in  order  to  obtain  a  momentum 
coefficient  that  is  applied  to  the  calibrated  exhausting  mass  flow. 

The  results  have  to  be  corrected  for  the  Reynolds  number  effect,  the  sting  support  effect,  and ’he  sfieibody  real  flow.  Reynolds 
number  corrections  involve  boundary  layer  calculations,  and  comparative  tests  on  partial  elements  (intake,  boundaiy-layer  diverre*...) 
at  various  Reynolds  numbers.  The  rwo  other  correctioos  are  connected  with  the  afi  erbody  tesis  laised  up  later. 

Some  test  techniques  are  discussed  ref.  (41)  and  [431- 
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4.3.  Supersonic  aircraft  nozzle  and  afterbody 
4.3.1.  "Laval  nozzle*  sad  "Plug  nozzle* 

Afterbody  design  has  to  optimise  the  aircraft  from  a 
liven  external  section  of  the  engine  installation  (maxi¬ 
mum  diameter,  for  instance)  and  from  the  exit  of  the 
ea|ioe  to  which  a  given  sonic  throat  has  to  be  installed ; 
secoudaiy  air  passages  complete  the  gives  elements. 

Two  types  of  nozzles  can  be  considered  :  toe  con¬ 
verging-diverging  "Laval*  nozzle,  and  the  "plug*  nozzle  LAVAL  NOZZLE  PLUS  NOZZLE 

(fig.  '24). 

Method  of  characteristics  and  boundary  layer  theo¬ 
ries  enable  one  to  calculate  the  external  and  the  inter¬ 
nal  supersonic  flow,  and  to  design  a  configuration  of 
minimum  drag  for  a  given  length.  Vhen  a  secondary 
flow  ia  present,  one-dimecsional  assumption  for  the 
cotresponding  stream  tube  gives  the  possibility  of  cou¬ 
pling  the  computation  of  the  main  flow  with  the  secon¬ 
dary  flow.  ‘A  correction  is  applied  to  take  into  account 
the  mixing  effect  at  the  boundary  of  the  two  flows.  If 
the  secondary  flow  is  null  or  very  small,  a  calculation 
is  also  possible  by  the  theory  of  boundary  layer  reatta¬ 
chment  of  the  main  flow  to  the  nozzle  wall.  The  two 
solutions  can  be  linked  by  continuity  [II,  [7j,  [80|  to 
[841. 

The  example  given  figure  24  is  taken  from  ref. [831. 

Throat  sonic  line  shape  and  initial  conditions  of  F/G.  u  .  AFTERBODY  COMPUTATION  METHOD  [83] 

the  characteristic  computation  are  examined  in  detail 
in  ref.  [851. 

A  secondary  passage  can  also  be  designed  to  let  a  bypass  or  an  auxiliary  flow  be  admitted  into  the  nozzle  at  reduced  Mach 
number,  or  to  let  a  reverse  flow  be  ejected  by  cascades  installed  in  the  surrounding  structure. 

Combination  of  intake  performance  as  a  function  of  the  bleed  flow,  and  afterbody  performance  as  a  function  of  the  secondary  flow, 
in  terms  of  aircraft  performance,  is  necessary  to  optimize  the  configuration  (see,  for  instance,  ref.  [86]>. 

In  supersonic  cruise,  the  two  types  of  nozzles  seem  equivalent  from  on  aerodynamic  point  of  view,  but  the  necessity  of  cooling 
the  plug  nozzle  is  a  disavantageous  for  this  solution  [841. 

In  fact,  the  afterbody  performance  at  Mach  number  lower  than  supersonic  cruise,  and  mainly  in  high  subsonic  flight,  are  the  most 
critical  problem  for  the  aircraft  performance,  and  the  afterbody  design. 


4.3.2.  Variable  geometry  concept  for  subsonic  adapeatioo 

Adaptation  problem  is  characterized  by  the  pressure  ratio  of  the 
jet  stagnat*  n  pressure  to  the  ambient  v  mic  pressure,  that  corres* 
ponds  *o  a  v.igh  rate  of  supersonic  je;  nozzle  expansion  in  superso- 
nic  cruise,  and  to  a  low  rate  of  expansion  at  reduced  Mach  number, 
in  subsom  flight.  This  is  shown  figure  25  from  ref.  {S7j. 

Ideal  sol  .tions  for  "Plug"  and  "Laval"  nozzle  are  compared  to 
actual  solutions  of  afterbody,  on  figure  26. 

The  performance  of  these  two  types  of  afterbody  at  high  sub¬ 
sonic  speed  are  very  similar,  and  relatively  good  [341.  The  trans¬ 
lation  of  the  cowl  of  the  plug  nozzle^as  the  only  mean  of  adjusting 
the  external  profile^imits  the  performance  of  the  plug  nozzle  ;  the 
long  internal  nozzle  of  the  "fully  variable  afterbody",  and  the  quick 
slope  increase  at  the  hinge  of  the  external  piofile  are  responsible 
for  a  loss  of  thrust,  for  this  configuration. 
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FIG.  25  -  REQUIRED  VARIATION  OF  NOZZLE  GEOMETRY  [87] 
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^  FIG.  X  ■  AFTERBODY  ADAPTATION  CONCEPT 


More  aimple  is  tbe  aimple  ejector  nozzle  (fig.  27),  but 
the  constant-pressure  supersonic  expansion  of  the  jet  io 
the  supersonic  cruise  configuration  implicates  a  abode 
at  the  reattachment  of  the  jet  on  the  flap,  that  causes 
a  losa  of  thrust.  This  solution  ia  used  on  strike  fighters 
for  which  simplicity  and  subsonic  performance  are  rela¬ 
tively  more  paying  thtn  supersonic  cruise  performance. 

Convergent-divergent  iris  ("con-di-iris")  may  be  ano¬ 
ther  compromise  between  supersonic  penalised  by  a  very 
short  supersonic  nozzle,  and  subsonic  performances.  In  a 
proposed  version,  the  nozzle  tin  oat  is  formed  by  the  iris 
throat.  In  tbis  case,  however,  the  fact  that  the  throat  sec¬ 
tion  is  not  independent  from  the  nozzle  divergence  pena¬ 
lises  some  flight  stages  (for  instance,  subsonic  with 
reheat  on). 

The  "blow-in-door"  ejector  is  simpler  than  the  fully 
variable  ejector,  but  tht  gap  provided  between  the  throat 
and  the  divergent  nozzle  to  let  pass  the  auxiliary  flow 
baa  to  be  pretty  large,  and  causes  a  slight  reduction  of 
tbe  cruise  thrust.  The  auxiliary  flow  blowing  into  tbis 
gap  at  high  subsonic  speed  entails  also  some  losses, 
but  the  performances  ate  still  acceptable. 

The  "rear  buckets"  versioo  of  the  blow-in-door 
nozzle  ia  lighter  than  the  preceding  one,  but  when  the 
buckets  are  in  subsonic  position,  'he  internal  confi¬ 
guration  ia  no  more  axi symmetric,  and  some  losses  have 
to  be  accepted. 

The  'fixed  ring”  nozzle,  where  a  well  shaped  auxi¬ 
liary  duct  is  formed,  may  be  also  attractive. 


SIMPLE  EJECTOQ  I  CHS  NOZZLE 


Fixed  ring  nozzle 


FIG.  27  ■  AFTERBODY  ADAPTATION  CONCEPT 


13-3.  Afterbody  teats 


The  tin  af  the  afterbody  tests  is  to  ciirect  the  measurements  made  on  complete  nacelle/ aircraft  model  tests  mentlonned  section 

4.1 

It  consists  in  reproducing  on  a  upstream  mounting  the  rear  part  of  the  engine  inatallation,  and  to  compare  the  forces  hy  reproducing 
successively  the  exhaust  flow  of  the  complete  nacelle/ aircraft  model  test  and  the  teal  jet  and  exhaust  flow. 

This  is  usually  done  by  feeding  the  nnzzle  with  compressed  air  through  a  balance,  as  for  subsonic  afterbody  studies. 

One  of  the  problems  is  to  reproduce  exactly,  on  *he 
afterbody  model,  t  he  correct  external  flaw  field  ;  a 
symmetry  panel,  for  instance  (fig.  28),  is  necessary  to 
simulate  a  two-engine  nacelle  on  a  isolated  afterbody 
wind  tunnel  rig,  though  the  boundary  layer  of  the  panel 
may  disturhe  the  rear  flow. 

Testa  nf  a  calibrated  nnzzle  m*y  be  useful  to  assess 
the  measurement  accuracy.  Calibration  af  mans  flow 
measurement  hy  a  sonic  throat,  and  of  thrust  measurement 
by  a  calculated  nozzle,  is  disenased  in  detail  in  ref.  (881. 

Most  often,  only  the  axial  component  of  the  thrust 
is  measured,  due  to  the  flaw-through  balance  complexity. 

Separated  measurements  nf  the  drag  of  the  external  wall 
of  the  afterbody  and  of  the  thrust  of  the  nozzle  may  be  FIG.  28  •  I50LAle0  AFTERBODY  TEST  [881 

provided  tn  give  more  detailed  results.  The  book-keeping 

procedure  of  the  corresponding  teats  is  presented  on  figure  29.  from  [891.  The  complete  nacelle/ aircraft  model  afterbody  reproduced 
on  the  mounting  gives  the  reference  afterbody  drag,  D  ;  the  actual  afterbody  test  gives  the  installed  afterbody  drag,  D  ; 

the  corrective  term  AD^  is  the  differeoce  D  nf. 

The  nozzle  thrust  measurement  given  the  external  forces  on  the  oozzle,  -  ,  plus  the  installed  thrust.  Ft  ;  that  can  be  compared 

to  a  reference  thrust,  F_  . 

mXr 


Attempts  are  done  to  achieve  a  six  components 
balance  on  half  model  (fig.  29),  which  is  necessary 
to  reach  a  complete  evaluation  of  the  afterbody  per¬ 
formance. 

Corrections  have  to  be  applied  to  the  afterbody 
test  results,  mainly  due  to  hot  gas  effect  and  inci¬ 
pient-boundary  layer  differences  between  the  com- 
plete  nacelle/ aircraft  test,  the  afterbody  test,  and 
the  flight  conditions.  Hoc  gas  correctioo  can  be 
obtained  by  compucstion  (for  instance,  ref.  (831) 
Upstream  boundary  layer  control  could  be  installed 
on  the  mounting,  as  for  subsonic  aircraft  afterbody 
studies,  to  evaluate  the  effect  of  bouodary  layer 
discrepancies. 


FIG.  29  •  AFTERBODY  EXPERIMENTAL  STUDY  ^ 
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SUMMARY 


Some  effect*  of  externel  etores  on  the  ecrodynemic  cherecterittice  of 
eircreft  end  in  perticuler  the  incrementel  dreg  due  to  verioue  type*  of 
etore  inetelletion  ere  deecribed.  Examples  of  dreg  increments  for  single 
and  multiple  store  assemblies  instelled  undenting  end  underfuselege  aud  the 
effects  of  C  end  Mach  number  up  to  high  subsonic  speeds,  illustrate  some  of 
the  interference  feetures  in  the  eircreft-store  flow  field  which  contribute 
to  high  or  low  dreg.  The  prospects  for  incresiental  dreg  prediction,  the 
possible  use  of  celculated  or  measured  flow  field  dete,  empiricel  methods  fad 
flight-tunnel  comperisons  ere  discussed.  Approximate  empirical  estimation 
procedures  for  simple  undenting  and  underfuselege  store  instellations  are 
described.  It  is  suggested  thet  for  multiple  store  assemblies,  opportunities 
for  drag  reduction  offer  considerably  more  promise  than  attempts  tt  predict 
the  dreg  increment.  Significant  drag  sevings  are  demonstreted  no'  only  for 
new  types  of  installation  but  also  by  relatively  simple  modificat  ons  to 
existing  designs. 
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ROTATION 

Axial  force  coefficient 

Unsteedy  wing  root  bending  moment  coefficient 
Dreg  coefficient 

Lift  coefficient 
Pitching  moment  coefficient 
Yawing  moment  coefficient 
Pressure  coefficient 

Mach  number 

Aree 

Diameter 

Dynamic  pressure 

3C  '38 
n 

Incidence  angle 
Sideslip  angle 


All  other  symbols  and  suffices  used  in  this  paper  are  defined  in  the  text. 


so 


1.  INTRODUCTION 

The  title  'external  store  aerodynamic*  for  aircraft  performance  prediction*  may  seem  distasteful  to 
the  aerodynamicist,  since  external  stores  almost  always  degrade  some  aspects  of  the  'aerodynamic' 
performance  of  the  aircraft  carrying  them.  It  is  necessary  however  to  diatinguish  between  performance 
involving  aerodynamic  considerations  -  range,  rate  of  climb,  stability,  manoeuvrability,  etc.  -  and  the 
overall  performance  of  the  aircraft-stores  combination  as  an  efficient  weapons  delivery  system.  Desirable 
aerodynamic  features  may  sometimes  have  to  be  compromised  to  achieve  the  optimum  overall  solution. 

Houever,  having  acknowledged  this  distinction,  this  paper  will  be  concerned  with  the  effects  of  external 
stores  on  the  'aerodynamic'  characteristics  of  aircraft  and  in  particular  the  incremental  drag  due  to 
external  stores.  The  large  drag  contribution  of  external  stores  it  a  significant  and  often  limiting 
factor  in  the  performance  of  strike  and  combat  aircraft.  The  impottance  of  both  the  reliable  prediction 
and  the  reduction  of  the  incremental  drag  it  now  widely  recognised1  and  considerable  research  effort  has 
recently  been  expended  on  this  topic  in  the  U.K. 

To  provide  a  background  for  the  main  part  of  the  paper,  some  examples  of  more  general  characteristics 
of  aircraft  carrying  external  stores  are  briefly  described  in  section  2.  Section  3  presents  examples  of 
incremental  drag  due  to  various  types  of  store  assemblies  installed  underwing  or  underfuselage  and 
attempts  to  identify  some  of  the  interference  features  involved  and  also  particular  sources  of  high  or  low 
drag  In  section  4  the  prospects  for  predicting  the  store  drag  increment  and  the  value  of  flow  field  data 
and  flight-tunnel  comparisons  are  discussed  and  tentative  empirical  methods  for  simple  unoerfuselage  and 
underwing  installations  are  proposed.  Finally  tome  examples  of  and  possibilities  for  the  reduction  of 
the  drag  of  stores,  assemblies  and  installations  are  described  in  section  5.  Except  for  tome  flight 
results  quoted  in  section  4,  all  the  experimental  data  used  to  illustrate  the  discussion  have  been 
obtained  from  wind  tunnel  models,  most  of  which  were  tested  in  the  A.R.A.  9ft  x  8ft  transonic  wind  tunnel. 

2.  GENERAL  EFFECTS  CF  EXTERNAL  STORES 

Figure  1  shows  the  effects  of  a  multiple  underwing  store  installation  -  3  stores  or.  the  inboard 
pylon  and  a  single  store  outboard  under  each  wing  -  on  the  total  lift,  pitching  moment  and  unsteady  root 
bending  moment  at  M  *  0.8.  Also  shown  is  the  effect  of  a  large  underfuselage  store  on  directional 
stability.  The  lift  cur-'  slope  9C^/9a  it  considerably  reduced  even  at  low  incidence,  in  the  'stores  on' 
cate  and  the  Cj_  'break',  although  at  roughly  the  same  incidence  as  for  the  clean  wing,  occurs  at  a  much 
lower  CL.  The  C  -  CL  curve  also  breaks  at  a  correspondingly  lower  CL,  with  a  significant  reduction  in 
static  stability  before  the  break,  compared  with  the  clean  wing.  The  unsteady  wing  root  bending  moment 
coefficient  it  a  useful  indication  of  the  onset  and  severity  of  wing  buffet  associated  with  unsteady 
pressures  in  regions  of  boundary  layer  separation.  C^,  'stores  on'  increases  more  rapidly  with  Cj_  and 
the  peak  value  of  occurs  at  a  lower  Ct  and  is  considerably  greater  than  that  for  the  clean  wing, 
indicating  a  significant  reduction  in  butfet  penetration  ability.  Cg  'stores  on'  is  also  higher  th=-n  for 
the  clean  wing  at  low  CL  with  a  tendency  for  Cg  to  increase  with  reductions  in  CL  to  CL  »  0.  This  may  be 
due  to  boundary  layer  separations  caused  by  the  stores  on  the  wing  lower  surface  at  negative  and  low 
positive  CL.  The  lower  graph  on  figure  1  shows  that  the  clean  aircraft  value  for  ny  is  reduced  by  about 
half  at  low  a  and  to  zero  at  high  a,  when  the  underfuselage  store  it  installed.  These  results  indicate 
that  external  stores  can  impose  very  severe  penalties  on  the  manoeuvre  capability  and  handling  qualities 
of  an  aircraft,  quite  apart  from  any  structural  limitations  involved  in  store  carriage.  Tuet'  are 
admittedly  extreme  examples,  but  they  represent  practical  configurations  at  a  Mach  number  well  within  the 
normal  envelope  of  the  aircraft  considered. 


3.  INCREMENTAL  DRAG  CHARACTERISTICS  OF  EXTERNAL  STORES 

In  this  section  some  typical  incremental  drag  characteristics  of  various  types  of  external  store 
installations  in  coonon  use  on  current  aircraft  will  be  described.  The  examples  discussed  are  mainly 
restricted  to  results  obtained  at  M  <  1.0  snd  at  low  to  moderate  Cj,  -  i.e.  conditions  for  relatively  well 
behaved  flow  with  no  large  scale  flow  separations  on  the  parent  aircraft  wing.  The  framework  used  in  the 
analysis  of  the  experimental  data  is  bated  on  the  comparison  of  the  installed  drag  increments  with  the 
freettream  drag  of  the  components  of  the  store  assembly. 

It  will  be  helpful  to  start  by  defining  some  particular  terms  and  symbols  to  be  used  in  the  following 
discussion  :- 
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(Cp)  airersft  ♦  store(s)  -  (Cp)  aircraft 

measured  either  at  constant  Cj_  or  at  constant  incidence 

the  sum  of  the  estimated  low  speed  freestream  drags  of 
the  components  of  the  store  assembly,  including  drag 
due  to  bluff  forebodiet,  bates  and  excrescences,  but 
no  allowance  for  mutual  interference  between  components. 
(See  Appendix  A). 
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M  at  which  Kp/aM  -  0.01 


The  use  of  estimated  drag  values  in  the  denominators  of  the  interference  factors,  KA  and  Kg  perhaps 
requires  some  explanation.  Obviously  when  assessing  or  predicting  the  incremental  drag  due  to  a  particular 
store  installation,  any  reliable  measured  freestream  drag  dats  for  individual  components  should  be  used. 
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Hovaver  when  comparing,  ea  in  this  paper,  the  reletive  merita  or  penalciea  of  aeveral  differant 
installations,  poaaibly  on  different  aircraft,  it  ia  unlikely  that  measured  drag  data  for  comparable 
components  or  asaembliea  would  be  available  for  all  tha  configurationa.  In  order  to  compere  the  varioua 
inetallatione  and  to  analyae  the  contribution  of  the  many  componenta  in  a  conaiatent  manuer,  it  ia 
neceeaary  to  ttart  with  information  which  ia  readily  availeble  and  conaonly  epplicable  -  'a  loweat  common 
denominator'.  At  preaent  thia  ia  probably  baat  provided  by  a  simple  low  speed  freastream  drag  eatimate. 
The  method  used  at  A.R.A.  to  estimata  )-[d/  1  ia  outlined  in  an  appendix  to  this  paper. 

Ic. 
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A  simpler  form  of  interference  factor  is  sometimes  usad  in  which  the  freestream  drag  of  either  a 
single  store  or  all  the  stores  carried  forms  tha  denominator,  implying  that  the  drag  of  the  carriega 
equipment  is  part  of  tha  interference  penalty.  This  may  be  justified  for  operational  comparisons  on 
particular  aircraft  e.g.  of  alternative  store  carriers,  but  it  tends  to  evade  the  responsibility  of  the 
aarodynamicist  in  examining  in  detail  the  raesons  why  a  particular  inatallation  haa  high  or  low  drag.  The 

ifH  often  provides  a  valuable  insight  into  some  of  the  sources  of  high  drag. 


task  of  estimating 


'COMP 


bafora  any  essembly  or  installation  factors  era  applied, 
and  carriers  must  ba  known  for  the  homeward  flight. 


Also  the  incremental  dreg  of  tha  ampty  pylons 


3.1.  Undenting  installations  . 

3.1.1.  Simple  single  stores  * 

In  the  simple  case  of  an  aerodynamical ly  cleen  pylon  mountlU  single  atore  at  low 
speed  and  low  c^,  with  thin  attached  boundary  layers  and  no  shock  waves,  interference  effects  in  the  flow 
about  the  wing,  pylon  and  store  would  arise  due  to2  : - 

(i)  interaction  of  the  wing,  pylon  and  atore  presaure  fields  -  buoyancy  effects, 

(ii)  changes  in  skin  friction  drag  due  to  local  changes  in  dynamic  pressure, 

(iii)  induced  drag  on  the  atore  or  pylon  end  changes  in  induced  drag  on  the  wing 
due  to  changes  in  local  flow  direction. 


In  most  cases  (ii)  and  (iii)  (for  stores  without  significant  lifting  surfaces)  are 
probably  small,  leaving  (i)  es  the  major  contribution  to  the  interference.  Figure  2  shows  a  streamlined 
store  located  in  the  low  speed,  zero  incidence  pressure  field  beneeth  a  symmetrical  section  swept  wing. 

The  pressure  field  measurements  are  taken  from  ref. 3,  and  are  not  modified  for  the  presence  of  the  store 
and  pylon.  Theae  measured  prassures  have  been  used  to  celculete  the  buoyancy  forces  on  a  streamlined 
store  similar  to  the  one  shovn  end  on  a  fist  based  store  with  cruciform  wings,  eech  mounted  et  verious 
chordwise  locations  below  the  wing.  Tha  axial  buoyancy  forces  have  been  added  co  the  estimated  treestream 
drag  of  the  stores  to  obtein  estimates  of  the  total  exial  force  on  the  installed  stores'*.  Comparison  with 
the  measured  axial  forces  on  the  two  stores  beneeth  a  similer  wing  to  thet  for  which  the  pressure  field  dete 
were  obtained  (figure  2)  showa  very  close  agreement  both  in  the  ebsolutc  values  of  CA  end  the  veriation  of 
CA  with  store  ci. -rdvise  position.  To  obtain  ACD  (or  AD.  )  the  interference  dreg  on  the  wing  would  also 
have  to  be  celcul&ed.  In  potential  flow  these  buoyency^forces  between  the  wing  and  the  store  would 
cancel.  In  reel  flow,  complete  cancellation  of  tha  interference  might  tot  be  expected.  However,  the 
quite  close  agreement  shovn  on  figure  2  between  the  overall  drag  increment  due  to  the  stores,  AD.  and 


iN, 


and  the  relative  insensitivity  of 


/q 

AD^  to  the  store  chordwise  position  do  indicate  effective 
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cancellation  of  the  interference  for  these  examples.  In  feet  the  enalysis  of  e  large  amount  of  data, 
including  some  tor  bluff  and  dirty*  stores,  indicates  that  for  single  stores  pylon  mounted  close  to  the 
wing  lover  surface  the  installation  factor.  Kg,  generally  has  a  minimum  value  near  1.0  at  low  M  and  C^. 

These  encouraging  results  unfortunately  no  longer  apply  when  significant  viscous  and 
compressibility  effects  appear.  Figure  3  compares  the  variation  of  Kg  with  CL  for  fairly  slender  stores 

mounted  ber  th  four  different  wings.  The  results  are  shown  for  both  a  moderate  subsonic  Mach  number,  at 

which  no  sig  'icant  increase  in  ACq  with  M  has  occurred,  and  at  approximately  Mq  for  the  respective  clean 
wings.  Except  or  the  minimum  values  of  Kg  at  the  lover  M,  excess  interference  drag  appears  even  over 
this  low  to  me  ate  C,  range,  with  values  of  Kg  as  high  as  1.8  at  moderate  M  and  2.S  at  Mq  (clean  wing). 
Id  all  caaes  ext.  -  eleg  C  (with  an  almost  aymatclcal  thin  sac  tier  unlit*  tha  eth*t  wings)  at  modttat*  .u, 
for  which  Kg  increases  with  Cl  from  CL  *  0,  Kg  hes  e  minimum  velue  or  level  (Kg)^^,  •*  ,oln®  positive  Cl* 

There  is  e  considerable  variation  between  wings  in  the  value  of  Cl  *t  which  (Kg)^  occurs  end  in  the 

rste  of  change  of  Kg  with  CL-  Thif  suggests  that  the  "excess"  interference  at  velues  of  CL  other  then 
that  for  (Kg)MIN  is  mainly  dependent  on  the  eerodynamics  of  the  parent  wing  and  pylon,  since  the  drag 
force  on  these  streamlined  stores  would  be  comparatively  insensitive  to  incidence. 


The  variation  of  AC^  with  h  for  two  different  stores  on  the  same  wing  -  fuel  tank  and 

missile  -  is  shown  on  figure  4.  Considering  the  Cl  ■  0  curve*  first;  at  M  -  0.5,  ACq  for  the  missile  is 

neerly  3.5  x  ACq  for  the  tenk.  At  JS  •  0.8,  Mq  approximately,  for  the  cleen  wing,  ACq  hes  increased  more 
repidly  for  the  mis*'>“  then  for  the  tank.  By  M  ■  0.9,  however,  the  increese  in  ACq  is  slightly  greeter 
for  the  tank  than  for  the  missile.  The  high  proportion  of  excrescence  and  bese  dreg  on  the  missile 
installetion  (521  of  £c  )  end  essocisted  flow  seperations  ere  probebly  responsible  for  the  eerly 

dcokp 

dreg  rise  for  this  store.  The  more  repid  increese  in  ACq  for  the  tenk  between  M  *  0.8  end  0.9  is  probably 

a  genuine  interference  wave  dreg  increase  due  to  the  chordwise  vsrietion  in  cr  ss  section  area  of  the 

tenk  beneeth  the  wing  compared  with  the  essentielly  constent  cross  section  of  the  missile  body.  The 
AC_  comparison  for  the  two  stores  is  generally  similer  to  thet  at  C  -  0.  The  reduction  in  AC  , 

°MIN  L  D 

between  C,  *  0  and  Cn  ,  is  of  the  same  order  for  both  stores  rether  than  in  proportion  to  AC 

L  MIN  u 


94 


for  AC.  1,  which  again  suggests  chat  the  extra  C  dependent  interference  drag  originatei  on  the  wing, 

1  °MIN  1  1 

or  possibly  the  pylon.  At  M  *  0.5  and  O.t,  (K_)  for  both  stores  is  close  to  1.0,  illustrating  that  at 

MIN 

low  M  local  flow  separations  due  to  the  bluff  base  and  excrescences  on  the  missile  do  not  significantly 
affect  the  "buoyancy"  nature  of  the  wing-pylon-store  interference.  However,  at  M  *  0.9,  the  larger 
increase  in  ACq  due  to  the  clea.s  fuel  tank,  compared  with  the  "dirty"  missile  is  even  more  striking  in 

terms  of  -  6.3  for  the  tank,  2.3  for  the  missile, 

o  MIN 

Figure  4  also  ctxnpares  the  variation  of  AC.  with  M  for  similar  streamlined  stores 

MIN 

mounted  beneath  wings  of  low  and  high  sweep.  The  increase  in  AC  is  delayed  to  a  higher  Mach  number 

°MIN 

for  the  store  installed  on  the  more  highly  swept  wing,  but  in  both  cases  the  increase  in  drag  starts  at 
Mach  numbers  well  below  Mq  for  either  the  clean  wing  or  the  isolated  store. 

Summarising  the  main  interference  effects  contributing  to  AC  for  single  underwing 
store  installations  :- 

(i)  At  low  M,  for  a  small  range  of  C^  about  a  low  to  moderate  value,  the  combined  pressure 

field  about  the  wing-store-pylon  is  essentially  of  the  potential  flow  type,  with  negligible 
resultant  interference  drag, 

(ii)  The  variation  of  AC  with  C  is  strongly  deperdent  on  the  aerodynamic  characteristics  of  the 
parent  wing. 

(iii)  The  increase  in  ACp  with  M  results  from  the  appearance  of  wave  drag,  both  locally  on  the 
store  (a  function  of  store  shape)  and  in  the  combined  wing-pylon-store  pressure  field. 

3.1.2.  Multiple  Installations 

The  term  multiple  installation  used  here  for  underwing  stores  refers  to  two  or  more 
stores  carried  on  one  pylon.  On  figure  5  the  variation  of  ACp  with  M  and  CL  for  an  installation  with  3 
bombs  on  a  triple  carrier  is  compared  with  that  for  a  single  pylon  mounted  bomb  of  the  same  type  carried 
on  the  same  aircraft  modei6.  Even  at  low  M,  ACp  .'or  the  triple  installation  is  much  more  than  3  x  ACq 
for  the  single  pylon  mounted  bomb.  The  extra  drag  of  the  triple  carrier  itself  is  unlikely  to  account 
for  this.  The  slope  of  ACp  -  M  for  the  3  bomb  case  suggests  that  compressibility  effects  are  present  even 
at  the  lowest  Mach  number  shown,  M  *  0.5.  It  should  be  noted  that  for  M  >,  0.7  at  CL  -  0,  aCq  for  the 
triple  caae  is  greater  than  the  clean  aircraft  drag.  As  for  single  underwing  stores  this  multiple 
installation,  in  common  with  others,  shows  the  characteristic  reduction  in  ACp  with  increasing  Cp, 
particularly  at  the  higher  Mach  numbers.  (ksVin  4t  M  “  0,5  i*  *bout  1.6,  but  this  is  probably  not  a 
true  low  speed  value,  as  noted  above.  Above  about  M  •  0.85  (K<;)MIN  i*  i»  fact  less  for  3  bombs  than  for 
the  single  bomb  case.  It  is  worth  noting  that  this  apparently  extreme  example  is  a  practical  installation 
carried  by  a  number  of  current  strike  aircraft. 

It  is  readily  suspected  that  a  significant  part  of  the  extra  interference  drag  for 
such  multiple  installations  occurs  in  the  flow  within  and  around  the  store  assembly  itself.  Figure  6 
presents  some  results  for  similar  store  assemblies  to  those  discussed  above  tested  in  simulated  isolated 
conditions6.  The  pylon  and  store  assembly  were  mounted  beneath  a  long  parallel  tube.  The  slender  nose 
and  the  base  of  the  tube  were  sufficiently  far  upstream  and  downstream  respectively  of  the  stores  to 
achieve  effectively  freestre.un  conditions  around  the  stores,  carrier  and  most  of  the  pylon.  The  drag  of 
the  carrier  and  stores  only  was  measured,  the  pylon  being  "earthed"  to  the  support  tube.  Hence  the 
measured  drag  does  include  pylon  interference.  In  the  absence  of  the  parent  aircraft  model,  it  was 
possible  to  use  larger  (1/4)  scale  stores  than  would  normally  be  used  for  installed  tests.  Besides 
increased  local  Reynolds  numbers,  improved  representation  of  the  many  excrescences  present  in  multiple 
installations  (such  as  crutch  arms)  it  achieved  at  larger  scale.  Figure  6  compares  the  extra  measured 
drag  due  to  adding  one  bomb  to  an  empty  carrier  and  to  the  carrier  with  one  or  two  bombs  already  in 
position  with  the  drag  of  a  single  pylon  mounted  bomb.  The  excessive  drag  penalties  involved  in  this  type 
of  assembly  are  striking.  To  take  the  most  extreme  esse,  adding  the  third  bomb  to  the  assembly  causes  a 
drag  increase  approximately  4  timet  the  drag  of  the  single  pylon  mounted  bomb,  throughout  the  Mach  number 
range  shown.  As  noted  previously  for  the  installed  case,  the  slope  ACp  -  M,  when  adding  the  second  and 
third  bombs,  indicates  a  significant  compressibility  contribution  to  ACp  even  at  M  •  0.5.  These  tests 
alto  showed  that  the  drag  of  the  isolated  assemblies  were  relatively  insensitive  to  incidence  and  sideslip 
up  to  about  ‘4°.  For  the  fully  loaded  triple  carrier  K.  is  about  1.5  at  M  •  0.5  (cf.  (K.)  -  1.6  for 

the  installed  cate).  S  M1N 

A  photograph  of  oil  flow  on  the  bombs  at  M  ■  0.75  (figure  7)  illustrates  the  complex 
flows  which  contribute  to  the  high  drag  of  the  triple  assembly.  The  bottom  bomb  has  been  removed  from  the 
carrier  after  the  test  in  order  to  photograph  the  oil  flow  (or  absence  of  fl,c)  in  the  channel  formed  by 
the  carrier  and  the  bombs.  Particular  features  of  the  oil  flow  are 

(i)  Marked  outflow,  away  from  the  central  channel,  on  the  carrier  and  bomb  noses. 

(ii)  Evidence  of  a  shock  induced  separation  on  the  shoulder  of  each  bomb  in  the  region 

on  the  circumference  nearest  to  the  adjacent  bomb. 

(iii;  Extensive  regions  of  separated  flow  on  the  inner  surfaces  or  the  afterbodies  of 

the  bombs  and  carrier  and  the  bomb  fins. 

Considering  now  the  Additional  interference  effects  when  the  store  ascembly  is 
installed  beneath  the  aircraft  wing,  figure  8  compares  the  "isolated"  drag  of  the  fully  loaded  triple 
carrier  with  the  corresponding  installed  drag  increvents .  For  this  purpose  the  "isolated"  assembly  drag 
has  been  reduced  using  the  appropriate  parent  aircra/t  reference  dimensions.  The  installed  ACq  values 
have  been  obtained  by  taking  half  the  total  ACp  for  two  assemblies  -  one  beneath  each  wing  -  and 
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subtracting  »n  estimated  ACq  for  the  pylon.  At  H  *  0.5,  the  isolated  ACd  it  in  good  agreement  with  the 
installed  value  at  •  0.4,  indicating  Kg  *  KA  at  this  condition.  At  lower  values,  at  M  *  0.5,  the 
installed  ACq  is  progressively  higher  than  the  isolated  value.  This  extra  wing-store  assembly  interference 
amounts  to  about  a  50Z  increase  in  ACq  above  the  isolated  value  at  Cl  •  0.  Above  about  M  *  0.75  there  is 
apparently  additional  wing-store  interference  at  all  values  of  C  ,  with  the  installed  ACq  (at  H  *  0.5, 

Cl  *  0.4)  approaching  twice  the  isolated  value.  The  example  discussed  here  illustrates  both  the  complex 
nature  of  the  interference  flows  typical  of  underving  multiple  installations  and  the  coat  in  terms  of  drag 
and  hence  the  performance  of  loaded  strike  aircraft. 

3 .2.  Underfuselage  Installations 

It  would  be  expected  that  the  flow  environment  for  stores  beneath  relatively  flat  under¬ 
fuselage  surfaces,  typical  of  aircraft  designed  for  underfuselage  store  carriage,  is  less  coeqilex  than 
that  for  underwing  stores,  with  consequently  smaller  residual  interference  effects.  In  contrast  to 
underwing  stores,  for  which  the  resultant  interference  almost  invariably  increases  ACq,  some  favourable 
viscous  effects  might  reasonably  be  hoped  for  in  certain  cases,  e.g.  small  diameter  stores  or  store  arrays 
partially  i-aserted  in  the  underfuaelage  boundary  layer. 

Some  low  M,  low  Cq  drag  increments  for  various  single  and  multiple  underfuselage  store 
installations  are  shown  on  figure  9,  in  the  form:  measured  AD/_  plotted  against  D/  4  .  The 
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majority  of  the  points  are  scattered  within  *10Z  of  the  line  representing  Kg  *  1,  indicating  negligible 
resultant  interference  drag  for  these  cases  a  They  include  not  only  single  stores  but  streamlined  stores 
carried  singly  or  in  tandem  on  well  spaced  separate  side  v ,  side  pylons.  The  one  point  significantly 
above  Kg  »  1.0  is  for  two  closely  spaced  ..ide  by  side  stores  on  a  single  pylon  with  a  larger  than  usual 
separation  between  the  stores  and  the  fuselage.  Several  cases  are  significantly  below  the  Kg  *  1  boundary 
with  values  as  low  as  0.4-  The  mechanises  of  these  apparently  favourable  interference  effects  may  be  only 
speculatively  discussed,  but  it  is  interesting  to  cousider  twe  possible  explanations.  The  points  numbered 
3,  4  and  10  are  all  for  combinations  of  blunt  nosed  and/or  flat  based  stores  in  close  coupled  tandem 
arrangements  (cf.  Kg  3  1.0  for  streamlined  stores  in  tandem).  These  low  values  of  Ks  possibly  result 

from  a  reduction  in  base  drag  on  the  forward  stores  due  to  the  proximity  of  the  noses  of  the  rear  stores 
and/or  reduced  drag  of  the  rear  stores  when  immersed  in  the  wakes  of  the  bluff  forward  stores  -  an  example 
of  favourable  viscous  interstore  interference.  Point  2  is  for  two  long  thin  stores  with  bluff  bases 
mour  ed  side  by  side  very  close  o  the  fuselage.  In  this  case  the  reduced  drag  may  be  due  both  to  the 

partial  immersion  of  the  stores  n  the  underfuselage  boundary  layer  and  a  reduction  in  store  base  drag  due 

to  the  p/^xitfity  of  the  fuselage  -  an  example  of  favourable  viscous  store-fuselage  interference. 

The  effects  of  CL  and  M  on  ACq  for  some  typical  underfuselage  installations  are  shown  on 
figure  10  presented  in  the  form  Kg  -  C^,  M.  CL  has  an  almost  negligible  influence  on  Kg  for  4  stores 
(2  lateral  rows  of  2  stores  in  tandem).  The  total  variation  of  Kg  is  only  0.9  to  1.2.  Also  shown  are  Kg 

values  for  a  similar  arrangement  of  4  stores  on  a  model  with  a  very  different  wing  planform.  These  points 

also  fall  within  the  Ks  variation  noted  above.  The  Mach  number  effects  on  Kg  for  these  underfuselage 
stores  are  quite  small  when  compared  with  the  variation  of  Kg  with  M  for  even  simple  underwing 
installations  (Kg  typically  varying  from  1  to  5  or  moreover  a  similar  Mach  number  range).  The  increase  in 
Kg  with  M  for  these  underfuselage  installations  probably  reflects  the  freestream  Cq  -  M  characteristics  of 
the  store  assemblies  themselves  rather  than  increased  store-fuselage  interference.  This  is  indicated  in 
the  increased  values  of  Kg  at  high  M  (Kg  ■  2  at  M  ■  0  95)  shown  for  8  similar  stores  (2  lateral  rrws  of 

4  stores)  will  considerably  reduced  lateral  spacing  b  .tween  the  stores. 

The  examples  in  figure  10  are  all  for  relatively  small  diameter  stores.  In  the  case  of  a 
store  or  grou,  of  stores  which  considerably  enlarge  the  effective  local  fuselage  cross  section  area,  more 
severe  Mach  nuaber  effects,  with  the  early  appearance  of  wave  drag  on  the  combined  fuselage-store  assembly, 
may  be  expected  This  is  seen  on  figure  ll4.  For  a  single  row  of  5  closely  spaced  streamlined  stores  of 
relatively  large  dimeter,  Kg  -  2.5  at  the  moderately  low  M  -  0.7.  In  this  case  compressibility  effects 
probably  increase  both  interstore  and  store-fuselage  adverse  interference.  Figure  11  also  shows  the  effect 

of  adding  furthe  lateral  rows  of  5  stores  in  tandem  close  behind  the  first  row.  At  M  ■  0.7,  Kg  is  reduced 

from  2.5  for  one  row  (5  stores)  to  1.5  for  two  rows  (10  stores)  with  a  further  reduction  to  Kg  *  1.3  for 
either  3  or  4  rot s  (15  or  20  stores).  This  apparently  favourable  interference  effect,  relative  to  the  high 
drag  single  row,  may  possibly  arise  because  little  additional  wave  drag  on  tV.«  fuselage-store  combination 
is  caused  by  adr ing  the  rear  stores.  (If  the  extra  ACp  due  to  the  second  rot  was  merely  JiC_  for 

COMP 

5  stores,  K^  fo:  2  rows  would  be  about  1.75).  Also  the  interstore  interference  within  the  aft  rows  may 

be  reduced  in  the  wake  of  the  closely  spaced  forward  stores.  However,  even  for  the  4  row  (20  store)  case. 

Kg  *  1.3  at  M  1  0.7,  which  is  high  compared  with  the  examples  of  relatively  small  diameter  stores 

described  earlier  (figure  10). 

fhe  very  low  Kg  values  obtained  at  low  M  for  some  close  coupled  tandem  arrangements  of  small 
diameter  flat  based  stores  have  already  been  mentioned.  Figure  12  illustrates  this  favourable  effect  in 
more  detail  for  a  multiple  arrangement  with  lateral  rows  of  5  closely  spaced  stores  and  includes  the 
effects  of  Mach  number.  The  comparison  with  the  numerically  similar  arrangement  of  larger  diameter 
streamlined  stores  discussed  above  is  striking.  Adding  extra  rows  of  stores  at  M  -  0.6  gives  a  reduction 
in  Kg  from  1.05  for  1  row  (5  stores)  to  0.45  for  4  rows  (20  stores) .  The  fact  that  Kg  is  as  low  as  1.05 
for  a  single  row  with  small  lateral  spacing  is  probably  because  the  adverse  interstore  interference  is, 
in  this  case,  offset  by  the  reduced  drag  of  the  stores  when  partially  immersed  in  the  fuselage  boundary 
layer.  The  large  reductions  in  K§,  as  extra  rows  of  stores  are  added,  are  a  further  example  of  favourable 
fore  and  att  interstore  interference.  At  transonic  Mach  numbers  this  favourable  effect  in  adding  extra 
rows  of  stores  is  even  more  striking.  Above  M  =  0.92  the  total  ACq  for  4  rows  is  less  than  that  for  a 
single  row. 

The  foregoing  examples  show  that,  although  the  flow  field  beneath  an  aircraft  fuselage  is 
usually  simpler  than  that  beneath  the  wing,  there  are  still  considerable  variations  in  interference  drag. 
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in  terms  of  between  different  underfuselage  (tore  intt»IUtion» .  The  contrast  ii  thet  whereei  for 
undenting  (tores  Kg  typically  verics  between  1  end  10  according  to  type  of  installetion,  CL  and  M,  the 
possibilities  of  favourable  interference  f  -r  underfuselege  stores  Iced  to  a  range  of  Kg  hetween  0.5  end  4. 

4.  IOSS1BIUTIES  FOR  INCREMENTAL  DRAG  PRESICTION 

The  problem  of  predicting  the  drag  increaent  for  various  types  of  external  store  installations  at 
e  range  of  conditions  of  and  Mach  mnher  embraces  many  aspects  of  current  research  in  aerodynamics. 

First  a  detailed  description  and  understanding  of  the  complex  flows  involved,  hoth  within  the  store 
esseablies  end  around  the  aircraft-store  combination  is  required.  Secondly,  powerful  calculation  aethods 
are  required  in  order  to  quantify  the  resulting  dreg  quickly  and  accurately.  To  achieve  either  of  these 
objectives  for  the  general  case  of  external  stores  is  not  feasible  within  the  present  state  of  the  art. 

It  is  debatable  whether  they  are  proper  ohjectives,  since  even  given  adequate  theoretical  methods,  the 
lengthy  computing  times  and  expense  likely  to  he  involved  for  the  aany  configurations  considered  in 
project  studies  would  almost  certainly  he  prohibitive.  A  more  pro.’. table  long  term  eia  is  the  possibility, 
with  recent  advances  in  the  calculation  of  aircraft  and  eircreft-store  flow  fields,  of  identifying  hoth 
suitchle  store  locations  and  the  conditions  likely  to  cause  significant  flow  separations  or  local 
supersonic  flow  -  i.e.  e  more  integrated  approach  to  the  aerodynamic  design  of  the  complete  aircraft-stores 
combination  at  the  initial  project  stage.  At  present  simple  empirical  prediction  aethods  have  an  important 
role,  hut  these  ere  severely  limited  in  range  of  application  both  to  relatively  simple  store  assemblies 
with  well  spaced  stores  and  to  conditions  not  far  removed  from  potential  flow  involving  only  local 
separations  and  shock  waves.  For  an  aircraft  designed  to  carry  a  large  range  of  stores  in  various 
locations  end  operating  over  a  large  CL,  M  envelope,  wind  tunnel  tests  reaain  the  most  reliahlc  aethod  of 
ohteining  the  incremental  drag  and  over,  then  the  results  have  to  be  extrapolated  to  full  scale  flight 
conditions. 

Having  noted  the  difficulties  end  limitations  encountered  in  the  prediction  of  store  drag  increments, 
some  procedures  which  may  be  helpful  for  initial  project  studies  are  now  suggested. 

4.1.  The  Aircraft-Store  Flow  Field 

It  was  noted  in  section  3  that  for  essentially  potential  flow  situations  the  interference 
effects  between  the  aircraft  and  the  stores  tend  to  cancel,  giving  installation  factors,  Ks ,  near  unity. 
Local  departures  from  potential  flow  such  as  flow  separations  on  individual  components  -  e.g  bluff 
excrescences  and  bases  -  not  situated  in  high  velocity  regions  and  not  interacting  with  other  store 
components  or  the  parent  aircraft,  can  be  tolerated  end,  when  included  in  Jc  also  yield  K  »  1.0. 
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Recently  aethods  capable  of  calculating  the  combined  aircraft-store  flow  field  have  heen 
developed.  Reference  7  describes  e  technique  in  which  the  flow  fields  for  individual  components  are 
superposed.  This  does  not,  however,  satisfy  the  boundary  conditions  on  all  the  individnel  components 
simultaneously  and  care  is  required  in  the  way  in  which  the  superposition  is  performed.  This  has  heen 
confirmed  by  experience  at  A.R.A.,  where  recent  attempts  to  superpose  tht  fer  field  pressures  due  to  e 
simple  axisynmetric  hody  on  the  measured  chordwisc  pressure  distribution  on  the  clean  parent  wing  failed 
to  predict  the  peek  suctions  measured  experimentally  on  the  wing  lower  surface  with  the  store  installed. 
These  calculations,  however,  did  not  include  the  effect  of  the  pylon.  A  method  for  calculating  the 
complete  resultant  flow  field  for  e  wing-pylon-store  combination  has  heen  proposed  hy  Loeve  and  Sloof8. 

An  example,  taken  from  reference  8  which  compares  measured  and  calculated  pressure  distributions  hoth  on 
the  wing,  with  end  without  the  store-pylon  enJ  on  the  installed  store  is  shown  on  figure  13.  The 
configuration  also  included  e  wing  tip  store.  The  agreement  between  calculation  end  experiment  is  aost 
encouraging,  particularly  for  the  axial  pressure  distribution  on  the  store  itself  and  in  the  effect  of 
the  store  on  the  wing  spanwise  lift  distribution  Tb *  aeasured  increases  in  suction  on  the  wing  lower 
surface  just  inboatd  and  outhoard  of  the  store  locatiu.  are  apparently  slightly  underestimated. 

The  use  of  calculated  aircraft  flow  fields  to  predict  the  normal  and  side  forces  end  centres 
of  pressure  on  stores  and  pylons,  for  stressing  purposes  and  release  trajectory  calculations  is  now  quite 
common  end  relatively' successful .  Calculating  the  drag  or  axial  forces  on  the  stores  and  aircraft 
components  as  a  possible  stage  in  the  prediction  of  AC^,  is  however  unlikely  to  be  so  successful.  This  is 
heceuse  of  hoth  the  limitations  of  currently  availahleuboundary  layer  calculation  procedures  and  the 
inadequate  definition  of  the  store  axial  and  wing  chordwisc  pressure  distributions  provided  hy  the  panel 
aethods  usually  used  to  calculate  the  flow  fields.  The  value  of  such  flow  field  information  ie  in  helping 
to  avoid  excessive  drag  penalties  due  to  stores  rather  than  in  prsdicting  the  drag  increment.  When  just 
ths  clean  eircraft  flow  field  is  known  at  low  and  Mach  number,  it  aay  be  possible  to  avoid  regions  of 
high  local  velocities  end  take  advantage  of  low  velocity  regions  in  choosing  locations  for  stores.  Where 
prograames  for  calculating  the  combined  aircreft-storc  flow  field  including  some  lift  end  compressibility 
effects  ere  available,  it  aay  also  be  possible  for  given  stores  end  locations,  to  identify  the  conditions 
likely  to  cause  the  onset  of  flow  separations  and  local  supersonic  flow. 

4.2.  Empirical  Frediction  Methods 

In  the  two  examples  of  empirical  techniques  descrihed  here,  the  eia  has  been  to  produce  first 
approximations  of  ACq  for  relatively  simple  underfuselege  end  underwing  store  installations  at  Mach  nuabers 
up  to  ahout  Mq  for  the  clean  aircraft,  and  to  provide  accsptable  accuracy  for  project  calculations.  They 
should  also  prove  helpful  in  estehlishing  target  values  for  the  drag  penalties  due  to  external  stores. 

Both  examples  are  hesed  almost  entirely  on  the  low  speed  drag  characteristics  of  the  store  assemblies, 
with  little  input  from  the  parent  aircraft  aerodynamic  characteristics.  It  should  he  stressed  thet,  at 
present,  the  correlations  used  ere  somewhat  tentative,  hut  it  is  hoped  that  these  ere  sufficiently  flexible 
to  provide  scope  for  aodification  hy  the  addition  of  further  experiaental  data,  where  these  sre  avsilahle 
to  the  project  designer. 

4.2.1.  Underfuselege  Stores 

A  aethod  for  predicting  the  incremental  drag  for  a  range  of  underfuselege  stores  is 
descrihed  in  reference  4.  As  noted  in  section  2,  ACg  fer  underfuselege  stores  is  usually  relatively 
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iosciuicivi  to  CL,  »t  l««st  »t  low  to  aodcrttc  CL.  A  fr«m«work  describing  the  variation  of  ACD  with  M  it 
shown  on  figura  14(a) .  It  requires  tha  darivation  of 


(i) 

(ii) 

(iii) 

<iv) 

<v) 

(vi) 


A C  for  K  .<  H  -  tha  low  spaed  drag  incrcaent, 

°A  A 

-  tha  initial  drag  risa  Mach  nuaber  tor  AC^, 

M£  -  the  Mach  nuabar  at  the  start  of  tbe  staep  drag  risa, 
aCB  at  M  -  Mc, 

A  fairing  batwean  points  A  and  C  -  tha  variation  of  aCQ  betwaan  and  M£, 
aCjj  at  M  •  1.0  -  the  *aiaing  point"  for  tba  curve  for  M  i  M£. 


Taking  thasa  paraaeters  in  turn. 


(i)  AC  -  K,  (ac  low  M)  a  £c. 

da  s  “coup 


Tha  discussion  in  section  3.2  and  figura  9  showed  that  for  aany  undarfusalaga  store 
arrangeaants  Kg  is  about  1.0  at  low  speed,  figura  9  nay  be  used  as  a  guide  in  obtaining  a  low  speed  value 
for  K$.  A  value  of  K^  far  removed  froa  1.0  night  indicate  that  tha  net hod  would  not  ba  adequate  for 
predicting  tba  variation  of  ACq  with  K. 

(ii)  The  initial  risa  or  "creep"  in  a C  is  often  vary  gradual,  which  makes  the  correlation  of  MA  rather 
difficult.  Figura  14(b)  presents  approximate  correlations  for  single  and  side-by-sida  stores  using  an 
aarodyuaaic  fineness  paraaeter  for  tha  store  asseably  defined  as 


\ 


SI 


bluffness,  base  and  excrascenca  drag 


CfSUET 


where  l  CfSWET 


Total  astiaatad  flat  plate  skin  friction  drag  of  tha 
stors-pylon  asseably. 


(iii)  M  has  bean  found  to  ba  within  tha  range  0.90  <  M  <  0.95  for  a  large  ninbar  of  configurations  with 
no  evidence  of  any  consistent  correlation  with  tha  type  of  ssseoibly  or  s.g.  M  .  For  prediction  purposes 
it  is  suggested  that  wa  taka  Mc  -  0.92. 


(iv)  A  correlation  of  AC  in  tarns  of  M  ,  AC  and  [AC  ]  is  preaentsd  on  figurs  14(c),  whare 
c  *  °A  I  aJ 

WET 

'AC  •  is  AC  based  on  the  wattsd  araa  of  tha  store  ssseably  rathar  than  the  parent  aircraft 

l  DAjs  °A 

WET 


reference  araa.  This  coefficient  sffsetivaly  combines  a  "dirtiness  parameter"  with  tha  low  speed 
installation  factor  Kj.  It  is  intarasting  to  note  that,  as  for  undenting  stores  at  high  subsonic  Mach 
numbers  (cf. section  3.1)  where  Kg  for  a  'dirty'  store  was  lass  than  that  for  a  clean  store,  figura  14(c) 


shows  a  reduction  in  AC 


AC. 


with  increasing  AC 


\\) 

'S 


WET 


(v)  Figura  14(d)  presents  a  normalised  fairing  for  tha  variation  of  AC^  between  MA  and  Mc.  This  is  a 
mean  curva  obtainad  from  a  large  aawunt  of  data  for  undarfusslags  storas.  For  high  drar,  casas  with  low 
valuas  of  MA,  a  high  dagraa  of  sccurscy  should  not  ba  expected,  but  for  most  simpls  configurations 

whan  -  AC^  )  and  (Mc  -  M^)  sra  small  tha  fairing  is  probably  acceptable. 


(vi)  Vary  few  drag  data  sra  availabls  for  underfuselage  stores  *t  M  •  1.  However,  for  some  simple 
undarwing  stora  installations,  fair  agrecaant  has  basn  obtained  between  wave  drag  calculations  by  ths 
Eminton  method9,  with  some  judicious  fairing  of  discontinuities  in  tha  sraa  distributions,  and 
axperimental  data.  The  wsve  drag  was  calculated  for  complate  wing-body  and  wing-body-pylon-store 
combinat ions.  This  should  also  ba  possibla  for  undsrfuselaga  store  installations  snd  it  is  suggested 
that  tba  resulting  wave  drag  increment  added  to  AC  should  bs  sufficiently  accurate  as  an  ’aiming  point’ 

for  tba  ACn  -  M  curve  for  M  i  M  . 


Figura  15  illustrates  tha  use  of  this  method  up  to  stage  (v)  for  an  installation  of  4  stores 
underfuselage  and  compares  tha  prediction  with  experimental  values  of  ACp.  Tha  prediction  overast iaatss 
AC0  by  about  6t  st  low  Mac.,  number  and  by  about  10!  above  M  J  0.9.  Thasa  errors  are  within  3!  of  the 
total  aircraft  plus  stora  drag. 

4.2.2.  Single  Pylon  Mounted  Pnderwing  Storas 

Tha  empirical  approach  to  the  estimation  of  ACq  and  its  variation  with  snd  Mach 
number  for  undarwing  stores  has  proved  much  less  successful,  ss  would  bs  expected  in  tha  more  complex 


flow  situation  of  the  (tore  beneath  a  wing.  Aa  ahown  in  aection  3.1  the  effect  of  on  ACq  for  similar 
atorea  variea  conaiderably  ;or  different  winga.  However  the  variation  of  AC  or  (K  )  with 

dmin  s  mi 

Mach  umber,  at  leaet  up  to  Mq  for  the  clean  aircraft,  doea  appear  to  be  atrongly  dependent  on  the 
freestream  (tore  drag  and  is  particular  the  "dirtiness”  of  the  (tore  installation,  AC  /  AC 

B(M)/  D(M-0) 

typically  being  greater  for  clean  than  for  "dirty"  atorea  at  higb  aubconic  Mach  numbera. 

Figure  16  preaenta  a  carpet  graph  for  predicting  approximate  valuer  of  (L) 
given  valuer  of  AM  and  a  "dirtineaa”  factor,  El0  ,  where 


AM 


.nd  £ 


M  -  Mjj  (CLEAN  L'lfW) 

^(D/q)cOMP 
£  CfSWET 


aection  4.2.1. 


Thia  ia  baaed  on  a  correlation  of  ad  hoc  incremental  drag  data  from  wind  tunnel  teata 
of  a  variety  of  typea  of  aingle  pylon  mounted  atorea  under  aeveral  different  winga.  It  ahould  be  noted 
that,  although  (Ks)HUi  *c  *  given  AM  decreaaea  with  increaaing  E,  (K^^.E  (and  hence,  for  a  given  aize 

of  (tore,  AC  )  in  fact  increaaea  with  E.  An  example  in  which  the  (K.)u.„,  M,  E,  carpet  haa  been  uaed 
nIN  S  MIN 

to  predict  AC  -  M  for  tbe  fuel  tank  and  miaaile  inatallationa  previoualy  referred  to  in  aection  3.1.1. 
MIN 

(figure  4)  ia  shown  on  figure  17.  Except  for  an  undereatimate  of  about  101  in  AC  for  the  miaaile  at 

DMIN 

low  M,  there  ia  good  agreement  between  prediction  and  experiment  for  both  atorea  up  to  M  *  0.85 
(Mq  >0.05  approximately). 


4.3.  Prediction  for  Full  Scale  Flight  Conditiona 

The  empirical  correlations  mentioned  in  the  previoua  aection  4.2  are  derived  from  wind  tunnel 
data  generally  obtained  at  r^st  Reynolda  numbers*  5  x  10c  baaed  on  (tore  length  or  local  wing  chord.  For 
attached  boundary  layera  vith  a  apecified  position  for  tranaition  to  turbulent  flow,  the  extrapolation 
of  akin  friction  drag  fr*j  typical  model  to  full  acale  Reynolda  numbers  is  fairly  well  established,  but 
the  corresponding  variation  of  the  drag  due  to  features  involving  flow  separations,  such  at  bluff  noaes, 
bases  and  excrescences  is  less  certain.  Also  the  interference  between  the  store  components  and  between 
the  aircraft  and  the  store-pylon  assembly  may  be  subject  to  scale  effects.  Both  the  empirical  procedures 
mentioned  in  section  4.2.  would  require  modification  if  there  were  significant  changes  in  the  relative 
proportions  of  bluffness,  bate  and  excrescence  drag  between  model  and  full  scale  conditions.  Some 
improvements  in  drag  prediction  for  excrescences  at  typical  flight  Reynolds  numbers  may  be  hoped  for, 
following  tbe  recent  R.A.E.  research  programme  on  this  topic1 * , 12 , 1 3 . 

Unfortunately  there  are  hardly  any  published  "in  flight”  incremental  store  drag  data  suitable 
for  direct  comparison  with  model  results.  Considerable  care  is  necessary  when  comparing  store  drag 
increments  measured  in  tbe  wind  tunnel  with  those  in  flight,  particularly  in  allowing  for  possible  changes 
in  tailplane  drag  due  to  the  store  installation  e.g.  any  direct  interference  between  the  store 
installation  and  tailplane  flow  fields  sbould  be  present  in  the  wind  tunnel  data,  but  thrust  increases  in 
flight,  due  to  tie  stores,  may  modify  the  downwash  distribution  at  the  tailplane  and  hence  the  tailplane 
lift  depend': :  drag.  It  is  also  important,  particularly  for  underving  stores  where  ACq  may  vary  rapidly 

with  C^,  .hat  comparisons  are  made  at  the  equivalent  values  of  wing  C^.  A  tentative  example  illustrating 
the  uncertainties  in  the  flight  -  tunnel  comparison  of  some  underving  store  drag  increments  is  shown  on 
figure  18.  The  comparisons  are  at  moderate  C,  and  are  all  for  the  same  aircraft.  Two  are  for  single 
stores  and  the  third  is  for  a  multiple  installation.  The  flight  and  tunnel  results  bave  been  corrected 
to  wing  chord  Reynolds  nmbers  of  30  x  106  and  4  x  106  respectively.  The  agreement  in  the  variation  of 
ACq  with  M  is  encouraging,  but  quite  varied  conclusions  regarding  possible  scale  effects  on  the  absolute 
values  of  ACq  migbt  be  drawn  from  the  three  cases  individually.  The  results  for  store  A  suggest  that  no 
significant  extrapolation  would  be  required  in  this  case.  For  store  B,  however,  an  increase  of  about 
252  in  ACq  between  tunnel  and  flight  is  indicated,  while  for  the  multiple  installation  ACq  is 
approximately  15X  lower  in  flight  than  at  model  scale. 


5. 


POSSIBILITIES  FOR  DEDUCED  INCREMENTAL  DRAG 


The  discussion  in  section  3  included  examples  of  store  installations  incurring  excessive 
interference  drag  penalties  and  others  in  which  favourable  interference  effects  had  led  to  very  low  drag 
increments.  These  extreme  results  illustrate  the  considerable  scope  for  designing  either  good  or  bad 
installations  in  terms  of  incremental  drag  and  one  suspects  that  this  aspect  has  received  insufficient 
attention  in  the  design  of  many  existing  store  installations.  It  is  recognised  that  drag  is  one  of  many 
factors  to  be  considered  when  assessing  tbe  overall  operational  performance  of  the  aircraft-store 
combination  as  an  effective  weapons  system.  Other  important  considerations  include  structural,  weight 
and  C.C.  requirements,  satisfactory  stability  and  handling  characteristics,  safe  store  jettison  and 
initial  trajectories  and  accurate  weapon  delivery.  Nonetheless  it  is  necessary  to  be  fully  aware  of  th, 
possible  drag  penalties  or  benefits  involved  in  the  choice  of  particular  engineering  solutions  and  the 
reduction  of  tbe  installed  store  drag  increment  is  a  proper  and  important  aerodynamic  objective.  Drag 
reductions  may  be  obtained  both  from  improvements  of  current  installations  and  by  the  design  of  new  typer 
of  installation.  It  is  directly  beneficial  to  reduce  the  freestream  drag  of  tbe  components  of  the  store 
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•  Reductions  in  E  and  also  yield  corresponding  improvements  in  the  installed  drag  - 
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reduced  ds)  E  and  increased  M  respectively  (cf.  (action  4.2.).  It  should  elao  ba  possible  in  sobs 
casas  to  exploit  favourebla  interference  affects  or  at  least  to  raduca  tba  adverse  interference  within 
store  assemblies  end  batvaan  the  aircraft  and  tha  stores  -  i.a.  improvements  in  and  K§.  Examples  of 
both  approachaa  for  store  assemblies  and  installations  ara  dascribad  in  this  (action. 

5.1.  Removal  of  Zxerescances  (Reduction  of  Tc_  ,  E.X„.) 

DC0HP 

A  high  proportion  of  £c.  for  many  storas  and  assemblies  is  tha  cnntribution  from 
“comp 

excrascancas.  The  crutch  arms  or  awny  bracas  incorporated  in  tha  ejactor  ralaasa  unit  (E.R.D.)  housad  in 
stora  pylons  and  carriars  is  a  notable  excrescence.  Recently  e  new  E.R.O.  (MACE)  has  bean  davalopad  in 
tha  O.K. ,  in  which  thasa  crutch  arms  have  baan  eliminated.  Tha  results  of  en  investigation  of  tha  effacts 
nf  crutch  arms  or  tha  fraestraam  drag  of  a  simple  pylon-stora  assembly1''  ara  shown  on  figure  19.  Tha 
total  drag  of  this  simpla  assembly  is  reduced  by  approximately  301  at  low  M,  whan  tha  crutch  arms  era 
removed.  This  reduction  is  approximately  equal  to  the  estimated  drag  of  the  crutch  arm*  elona.  Also 
shown  on  figure  19  is  a  comparison  of  tha  drag  incraawnt  for  a  ralativaly  simpla  under fuselage  stora 
installation  with  and  without  crutch  arms.  In  this  installed  case  removal  of  tha  crutch  arms  reduces 
JCj)  by  about  40Z.  There  is  also  a  small  reduction  in  Kg  from  1.0  to  0.94.  Both  tha  conf iguretions 
discussed  hers  ere  good  examples  of  localised  axcrascanca  affaccs  which  have  not  intaractad  with  nther 
components  to  craata  more  general  increases  in  interference  drag.  They  also  illustrate  tha  banafits  to 
ba  obtained  from  modifications  of  existing  stora-pylon  assemblies  and  do  not  require  any  fundamental 
redesign  of  the  installations. 

5.2.  Reduced  Interference  between  Stores  (Reduction  of  K^) 

In  rafaranca  1  tha  possibility  of  reducing  the  weva  drag  of  pairs  of  stores  in  closa  proximity 
by  tha  application  of  ‘area  rule'  principles  was  discussed.  Soma  rasults  showing  tha  affect  of  raletive 
exist  position  on  tha  total  dreg  of  peirs  of  parabolic  bodies15  indicetad  thet  if  one  body  was  moved 
forvard  or  backwerd  by  )  x  body  length  from  the  line  abraest  position,  tha  wava  drag  at  M  *  1  of  tha 
resulting  combination  was  closa  to  that  of  a  single  body  -  1/3  of  tha  weve  dreg  of  tha  lina  abraast 
combination.  As  would  ba  axpactad  for  parabolic  bcdias,  tha  banafits  of  this  axiel  stagger  dacreasvd 
rapidly  as  Mach  nubar  was  raducad  from  1.0  end  thara  was  no  significant  raduction  in  drag  at  M  f  0.9. 
Howaver  most  practical  store  snapes  have  freastraam  drag  risa  Mach  numbars  considerably  lowar  than  that 
for  simpla  parabolic  bodies  e.g.  for  typical  bomb  shapes  M^  »  0.85.  For  closely  speced  combinations  of 
such  storas,  it  may  wall  ba  possible  to  achieve  worthwhile  drag  raductions  at  high  subsonic  Mach  numbars, 
by  steggaring  tha  storas  exially  to  obtain  e  more  grsdual  axial  variation  of  cross  section  aree  of  the 
combination.  Figura  20  shows  a  rasult  from  an  experimental  invastigation  of  tha  affect  of  axial  stagger 
on  the  dreg  of  a  pair  of  sting  mounted  stores  with  cylindrical  nid-bodias16 .  The  avarega  drags  of  tha  two 
storas  for  tha  line  ebraast  case  (xs  «  0)  and  with  an  axial  staggar  of  0.75  x  stora  maximum  diameter 
(xs  -  *0.75D)  are  comparad  with  the  dreg  of  s  single  store.  Below  about  M  -  0.8  tha  three  results  agraa 
closely,  indicating  no  significant  rasultcnt  interstore  intarfarenca  and  hence  no  benefit  from  tha  stagger. 
Above  M  -  0.8,  hovavar,  there  is  considerable  intarfarence  dreg  st  xs  •  0  -  at  M  *  0.9,  tha  avarege  drag 

of  2  stores  is  about  70Z  higher  then  tne  single  store  drag.  With  xs  •  *0.75D,  the  increesa  in  dreg 
raUtive  to  the  singla  store  at  M  -  0.9  is  reduced  to  about  25Z.  This  suggests  that  significant 
reductions  in  intarfarence  drag  could  be  obceinad  by  vary  modest  amounts  of  axial  steggar  within  groups 
of  storas.  It  is  probable  that  the  optimum  stegger  will  very  with  Mach  number  -  figura  20  shows  that  for 
M  >.  0.95  the  avaraga  CD  for  xg  ■  ‘0.75D  is  about  equal  to  that  for  xs  •  0. 

The  interfarence  between  'line  ebreest'  stores  cen  of  course  be  raduced  by  increasing  thair 
lateral  spacing.  Figura  21  shows  tha  verietion  of  tha  ratio 

&CQ  (measured  for  two  storas) 

£c  (for  two  stores) 

“comp 

with  leterel  spacing  between  e  pair  of  storas5.  For  this  purpose  tha  estimated  dreg  of  the  carriers  has 
baen  subtrr-'.ed  from  the  measured  results.  At  low  Mach  number  there  is  a  25Z  penalty,  compered  with  tha 
isolatad  estimate,  for  the  stores  at  minimum  specing  (y/D  •  1).  This  penalty  is  almost  eliminetad  whan 
the  lateral  saperetion  is  increased  to  j  x  stora  diameter  (y/D  -  1.5) .  At  M  *  0.9  the  drag  of  2  stores 
at  y/D  •  1  is  nearly  4  x  TC  .  This  factor  is  raduced  to  ebout  3.2  snd  3.0  with  increeses  in  y/D 

COMP 

to  1.5  end  2.0  respectively.  Thus  by  specing  the  stores  just  helf  e  stora  diametar  epert  e  worthwhile 
raduction  in  K^  is  echiaved.  It  should  ba  mentioned  thet  the  estimated  increesa  in  drag  due  to  the  larger 
cerrier  required  to  incraese  the  spacing  from  y/D  •  1.0  to  1.5  is  about  7Z  of  Jc  for  s  singla  isoleted 

store.  UC0MP 

The  introduction  of  stegger  end/or  incraesad  leterel  specing  between  stores  in  multiple 
instelletions  ere  meesurss  which  would  require  the  design  of  new  types  of  store  cerrier.  Howaver  some 
current  instellations  involve  e  cendcm  arrengeaent  end,  es  noted  previously,  (section  3.2),  e  peir  of 
stores  cen  usually  be  cerriad  in  this  wey  with  little  .dverse  interstore  interference  snd  hence  no 
significent  increase  in  Ks  compered  with  a  singla  ;"?/a  assembly.  For  bluff  or  flet  besed  stores,  tandem 
cerriege  cen  give  Kg  for  two  stores  less  then  that  fr*  e  tingle  store  of  the  asms  type,  due  to  fevourable 
fora  end  aft  intarfarance  between  the  stores.  Certeinly,  where  precticebla,  tendem  carriage  is  to  ba 
preferred  to  line  ebreest  arrangements . 

5.3.  Application  to  An  Undenting  Multiple  Store  Installation 

Recant  experiments  et  A.R.A.  5*6  have  explored  tha  epplicetion  of  the  methods  described  in  5.1 
and  5.2  to  the  triple  cerrier  loaded  with  3  bombs,  which  wes  discussed  in  3.1.2.,  both  as  s  simuleted 
isoleted  esstmbly  end  whan  installed  underwing.  Figure  22  shows  the  verietion  of  Cp  with  M  for  the  loaded 
carriar  in  simuleted  freestream  conditions, 
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(i)  in  standard  fora, 

(ii)  with  all  crutch  araa  recoved  (8  paira  including  those  on  the  pylon  E.R.U.), 

(iii)  with  the  remaining  excrescences  on  the  carrier  removed  or  faired  in, 

(iv)  with  the  two  shoulder  bomba  staggered  by  approximately  0.9  x  bomb  diameter 

for e  and  aft  relative  to  the  lower  atore. 

At  M  *  0.4,  Cq  for  the  aaaembly  witho/t  crutch  araa  ia  about  0.6S  Cq  for  the  standard 

configuration.  The  important  feature  of  thie  reault  ia  that  K^  ia  alao  reduced  from  1.7S  to  1.S0  i.e. 

tbe  total  drag  haa  been  reduced  by  much  more  than  the  freeatream  drag  of  the  crutch  araa.  Thia  it 
tharefore  a  case  where  the  excrescences  have  caused  significant  interference  drag  within  the  aaaembly.  A 
possible  explanation  for  thia  interference  ia  that  the  local  disturbances  in  .''e  boob  and  carrier  body 
boundary  layeradue  to  the  crutch  arms  have  increased  the  tendency  for  widespread  flow  separation  on  the 
>,oob  and  carrier  afterbodies.  With  increases  in  Mach  number  above  about  M  ■  0.7,  the  magnitude  of  the 
reduction  in  Cq  due  to  removing  tbe  crutch  arms  ia  progressively  reduced.  Thia  does  not  mean  that  the 

interference  at  the  higher  Mach  numbers  ia  any  less  severe,  but  more  probably  that  compressibility 

affects  in  the  store-store  and  store-carrier  interference  are  then  the  major  factor  influencing  the  drag 
of  the  aaaembly,  e.g.  the  evidence  of  shock  induced  separation  on  the  shoulders  of  the  stores  noted  in 
the  oil  flow  photograph  at  M  »  0.75  (figure  7).  The  further  staje  (iii)  in  the  "cleaning  up"  process  on 
the  carrier  reduces  CD  at  M  «  0.4  to  about  half  that  of  the  standard  configuration.  Kg  remains  at  1.5 
which  shows  that  these  relatively  small  excrescences  were  also  contributing  1.5  timet  their  freettream 
drag  when  installed  on  tbe  loaded  carrier.  The  reduction  in  Cq  tgain  falls  off  rapidly  at  higher  Mach 
niasbert.  Staggering  the  shoulder  bomb  has  no  further  significant  effect  on  Cq  or  K^  at  low  Mach  numbers 
compared  with  the  stage  (iii)  cleaned  up  carrier,  but  at  the  higher  Mach  niasbert,  as  had  been  hoped, there 
is  a  considerable  further  reduction  in  Cq.  At  M  -  0.9,  Cq  is  about  0.65  Cq  for  the  standatd  cate  and 
about  0.8  Cq  for  the  stage  (iii)  configuration.  It  should  be  rev  abered  that  these  results  are  not  only 
significant  in  terms  of  incremental  drag.  They  represent  equally  significant  reductions  in  the  total 
aircraft  ♦  stores  drag.  As  noted  earlier  (3.1.2),  at  quite  •—‘irate  subsonic  Mach  ntanbers,  ACq  due  to 
such  installations  can  be  greater  than  Cq  for  the  clean  aircraft. 

The  drag  reductions  achieved  by  removing  the  excrescences  from  a  similar  loaded  triple 
carrier  assembly  when  installed  underwing  are  shown  on  figure  23.  (This  represents  a  feasible  improvement 
of  an  existing  carrier  rather  than  the  extensive  redesign  which  ’staggering'  would  reauire).  £c 
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for  the  removed  excrescences  is  also  shown.  As  for  the  isolated  assembly,  the  installed  drag  reduction 
at  Mach  numbars  up  to  about  M  »  0.8  is  considerably  greater  than  Jc  for  the  excrescences, 

°C0MP 

illustrating  again  the  adverse  interference  within  the  assembly  due  to  the  excrescences.  Also  shown  is 
the  large  variation  ir  ACq  with  C^  at  the  lower  Mach  numbers  indicating  that  the  interference  drag  of 
the  assembly  may  be  further  magnified  by  store-pylon-wing  interference. 

5.4.  Favourable  Aircraft-Store  Interference 

Examples  of  the  very  low  value:  of  Ks  achieved  at  both  low  and  high  subsonic  Mach  numbers 
with  multiple  arrays  of  small  diameter  stores  closely  packed  beneath  a  flat  underfuselage  surface  have 
already  been  discussed  (3.2).  Various  extensions  of  this  application  of  favourable  aircraft-store 
viscous  interference  have  been  considered  recently.  In  one  method,  known  es  conformal  packaging17,  the 
usj  of  s  matrix  of  rectangular  or  cylindrical  stores  packed  between  suitable  nose  and  tail  fairing!  is 
proposed.  Significant  drag  savings  are  claimed  for  tbis  arrangement  underfuselage,  compared  with  current 
multiple  store  instsllations .  Satisfactory  jettison  of  the  fairings  might  be  required  however,  to  svoid 
the  probable  high  incremental  drag  in  the  ebsence  of  the  packaged  stores-  A  further  possibility  is  to 
half  submerge  the  stores  in  cavities  in  the  underfuselage  surface  (semi-submerged  stores).  Lower 
installed  drag  increments  would  certainly  be  expected  for  such  installations  compared  with  conventional 
carriage.  Unfortunately  the  drag  increment  due  to  the  cavities,  after  store  release,  has  been  found  in 
some  cases  to  be  larger  than  that  due  to  the  stores.  Also  the  cavities  have  to  be  teilored  to  the  shape 
of  the  stores,  which  may  place  restrictions  on  the  range  of  stores  carried  by  the  sircraft.  These 
objections  might  be  overcome  if  jettisonable  'false  bottom'  type  fsirings  for  the  stores  could  be  devised. 
The  safe  jettison  of  such  a  fairing,  as  in  the  rase  of  packaged  stores,  would  however  in  itself  be  a 
difficult  aerodynamic  design  problem.  Another  interesting  proposed  solution*8  is  the  use  of  lifting 
balf-body  store  shapes.  Reductions  in  incremental  drag  of  the  order  25!,  compared  with  equivalent 
'whole'  shapes,  were  demonstrated  in  wird  tunnel  tests,  at  subsonic  and  supersonic  Mach  numbers,  on  half 
bombs  and  pods  mounted  on  a  flat  underfuselage  surface.  Clean  store  seperetion  characteristics  were  also 
demonstrated  for  these  shapes.  Recent  studies  of  the  aerodynamics  of  lifting  bodies  should  provide 
sufficient  data  to  at  least  investigate  the  feasibility  or  otherwise  of  such  shapes  as  sir  launched 
weapons. 


6.  CONCLUDING  REMARKS 


The  severe  aerodynamic  penalties  which  can  be  imposed  by  externel  store  carriage  have  been  noted 
and  the  large  contribution  made  by  tome  typical  store  installations  to  the  total  drag  of  strike  aircraft 
has  been  emphisised.  It  has  been  shown  that  for  many  simple  installations  with  singla  stores  on  well 
spaced  pylons  and  with  well  behaved  flow  on  the  local  parent  aircraft  surfaces,  the  interference  between 
the  aircraft  and  stores  at  low  speed  is  of  s  potential  flow  type,  with  effective  cancellation  of  the 
buoyancy  drag  forces  on  the  separate  components  giving  installation  factors  near  unity.  With  s  knowledge 
of  the  aircraft  flow  field  and  the  geometry  of  the  store-pylon  installation,  such  conditions  should  be 
readily  identified.  For  this  type  of  installation,  the  variation  of  ACq  with  Mach  number  correlates 
fairly  well  with  the  freettream  drag  characteristics  of  the  store  assembly  end  this  fora  of  correlation 
has  been  used  in  tentative  empirical  procedures  proposed  for  the  estimation  of  AC.  due  to  simple 
underfuselage  assemblies  and  AC  for  tingle  underwing  stores.  The  variation  of  AC  with  C  at  low  to 
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aodtrete  C,  for  underwing  stores  is  strongly  influenced  by  the  perent  wing  esrodynamic  chsrecteristics. 

For  multiple  instelletions  involving  significent  viscous  end  compressibility  effects  in  the  interference 
within  the  . ssembly  end  between  the  eircreft  end  the  stores,  e  wide  Tenge  of  velues  of  the  instelletion 
fector  cen  occur  end  in  these  ceses  the  prospects  for  predicting  &Cq  are  remote.  However  the  possibilities 
for  reducing  ACn  ere  more  encouraging.  The  scope  for  dreg  reduction  and  for  low  dreg  designs  it  implied 
by  the  wide  verietion  in  Kg  between  different  instelletions.  The  examples  quoted  of  modifications  to 
current  instelletions  end  of  new  types  of  instelletion  indicete  that  potentially  lerge  dreg  reductions 
cen  be  echieved  by  epplying  simple  well  established  eerodynaaic  principles  in  prectice,  rather  then  from 
eny  radicelly  new  methods.  While  it  is  recognised  that  e  degree  of  compromise  is  required  between  dreg 
end  the  many  other  factors  involved  in  the  design  of  store  instelletions,  it  must  be  stressed  tier  it 
would  require  much  greeter  effort  to  obtein  such  lerge  percentege  reductions  in  the  dreg  of  loeded  strike 
eircreft  from  eny  other  source.  The  proportior  of  the  totel  dreg  due  to  external  stores  may  well  increase 
in  the  future,  since  advances  in  wing  design  could  leed  to  the  design  of  smaller  eircreft  for  given 
missions  end  load  cerrying  ability.  A  flexible  end  radicel  epprotch  is  required  et  the  project  design 
stege,  which  ideelly  should  integrete  the  eerodynamic  design  of  the  eircreft  end  stores.  Certeinly  if 
stores  ere  to  continue  to  be  cerriad  underwing,  then  this  should  be  reflected  in  the  future  reseerch 
programme  on  wing  design  for  combet  and  strike  rircreft. 
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APPENDIX  A 


ESTIMATION  PROCEDURE  FOR  THE  LOW  SPEED  ZERO  LIFT  DRAG  OF  A  STORE  ASSEMBLY 
IN  A  FREE  STREAM 


A. I. 


Bodies 

(a) 


Bodies  with 


ill  bases 


ft' 


A  Cf  SWET 


0.2 


vhera  A 


t 

* 


S 


WET 


1  or  t.  ♦  1  ♦  2d  (see  Fig.A.l) 

f  A  IB 

whichever  it  lete 

wetted  tret  of  body  excluding  tny  btte  tret 


f  <v*£> 


c 


D 


•kin  friction  coefficient  for  a  smooth  flat  plate  with 
turbulent  boundary  layer  from  x  ,  at  M  *  0,  obtained  from 
the  charts  of  Ref  A.l  (based  onC  Prandtl-Schlichting) 

f  (Rg,  x()  obteintd  from  R.Ae.S.Data  Sheets  Bodies  02.04 


(b) 


Bodies  with  significant  baee  aree  (Fig.A.l). 
The  zero  lift  dreg  is  split  up  es  follows: 


(i)  Profile  dreg  of  ABDEG  with  no  boat  teil  increment 


end  t  •  2  L  M  or  2  ft,  ♦  d  ]  whichever  is  less, 

e  f  m  L-f 

This  eseumes  thet  the  form  drag  term  (X  -  1)  for  the 

closed  body  ABCD'FG  (e  body  with  an  imaginary  afterbody  CD'F 
of  the  same  length  end  finenees  retio  es  the  forebody  ABC)  it 
made  up  of  equal  contributions  from  the  forebody  and  the  efterbody. 

Note  thet  [  "p  ]  •  C£  et>d  ere  obteined  as  in  A.l.  (a)  with 

R^  besed  on  totel  length  l  as  in  A.l  (e). 


(ii) 


Boat-tail  drag 


q 


(on  CDEF)  end  base  drag 


q 


A  2 

McDonald  and  Weir  '  give  e  correletion  of  data  at  M  ■  0.90  for 
both  curved  end  conical  efterbodics,  based  on  the  perameters; 
boat-teil  angle  (S)  and  bese  to  body  maximum  diameter  ratio.  HonevwellA‘J 
gives  the  empiricel  expression 


3  -1* 

C  -  0.115  r  (10M  -  2)  x  10  for  0  <  M  <  1.0 

Db 

besed  on  the  correlation  of  e  large  amount  of  experimental  dete 
bodies  without  boat-teiling.  Using  Ref. A. 2  values  of  boat-tail 

°b 

—  and  bese  dreg  —  are  found  at  M  ■  0.9.  Honeywell's  -  M 

b 


for 

dreg 

relationship 
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is  chan  usad  to  factor 


Dh  Dh 

— ^  (m)  -  -r- 


(M 


-  for  the  appropriate  Mach  number: 
C_ 

0.9)  x  — 


VM> 


Db  <M 


Then 


De  \ 

0  *  7b’  (M) 

4  4 


0.9) 


Thia  includaa  no  Mach  number  effact  on  —  . 

4 

McDonald  and  Uair  found  no  significant  Macb  number  affect  however, 
at  Macb  nuabera  up  to  0.9  in  the  data  uaed  for  their  correlation. 

for  a  body  without  boat-tailing  at  M  -  0.9,  tha  two  method*  giva 
value*  of  bate  drag  in  vary  clo*e  agreement. 

7" 

For  any  particular  configuration  it  i*  adviiable  to  conault  otbar 
(ourca*  of  information  e.g.  Rafa.  A. 4.  to  A. 7.  in  order  to  obtain  an 
idea  of  tba  probable  accuracy  of  prediction.  In  particular.  Hart  A. 6 
*bow*  tbe  affect  of  tail  fin*  on  C  . 

Db 

(c)  Bodies  of  non  circular  cross  section. 

Thasa  may  often  be  treated  as  equivalent  bodies  of  revolution.  When  thasa  ara  slender 
shapes  tha  method  is  as  in  A.l.(a)  and  (b) .  Certain  types  of  launcher,  strakas  and 
fairings  can  be  dealt  with  in  this  way. 

A  8 

For  bluff  bodies  Hoarnar  '  ’  gives  values  of  ACq  dua  to  nose  bluntnass,  which  can 
ba  used  in  conjunction  with  A.l.(a)  and  (b);  and  values  of  total  Cq  for  bodies  of 
constant  diameter.  Data  on  the  effect  of  rounded  corners  is  also  presantad.  Raft. A. 9. 
and  A. 10.  also  contain  data  on  the  effect  of  nosa  shape  on  C  . 

If 

Testa  at  A.R.A.  which  investigated  the  effect  of  slight  nose  "blunting"  (  -r-  reduced 
from  3.5  to  3.3)  on  tha  installed  drag  of  a  store,  showed  no  significant  changad  in  aithcr 
tha  installed  store  axial  force  or  tbe  ovarall  stora  drag  increment  at  subsonic  spaads. 

(d)  Excraacancea . 

A  8 

Hoarner  *  *  ia  uaed  aa  a  guide  when  allowing  for  tbe  effects  of  lugs,  brackets  etc.  It 
it  hoped  that  improved  estimates  for  soma  components  will  be  possible  following  the 
racant  R.A.E.  programme  of  raaearch  on  excrescence  drag*-!*. 

A . 2 .  Wins*.  I  ins,  pylons 


(a) 


Profile  Drag 

„  tip 

5  ■  in  [ 


dy 


J 

root 


where  n  •  number  of  wings  or  fins  (e.g.  4  for  cruciform  layout). 

Thara  ia  no  allowance  for  aspect  ratio  effects  in  thia  expression.  This  may  be  an 
important  omission  in  the  case  of  store  pylons  and,  strictly,  excludes  tha  highly 
swept,  low  aspect  ratio  surfaces  typical  of  missiles.  However,  at  zero  lift,  it  is 
in  common  usa  as  a  first  approximation  for  missila  wings  and  fins  and  can  certainly 
be  justified  for  tha  present  purpose,  since  these  contribute  only  a  small  proportion 


of  tha  total  store  drag. 


For  thia  cate  it  it  usual  to  simplify  the  expression  for  —  to: 

4 

5  -  nS„ 


”WET'  ’  f 
where  C.  ia  obtained  aa  in  A,l.(a)  and 


X  •  f  (type  of  aactionj  t/c;  x£) 
and  t/c  ara  based  on  the  mean  chord. 


The  R.Ae.S.  Data  Sheets  Wings  02.04  are  used  in  determining 
no  sweep  factor  is  applied,  but  for  pylons  X  is  modified  to 


For  stora  wings  and  fins 


(SWEPT) 
where  A 


1  +  (X  -  1)  cos2  A 

UN  SWEPT 


mid  chord  sweep  angle. 


9-15 


(b) 


2-C  Itu  dreg 


Store  pylon*  with  thick  trailing  edges  can  giv*  ri*a  to  a  conaiderablt  baaa  drag 
contribution.  For  "*lab  tided”  pyloni  with  no  boat-tailing,  auch  as  are  often 
used  on  small  seal*  wind  tunnel  models,  tha  results  obtained  by  Nash,  Quincay  and 

Cellinan*’*2,  who  measured  tha  bats  pressure  on  a  2-0  taction  of  this  type  at 


Mach  numbers  up  to  1.1,  are  applicable 
examples  of  the  effects  of  boat-tailing  on  C 


A.  13 

Nath  gives  a  prediction  method  and 


at  M  -  0;  which  may  be  used  in 


conjunction  with  the  results  of  kef .A. 12  for  pylons  with  more  conventional  sections. 

On  some  wind  tunnel  models,  pylons  having  half  round  trailing  edge  sections 
have  been  used.  These  cases  ere  treated  as  normal  thick  trailing  edges  for  dreg 
estimation.  It  is  apparent,  however,  from  the  results  it  kef.  A. 12  that  this  type 
of  trailing  edge  could  produce  considerably  higher  dreg  et  certain  conditions  of 
Reynolds  number  and  Mach  number. 


A .3.  Total  Freestream  Dreg 

No  allowance  is  mad*  for  mutual  interference  between  the  components  or  for  junction 

dreg.  The  total  drag  []  D/q  is  obtained  by  simply  summing  the  drags  of  the  various 

;  Com? 

components,  e.g.  for  4  missiles  with  cruciform  control  surfaces,  bluff  noses  end  bases  and 
launchers,  mounted  in  pairs  on  a  carrier  end  pylon  beneath  each  wing  of  *n  aircraft. 


where 


*t 


l(D/o 


7  q 


BODY 


)  ■  4 
'COMP 

'  BODY, LAUNCHER, CONTROLS 

♦  2 

c r 

cT" 

^CARRIER, PYLON 

1  c  s 

♦  f  £i 

)  ♦  t  £2  ">  ♦  r 

X1  Cf  SWET 

]  (  11  ]nose  ( 
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and  so  on  for  the  other  components. 
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LOADED  TRIPLE  CARRIER 


COMPARISON  OF  ACg  FOR  MULTIPLE  AND 
SINGLE  UNDERWING  INSTALLATIONS 


FIG.  7.  OIL  FLOW  ON  BOMBS  ON  TRIPLE  CARRIER 

AT  M  =  0  75. 
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CARRIER  WITH  2  BOMBS 


ADDING  1  BOMB  TO 
CARRIER  WITH  1  BOMB 
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ADDING  1  BOMB  TO  PYLON 


FIG.  6  EFFECT  OF  INTERFERENCE  BETWEEN  STORES 
IN  A  MULTIPLE  ASSEMBLY 


FIG  8  COMPARISON  OF  ISOLATED  DRAG  WITH  INSTALLED 
DRAG  INCREMENT  -  3  BOMBS  ON  TRIPLE  CARRIER 


FIG.  9  LOW  SPEED  DRAG  INCREMENTS  UNDERFUSELAGE 

STORE  INSTALLATIONS 
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FIG.  11.  INSTALLATION  FACTORS  FOR  MULTIPLE 
UNDER  FUSELAGE  STORES 
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CHORDWISE  PRESSURE  DISTRIBUTIONS 


PRESSURE  DISTRIBUTIONS  ON  STORE 


FIG.13.  CALCULATED  AND  EXPERIMENTAL  PRESSURE  DISTRIBUTIONS 
ON  A  WING- STORE  COMBINATION  (FROM  REF  8.) 
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FIG.  15.  COMPARISON  OF  ESTIMATED  AND  MEASURED 

DRAG  INCREMENTS  FOR  UNDERFUSELAGE  STORES 
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FIG.  18 


WIND  TUNNEL- FLIGHT  COMPARISON 
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(b)  4  STORES  ON  2  PYLONS  UNDERFUSELAGE 


FIG.  19  REDUCTION  OF  DRAG  DUE  TO  REMOVAL  OF 

CRUTCH  ARMS 
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FIG.  20.  REDUCTION  OF  DRAG  BY  AXIAL  STAGGER  OF 
SIDE  BY  SIDE  STORES 


ACd(2  STORES)* 
2Cn  (2  STORES 

UCOMP 

4  0 


*ACq  ( 2  STORES)  =  A  CQ  (CARRIER  ♦  STORES)- 2  C^  (CARRIER) 

rIG.  21.  REDUCTION  OF  DRAG  BY  INCREASED  LATERAL 
SPACING  BETWEEN  STORES 


FiG.  23  REDUCTION  OF  DRAG  OF  LOADED  TRIPLE 

CARRIER  'INSTALLATION'  BY  REMOVING  EXCRESCENCES 
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Provisional  Sumrary  for 

STABILITY  AMD  COSTBOL  IMPLICATIONS  OM  AIBC8AFT  FEBf01.MA.1CE  PREDICTION  AMD  OPTIMIZATION 

by 

J  E  JENKINS 

Air  Force  Flight  Dynamics  Laboratory,  Uright  Patterson  Air  Force  Base,  USA 

Traditionally  the  stability  and  control  considerations  in  preliminary  design  are  restricted  to  the  sizing 
of  control  and  stabilizing  surfaces  and  establishment  of  center-of-gr avi ty  limits.  However,  there  are 
advantages  to  performing  more  comprehensive  stability  and  control  analyses  in  preliminary  design  because 
early  consideration  would  permit  better  optimization  through  appropriate  trade-offs.  For  example,  trades 
between  inherent  airframe  characteristics  and  flight  control  system  complexity  (CCV)  offer  potential 
performance  benefits.  Early  consideration  of  stability  and  control  characteristics  can  also  help 
alleviate  potentially  serious  problems  such  as  pitch-up  and  roll  coupling.  Low  cost  digital  computer 
techniques  in  both  the  aerodynaadc  and  the  dynamic-response  areas  are  now  available  to  permit  the 
required  analyses  to  be  accomplished  in  a  timely  and  cost-effective  manner. 

The  interfaces  between  stability  and  control  and  other  technical  disciplines  are  briefly  reviewed  to 
identify  the  primary  ways  in  which  stability  and  control  can  influence  the  design.  Not  all  of  the  possible 
interactions  can  or  should  be  analyzed  in  preliminary  design;  rather,  the  preliminary  design  objective 
should  be  to  seek  an  early  definition  of  the  requirements  which  will  be  levied  on  the  flight  control 
system  (FCS )  so  that  trades  between  FCS  complexity  and  performance  can  be  properly  considered. 

Two  aspects  of  stability  and  control  interactions  with  performance  optimization  are  then  discussed. 

These  are  (l )  optimization  with  respect  to  the  primary  mission  profile  and  (2)  the  impact  of  "off-design" 
operation. 

Next,  data  requirements  from  the  stability  and  control  viewpoint  are  compared  to  the  capabilities  of 
available  tools  (Digital  Datcom  and  Flexstab).  Desirable  features  of  automated  prediction  methods  for 
design  applications  are  discussed  in  addition  to  the  method's  limitations  in  accuracy  and  applicability. 

Finally,  a  brief  review  of  some  CCV  research  program  results  is  given  to  illustrate  the  potential  perfor¬ 
mance  benefits  available  through  this  approach. 


Not  Available  for  Publication 
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Supplementary  Contribution  on 
AIRCRAFT  PERFORMANCE  COig  IPER ATIOMS  FOg  NOISE  REDUCTION 

by 

JOHN  WILLIAMS 
(Lecture  Seriei  Director) 


nmtODOCTION  AND  summary 

During  the  next  decade  at  least ,  tne  aircraft  designer  is  faced  vith  the  problem  of  achieving  much  lover 
noise  levels  outside  airport  boundaries  (10-20  FNdB  reduction),  while  at  the  same  time  predicting  and 
guaranteeing  the  noise  field  froai  future  aircraft  projects  to  a  much  greater  accuracy  than  hitherto  (say 
within  +1  dB).  This  applies  primarily  to  civil  transport  operations,  but  similar  reductions  are  also 
desirable  for  some  military  operations;  not  merely  for  transports,  but  also  for  low-level  search, 
reconnaissance  and  transport  aircraft.  Moreover,  such  noise  improvements  are  demanded  vith  minimum 
penalties  on  aerodynamic,  structural  and  propulsive  efficiency.  In  fact,  continuing  improvements  in 
airfield  performance  and  en-route  performance  are  likely  to  be  expected,  particularly  in  view  of  rising 
fuel  costs  and  environmental  constraints,  with  the  associated  penalties  on  operating  costs. 

Fortunately,  there  has  been  a  rapid  evolution  already  of  gas-turbine  engines  for  subsonic  transport 
operation: 

from  early  turbo-jets  (BPS  *  0), 

through  low  BPS  fan  units  (BPR  •  j  to  !), 

to  moaern  high  BPR  fan  engines  (BPR  «  3  to  8) 

This  has  yielded  not  only  improvements  in  engine  sfc  and  statii^'cruise  thrust-ratio  but  also  substantial 
reductions  in  noise.  It  can  be  argued  that  the  penalties  for  the  lower  noise  level  of  the  latest  genera¬ 
tion  of  turbo-fan  engines  are  relatively  small,  being  associated  with  only  a  modest  amount  of  absorptive 
treatment  of  the  engine  ducts. 

However,  the  designers  of  the  next  generation  of  even  quieter  transport  aircraft  with  minimum  economic 
penalties  need  to  exploit  not  only  further  improvements  offered  by  the  engine  designer.  The  aircraft 
performance  characteristics,  the  airframe  design  and  airframe-engine  aero-acoustic  interference  have  also 
to  be  integrated  and  biased  towards  noise  reduction.  As  I  shall  attempt  to  illustrate,  there  is  now  a 
necessity  to  analyse  various  aircraft  design  and  performance  features  and  to  synthesise  carefully  th* 
engine  and  airframe  combination  in  respect  of  noise;  as  well  as  to  satisfy  the  more  conventional  demands 
of  operating  performance,  handling,  and  safety. 

The  development  of  even  quieter  engines  will  be  essential  of  course  and  is  already  projected  through  the 
choice  of  appropriate  thermodynamic  cycles,  designing  components  so  as  to  minimise  noise  generation  at 
source,  and  more  elaborate  use  of  acoustic  treatment.  All  such  steps  will  be  conditioned  by  the  avoidance 
of  excessive  penalties  as  regards  installed  mass  performance,  maintenance  and  cost. 

The  aircraft  performance  characteristics  themselves,  while  satisfying  the  mission  requirements,  may  also 
be  exploited  for  noise  reduction,  for  example  in  the  following  vaysi- 

Minimisation  of  TCL  Thrust  -  less  noise  generated  at  source. 

Steeper  TOL  Plight  Paths  -  greater  separation  from  ground. 

Shorter  Field  Length  -  shorter  footprint  and  less  duration  of  noise. 

En-Rout*  Requirements  -  engin^/ airframe  requirements. 

Particular  aircraft  design  features  can  also  be  significant  either  indirectly  or  directly,  eg  by:- 

The  appropriate  optimisation  of  aerodynamic/structural  parameters  such  as  wing  aspect-ratio  and 
sweep,  and  the  high-lift  device  arrangements;  in  particular  to  reduce  thrust  required  and  to  allow 
steeper  gradients. 

The  minimisation  of  airframe  self-noise  particularly  with  the  high-lift  devices  and  undercarriage 
deployed;  s^r.r*  this  may  limit  the  aircraft  noise  floor  attainable  as  the  engine  noise  is  further 
reduce^. 

Airframe  shielding  of  engine  noise  sources,  taking  account  of  edge-diffraction  effects. 

Ail  frame  flow-field  influence  on  the  propagation  of  engine  noise  through  refraction  or  other  effects. 

The_aero^ccustic_interference_between_en2ine^flow_and_nei_2j^o^in2_airframeswfaces  must  also  be  taken 
into  account,  eg:- 

Airframe  surface  interaction  with  engine  flow  development,  thus  modifying  the  engine  noise  sources. 
Engine  flow  interaction  with  airframe  surface,  causing  excess  airframe  noise. 

This  supplementary  contribution  to  the  Lecture  Series  will  discuss  such  relevant  aspects  of  aircraft 
performance  and  aero-acoustics,  in  relation  to  external  noise  prediction  and  reduction. 
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Supplementary  Contribution  on 

APPLICATION  OF  GSOUND  FACILITIES  FOB  FLIGHT  AESODYNAMIC  PE8F08MANCE  PREDICTION 

by 

Ph  POISSON-OUINTON 

Adjoint  au  Directeur  Scientifique  Central,  (ONEEA,  France) 


SUHHASY 

Within  the  scope  of  this  seminar  which  ends  the  Lecture  Series,  an  attempt  is  made  firstly  to  extract 
some  general  conclusions  in  the  light  of  the  preceding  lectures  during  which  the  problems  of  using  ground 
facilities  for  the  prediction  of  aircraft  performance  have  been  discussed. 

The  three  regimes  of  a  flight  mission  will  therefore  be  examinedi- 

(a)  Take-off/Climb  and  Approaciy/Landing, 

(b)  Cruise  (subsonic  and  supersonic), 

(c)  Limits  of  the  Manoeuvre  flight  envelopes 

with  a  view  to  finding  out  to  what  measure  present  facilities  are  adequate  for  providing  useful  aerodynamic 
data  for  the  prediction  of  actual,  flight  conditions.  In  fact,  in  every  case,  the  aircraft  designer  must 
make  corrections  to  the  results  of  his  wind-tunnel  tests  based  both  on  calculations  and  on  his  previous 
experience  of  flight/tunnel  comparisons.  For  his  part,  the  test  engineer  must  effect  corrections  based  on 
the  particular  conditions  of  each  wind-tunnel  test;  wall  and  suppor t -system  corrections,  exact  localisa¬ 
tion  of  transition  on  the  model  to  permit  the  correction  of  the  friction  term,  correction  for  the  limited 
simulation  of  propulsion,  etc. 

Finally,  reference  will  be  made  to  the  principal  recommendations  put  forward  by  the  AGASD/LaVs  Working 
Group,  charged  recently  with  the  task  of  making  a  study  of  prospective  new  test  facilities  (for  develop¬ 
ment  in  Europe)  capable  of  an  optimal  approach  to  the  conditions  of  actual  flight,  particularly  in  the 
transonic  and  low-speed  flow  domains.  In  conclusion,  it  seems  that  a  considerable  effort  must  be  made, 
not  only  to  develop  test  facilities  of  better  performance,  but  also  to  improve  mtthods  of  measurement  and 
analysis  in  the  laboratory,  in  close  conjunction  with  theoretical  treatments. 


